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PREFACE 


/ 


The  Flight  Mechanics  Panel  Specialists'  Meeting  on  “Method  for  Aircraft  State  and  Parameter  Identification” 
was  held  so  that  flight  test  engineers  and  pilots,  handling  qualities  and  simulation  experts,  and  aircraft  and  flight 
control  system  designers  could  share  their  undemanding,  knowledge  and  experience  in  the  area  of  aircraft  systems 
identification. 

Although  the  essential  aircraft  characteristics  can  be  partially  predicted  with  rather  satisfactory  accuracy  by 
means  of  theoretical  calculations  and  wind-tunnel  measurements,  the  demand  for  more  precise,  experimentally 
determined  aircraft  flight  mechanics  parameters  has  increased.  These  characteristics  can  lead  to  a mathematical 
aircraft  model  with  which  investigations  may  be  made  of  specific  flight  conditions  of  interest.  This  approach  can 
significantly  reduce  the  amount  of  flight  testing  required  and  consequently  can  decrease  testing  time  and  costs  as 
well  as  increase  test  safety. 

The  requirements  for  exact  and  reliable  stability  and  control  coefficients  are  based  on  the  following  applications: 

(i)  Proving  the  flying  qualities  as  specilied  by  the  aircraft  users  and  improving  the  flight  vehicles  themselves. 

(ii)  Optimizing  the  design  of  automztic  control  and  stability  augmentation  systems.  The  stability  and  control 
characteristics  of  the  vehicle  in  which  these  systems  are  to  be  applied  must  be  known  accurately  before 
the  desired  optimization  can  be  mechanized. 

f (iii)  Producing  the  baseline  data  needed  for  flight  simulations.  This  applies  to  either  basic  computer  simulations, 
to  fixed  and  moving  base  ground  simulators  or  to  in-flight  simulations.  Testing  organizations,  industry  and 
the  users  of  flight  vehicles  are  intensely  interested  in  this  application. 

(iv)  Providing  data  for  comparisons  with  results  from  purely  analytical  aircraft  modeling  techniques  and  wind- 
tunnel  measurements. 

(v)  Improving  testing  and  data  evaluation  methods  in  general.  The  necessity  for  this  application  is  based  on 
current  economic  considerations  and  the  fact  that  results  from  prototype  testing  contribute  more  and  more 
to  production  decisions. 

The  Specialists'  Meeting  indicated  that  in  recent  years  several  new  identification  procedures  have  evolved  for 
obtaining  aircraft  parameters  from  in-flight  measurements.  These  approaches  have  been  successfully  applied  to 
conventional  (winged)  aircraft  and  are  practical  techniques.  The  Specialists’  Meeting  further  confirmed  that  assump- 
tions which  are  widely  used  to  simplify  the  mathematical  model  of  the  basic  aircraft  are  acceptable.  In  this  regard, 
it  is  well-known  that  conventional  aircraft,  even  at  extreme  conditions  in  their  (light  envelopes,  usually  possess 
distinctive  characteristic  modes  of  motions  with  different  frequencies  (short-period,  phugoid,  Dutch  roll  and  spiral 
modes)  and  that  these  modes  normally  can  be  identified  and  separated  fairly  easily. 

The  parameter  identification  problem  becomes  a much  more  complicated  task  when  applied  to  large  and  slender- 
body  aircraft  for  which  the  elastic  deformations  at  high  dynamic  pressures  can  no  longer  be  neglected.  For  helicopters, 
simplifying  assumptions  are,  in  general,  considerably  more  difficult  to  make  due  to  the  strong  coupling  of  the  rigid 
body  degrees-of-freedom  and  because  of  the  different  flexible  motions  introduced  by  the  rotor  blades.  An  additional 
problem  in  parameter  identification  for  helicopters  lies  in  the  shortness  of  the  test  period  which  can  be  recorded  due 
to  the  inherent  instability  of  these  vehicles.  This  is  one  of  the  reasons  why,  up  until  this  time,  relatively  little  work 
has  been  accomplished  in  identification  of  rotorcraft  characteristics. 

The  papers  presented  at  the  Specialists'  Meeting  offer  an  excellent  overview  of  the  present  state-of-the  art  of 
systems  identification  in  relation  to  flight  testing.  It  was  found  that  interest  is  concentrated  primarily  in  a few 
procedures;  namely,  in  the  relatively  easy  analysis  methods  such  as  the  time  vector,  regression  analysis  and  frequency 
response  techniques  or  in  the  more  advanced  maximum-likelihood  method  with  its  developments.  It  can  be  concluded 
that  with  the  application  of  the  more  advanced  methods,  the  ever  progressive  mathematical  development  is  leading  to 
a continuously  increasing  requirement  for  computation  time.  On  the  other  hand,  a certain  inertia  exists  among  users 
whose  experience  exists  in  applying  any  one  of  these  procedures  and  who  wish  to  continue  working  with  that  specific 
technique  for  the  time  being.  It  was  frequently  noted  during  the  discussions  at  the  Specialists’  Meeting  that  a person 
with  a good  phys’cal  understanding  of  the  problem  could  often  obtain,  with  a simplified  procedure,  results  as  good 
as  those  obtained  by  a person  with  a more  complicated  approach  but  little  insight  into  the  physical  problem.  Further, 
it  was  noted  that  the  quality  of  the  results  could  be  increased  not  only  by  improving  the  flight  test  analysis  method 
but  also  through  the  application  of  optimum  input  signals  and  improved  flight  test  instrumentation. 

At  the  final  round  table  discussion  of  the  Specialists’  Meeting  it  was  concluded  th-t  at  the  present  time  linear 
stability  and  control  derivatives  can  be  determined  from  flight  test  data  in  a routine  manner  using  either  simple  or 
sophisticated  methods.  Nevertheless,  the  application  of  parameter  identification  techniques  to  each  flight  test 
program  must  be  considered  individually  depending  on  the  goals  or  objectives  of  that  testing.  Further,  problems 
car.  develop  rapidly  when  the  linearity  assumptions  for  the  aerodynamic  model  are  no  longer  valid,  such  as  in 
situations  with  flow  separation  at  high  angles  of  attack  or  unsteady  aerodynamics  due  to  quick  responsive  control 


surfaces.  Finally,  there  was  a strong  plea  to  increase  the  confidence  level  of  the  aircraft  parameters  derived  from 
flight  tests  by  demonstrating  their  repeatability  through  the  use  of  different  maneuvers,  control  system  inputs  and 
turbulence  inputs. 


P.HAMEL 

Member 

Flight  Mechanics  Panel 


William  AIKEN,  Jr 
Member 

Flight  Mechanics  Panel 
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SIMUtY 

Thia  paper  la  concarnad  vith  systeas  with  a high  laval  of  internally-generated  f luctuationa.  Tha 
probla*  of  modelling  cha  atructura  of  auch  systcets  la  oiacuaaad  and  low  problaaa  in  paraateter  identifica- 
tion ara  reviewed. 

Tha  systems  conaidered  typically  have  two  typea  of  behaviour,  determined  by  the  magnitude  of  o 
controlling  paraaeter  which  influancea  atabilicy.  For  a finite  range  of  parameter  valuea  the  system  ia 
atabla  and  lta  atructura  stay  be  deacribed  by  a deterainiatic  act  of  differential  equations.  If  not  aub- 
jected  to  external  diaturbancea  the  ayatea  will  achieve  a atate  of  equilibrium.  At  acme  'critical'  value 
of  tha  paraaatar,  however,  tha  ayatea  becoaea  unstable  and  beyond  thia  boundary  the  ayatea  no  longer 
achievee  a atate  of  equilibrium  but  aay  xxiat  (aa  a reault  of  nonlincaritiea)  in  a ateady  atata  typified 
by  continuoua  f luctuationa.  Thia  atata  aay  either  be  deacribed  aa  a regular  limit-cycle  type  of  oacil- 
lation  or  aay  be  essentially  random  in  nature. 

Practical  examples  include  aircraft  buffeting  and  wing-rocking,  forma  of  fluctuating  notion  which 
occur  raapectively  in  structural  and  rigid-body  modes.  In  these  examples  aircraft  incidence  may  be 
regarded  aa  tha  controlling  parameter  and  the  fluctuating  motion  le  associated  with  the  existence  of 
extensive  areas  of  aeparated  flow  at  high  incidence. 

Another  example  of  aeronautical  interest,  whose  structure  falls  into  the  type  conaidered,  ia  the 
standard  human-pilot  model  in  which  the  internal  fluctuations  are  represented  by  a 'remnant'.  An  example 
ia  discussed  which  illustrates  problems  that  can  arise  in  the  identification  of  thia  type  of  system  when 
operating  aa  part  of  a closed  loop. 

I.  PRELIM  INART 

Aircraft  buffeting  and  wing-rocking  under  high-g  manoeuvre  conditions  are  instances  of  ayatea 
behaviour  characterized  by  a high  level  of  internally-generated  fluctuations,  associated  with  the  charac- 
teristic unsteadiness  of  aeparated  flow1, 2.  Aa  aircraft  speed  is  increased  iron  subsonic  into  the  tran- 
sonic range,  the  angle  of  attack  at  which  these  undesirable  features  occur  tends  to  decrease;  indeed,  at 
transonic  speeds  steady  conditions  may  not  exist  even  in  the  case  of  flight  at  I g (straight  and  level  in 
the  mean).  Since  auch  forma  of  fluctuating  motion  clearly  have  an  adverse  effect  on  the  manoeuvre  cap- 
ability of  high  perfo-mance  aircraft,  it  is  of  great  practical  interest  to  be  able  to  understand  and  pre- 
dict these  characteristics;  thus  methods  for  aircraft  state  and  parameter  identification  need  to  be 

developed  to  cover  such  situations.  In  contrast  to  flight  at  lower  angles  of  attack  and  relatively  low 
speeds,  where  the  forms  of  the  relevant  mathematical  models  are  relatively  veil  understood  and  research 
interest  lies  largely  in  tie  development  of  improved  methods  for  the  identification  of  the  parameters  in 

prescribed  equations,  conditions  of  high  angle-of-attack  and/or  transonic  sneeds  require  further  work  on 

the  formulation  and  validation  of  theoretical  model  structures,  as  a preliminary  to  parameter  identifica- 
tion. It  is  to  this  problem  of  formulating  appropriate  model  structures  that  the  present  paper  is  largely 
orientated. 

Current  interest  in  aircraft  buffeting  is  largely  concerned  with  manoeuvres  of  combac  aircraft  at 
high  subsonic  speeds,  where  the  existence  of  shock-induced  separations  plays  a primary  role,  A related 
problem,  mainly  associated  with  work  on  high  performance  compressor  and  helicopter  blades,  is  the  oscil- 
latory motion  of  a stalled  airfoil  in  such  a manner  that  the  nature  of  the  flow  separation  differs  at 
different  instants  in  the  cycle,  possibly  switching  from  attached  to  separated  flow  or  from  a leading-edge 
to  a trailing-edge  stall.  This  phenomenon,  known  as  stall-flutter,  is  usually  associated  with  a marked 
torsional  (pitching)  airfoil  motion.  The  affinity  between  buffeting  lnd  stall-flutter  has  been  discussed 
by  Fung^  who  pointed  out  that  there  may  be  situations  where  it  is  difficult  to  make  the  distinction. 

We  shall  be  concerned  with  overall  'systems’  which  comprise  a dynamically-responding  wing  in  asso- 
ciation with  a flow  field  whirh  may  be  separated.  In  particular,  we  shall  consider  situations  where  such 
a system  becomes  unstable,  where  the  loss  of  stability  may  involve  the  imitual  interaction  between  wing  and 
flow  field  or  may  be  purely  hydrodynamic,  manifesting  itself  in  the  latter  case  by  Che  growth  to  macro- 
scopic magnitudes  of  disturbances  in  the  (usually  separated)  flow  field.  The  systems  considered  are  often 
found  to  have  two  types  of  behaviour,  determined  by  che  value  of  a controlling  parameter,  such  as  angle- 
of-attack  or  3irspetJ,  which  influences  stability.  For  a finite  range  of  parameter  values  the  system,  if 
not  subjected  to  external  disturbances,  remains  in  a state  of  equilibrium  typified  by  constant  values  of 
its  state  variables.  At  some  critical  value  of  che  controlling  parameter  (a  'bifurcation^  value’),  how- 
ever, the  system  becomes  unstable  and  beyond  this  value  it  no  longer  achieves  a state  of  equilibrium  but 
may  exist,  as  a result  of  nonlinearities,  in  a steady  sea  e of  continuous  fluctuation.  Such  a fluctuating 
state  may  in  some  cases  be  modelled  mathematically  as  a regular  limit-cycle  oscillation,  or  it  nay  be 
essentially  random  in  nature. 

A basic  feature  of  such  fluctuating  systems  is  the  interaction  between  the  fluid  motion,  involving 
separated  flow,  and  the  motion  of  the  wing  surface.  We  distinguish  between  two  cases,  differing  in  the 
nature  of  chis  interaction.  The  first  we  refer  to  as  a FORCED  VIBRATION.  This  consists  of  an  irregular 
random  motion  in  which  'turbulent*  pressure  fluctuations  which  are  independent  of  wing  motion  produce  an 
aerodynamic  driving  force,  che  consequent  motion  of  the  wing  producing  an  additional,  additive,  motion- 
dependent  pressure  field.  The  appropriate  analytical  model  in  this  case  is  ’non-autonomous’ , involving  a 
random  forcing  term  explicitly  expressible  as  a function  of  time.  The  theoretic?’  model  describing  the 
wing  motion,  for  a prescribed  random  force  of  excitation,  may  often  take  the  form  of  linear  equations. 


Hovmr,  nonlinearity  plays  an  essential  rola  in  an  overall  view  cf  th«  situation  as  it  dominate*  the 
process  of  energy  transfer,  within  tha  airflow,  by  which  anargy  is  axtractad  froa  tha  naan  flow  and 
channel  lad  into  tha  fluctuations  of  tha  aerodynamic  driving  force. 

Tha  second  case  ve  refer  to  as  NONLINEAR  FLUTTER.  Hare,  *ore-or-le«*  regular  oscillations  of  a 
stalled  wing  occur,  in  which  the  time-varying  pressure  field  is  essentially  deterained  by  tha  past  history 
of  wing  aotion.  Tha  appropriate  analytical  nodal  is  'autonomous ' and  involves  no  significant  terms 
explicitly  expressed  as  functions  of  time.  This  type  of  motion  is  also  known  as  a limit-cycle,  and  a non- 
linear analytical  model  is  essential.  It  includes  stall-flutter  as  a particular  case.  In  contrast  to 
'forced  vibration',  the  nonlinear  mechanism  of  energy  transfer  from  the  mean  airflow  now  involves  the 
motion  of  tha  wing  in  addition  to  the  unsteady  motion  of  the  air.  The  essential  distinction  between  the 
two  phenomena  is  that  in  the  former  case  we  may  say  that  the  wing  motion  is  'forced'  by  the  fluctuating 
flow  field,  whereas  in  the  latter  case  the  joint  motion  of  wing  and  flow  field  arises  as  s mutual 
interaction. 

In  some  situations  the  amplitude  of  wing  motion  is  a relevant  parameter,  motion  of  small  amplitude 
leaving  the  turbulent  fluctuations  in  the  separated  flow  similar  to  those  that  would  occur  in  the  flow 
past  a rigid  wing  but  leading  to  an  additive,  motion-dependent,  pressure  field.  Aa  the  amplitude  of  wing 
motion  ia  increased,  however,  the  possibility  arises  of  the  'entrainment'  of  the  larger-ocale  irregular 
flow  fluctuations  into  a deterministic  relationship  with  the  wing  motion.  This  type  of  resonance  is  of 
course  most  likely  if  the  frequency  of  wing  motion  (Strouhal  number)  is  close  to  some  natural  frequency 
of  vorticity  shedding  in  the  separated  flow. 

Whilst  it  is  customary  to  regard  wing  structural  buffeting  as  an  aerodynamically  forced  vibration, 
in  which  the  forcing  term  can  in  principle  be  obtained  from  measurements  on  a rigid  wing,  more  basic 
research  is  required  to  determine  the  limits  of  applicability  of  this  approach.  Even  in  cases  where  the 
buffeting  wing  is  appropriately  regarded  as  aerodynamically  forced,  the  relationship  between  the  forces  on 
the  structurally-responding  wing  and  on  a geometrically  similar  but  rigid  wing  is  not  necessarily  straight- 
forward. In  particular,  there  is  the  possibility  that  the  motion  of  the  wing  may  interfere  with  the  non- 
linear process  by  which  energy  is  transferred  from  the  mean  flow  to  tha  fluctuating  fluid  motion  and  thus 
modify  the  statistical  characteristics  of  the  aerodynamic  exciting  force.  The  clarification  of  these 
topics  is  of  considerable  practical  importance  in  that  they  determine  the  circumstances  in  which  rigid 
wind-runnel  models  may  be  used  as  the  basis  for  estimation  of  intensity  of  buffeting  of  full-scale  aircraft. 

An  analogous  problem  concerning  the  choice  of  appropriate  theoretical  model  occurs  in  connection  with 
wing-rocking.  Should  a state  of  steady  wing-rocking  be  regarded  as  aerodynamically  forced  or  iu  terms  of 
limit-cycle  oscillations  of  a closed-loop  system  whose  motion  remains  bounded  through  the  action  of 
amplitude-dependent  nonlinear  forces?  In  the  latter  case  a unified  treatment  of  wing-rocking  and  the 
divergent  motions  known  as  'wing-dropping'  and  'nose-slice*  may  be  possible,  the  distinction  arising 
primarily  in  the  nature  of  the  (nonlinear)  forces  at  lar^e  amplitude,  stabilising  in  the  case  of  wing- 
rocking but  not  in  the  other  cases.  An  important  area  of  current  work  is  the  determination  of  appropriate 
characteristics  that  may  be  identified  using  wind-tunnel  models  to  indicate  the  onset  of  wing-rocking  of 
the  full-scale  aircraft.  Two  types  of  criterion  are  possible,  one  based  on  the  appearance  of  a significant 
random  FLUCTUATING  component  in  the  aerodynamic  forces  (or  moments)  and  the  other,  based  on  the  MEAN  com- 
ponent of  the  aerodynamic  forces,  indicating  either  a loss  of  dynamic  stability  for  small  perturbations 
about  some  high-lift  equilibrium  condition,  or  a loss  of  equilibrium  due  to  asymnetry.  For  example,  one 
might  expect  the  appearance  of  fluctuating  forces  or  moments  on  a rigidly-mounted  wind-tunnel  model  to 
correlate  in  general  with  a dynamic  situation  appropriately  modelled  as  an  aerodynamically  forced  vibra- 
tion. Conversely,  we  might  expect  the  measurement  of  mean  aerodynamic  forces  that  indicate  a Iosj  of 
dynamic  stability  or  equilibrium  to  correlate  with  a dynamic  divergence  or,  under  the  action  of  appropriate 
amplitude-dependent  forces,  with  fluctuating  motion  of  the  limit-cycle,  or  non-linear  flutter,  type.  How- 
ever, exceptions  to  this  association  of  onset  criteria  with  types  of  dynamic  motion  can  occur.  Fcr 
instance,  the  appearance  of  random  fluctuating  forces  on  a rigidly-mounted  model  may  correlate  with  a 
dynamic  situation  in  which  the  fluctuations  in  the  flow  field  become  deterministically  related  to  wing 
motion,  leading  to  nonlinear  flutter.  Moreover,  it  is  quite  possible  for  the  two  types  of  criterion  to  be 
satisfied  simultaneously,  fluctuating  aerodynamic  forces  occurring  in  conjunction  with  destabilising 
changes  in  the  mean  force  or  moment  curves. 

Another  example  of  aeronautical  interest,  where  the  theoretical  model  of  a system  is  required  to 
represent  spontaneous  fluctuations  in  addition  to  the  response  to  external  inputs,  is  the  standard  human- 
pilot  model^  in  which  the  internal  fluctuations  are  represented  by  a 'remnant'.  This  remnant,  or  internal 
noise  source,  can  be  due  to  such  things  as  sampling  effects  and  random  errors  of  judgement  or  may  be  partly 
an  intentional  signal  injected  by  the  pilot  as  a means  of  monitoring  the  response  of  the  controlled  system. 
An  example  will  be  discussed  which  illustrates  the  problems  that  can  arise  in  the  identification  of  this 
type  of  system  when  it  is  coupled  into  a 'closed-loop*  (as  the  human  pilot  is  coupled  to  the  system  he 
controls) . 

2.  MATHEMATICAL  MODELS 
2.1  GENERAL  OUTLINE 

A conmon  element  of  the  buffering  and  wing-rocking  phenomena  discussed  in  the  previous  section  It  the 
interaction  between  the  unsteady  fluid  motion,  involving  separated  flow,  and  the  motion  of  the  wing.  In 
this  section  we  clarify  the  ways  in  which  a mathematical  formulation  of  these  and  related  phenomena  may  bt 
made. 

We  begin  by  considering  the  influence  of  time-varying  boundary  conditions,  applied  at  the  surface  of 
a wing,  upon  a rotational  flow  field.  Two  cases  can  be  distinguished: 
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(a)  Randoa  flow  fiald 

Substantially  different  flow  tine  hiatorias  follow  froa  nominally  identical  realieatione  of  the 
boundary  conditions.  Thus,  corresponding  to  given  boundary  conditions,  there  exists  a whole  family  of 
compatible  flow  fields.  Quantitative  analysis  ia  concerned  with  statistical  properties,  such  as  means  and 
corralationa,  of  such  a family. 

(b)  Deterministic  flow  fiald 

Tha  flow  fiald  at  any  instant  depends  uniquely  upon  the  past  history  of  boundary  conditionr.  A 
separated  flow  field  of  this  type  depends  upon  the  orderly  shedding  of  vorticity  from  tha  boundary. 

In  tha  abovs  distinction  between  random  a.id  deterministic  flow  fields  the  trae-varying  boundary 
conditions  may  either  t*  externally  itpoeed,  by  forcing  the  wing  to  follow  tome  prescribed  tine  history, 
or  may  arias  through  tha  structural  response  of  tha  wing  to  aerodynamic  forces.  In  the  latter  case  the 
wing  motion  becomes  one  of  tha  unknowns  in  tha  dynamic  equations  and  we  have  t 'closed-locp'  interaction. 

Tha  interaction  between  fluid  motion  and  wing  motion  may  ba  described  in  'system*  analysis'  terms 
(Fig.)).  Tha  simplest  'closed-loop’  system  representation  arises  when  the  flow  field  ia  deterministic, 
depending  uniquely  on  the  peat  history  of  wing  motion.  As  illustrated  in  Fig. la  there  arc  in  this  case 
two  independent  deterministic  relationships  between  the  wing  motion  and  tha  aerodynamic  force  (e  general- 
ised fores,  appropriate  to  tha  mode  of  response  in  question,  taking  tha  form  of  a weighted  integral  of 
pressures  over  tha  structure).  One  relationship  is  obtained  from  the  equations  of  motion  of  the  structure; 
end  since  the  flow  field  is  uniquely  dependent  upon  the  past  history  of  wing  motion  ve  can,  in  principle, 
deduce  a second  relationship  between  wing  motion  and  aerodynamic  force  from  the  equations  of  motion  for 
the  fluid.  The  joint  time  variation  of  wing  motion  and  aerodynamic  force  may  then  be  deduced  at  that  com- 
patible with  these  two  independent  relationships.  The  closed-loop  system  may  be  referred  to  as  'autono- 
mous* or  'self-excited'  and  the  motion  takes  the  form  of  a limit  cycle.  Vhilst  the  structural  response 
can  often  be  adequately  defined  uaing  linear  equations,  the  fact  that  two  INDEPENDENT  functional  relation- 
ships axiat  between  aerodynamic  force  and  wing  motion  requires  that  the  aerodynamic  feedback  loop  be  non- 
linear (we  exclude  the  trivial  case  where  the  closed  loop  fluctuations  take  the  form  of  sinusoidal  oscil- 
lations of  a linear  system  in  neutral  equilibrium).  Ve  will  refer  to  all  such  types  of  motion  as 
NONLINEAR  FLUTTER. 

A particular  type  of  autonomous  oscillation,  the  case  of  single-degree-of-freedom  flutter,  has  been 
discussed  in  some  detail  by  Lambourne6.  Many  examples  of  this  phenomenon  can  be  described  approximately 
by  a aacond-order  differential  equation  in  which  a nonlinear  damping,  or  in-quadrature,  term  is  negative 
for  small  amplitudes  but  positive  for  large  amplitudes.  P,ie  simple  example  of  such  motion  concerns  the 
behaviour  of  smoke  stacks  and  has  been  described  by  Scrucon?,  The  representation  of  such  behav'eur  using 
differential  equations  with  amplitude-dependent  rate  terms  is,  however,  in  general  an  oversimplification 
based  on  the  assumption  that  a single  sinusoidal  harmonic  dominates  the  motion.  More  generally,  the  past 
history  of  motion  needs  to  be  taker  explicitly  into  account  because  of  its  effect  on  the  aerodynamic  force 
through  the  current  distribution  of  vorticity  in  the  fluid.  In  this  situation  the  system  cannot  be  des- 
cribed by  differencial  equations,  integral  terms  with  respect  to  time  being  required.  Such  representa- 
tions, involving  forces  dependent  upon  the  past  history  of  motion,  may  be  given  a unified  treatment  using 
tha  theory  of  'functionals' . This  poiat  of  view  is  adopted,  in  particular,  in  Refs. 8 and  9.  Its  practical 
value  lies  largely  in  the  clarif ication  of  the  significance  of  various  approximations.  For  example,  the 
usual  treatment  of  aircraft  stability  in  terms  of  'aerodynamic  derivatives'  may  be  derived  from  a formula- 
tion in  terms  of  functionals  by  means  of  a Taylor  series  expansion  of  the  functions  involved.  Alternativ- 
ely, we  record  that  some  success  has  been  obtained ,0» 1 1 by  making  use  of  an  approximation  in  which 
integral  terms,  representing  time-lag  effects,  are  concentrated  into  one  single  time  lag. 

A second  representation  of  the  interaction  between  fluid  motion  and  wing  motion  arises  in  the  case 
where  the  flow  field  is  random,  differing  flow  time-histories  following  from  identical  realisations  of 
wir.g  motion.  The  appropriate  system  formulation  then  takes  the  fora  illustrated  in  Fig. lb  where  two  com- 
ponents of  aerodynamic  force  are  shown  separated,  one  determined  by,  and  one  independent  of,  wing  motion. 
Two  particular  cases  of  this  formulation  may  be  distinguished.  In  the  first  esse  the  combination  (indi- 
cated in  Fig. lb  by  a dashed  line)  of  structurel  response  and  motion-dependent  aerodynamic  force  forms  a 
stable  system  which,  left  to  itself,  would  settle  down  to  a state  of  equilibrium.  In  conjunction  with  the 

motion-independent  component  of  aerodynamic  force  this  is  the  FORCED  VIBRATION  model  for  the  interaction. 

The  motion-dependent  aerodynamic  force  may  be  linear  or  nonlinear.  In  the  second  case  the  feedback  loop 
itself  produces  self-excited  oscillations  (for  which  nonlinearity  of  the  motion-dependent  aerodynamic 
force  is  an  essential  condition)  and  we  have  the  situation  of  an  essentially  autonomous  system  disturbed 
by  random  noise.  Whilst  this  latter  theoretical  model  is  at  present  little  used  in  practice  it  is 

required  conceptually  if  we  wish  to  consider  a continuous  transition  between  aerodynamics lly  forced 

vibration  and  nonlinear  flutter. 

In  practical  applications  of  the  forced-vibration  model  (Fig. lb)  the  motion-dependent  force  is 
generally  taken  to  be  linear.  In  addition,  several  further  assumptions  are  often  made  which  require 
critical  examination.  For  example,  it  is  usually  assumed  that  the  aerodynamic  excitation,  or  motion- 
independent  aerodynamic  force,  is  relatively  wide-band  with  a power  spectral  density  that  is  approximately 
constant  over  the  effective  bandwidth  of  response.  As  reviewed  in  Refs. I and  2,  this  assumption  enables 
the  total  damping  of  the  closed-loop  system  to  be  simply  deduced  from  the  power  spectrum  (or  autocorrela- 
tion function)  of  wing  motion  (Fig. lb).  A method  commonly  proposed  to  obtain  the  power  spectrum  of  aero- 
dynamic excitation  is  to  make  measurements  on  a rigid  (non-moving)  wing  with  identical  geometry.  However, 
the  assumption  that  the  aerodynamic  excitation  of  the  structurally  responding  system  is  the  sane  as  the 
aerodynamic  force  on  a rigid  (and  rigidly-mounted)  wing  is  itself  a further  hypothesis.  For,  whilst  the 
aerodynamic  excitation  of  the  system  illustrated  in  Fig. lb  is  'motion-independent'  in  the  sense  that  it 
may  be  regarded  as  an  'external  noise  generator',  the  STATISTICAL  PROPERTIES  (such  as  power  spectral 
density)  of  this  force  may  in  principle  depend  on  the  mean  amplitude  of  structural  motion.  This  r.ossibil- 
icy  appears  to  have  been  first  discussed  in  Ref. 12.  Since  we  cannot  necessarily  simply  relate  the  aero- 
dynamic forces  on  the  responding  wing  illustrated  in  Fig.  lb  to  forces  measured  on  a rigid  wing  (or  for 


that  matter  relate  the  forces  on  two  structurally-responding  wings  with  differing  structural  properties) 
the  question  arises  as  to  how  the  separation  into  ’motion-dependent * and  'motion-independent'  components 
of  aerodynamic  force  say  be  made  conceptually.  The  only  measurable  quantities  on  the  responding  wing  arc 
the  fluctuating  pressures  on  the  structure,  which  may  in  principle  be  integrated  to  give  the  total  aero- 
dynamic force,  and  the  structural  motion.  However,  nothing  about  the  decomposition  of  aerodynamic  forces 
car  be  learnt  from  the  relationship  (e.g,  cross-correlation)  between  total  aerodynamic  force  and  wing 
motion,  as  this  relationship  is  completely  determined  by  the  transfer  function  representing  the  response 
of  the  structure  (Fig. lb).  A similar  comment  applies  to  the  cross-correlation  of  wing  motion  and  individ- 
ual fluctuating  pressures  at  points  on  the  wing:  such  a cross-correlation  function  in  general  depends  on  a 
combination  of  the  'transfer  function'  representing  the  motion-dependent  aerodynamic  pressure  field  and 
the  transfer  function  representing  the  structure  (see  Ref, 2),  Consequently,  in  principle,  the  only  way 
to  separate  the  motion-dependent  and  motion-independent  components  of  aerodynamic  force  on  a structurally- 
responding  %*ing  is  to  introduce  an  external  'test-signal'  (such  as  an  additional  force.  Fig, 2),  Such  a 
signal  ou3t  be  large  enough  to  produce  measurable  components  both  in  total  aerodynamic  force  and  in  wing 
motion,  and  yet,  in  order  not  to  change  the  quantities  being  measured,  not  so  large  as  to  significantly 
alter  the  mean  amplitude  of  wing  motion.  As  described  in  section  6 (see  equation  (17))  the  aerodynamic 
transfer  function  relating  the  motion-dependent  aerodynamic  force  to  the  motion  of  the  wing  may  then  in 
principle  b*  identified  as  a ratio  of  cross-spectra.  (Note:  if  the  system  is  in  fact  linear,  this  method 
will  quantitatively  identify  it.  If  it  is  nonlinear,  the  method  will  identify^  the  best  linear  fit,  in  a 
mean-square  error  sense,  or  'linear  describing  function'.)  It  should  be  emphasised  that  the  use  of  a test 
signal  has  been  introduced  here  as  a conceptual  device,  to  show  that  meaningful  definitions  of  the  two 
components  of  aerodynamic  force  are  possible.  It  is  not  suggested  as  a practical  experiment,  because  of 
both  the  difficulty  of  introducing  and  measuring  such  additional  forces  in  wind-tunnel  tests  and  the 
uncertainties  introduced  in  the  integration  of  fluctuating  pressures  to  obtain  generalised  aerodynamic 
forces . 

If  we  do  make  the  assumption  that  the  aerodynamic  excitation  may  be  obtained  from  measurements  on  a 
rigid  wing  and  are  also  able  to  obtain  numerical  estimates  for  the  motion-dependent  aerodynamic  force 
(of  which,  in  the  case  of  wing  flexible  response,  the  most  significant  component  is  usually  aerodynamic 
damping)  the  forced-vibration  model  provides  the  basis  of  a method  for  predicting  the  amplitude  of  the 
closed-loop  response  on  the  basis  of  rigid-wing  measurements  (see  Refs. I and  2).  It  ia  therefore  also  of 
practical  importance  to  know  whether  the  existence  of  separated  flow  significantly  affects  motion- 
dependent  forces  such  as  aerodynamic  damping.  There  is  now  substantial  evidence  * * 13,28  that  there  may  be 
a significant  change  of  damping  under  these  circumstances.  For  example,  in  the  case  of  wing  structural 
buffeting  at  high  subsonic  speeds  measurements  indicate*  relatively  large  increases  in  aerodynamic  damping 
around  the  buffet  - onset  condition.  A possible  mechanism  to  explain  this  phenomenon,  in  terms  of  the 
(quasi-static)  variation  with  wing  incidence  of  the  area  over  which  a leading-edge  suction  force  acts,  has 
been  proposed  in  Ref. 13. 

2.2  SOME  RELEVANT  MODELS  FROM  MECHANICS,  PHYSICS  AND  ELECTRICAL  ENGINEERING 

As  a guide  to  the  range  of  theoretical  models  that  are  available  to  represent  systems  with  a high 
level  of  internal  fluctuations  we  briefly  review  in  this  section  some  concepts  and  equations  fr^m  mechan- 
ics, physics  and  electrical  engineering. 

The  simplest  equation  of  randomly  forced  motion  .*»rises  in  physics  in  the  Langevin  form  of  the  theory 
of  Brownian  motion,  where  the  velocity  of  a particle  suspended  ? n a viscous  fluid  obeys  the  equation  of 
motion 


m ir  * ~ cv  * F(t)  • (1) 

where  C is  a friction  coefficient  and  F(t)  is  a fluctuating  force  associated  with  the  thermal  motion 
of  molecules.  The  ensemble  average  of  the  fluctuating  force  is  zero,  and  its  second  moment  is  given 
(employing  standard  notation)  by  the  fluctuation-dissipation  theorem 

- 2kBT;«(t  - t’>  . (2) 


In  the  elementary  theory  of  Brownian  motion,  F(t)  is  assumed  to  be  a Gaussian  process,  so  that  it  is 
fully  determined  by  the  mean  value  and  second  moment.  The  relationship  (2)  between  C and  F(t)  derives 
from  the  fact  that  both  C (damping)  and  F (excitation)  arise  from  collisions  with  surrounding 
molecules . 


More  generally,  the  evolution  of  a 
generalised  set  of  Langevin  equations  of 


set  of  dynamical  variables 
the  form 


has  been  described  by  a (linear) 
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where  F^it)  is  aSain  a fluctuating  force  with  zero  mean. 

current  effect  of  the  past  history  of  the  system  and  in  the 
are  related  to  the  F^(t)  by  an  extension  of  equation  (2). 
ficients  by: 


The  'memory*  kernels  describe  the 

generalised  theory  of  transport  coefficients*^ 
We  may  introduce  frequency  dependent  coef- 


When  th*  memory  of  th*  •jruoi  U short,  or 
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Z ^ ♦ v*>  • 


(4) 


In  Che  above,  ic  ie  aaeta  j Chet  (he  sec*  of  equations  (3)  and  (4)  repreaenc  atable  systems.  Thua,  if  Che 
excitacioa  terae  P.  (t)  are  dropped,  the  motion  of  the  system  decays  and  a atate  of  equilibrium  ia 
achieved. 


The  next  acep  is  to  aaauae  that  the  coefficienta  0^,  g , Ayt  era  dependent  upon  a controlling 

peraaMter  1 vhich  influencea  atability.  For  a finite  range  of  paraaeter  valuea  the  ayatea  ia  aaauaed  to 
be  atable  and  ita  atructure  ia  dcacribed  by  the  above  eeta  of  (integro-)  differential  equationa.  At  aoae 
'critical'  magnitude  of  the  paraaeter,  Xg  , however,  let  ua  aaaume  that  the  ayatea  becomes  unatable. 

The  value  X • Xg  ia  then  known  aa  a 'bifurcation  value'  of  the  parameter*,  (More  generally,  a 
aequanoe  of  bifurcations  X - XQ,  X , X^  , may  be  defined.)  Aa  1 paaaea  through  the  value  XQ  a quali- 
tative change  occura  in  the  behaviour  of  the  ayatea.  On  the  aaausption  that  when  X » Xg  , the  aubaequent 
motion  remaina  bounded,  one  poaaibility  ia  chat,  inatead  of  decaying  to  a atate  of  equilibrium  (F^  - 0)  or 
fluctuating  about  che  equilibrium  atate  under  the  influence  of  forcea  of  excitation  (F^  * 0),  the  ayatea 
oecillatca  in  a regular  limit-cycle.  A acandard  example,  froa  electrical  engineering,  ia  the  electron 
tube  oacillator.  In  the  aiapleat  caae  of  soft  self-excitation  , the  bifurcation  then  occura  aa  follow*. 

If  the  paraaeter  X (in  thia  case  the  parameter  ia  the  coefficient  of  mutual  inductance  batveen  anode  and 
grid  circuita)  ia  aufficiencly  taall  (X  < Xg)  the  circuit  operatea  aa  an  amplifier  and,  if  there  ia  no 
aignal,  one  ha a the  atate  of  reat.  If  X increaaea  up  to  che  bifurcation  value  X • Xg  the  circuit  ia 
just  on  the  threshold  between  two  modes  of  operation.  For  X > Xg  a self-sustained  oscillation  appears 
and  its  amplitude  begins  to  grow  with  X , Minorsky*  illustrates  the  passage  of  X through  ita  bifurca- 
tion value  X ■ Xg  by  the  following  scheme : 


Stable  singular  point 


< 


Stable  limit  cycle 
nstable  singular  point 


which  justifies  the  tera  'bifurcation'. 

The  phenomenon  of  hard  aelf-exeitacion  is  similar  except  that  the  limit  cycle  appears  suddenly  as 
soon  as  the  boundary  X - X is  crossed;  that  is,  its  amplitude  does  not  grow  steadily  froa  tero  with 
increasing  X as  in  the  'soft*  case. 

Mora  generally,  bifurcation  is  possible  from  two  types  of  stable  equilibrium  state.  One  possi- 
bility is  that  for  values  of  X < X , in  the  neighbourhood  of  the  bifurcation  value,  the  perturbations 
about  che  stable  equilibrium  state  correspond  to  complex  values  of  the  normal  Bode  frequencies.  The 
equilibrium  state  is  then  a stable  'focus';  the  loss  of  stability  at  X * 1Q  i*  associated  vith  loss  of 
damping  and  is  referred  to  as  'flutter'.  With  appropriate  nonlinesrities,  ufor  X > Xq  the  system  “*y 
approach  in  time  a periodic  state  (limit-cycle)  whose  characteristics  are  independent  of  the  initial  con- 
ditions. The  bifurcation  Chen  takes  the  particular  form 


Stable  focus 


Stable  limit  cycle 
Unstable  focus 


Th*  other  possibility  is  that,  for  values  of  X < Xg  in  the  neighbourhood  of  the  bifurcation  value, 
the  imaginary  part  of  che  relevant  root  vanishes.  The  equilibrium  state  is  then  a node.  The  loss  of 
stability  is  in  this  case  associated  with  loss  of  stiffness  and  the  condition  at  X • X-  corresponds  to 
onset  of  'divergence'.  With  appropriate  nonlinearities  a stable  equilibrium  state  may  however  exist  for 
values  of  X > Xg  (as  in  the  buckling  of  struts).  A characteristic  of  such  an  equilibrium  state  is  itx 
asymmetry;  in  some  cases  we  find  two  'mirror-image'  staole  states  ( of . th*  buckled  sVi  t).  We  can  again 
use  the  terminology  of  'soft'  and  'hard'  modes  depending  upm  whether  or  not  th*  bifurcation  corresponds 
to  the  establishment  of  nonlinear  equilibrium  configurations  with  continuously  growing  amplitude  as  X 
increases  beyond  the  value  Xg  . In  t'-e  case  of  a conservative  system  the  soft  mode  case  may  be 
described  bv  the  continuous  appearance  of  a pair  of  'potential  wells'  (Fig. 3). 
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In  our  discussion  of  'bifurcation  from  a focus*,  v«  stressed  the  importance  of  nonlinearity  for  tha 
aatabl ishnent  of  a ateady  fluctuating  atata  of  limit-cycle  fora.  Mention  ahould  ale*>  ba  made  of  tha 
possible  influanca  of  hyatarcaia  on  tha  existence  c*  auch  an  oacillaticn.  For  example,  Lambourna1^  haa 
described  a type  of  limi t-cycle,  in  tha  context  of  oscillations  occurring  with  aircraft  control  aurfacaa 
in  tranaonic  flow,  where  hyateraaia  in  tha  fora  of  'switching*  be tween  two  atataa  of  tha  flow  field,  plays 
an  aaaential  rola.  Thia  example  ia  intereating  aa  it  deacribea  a mechanism  whereby  divergence  from  an 
unatabla  node  (i.a.  loaa  of  atiffneaa)  can  lead  to  a atata  of  oscillation,  Thia  mechanism,  which  dapenda 
on  the  existence  of  asymmetric  'buckled'  atataa  which  are  statically  stable  but  dynamically  unstable,  is 
in  fact  closely  related  to  tha  flutter  of  buckled  panels  described  in  Ref. 16, 

In  tha  above  discussion  of  bifurcations  and  their  possible  consequences,  we  have  ignored  excitation 
terms  auch  aa  tha  Ffc(t)  in  equations  (3)  and  (4).  However,  even  if  tha  ( t ) are  of  small  amplitude, 

their  axiatanca  will  have  a significant  influence  when  X approaches  a bifurcation  value  Xq  > in  the 
Sanaa  that  a microscopic  input  to  the  system  will  lead  to  a macroscopic  response.  For  instance,  in 
physical  systems  undergoing  a phase  transition,  one  often  finds  a dynamical  mode  the  frequency  of  which 
goaa  to  aero  at  tha  transition  and  a soft  mode  appear:.  The  existence  of  such  a soft  mode  is  intimately 
related  to  tha  occurrence  of  'critical'  fluctuations  of  macroscopic  amplitude.  Moreover,  for  values  of  X 
only  slightly  larger  than  Xq  , the  existence  of  such  fluctuations  can  lead  to  the  mean  state  'jumping* 
from  one  equilibrium  configuration  to  another  (e.g.  between  the  two  potential  wells  in  Fig. 3).  The  pro- 
bability distribution  for  the  state  of  auch  a system  could  thus  be  bi-modal  with  high  probability  densi- 
ties near  the  two  equilibrium  configurations  snd  relatively  low  elsewhere. 

Another  possible  affect  of  the  inclusion  of  excitation  terms  F^t)  is  the  'triggering-off'  of  a 
'hard'  mode  before  X has  in  fact  reached  the  bifurcation  value  Xq  • This  phenomenon  is  associated  with 
the  fact  that  for  hard  modes  the  range  of  amplitudes,  in  the  vicinity  of  the  equilibrium  point,  for  which 
the  system  is  stable  is  limited  and  tends  to  zero  aa  X + Xq  • The  existence  of  the  excitation  terma 
F^(t)  may  thua  serve  to  'push  the  system  over  the  edge'  for  a value  of  X < Xq  . 

La**l>9  we  briefly  consider  the  theoretical  modelling  of  systems  performing  autonomous  closed-loop 
oscillations  in  the  presence  of  an  additional  source  of  random  excitation  which  produces  perturbations 
about  the  basic  limit  cycle.  In  particular,  we  draw  attention  to  the  fact  that,  in  '.ases  where  the  basic 
limit  cycle  may  be  described  by  (nonlinear)  differential  equations,  quantitative  analogies  exist *7  between 
the  probability  distributions  for  the  state  of  the  system  and  the  distributions  for  memory-less  linear 
systems  excited  by  random  noise,  such  as  those  described  by  equations  (4),  Furthermore,  just  as  a linear 
system  may  become  unstable  as  a controlling  parameter  X passes  through  a bifurcation  value  Xq  , leading 

to  a qualitatively  different  mode  of  operation  of  which  a limit-cycle  ia  one  possibility,  so  a limit  cycle 

may  itself  become  unstable  at  some  subsequent  bifurcation  value  Xj  > X^  , leading  to  further  qualitative 

changes  in  system  behaviour.  In  the  presence  of  additive  noise,  systems  performing  autonomous  oscilla- 

tions can  exhibit  'critical'  fluctuations  (analogous  to  those  described  earlier)  in  the  vicinity  of  such 
bifurcation  values.  Ref. 17  refers  to  recent  examples  from  physics  and  electronics  where  dissipative 
systems  performing  autonomous  oscillations  have  bifurcation  phenomena  which  are  entirely  analogous  to 
ordinary  phase  transitions  and  which  may  be  accompanied  by  soft  modes  and  critical  fluctuations. 

The  basic  equations  describing  the  operation  of  such  an  oscillating  system  in  the  presence  of  noise 
have  been  presented  by  Stratonovich ' ®,  who  relates  the  probability  distributions  for  amplitude  and  phase 
to  the  corresponding  distributions  applicable  to  linear  systems  of  the  type  defined  by  equation  (4).  The 
latter,  having  no  memory  effects,  are  known  as  Markov  processes;  for  such  systems,  provided  that  the  cor- 
relation time  of  the  noise  excitation  Ffc(t)  is  extremely  short,  the  evolution  of  the  state  of  the  system 
from  a known  initial  value  may  be  determined  as  a time-dependent  (conditional)  probability  distribution. 
Thia  conditional  probability  distribution  can  be  found  as  the  solution  of  a related  partial-differential 
equation  known  aa  a FOKKER-PLANCK  equation  (although  alternative  techniques  do  exist  and  have  been  used  in 
the  context  of  transient  aircraft  buffeting1^).  What  Stratonovich J 9 showed  is  that  the  Fokker-Planck 
method  also  applies  to  the  time  evolution  of  fluctuations  in  amplitude  and  phase  of  a nonlinear  oscillator 
under  the  influence  of  external  noise.  In  particular,  the  probability  distributions  describing  fluctua- 
tions in  amplitude  and  phase  about  a steady-state  limit  cycle  may  be  found.  This  result  is  relevant  to 
the  possible  future  generalisation  of  methods  of  parameter  identification  to  cover  the  situation  of  systems 
modelled  by  'noisy'  limit-cycle*.. 

In  the  light  of  the  above  outline  of  available  theoretical  models,  we  will  in  the  following  sections 
go  on  to  consider  separately  buffeting  associated  with  the  structural  response  of  a flexible  wing  and  air- 
craft rigid-body  motions  influenced  by  the  existence  of  separated  flow. 

3.  STRUCTURAL  BUFFETING  OF  A FLEXIBLE  WING 

‘ In  the  case  of  structural  buffeting  of  a flexible  wing  it  is  usual  to  assume  that  a linear  ’forced 

S vibration*  model,  with  aerodynamic  excitation  obtainable  from  rigid-wing  measurements,  is  applicable, 

l Then  the  model  equation  takes  the  form  of  equation  (4),  where  the  excitaticn  Ffc(t)  arises  as  a result  of 

» the  unsteady  state  of  the  flow  field,  associated  with  existence  of  separated  flow.  Taking  wing  angle-of- 

attack  to  be  the  controlling  parameter  (X  in  the  previous  section),  it  assumed  that  no  bifurcation 
associated  with  the  loss  of  stability  of  the  system  represented  by  this  model  equation  occurs  within  the 
angle  of  attack  range  considered.  However,  it  should  be  noted  that  the  onset  of  buffeting,  represented  in 
the  model  by  the  growth  to  macroscopic  magnitude  of  the  exciting  force  F^tt)  , may  itself  be  regarded  as 
a form  of  generalised  bifurcation  within  the  subsystem  consisting  solely  of  the  flow  field  (note  that  the 
associated  'loss  of  stability*  then  refers  to  the  hydrodynamic  instability  of  separated  flow  and  is 
independent  of  the  motion  of  the  wing). 

In  this  section  we  review  the  manner  in  which  the  forced  vibration  theoretical  model  may  be  applied 
to  the  phenomenon  of  buffeting.  Before  doing  so,  however,  we  emphasise  that  the  limits  of  applicability 
of  this  approach  are  in  need  of  further  experimental  clarification,  particularly  by  the  comparison  of 
fluctuating  pressures  and  forces  on  structurally-rigid  and  flexible  wind-tunnel  models  of  wings  of  similar 
geometry  (a  discussion  of  this  comparison  is  presented  in  Refs.  I and  2).  It  is  likely  that  the  applicabil- 
ity of  this  theoretical  model  will  he  limited  at  high-subsonic  and  transonic  speeds  in  the  case  of  flexible 
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node.  which  cauae  eignificant  wing-lncldence  variation!,  aa  Chart  it  evidanc.23  that  oscillatory  wing 
action  aay  in  auch  aituationa  couple  in  a nonlinear  manner  with  fore-and-aft  notion  of  the  ehock  wave 
leading  to  a fora  of  nonlinear  flutter  (requiring  a liait  cycla  representation).  For  a ving  at  aaall 
tveep  englee,  thia  auggeata  Chat  the  nodal  will  probably  be  valid  fnr  wing  bending  but  poaaibly  not  for 
wing-toraion  aodea.  In  the  caae  of  a highly-avept  wing  the  aituation  ia  leae  clear-cut,  aa  the  bending 
and  toraion  aodea  a ay  each  contribute  aignif icantly  to  wing  incidence  changea. 

The  forced  vibration  linear  analytical  Bode 1 for  raaponae  in  a flexible  node  nay  be  expreeeed  in 
terae  of  a generalised  co-ordinate  Z(t)  , representing  the  displacement  in  that  node,  and  a generalised 
aerodynaaic  excitation  x(t)  aastxaed  Co  have  no  feedtack  from  wing  notion  (see  Fig. 4),  2(t)  should  be 

aultiplied  by  the  node  shape  to  obtain  the  diaplaceaent  at  an  arbitrary  point  on  the  wing.  • The  aero- 
dynaaic excitatiou  x(c)  haa  a power-apectrua  which  depends  on  croaa-apertra  of  fluctuating  pressures 
over  all  pairs  of  points  on  the  wing,  weiphted  by  node  shape.  The  power  spectral  density  *x(f}  of  x(t) 
ia  aaauaed  to  be  approxiaately  constant  in  the  neighbourhood  of  the  mode  natural  frequency  f o " uq/2*  • 
When  relating  measurements  on  a model  in  a wind  tunnel  to  full  scale,  aasiaptiona  have  to  be  Bade  con- 
cerning the  appropriate  scaling  factors.  On  the  hypothesis  that  Reynolds  number  effects  are  negligible, 
Che  naan-square  fluctuating  force  x^  acelea  like  (qS)?  , where  q ia  dynamic  pressure  and  S ving 
area,  and  the  appropriate  length  and  velocity  parameters  for  scaling  frequency  are  a geometric  length 
(e.g.  mean  wing  chord  c)  and  true  airspeed  V , 

On  this  basis  Che  power  spectral  density  of  aerodynamic  excitation  aay  be  expreeeed  in  the  form 

♦x  • («s)2  • (5) 

where  E is  a non-diaensional  aerodynaaic  parameter,  a function  only  of  wing  incidence,  Mach  number  and 
Reynolds  nuaber. 

The  response  in  the  single-degree-of-freedoa  mode  is  defined  by  the  differential  equation: 


■ ♦ "|“oZ  * *(t) 


By  standard  state-space  techniques  this  second-order  equation  in  one  dynamic  variabla  may  be  replaces  by 
two  first-order  equations  involving  vwo  dynamic  variables  (e.g.  Z and  Z ) and  thus  cast  into  the  form 
of  equation  (4). 

tn  equation  (6),  m]  ia  the  equivalent  (generalised)  mass  of  the  mode,  given  by 

- kj«  (7) 

where  a is  the  total  mass  of  the  aircraft  and  kj  is  a non-dimensional  quantity  that  depends  on  wing 
geometry,  mode  shape,  and  mass  distribution.  The  undamped  natural  frequency  uq  (in  rad  s~  ) is  assumed 
to  be  independent  of  aerodynamic  forces  (stiffness  and  inertia).  This  simplifying  approximat ion,  together 
with  the  neglect  of  aerodynamic  coupling  between  modes,  appears  on  the  basis  of  experimental  data  to  be 
acceptable  in  many  practical  buffeting  situations.  It  assumes,  of  course  that  we  are  well  away  from  any 
boundaries  of  conventional  flutter.  C (equation  (6))  ia  the  total  damping  ratio. 


where  t is  aerodynamic  damping  ratio  and  is  structural  damping  ratio  (this  assumption  of  a viscous 

type  of  structural  damping  simplifies,  but  is  not  essential  to,  the  analysis). 

The  aerodynamic  damping  ratio  is  given  by 

2Vau0  * k2*lpVS  * (8) 

where  a|  is  effective  lift-curve  slope  (evaluated  at  the  non-dimensional  mode  frequency  n^  • f^c/V) . 
is  a non-d imensional  quantity  that  depends  on  mode  shape,  o is  air  density. 

The  term  njwQ  in  equation  (6)  represents  the  structural  stiffness. 

Then  a power-spectral  density  (PSD),  analysis  gives  the  root-mean-square  acceleration  associated  with 
the  mode  as 


I ( ^ A qE 


It  follows  from  equation  (9)  that  the  non-d imensi onal  aerodynamic  excitation  parameter  E is  given  by 


/ 


1 * 

The  quantity  Chut  appears  tt  « useful  measure  of  aerodynamic  excitation  derivable  from  measured 

acceleration  response  and  total  damping  ratio.  Equation  (9)  illustrates  the  quantities  required  in  a 
theoretical  buffeting  prediction  method  based,  for  example,  on  wind-tunnel  measurements.  For  *n  aircraft 
flying  at  given  wing  loading,  speed  and  altitude,  the  aerodynaaic-dependent  quantitiaa  are  E and  C • 

One  method  for  the  evaluation  of  E involves  the  measurement  of  fluctuating  pressures  on  relatively 
rigid  wind-tunnel  models  snd  the  de  rivet  ion  of  the  generslised  force  by  means  of  cross-correlation 

techniques25»26,27<  Alternatively,  F may  be  derived  from  wind-tunnel  testa  on  the  basis  of  equation  (10) 

using  models  for  which  the  relevant  mode  shape  is  approximately  correct  (note  that  fully-scaled  aeroelastic 
models  are  not  necessary).  To  obtain  E from  equation  (!0),  wind-tunnel  measurements  of  snd  total 

damping  ratio  are  required,  together  with  a knowledge  of  mode  natural  frequency  Uq  and  generalised  mass 

*1  * 

T: e othtr  quantity  required  in  a buffeting  prediction  aethod,  based  on  equation  (9),  is  the  veluz  of 
the  total  damping  ratio  appropriate  to  the  full-scale  aircraft.  Aa  described  in  section  2.1,  the  investi- 
gation of  ef  >cts  of  separated  flow  on  the  aerodynamic  component  C c»f  damping  ratio  is  s subject  of 

current  research.  * 

Perhaps  the  most  promising  approach  to  the  problem  of  predictirg  aaiodynamic  damping,  for  use  in  coir- 
junction  with  the  forced-vibration  model  of  buffeting,  equation  (6),  is  that  based  on  the  use  of  static 
experimental  data  as  an  input,  as  suggested  in  Ref. 13,  Qualitative  Agreement  with  measured  changes  in 
damping  of  the  wing-banding  mode  in  the  vicinity  of  buffet  onset  have  been  shown  using  this  approach, 
although  good  quantitative  predictions  have  still  to  be  demonstrated. 

The  least-well  understood  aspect  of  structural  buffeting  of  a flexible  wing  concerns  the  response  in 
wing  torsion  modes  at  high-subsonic  and  transonic  speeds.  There  i„  substantial  evidence  that  fore-and-aft 
shock  motion  tends  to  couple  with  torsional  oscillations  of  the  wing,  providing  a strong  mechanism  by 
which  the  flow  fluctuations  occurring  on  a rigidly-mounted  wing  might  be  fundamentally  modified.  Indeed, 
if  the  flow-field  essentially  *locks-in’  to  the  wing  torsional  motion,  the  forced-vibration  type  of 
analytical  model  for  buffeting  (equation  (6)  or,  more  generally,  equation  (4))  is  no  longer  appropriate 
snd  the  phenomenon  becomes  a type  of  nonlinear  flutter.  The  appropriate  model  then  takes  the  form  of  s 
limit  cycle,  probably  with  a significant  amount  of  additive  noise  (an  analytical  model  described  at  the 
end  of  section  ?.2).  This  is  an  area  where  considerable  further  work  remains  to  be  done. 

4.  FLUCTUATING  RIGID-BODY  MOTIONS  OF  AN  AIRCRAFT 

4.1  INTRODUCTORY  REMARKS 

We  turn  now  to  aircraft  fluctuating  motion,  associated  with  wing  separated  flow,  in  rigid-body 
response  modes.  The  frequencies  involved  are  lower  than  those  associated  with  airframe  flexible  response, 
and  can  have  a direct  effect  on  the  controllability  of  an  aircraft  and  the  ability  to  hold  an  accurate 
flight  path.  From  the  pilot’s  point  of  view,  whereas  aircraft  flexible  response  may  be  said  to  influence 
’ride-quality* , rigid-body  fluctuating  motion  also  adversely  influences  ’handling-characteristics*.  The 
most  important  example  of  rigid-body  response  in  this  context  is  the  lateral  fluctuating  motion  known  as 
’wing-rocking*  which  is  known  to  fiave  a detrimental  effect  on  air-to-air  tracking  capability.  In  some 
situations,  however,  longitudinal  ri^id-body  motion  plays  a significant  role,  either  in  the  form  of  pre- 
dominantly longitudinal  motions  or  by  coupling  with  the  lateral  degrees  of  freedom. 

In  the  following,  we  illustrate  the  use  of  the  mathematical  models  of  fluctuating  motion  outlined 
in  section  2 for  the  separate  cases  of  predominantly  longitudinal  and  lateral  aircraft  response. 

4.2  LONGITUDINAL  MOTION 

Pilot  descriptions  of  aircraft  fluctuating  motion  at  high  lift  include  the  expressions  ’bounce*  and 
’porpoising*.  These  refer  to  types  of  longitudinal  motion  at  frequencies  primarily  influenced  by  aircraft 
rigid-body  modes.  The  former  is  a description  of  a type  of  motion  perceived  a3  fluctuations  at  about 
2-3  Hz  in  normal  acceleration.  The  latter,  porpoising,  probably  involves  both  normal  acceleration  and 
pitching  motion  and  takes  place  at  a rather  lover  frequency. 

From  the  pilot’s  point  of  view  there  is  probably  no  clear  distinction  between  the  types  of  motion 
mentioned  above  and  aircraft  buffeting  that  takes  place  primarily  through  the  response  of  the  flexible 
structure.  However,  for  the  purposes  of  theoretical  analysis,  the  appropriate  resr.-onse  mode  for  calcula- 
tions of  buffeting  intensity  (in  terms  of  normal  acceleration)  depends  upon  the  frequency  range  in  which 
the  response  is  to  be  evaluated.  In  section  3 we  showed  how  buffeting  can  be  modelled  as  wing  flexible 
response.  However,  if  we  are  concerned  with  response  fluctuations  at  frequencies  below  that  of  the  first 
wing-bending  mode  (say  below  about  7 Hz  on  a combat  aircraft)  it  is  more  appropriate  to  consider  aircraft 
rigid-body  motion.  Moreover,  if  we  are  concerned  with  buffeting  in  the  vicinity  of  the  nodes  of  the  first 
wing-bending  mode  (and  the  pilot  may  sit  at  a point  where  the  amplitude  of  wing-bending  response  is 
relatively  small),  a significant  part  of  the  energy  in  the  frequency  range  up  to  approximately  10  Hz  could 
appear  as  a rigid-body  motion. 

A simple  approximation  to  longitudinal  rigid-body  aircraft  motion  may  be  derived  by  neglecting 
pitching  motion  and  considering  the  response  in  heave  (translation)  only.  Fig. 5 illustrates  the  block 
diagram  for  the  haaving  mode-*  (of  an  aircraft  with  mass  m and  wing  area  S)  modelled  in  this  manner 
(a  special  case  of  Fig. lb).  The  total  aerodynamic  force  G(t)  is  expressed  as  the  sum  of  two  components, 
a fluctuating  aerodynamic  excitation  F(t)  having  no  feedback  from  aircraft  motion,  and  an  aerodynamic 
damping  contribution  expressed  in  terras  of  lift  slope  ’a’.  The  corresponding  differential  equation  is 
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A 'break  frequency',  related  to  the  time  conatant  of  the  above  firat  order  equation  ia  given  by 
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for  frequencies  above  f , the  effe  t of  damping  on  the  heaving  acceleration  du/dt  become:  email. 
Moreover,  Che  effec'  cf  unateady  ae  odyr.aaica  reduce.  the  influenre  of  damping  atill  fui  her  at  high 
frequeoeiaa.  On  the  aaaumption  that  the  power  apectral  denaity  bp  of  f ia  conatant  over  the  frequency 
range  of  intereet,  end  introducing  a dimanaionleca  parameter  E , dependent  only  on  flow  geometry,  we  may 
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Th«  root^o* an- squat*  intensity  of  acceleration  corresponding  to  an  arbitrary  fixed  past  band  above  fre- 
quency f then  satisfies  the  proportionality: 
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Aa  a mAerical  exasple. 


then 


we  take  a typical  small  military  aircraft,  say 


m/s 

lift  slope  a 
Mach  number 
altitude 


60  lb  ft 

4.0 

0.7 

10000  ft 


f ± 0.2  Hi  . 


At  frequency  f the  effect  of  damping  is  to  reduce  the  amplitude  of  fluctuating  acceleration  to 
about  66Z  nf  its  value  without  damping.  However,  at  frequencies  above  1 Hz,  the  acceleration  amplitude  is 
at  least  97Z  of  its  undamped  value.  Thus,  in  situations  in  which  heaving  motion  makes  a significant  con- 
tribution to  buffeting  intensity,  for  example  at  positions  very  close  to  wing-bending  nodes  r. t frequencies 
in  the  range  *10  Hz,  the  effect  of  aerodynamic  damping  is  negligible  and  buffeting  intensify  satisfies 
equation  (IS).  A particular  consequence  is  that  at  a given  value  of  E , for  example  for  flight  at  con- 
stant incidence  on  the  assumption  that  Reynolds  number  effsets  are  negligible,  the  buffeting  response,  at 
fixed  Mach  number  and  within  a fixed  fre^jency  range,  is  directly  proportional  to  excitation  and  hence  to 
q , and  thus  at  constant  true  airspeed  varies  linearly  with  air  density  o . Allowing  for  changes  in  air- 
speed with  altitude  the  variation  is  approximately  with  pi *2  . This  contrasts^  with  the  case  of  response 
in  a flexible  node,  where  buffe^in*  intensity  at  constant  airspeed  is  proportional  to  pi  ; allowing  for 
changes  in  airspeed  with  altitude  this  becomes  . 

The  analysis  presented  in  this  section  is  the  rigid-body  equivalent  of  the  forced-vibration  type  of 
analysis  used  for  wing  structural  response  in  section  3.  However,  it  should  be  noted  that  in  the  case  of 
aircraft  rigid-body  notion  it  is  more  likely  that  the  effects  of  nonlinear  mean  aerodynamic  forces  become 
significant.  In  particular,  the  regularity  of  the  'porpoising’  motion  suggests  that  the  possibility  of  a 
limit-cycle  (nonlinear  flutter),  in  which  the  periodic  fluctuations  in  the  flow  field  become  coupled 
deterministically  to  the  motion  of  the  wing,  cannot  be  ruled  out. 

4.3  LATERAL  MOTION 

The  principal  undesirable  rigid-body  motions  in  the  context  of  handling  characteristics  of  combat 
aircraft  at  high  lift  3re  the  wing-rocking,  wing-dropping,  and  nose-slice  phenomena  already  referred  to. 
Wing-rocking  should  be  distinguished  from  wing-dropping  and  nose-slice  in  that,  whilst  the  latter  two 
□ay  present  a major  hazard,  possibly  leading  to  loss  of  an  aircraft  in  extreme  circumstances,  wing-rocking 
should  generally  be  regarded  more  in  terms  of  nuisance,  degrading  weapon  aiming  accuracy  but  not  neces- 
sarily limiting  sustained  manoeuvres.  Whereas  wing-dropping  and  nose-slice  are  relatively  well  understood 
phenomena,  taking  the  form  of  a divergence  associated  with  loss  of  lateral  or  directional  stability 
(bifurcation  at  a node),  the  provision  of  an  appropriate  theoretical  model  for  wing-rocking  is  an  out- 
standing problem.  A principal  objective  is  a means  for  relating  the  dynamic  motion  of  the  full-scale  air- 
craft to  measurements  that  can  be  made  using  rigidly-mounted  wind-tunnel  models. 

Two  basic  types  of  analytical  model  exist  for  wing-rocking , analogous  to  the  system*  illustrated  in 
Figs. la  and  lb,  one  representing  an  autonomous  oscillation,  or  limit-cycle,  and  the  other  an  aerodynamic- 
ally  forced  resporse.  I •*  wing-rocking  takes  the  form  of  an  autonomous  oscillation,  the  system  is  unstable 
over  a limited  range  of  amplitudes,  but  constrained  to  motion  of  finite  amplitude  through  the  existence  of 


MO 


nonlinear  aerodynamic  force*.  (V*  use  the  expression  'unstable'  (sbove)  in  a broad  sense  eo  cover  both 
dynamical ly-una table  equilibrium  configurations  and  asymmetrical  cor r igurations  which  arc  not  even  in 
static  equilibrium.) 

The  simplest  analytical  models  for  the  case  of  autonomous  oscillations  exclude  hysteresis  and/or 
time-lag  effects  and  are  related  to  bifurcation  from  a focus  (change  from  positive  to  negative  damping). 

If  it  ia  raquired  to  model  conditions  of  sustained  wing-rock,  in  which  the  oscillations  continue  with 
approximately  constant  amplitude,  a nonlinear  model  is  called  for.  It  may  be  necessary  to  include  a 
source  of  additive  noise  as  a means  of  introducing  small  perturbations  about  the  basic  limit  cycle.  If, 
however,  it  is  required  to  modal  condition*  of  transient  wing-rock,  terminated  by  the  pilot  reducing  the 
aircraft  angle-of-attack,  then  it  may  be  sufficient  to  employ  linear  equations  (with  negative  damping)  to 
describe  the  rate  of  growth  of  the  amplitude  of  oscillations.  The  existence  of  additive  noise  is  again 
likely  to  distort  the  oscillatory  motion,  particularly  in  the  initial  phase  when  the  amplitudes  are  small. 
Tests  with  wind-tunnel  models  are  i--  inciple  capable  of  predicting  rbe  onset  of  this  class  of  motions 
through  the  indication  of  a loss  o'  rodynamic  damping.  For  this  ~pp/ lua  Jon,  the  aerodynamic  measure- 
ments should  be  made  on  a complete  model  so  ss  to  include  effects  of  wing  separated  flow  cn  the  rear- 
furelagt  or  tail.  However,  the  prediction  of  the  nature  of  the  motion  subsequent  to  ini tial  oscillations  ia 
such  more  difficult.  If  it  ia  desired  to  predict  the  complete  wing-rocking  motion  as  an  autonomous 
oscillation  then  the  aerodynamic  forces  < including  those  dependent  on  aircraft  rates  of  motion)  need  to  b>i 
known  as  functions  of  aircraft  angular  displacements,  and  account  should  also  be  taken  of  the  possible 
existence  of  hysteresir,  for  instance  in  rolling-moment  measurements.  This  type  of  prediction  has  not  as 
yet  been  attempted,  and  indeed  it  is  clear  that  a complete  analysis  would  be  one  of  some  complexity. 

The  alternative  possibility  is  that  wing-rocking  takes  the  form  of  an  aerodynamical ly-forced  vibra- 
tion, excited  by  fluctuating  aerodynamic  forces  which  are  independent  of  wing  motion.  Fluctuating  rolling- 
and  yawing-moments  have  in  the  past  been  observed  on  rigidly-mounted  wind-tunnel  models,  but  it  is  not 
known  under  what  circumstances  coupling  (locking-in)  between  flow  field  and  motion  takes  place  in  the  cor- 
responding dynamic  situation.  On  the  assumption  that  significant  random  force  or  moment  components  per- 
sist throughout  the  morion,  the  analytical  model  then  resembles  in  general  structure  that  used  to  describe 
buffeting  (*cut^.)n  3),  an  *erod>namic  excitation  force,  analogous  to  F^(t)  in  equation  (4),  producing 
fluctuations  in  the  response  of  an  essentially  stable  system.  A variant  of  this  model  occurs  in  the  case 
of  'critical  fluctuations  of  a soft  mode'  (section  2),- where  the  approach  to  a condition  of  disappearing 
stiffness  leads  to  an  amplification  of  the  forced  response. 

Experience  with  a range  of  high-performance  aircraft  over  the  past  few  years  has  provided  a wide 
variety  of  illustrations  of  the  types  of  phenomena  outlined  above.  Examples  include  loss  cf  lateral 
stiffness  (bifurcation  from  a node),  due  largely  to  changes  in  the  nv  derivative,  leading  to  *yav-off* 
or  'note-slice*,  loss  of  Dutch  roll  damping  (due  for  instanre  to  changes  in  the  ip  and  np  derivatives) 
leading  to  wing-rock20  (bifurcation  from  a focus),  and  a case  of  wing-rock  where  no  loss  of  stability  is 
apparent  from  the  measured  stability  derivatives  and  the  phenomenon  has  thus  been  regarded  as  a 'forced' 
motion,  associated  with  a randomly  fluctuating  wing  flow-field.  It  is  clear  that  no  single  parameter,  or 
combination  of  parameters,  can  provide  a measure  for  aircraft  handling  qualities  at  high  angle  of  attack. 

In  some  cases  the  phenomenon  of  wing-rock  Is  regarded  by  pilots  as  non-repeatable,  in  the  sense  that  the 
same  aircraft  £lovn  by  the  same  pilot  in  apparently  the  same  conditions  may  or  may  not  exhibit  wing-rock. 
The  explanation  may  be  that  rolling-moment  behaviour  is  sensitive  to  small  changes  in  sideslip  angle  of 
which  the  pilot  is  not  aware,  A further  complication  is  the  effect  on  stability  of  pilot  control  inputs. 
For  example,  in  the  absence  of  control  forces  the  parameter  controlling  Dutch  roll  stiffness  is 
Oy  - sin  o t i i x , known  as  'dynamic  ny  '.  Hovever , the  use  of  ailerons  by  the  pilot,  in  an  attempt  to 
keep  wings  level,  can  lead  to  divergence  at  a lover  angle  of  attack  on  account  of  the  yawing  moments 
introduced  by  aileron  deflections. 

5 RELATED  TOPICS 

The  concepts  used  in  prescribing  appropriate  analytical  models  for  the  fluctuating  motion  of  a wing 
in  the  presence  of  separated  flow  are  applicable  in  a more  general  range  of  situations.  An  instructive 
example  is  that  of  a circular  cylinder,  transverse  to  the  mean-flow  direction,  shedding  a regular  vortex 
street.  In  the  case  of  a rigidly-mounted  cylinder,  despite  the  high  degree  of  order  in  the  vorticity 
distribution,  we  have  an  example  of  a 'random'  flow  field,  since  the  phase  cf  the  flow  fluctuations  is  not 
determined  by  the  boundary  conditions.  However,  if  the  cylinder  is  mounted  on  elastic  supports  so  that  it 
is  free  to  respond  dynamically  in  a direction  transverse  to  the  flow,  the  phase  of  the  flow  fluctuations 
may  become  deterministically  related  to  the  cylinder  motion  if  the  structural  stiffness  is  chosen  so  that 
the  cylinder  natural  frequency  lies  sufficiently  close  to  the  vortex  shedding  frequency.  When  this  pheno- 
menon occurs,  the  coupled  motion  is  appropriately  regarded  as  a limit  cycle  and  measurements  of  pressures 
and  forces  on  the  rigidly-mounted  cylinder  cannot  be  sensibly  related  to  the  motion  of  the  dynamically- 
mounted  cylinder  by  'forced-response*  calculations. 

In  the  above  situation  we  may  say  that  the  cylinder  is  'structurally  responding'.  A related  experi- 
ment may  be  performed  in  which  the  cylinder  is  'externally  forced',  by  means  of  imposed  constraints,  to 
perform  sinusoidal  oscillations  of  prescribed  amplitude  and  frequency.  Again,  if  the  amplitude  of  motion 
is  sufficiently  large,  and  the  forcing  frequency  (Strouhal  number)  lies  in  the  neighbourhood  of  the 
natural  vortex-shedding  frequency,  the  phase  of  the  flow  fluctuations  may  become  controlled  by  the  cylin- 
der motion.  These  are  extreme  examples  of  the  phenomenon  that  a changeover  from  a 'random*  to  a 'deter- 
ministic' flow  field,  and  a corresponding  necessary  change  in  the  nature  of  associated  dynamic  response 
calculations,  can  occur  as  the  mean  amplitude  of  structural  motion  increases. 

Brief  mention  may  be  made  here  of  che  related  topic  (in  that  it  involves  flow  fluctuations  and  wing 
motion)  of  panel  vibration.  Instead  of  fluid  motion  involving  separated  flow,  the  problem  usually  studied 
involves  the  motion  of  a panel  in  the  presence  of  a fluctuating  turbulent  boundary  layer.  A cotanonly  used 
procedure  is  to  measure  fluctuating  pressures  on  a rigid  panel,  and  to  use  these  in  conjunction  with  aero- 
dynamic damping  estimates  tc  calculate  the  motion  of  a flexible  panel  as  an  aerodynamical ly-forced 
response.  Alternatively,  the  panel  oscillations  sometimes  occur  as  nonlinear  flutter.  These  alternatives 
have  been  discussed  in  Ref. 21.  In  the  latter  case  the  larger-scale  bound ary- layer  fluctuations,  which  are 


random  on  the  rigid  panel,  become  coupled  deterministically  to  the  panel  motion.  The  theory  of  Lar ;dahl22, 
in  which  the  large-scale  turbulence  components  in  a boundary  layer  on  a rigid  wall  are  calculated  as  the 
most  l:ghtly  damped  eigenmodes  of  the  associated  linear  stability  problem,  suggests  that  a form  of  non" 
linear  coupling  could  arise  in  which  the  large  scale  fluctuating  components  in  the  turbulent  flow  past  cs 
flexible  panel  are  related  to  the  eigenmodes  of  the  linear  stability  problem  including  wall  flexibility. 
This  is  only  to  suggest  possibilities,  however,  as  the  theory  for  large-scale  turbulence  fluctuations  has 
not  yet  reached  any  generally  accepted  form,  a fact  which  serves  to  emphasise  that  \ he  type  of  problem 
discussed  in  this  paper  can  at  present  only  be  treated  by  semi-empirical  analytical  theories. 


6. 


PARAMETER  IDENTIFICATION  FOR  SYSTEMS  WITH  A HIGH  LEVEL  OF  INTERNAL  FLUCTUATIONS 


6.1 


GENERAL  REMARKS 


The  main  purpose  of  this  section  is  to  serve  as  a reminder  of  the  pitfalls  that  can  arise  in  the 
process  of  parameter  identification  if  a system  with  internal  fluctuations  is  treated,  as  regards  the 
relationship  between  system  ’input1  and  ’output’,  as  if  it  were  deterministic.  More  precisely,  we  shall 
be  concerned  with  parameter  identification  for  a system  that  is  coupled,  in  a clbsed-Ioop  manner,  to  other 
dynamic  components.  The  general  situation  is  illustrated  in  Fig. 6 -/here  the  system  whose  parameters  we 
wish  to  identify,  system  A,  is  coupled  to  a second  system  B.  From  the  point  of  view  of  system  A the 
function  of  time  e(t)  is  the  ’input’  and  c(t)  the  ’output’.  We  shall  consider  only  the  most  straight- 
forward case  where  system  A ^.an  be  represented  by  a linear  transfer  function  P (or  equivalent  set  of 
ordinary  differential  equations)  together  with  a source  of  internal  fluctuations  n(t)  . As  illustrated  in 
Fig. 6 the  second  system  B (also  assumed  to  be  linear)  may  itself  conain  an  internal  source  cf  fluctua- 
tions, i(t)  . Two  practical  realisations  of  the  general  situation  illustrated  in  Fig. 6 will  be  discussed. 
Firstly,  we  note  the  resemblance  between  Fig. 6 and  Figs. lb,  A and  5.  In  these  cases  the  parameters  (to  be 
identified)  of  system  A are  aerodynamic  force  coefficients,  and  the  noise  source  n(t)  arises  from  the 
randomly  fluctuating  separated  flow  field.  The  coupled  system  B then  represents  the  elastic  (Fig. 4)  or 
dynamic  (Fig, 5)  response  of  a wing.  From  the  viewpoint  of  system  A,  the  input  e(t)  describes  the  motion 
of  Che  wing  in  the  mode  of  interest,  and  the  output  c(t)  represents  the  associated  generalised  force 
arising  as  a (possibly  weighted)  integral  of  aerodynamic  pressure  fluctuations.  In  this  context,  we  have 
not  previously  considered  the  case  where  the  system  B also  contains  a source  of  fluctuations;  such  a 
source  occurs,  for  example,  if  the  wing  motion  e(t)  contains  a component  independent  of  aerodynamic 
forces,  for  instance  due  to  mechanical  vibration  arising  from  the  aircraft  propulsive  system. 

The  second  example  concerns  the  theoretical  representation  of  a human  controller,  or  operator,  per- 
forming a single-axis  closed-loop  control  task.  For  seme  applications  it  is  sufficient  to  represent  the 
human  operator  by  a linear  transfer  function,  or  describing  function,  together  with  a noi'e  source  or 
’remnant’.  The  overall  situation  is  then  as  illustrated  in  Fig. 6,  with  system  A corresponding  to  the 
human  operator  and  system  B to  the  system  he  is  controlling.  We  will  consider  an  example  in  which  it  is 
desired  to  identify  the  human  operator  parameters  when  controlling  a system  with  rate  response. 

6.2  REVIEW  OF  THEORETICAL  RESULTS 

Consider  first  of  all  the  open-loop  situation  illustrated  in  rig. 7.  Since  the  loop  is  open,  the 
internal  noise  source  n(t)  is  uncorrelated  with  the  input  signal  e(t)  . In  this  case  we  have5 


P = 


(16) 


e,e 


where  $e  c is  Che  cross  spectral  density  of  the  signals  e(t)  and  c(t)  and  $e>e  is  the  power 
spectral  density  of  e(t)  . 

Next  consider  the  closed-loop  situation  illustrated  in  Fig. 6.  In  this  case,  one  way  of  determining 
the  linear  transfer  function  P is  from  the  ratio  of  two  cross  spectral  densities5 


P = 
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Note,  however,  that  this  formula  requires  the  measurement  cf  the  signal  i(t)  and  is  only  valid  within 
the  frequency  range  of  i(t)  . Outside  this  range  the  formula  (17)  for  P becomes  indeterminate. 
Suppose  now  that  in  the  closed-loop  case  we  define  the  transfer  function  analogous  to  that  given  by 
equation  (16): 


P'  ^ 
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Then  , P*  is  the  linear  transfer  function  which,  with  input  e(t)  , minimises  the  mean-square  difference 
between  its  output  and  c(t)  . In  this  sense  it  is  the  ’best  linear  transfer  function’  from  e to  c . 
This  result  will  be  important  when  we  come  to  consider  the  analogue  matching  technique  for  parameter 
identification  (section  6.4). 

The  next  step  is  to  i elate  P’  to  the  transfer  functions  P and  S cf  systems  A and  B respective^- 
(Fig.6),  We  first  consider  two  special  cases  in  which  e(t)  and  c(t)  are  deterministically  related. 
Fig. 8a  illustrates  the  case  where  system  A contains  no  source  of  internal  fluctuations,  i.e.  n(t)  * 0 
In  this  case  we  have 


Pe 
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.'where  the  right  hand  side  can  be  interpreted  as  either  a product  in  the  frequency  do  Twain  or  a convolution 
in  the  time  domain).  Since  P*  is  the  ’best  linear  transfer  function’  from  e to  c vc  evidently  have 
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in  thi»  c.i. 


P*  » P . 


Alternatively,  Pi*. 8b  llluetretee  the  eaee  where  the  second  systea  B contains  no  source  of  fluctuations 
and  stay  thus  be  completely  represented  by  a (linear)  transfer  function  S . The  overall  coupled  system  is 
thus  excited  by  Che  internal  fluctuations  of  systea  A.  Then  we  have 


or  equally 


By  the  arguaent  used  to  obtain  equation  (20)  we  have  in  this  case  (provided  that  the  transfer  function 
I/S  it  physically  realisable): 
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Equations  (20)  and  (22)  are  in  fact  special  cates  of  a general  result  applicable  when  both  internal 
noise  sources  n(c)  and  i(t)  are  non-vaniehing: 

P'  - P ♦ | , (23) 

where  «nd  |*ee|  *r*  those  component*  of  the  spectral  density  of  e which  are  correlated  with 

i and  n respectively.  The  form  that  P*  takes  in  a particular  example  is  discussed  in  section  6.4. 

From  the  above  general  analysis  we  see  that,  when  a system  with  a significant  level  of  internal 
fluctuations  is  coupled  into  a closed  loop,  it  is  not  in  general  possible  to  identify  its  parameters  in 
the  usual  manner  from  records  of  its  'input1  and  'output'.  The  result  of  such  an  operation  is  to  identify 
the  paraxseters  of  the  transfer  function  P'  which  in  general  (equation  (23))  depends  both  upon  the  para* 
meters  of  the  system  of  interest  and  upon  the  properties  of  the  remainder  of  the  loop. 

6.3  CONTRAST  BETWEEN  STRUCTURALLY-RESPONDING  AND  EXTERNALLY -FORCED  WING  MOTION 

As  an  illustration  of  the  way  in  which  the  relation  between  'input*  and  'output*  of  a system  with 
internal  fluctuations  can  depend  upon  the  manner  in  which  it  is  coupled  into  a closed-loop,  we  consider 
the  aerodynamic  force  associated  with  the  motion  of  a wing  under  conditions  of  separated  flow.  The  system 
'input*  is  the  morion  of  the  wing  and  the  'output'  is  the  aerodynamic  force,  obtained  as  a weighted 
integral  of  aerodynamic  pressures.  The  mutual  interaction  between  such  a system  and  the  structural  res- 
ponse of  a wing  is  an  essential  part  of  the  phenomenon  of  buffeting  (Fig. 4).  In  cases  where  the  wing 
motion  arises  entirely  as  a result  of  aerodynamic  forces  we  will  refer  to  the  wing  motion  as  'structurally- 
responding*  (Fig. 9b).  This  situation  should  b r contrasted  with  that  which  occurs  when  the  time  history  of 
wing  motion  is  externally  imposed  by  means  of  additional  forces  (as  a wing  surface  might  be  forced  to 
follow  some  prescribed  time  history  in  a wind-tunnel  experiment).  The  relationship  between  wing  motion 
and  the  resulting  aerodynamic  force  (weighted  integral  of  aerodynamic  pressures)  is  then  as  illustrated  in 
Fig.9a,  the  result  of  externally-imposed  constraints  being  to  destroy  any  influence  of  the  aerodynamic 
pressure  field  (and  the  associated  aerodynamic  force)  on  wing  motion.  In  such  a case  we  will  refer  to  the 
wing  motion  as  'externally-forced'. 

As  either  type  of  wing  motion  may  occur  in  V'i,»d-tunnel  experiments  it  is  instructive  to  contrast  the 
relationships  between  wing  motion  and  aerodynamic  force  (or  pressure  field)  in  the  two  cases.  The  prin- 
ciple result  is  that,  provided  the  buffeting  response  takes  the  form  of  a forced  vibration  (in  contrast  to 
nonlinear  flutter)  the  statistical  characteristics  of  fluctuating  pressures  (and  associated  aerodynamic 
forces)  are  fundamentally  different  even  for  identical  time  histories  of  wing  motion. 

For,  in  the  case  of  externally-forced  wing  motion,  the  ensemble  (family)  of  fluid  motions  corres- 
ponding to  a given  time  history  of  wing  motion  consists  of  3ll  those  flow  field  compatible  with  the 
boundary  conditions  imposed  by  the  wing  surface  velocities  (Fig. 9a).  In  the  case  of  a structurally- 
responding  wing,  however,  there  is  a smaller  ensemble  of  compatible  fluid  motions  consisting  of  that  sub- 
set of  flow  fields  which  satisfy  IN  ADDITION  the  relation  between  aerodynamic  force  and  wing  motion 
imposed  by  the  equation  for  structural  response  (Fig. 9b).  Since  the  aerodynamic  force  is  obtained  as  an 
integral  over  the  wing  involving  pressure  fluctuations  and  mode  shape,  in  the  case  of  a structurally- 
responding  wing  there  is  an  additional  integral  constraint  enforced  on  the  ensemble  of  possible  flow 
fields.  A particular  consequence  is  the  difference  in  statistical  properties  of  the  fluctuating  pressure 
fields,  and  associated  aerodynamic  forces,  on  externally-forced  and  structurally-responding  wings.  This 
difference  was  illustrated  by  means  of  a numerical  example  in  Refs. I and  2.  In  this  example  Z(t)  rep- 
resents the  motion  of  a wing  and  ylt)  the  associated  total  aerodynamic  force  when  the  wing  is  structur- 
ally responding  in  an  elastic  mode  (as  in  Fig. 4).  The  power  spectra  of  Z(t)  and  y(t)  are  illustrated 
in  Fig. 10.  It  can  be  seen  that  whilst  $z  has  a peak  at  the  resonant  frequency  of  the  mode,  ♦y  has  a 
corresponding  region  of  low  spectral  density  (a  'notch'  in  th^  spectrum)  associated  with  the  mutual  can- 
cellation of  the  aerodynamic  forcing  and  damping  fields. 

Suppose  now  that  the  wing  is  constrained,  by  means  of  externally-imposed  forces  as  in  Fig. 9a,  to 
reproduce  the  time  history  Z(t)  . The  power  spectrum  $z  will  thus  be  unaltered.  However,  Z(t)  will 
now  be  completely  uncorrelated  with  the  random  component  of  aerodynamic  force  (x(t)  in  Fig. 4). 

It  can  then  be  shown^*^  that  the  spectrum  of  the  resulting  aerodynamic  force  y(t)  (obtained  as  a 

weighted  integral  of  fluctuating  pressures)  differs  from  as  illustrated  in  Fig. 10,  having  a peak 

related  to  that  in  y 
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In  R«f,2  the  eonsequancss  of  eh«  abova  result  for  tha  interpretation  of  fluctuating  pressure  measure- 
ments from  full-scale  flight  tests  and  wind-tunnel  experiments  are  discussed.  It  is  concluded2  thse  the 
interpretation  of  flight-test  measurements  is  complicated  by  the  delicate  phase-balance  existing  between 
the  spatially-overlapping  aerodynamic  excitation  and  response  fields  (including  aerodynamic  damping).  It 
is  also  suggested2  chat  considerably  more  information  may  be  obtained  from  wind-tunnel  tests  if  fluctuat- 
ing pressures  on  structurally-responding  wings  and  on  rigid  wings  with  similar  geometry  are  compared. 

2 

Prom  the  point  of  view  of  parameter  identification,  perhaps  the  most  significant  consequence  of  the 
above  analysis  is  that  information  concerning  the  Aerodynamic  transfer  function,  and  in  particular  aero- 
dynamic damping  (Fig. 4),  can  NOT  be  obtained  (e.g.  by  croea-corralation)  from  the  time  histories  of  wing 
motion  and  the  associated  aerodynamic  pressure  fields  measured  on  a structurally-responding  buffeting 
wing. 


6.4  HUMAN  OPERATOR  CONTROLLING  A SYSTEM  WITH  RATE  RESPONSE 

We  consider  the  situation  illust-ated  in  Fig. 6 with  system  A corresponding  to  the  human  operator  and 
system  B to  the  system  he  is  controlling.  Thus  P is  the  operator  describing  function,  or  transfer 
function,  and  n(t)  the  pilot  'remnant',  or  noise  source,  due  to  such  things  as  sampling  effects  or 
random  errors  of  judgement  of  the  'error'  e(t)  • Alternatively,  n(t)  can  be  partly  an  intentional 
signal  injected  by  the  operator  as  a means  of  monitoring  the  system  response. 

S is  the  transfer  function  of  the  system  response  to  control  signal  c(t)  . For  instance,  if  wa 
assumed  that  the  control  of  aircraft  bank  angle  can  be  regarded  aa  a single-loop  task  then  wa  could  inter- 
pret the  quantities  in  Fig. 6 as  follows:  i(c)  is  the  bank  angle  response  to  gusts,  i.c.  the  time  history 
of  bank  angle  that  would  result  if  no  attempt  were  made  to  control.  e(t)  is  the  actual  bank  angle  in  the 
controlled  case.  c(t)  is  pilot  stick-force,  related  to  aileron  deflection.  S ia  the  transfer  function 
of  aircraft  response  to  pilot  s tek  force.  The  pilot  attempts  to  produce  a bank-angle  response  to  stick 
force  which  opposes  i(t)  thus  keeping  e(t)  , the  actual  bank  angle,  small. 

Methods  jf  parameter  identification  that  have  been  used  in  the  past  to  define  the  husur;  operator  in 
terms  of  P and  n(t)  include 

(a)  cross  power  spectral  analysis 

(b)  adaptive  analogue  model. 

Advantages  that  have  been  claimed  for  the  latter  method  are  that  it  saves  computational  effort  and 
that  it  can  be  used  for  non-stationary  processes,  possibly  in  real  time.  The  method  of  application  is  to 
assume  a model  P*  with  several  variable  parameters.  The  error  signal  e(t)  is  fed  to  the  model  which 
proceeds  to  adapt  itself  (by  means  of  auxiliary  loops)  so  as  to  minimise  some  functional  such  aa  the  mean 
square  difference  (averaged  over  some  fixed  time)  between  its  own  output  c*(t)  and  that,  c(t)  , of  the 
human  operator.  Within  the  limitations  of  the  assumed  model  form,  the  model  is  thus  decigned  to  sdape  to 
the  'best*  linear  transfer  function  from  e to  c , in  a mean-square  error  sense.  We  are  concerned  here 
with  clarifying  the  effect  of  pilot  'remnant'  or  random  noise  n(t)  on  the  adapted  state  of  the  (deter- 
ministic) model. 

As  described  in  section  6.2,  the  best  linear  transfer  functions  from  e to  c in  a mean-square 
error  sense  is  in  fact  P'  , as  given  by  equation  (23).  The  model  will  thus  adapt  itself  so  ss  to  give 
the  best  fit  of  its  assumed  form  to  the  linear  transfer  function  P'  . 

A theoretical  treatment  of  the  case  of  a human  operator  controlling  a system  with  rate  response  has 
been  given  by  Durand  and  Jex24,  whose  results  we  q”ote  here.  The  theoretical  model  is  very  simplified  but 
appears  to  be  consistent  with  the  main  features  of  existing  experimental  data. 

24 

Durand  and  Jex'a  theoretical  model  is  as  follows  . The  closed-loop  system  is  as  illustrated  in 
Fig. 6.  The  system  response  is  given  by 


K 

C m - C 

5 *(T  V ♦ n 


Tr  - 0.4  s . (24) 


(The  negative  sign  arises  because  the  output  ttora  S opposes  the  signal  i(t).)  The  assumed  form  for  the 
describing  function  of  the  human  operator  is  taken  to  be 
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P 
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T - 0.1  s . (25) 
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where  T represents  a time  lag. 

P 

The  power  spectrum  of  the  input  disturbance  i(t)  is  taken  to  be  as  illustrated  in  Fig. 11  with 
constant  power  I2  per  unit  band  up  to  a cut-off  frequency  taken  to  have  the  value  * 1 rad/a  . 

The  operator's  noise  n(c)  is  assumed  to  be  proportional  to  his  gain  Kp  and  is  taken  in  the  form 

n(t)  - K N(t)  , (26; 

P 

2 

wh**re  N(t)  is  assumed  to  have  constant  power  N per  unit  band  up  to  a sharp  cut-off  at  ^ * 10  rad/s. 
^ e input  disturbance  to  noise  power  ratio  is  taken  to  be  I/N  ■ 30  . The  results  to  be  discussed  are  not, 

in  fact,  very  sensitive  to  the  exact  form  of  the  operator  noise,  the  only  basic  property  being  that  it  has 

considerably  greater  bandwidth  than  the  input  noise.  In  practice  the  exact  form  of  noise  will  probably 
v ry  to  quite  a large  extent  from  operator  to  operator. 
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Th«  tnuMd  input  spectra  lead  to  a theoretical  error  tftet run  (rig.  12)  having  tvo  distinct  peaks: 
one  at  and  one  at  the  closed- loop  natural  frequency.  As  the  operator  increases  his  gain  K.  to 

reduce  the  external  input  errors,  the  assumed  fora  of  pilot  noise  implies  that  the  noise  errors  Increase. 
In  fact  there  will  exist  a theoretically  optimum  gain  K-  which  ainixiaee  the  overall  aean  square  error. 
The  resulting  closed-loop  frequency  and  damping  ratio  corresponding  to  this  optimum  gain  turn  out?*  in 
this  case  to  take  values  3.3  rad/s  and  0.2  respectively.  This  damping  ratio  is  rather  low  but  the  above 
parameter  values  are  not  inconsistent  with  existing  experimental  data.  The  corresponding  components  of 
the  error  spectrum  are  illustrated  in  Fig. 12.  Note  that  the  power  in  the  error  signal  at  around  the 
closed  loop  natural  frequency  is  due  to  operator  noise  and  is  uncorrelatud  with  the  external  disturbance 
input.  In  general,  of  course,  the  input  power  spectrum  would  not  cut-off  as  sharply  as  shown  in  Fig. 1 1 
and  aa  a result  the  components  of  +tt  would  not  be  as  distinct  as  in  Fig. 12.  The  low  frequency  peak 
would  be  much  less  sharp  and  between  the  peaks  would  be  a ragJ  yn  where  the  contributions  of  and 

i+eefQ  vtr€  of  equal  importance. 

Consider  now  the  behaviour  of  the  adaptive  analogue  model  in  this  case.  Aa  explained  earlier,  the 
model  will  adapt  itself  so  as  to  give  the  best  fit  of  the  assumed  model  form  to  P’  , where  P’  it  given 
by  equation  (23).  It  can  be  seen  that  in  this  case  we  hdve 

0 < u < 

(27) 

u».  < w < u • 
i n 


According  to  the  (idealised)  theory  of  Ref. 24,  this  is  the  transfer  function  to  which  the  ’pilot 
analogue  model'  would  adapt. 

In  practice,  the  input  spectrum  #£i  (Fig. II)  would  not  be  cut  off  so  sharply  and  hence  i(t) 
would  have  some  energy  at  frequencies  above  . Thus  P*  , equation  (23),  would  contain  some  contribu- 
tion from  P in  the  frequency  range  u > . Nevertheless,  in  the  neighbourhood  of  the  closed-loop 

netural  frequency  it  is  likely  that  the  dominant  term  in  P'  would  still  be  the  contribution  from  I/S  • 

We  conclude  that  the  parameters  in  the  analogue  model  which  most  strongly  influence  response  at  the 
closed  loop  natural  frequency  will  tend  to  adapt  so  as  to  give  a good  match,  not  to  the  human  operator 
transfer  function  P but  to  the  inverse  of  the  transfer  function  S of  the  controlled  system.  A more 
detailed  discussion  is  presented  in  Ref. 23,  where  it  is  argued  that  there  will  be  a particularly  strong 
influence  of  I/S  on  lead  terms  (i.e.  coefficients  proportional  to  s in  the  numerator)  in  the  assumed 
analogue  model. 

7 CONCLUDING  REMARKS 

We  have  discussed  a variety  of  systems  characterized  by  their  high  level  of  internally-generated 
fluctuations,  and  reviewed  the  problem  of  formulating  appropriate  theoretical  model  structures  for  such 
systems. 

Practical  examples  include  aircraft  buffeting  and  wing-rocking,  where  the  fluctuations  are  associated 
with  the  unsteady  behaviour  of  separated  flow.  The  importance  of  understanding  these  phenomena  lies  in  the 
fact  that  modern  high-performance  aircraft  often  have  to  operate  in  such  states  in  order  to  fully  exploit 
their  manoeuvre  f light-enevelope.  Applications  of  theoretical  models  of  the  phenomena  include  planning 
and  interpretation  of  appropriate  wind-tunnel  tests,  as  a basis  for  prediction  of  full-scale  behaviour, 
and  programming  of  ground-based  simulations  of  manoeuvring  conditions. 

The  mutual  interaction  between  a dynamically-responding  wing  and  a separated  flow  field  can  take  two 
forms:  in  one  the  wing  motion  is  'forced'  by  the  fluctuating  flow  field,  in  the  other  che  joint  motion  of 
wing  and  flow  field  arises  as  a mutual  interaction.  The  distinction  is  that  in  the  former  the  nonlinear 
process  of  energy  transfer  from  the  free  stream  to  the  fluctuations  is  predominantly  a flow-field  phenome- 
non, the  response  of  the  wing  possibly  modifying  but  not  fundamentally  interfering  with  this  process;  in 
the  latter  case  the  nonlinear  energy  transfer  mechanism  depends  fundamentally  on  the  coupling  between  flow 
field  and  wing  motion. 

We  have  stressed  the  desirability  of  correctly  modelling  the  manner  in  which  system  behaviour 
changes  as  some  controlling  parameter,  such  as  wing  incidence,  is  continuously  varied.  Of  particular 
importance  are  conditions  where  the  behaviour  of  the  system  undergoes  a basic  qualitative  change,  for 
instance  from  a nonfluctuating  to  a fluctuating  state.  Mathematically  such  qualitative  changes  are  rep- 
j resented  by  ’bifurcations'  in  the  state  of  the  model.  From  a generalised  point  of  view  such  bifurcations 

| may  be  associated  with  a loss  of  stability  either  of  the  coupled  f lov-f ield/responding-ving  combination 

• (as  in  classical  flutter)  or  of  the  flow  field  in  isolation  (i.e.  a purely  hydrodynamic  instability, 

j independent  of  wing  motion,  leading  to  fluctuating  flow  conditions).  Another  important  phenomenon  that 

{ can  occur  as  the  controlling  parameter,  say  wing  incidence,  is  continuously  increased  is  the  'locking-in* 

‘ of  previously  random  flow  fluctuations  so  as  to  have  a deterministic  relationship  to  wing  motion.  Thus 

i 'buffeting'  can  become  transformed  to  'nonlinear  flutter'. 

5 An  important  element  in  the  application  of  such  modelling  concepts  to  practical  situations  is  the 

planning  and  interpretation  of  appropriate  experiments.  In  this  context  there  is  an  important  role  to  be 
| played  by  'diagnostic*  experiments,  whose  purpose  is  to  investigate  the  qualitative  characteristics  of  the 

| system,  i.e.  to  find  the  appropriate  model  structure.  We  have  elsewhere*  discussed  such  qualitative  use  of 

| measurements  of  fluctuating  pressures  in  studies  of  buffeting  and  wing-rocking. 

j Lastly,  we  have  emphasised  that  the  identification  of  a system  from  its  'input*  and  'output*  is  a 

questionable  procedure  when  the  system  has  a high  level  of  internal  fluctuations  and  is  operating  as  part 
*.  of  a closed  loop.  In  such  a situation  it  may  be  necessary  to  inject  a measurable  'test-signal*  to 
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s«p4rat«  th«  characteristics  of  th«  ayataai  under  investigation  from  Chosa  of  the  ay a tana-  comprising  the 
raat  of  cha  loop. 
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ABSTRACT 

This  paper  describes  a procedure  for  the  estimation  of  the  nonlinear  aerodynamic  stability  and 
control  coeffl.iencs  at  high  aircraft  angles  of  attack.  It  is  based  on  a nonlinear,  iterated  Kalman  tiV.jif 
fixed-point  smoother  identification  algoritha  and  a least  square',  equation  error  method.  Key  ingredients 
for  successful  identification  are  the  mathematical  model,  instrumentation  system,  control  inputs  and  the 
identification  algorithm.  The  major  emphasis  here  is  placed  on  the  use  of  the  identification  procedure  in 
analyzing  high  angle  of  attack  flight  data. 

Specifics’ ly,  model  form  and  initial  estimates  are  established  from  wind  tunnel  data  using  series 
expansions  to  represent  the  nondimensional  force  and  moment  coefficients  for  selected  ranges  of  angle  of 
attack.  This  high  dimensional  representation  is  reduced  by:  (i)  preprocessing  the  flight  data  using  the 

instrumentation  system  model  and  the  slx-degree-of-freedoa  aircraft  kinematic  equations  to  perform  optimal 
state  estimation  and  hence  decrease  the  effects  of  instrumentation  errors;  and  (il)  separating  the  six 
equations  of  motion  into  two  separate  four-degree-of-freedom  systems;  one  for  extracting  the  longitudinal 
coefficients  and  the  other  for  the  lateral-directional  coefficients. 

Specific  problems  associated  with  the  identification  procedure  at  high  angles  of  attack  and  parameter 
identif lability  problems  caused  by  poorly  conditioned  flight  data  are  reviewed.  Selection  of  the  coordi- 
nate system  for  the  aircraft  model,  the  determination  of  the  initial  covariance  estimates  and  the  measure- 
ment and  process  noise  statistics  required  to  use  the  iterated  Kalman  technique  are  discussed.  The 
results  and  problems  of  identifying  the  F-4E  high  angle  of  attack  aerodynamic  characteristics  from  records 
taken  during  the  Air  Force  acceptance  tests  of  this  aircraft  are  presented.  These  results  are  in  the  fora 
of  time  history  matches  and  comparisons  of  the  estimated  coefficients  with  wind  tunnel  data. 


INTRODUCTION 

Effective  solutions  to  the  problem  of  inadvertent  departure  and  subsequent  post-stall  gyrations  of 
modem,  high  performance  aircraft  are  dependent  upon  an  accurate  description  of  the  aerodynamic  character- 
istics of  the  vehicle  at  high  angles  of  attack.  This  paper  describes  a systematic  procedure  for  the 
estimation  or  Identification  of  the  significantly  nonlinear  arrodynamic  stability  and  control  coefficients 
at  high  angles  of  attack.  The  actual  post-stall  gyration  time  histories  of  an  F-4E  are  used  to  verify  the 
identification  techniques  used.  The  results  are  extensively  described  in  Reference  1. 

The  key  ingredients  for  successful  identification  are  a suitable  form  of  mathematical  model,  the 
accuracy  and  adequacy  of  the  instrumentation  system,  the  control  inputs  or  excitation  to  the  airframe  and, 
finally,  the  identification  algorithm  used  to  extract  the  unknown  coefficients  of  the  aerodynamic  and 
instrumentation  models.  This  paper  discusses  all  these  aspects  of  the  identification  process,  but  empha- 
sizes the  efficiency  of  the  nonlinear,  iterated  Kalman  filter/fixed  point  smoothing  identification  algo- 
rithm for  obtaining  accurate  results. 

Special  attention  is  given  to  the  description  and  identification  of  the  instrumentation  system  used 
during  the  flight  testing  of  the  aircraft  and  to  techniqu  s for  reducing  the  dimensionality  problem  of 
simultaneously  identifying  the  aerodynamic  parameters  of  all  six  equations  of  motion  of  the  F-4E  aircraft. 

The  results  are  in  the  form  of  time  history  matches  and  comparisons  of  the  extr.  ted  aerodynanic 
coefficients  with  wind  tunnel  estimates.  The  functional  dependency  of  the  nondimensional  stability  and 
control  parameters  on  angle  of  attack  of  the  full  scale  airplane  was  found  to  compare  favorably  with  data 
obtained  in  two  separate  wind  tunnels. 

This  paper  is  organized  as  follows.  The  identification  problem  at  high  angles  of  attack  is  first 
reviewed  and  the  identification  procedure  and  algorithms  used  are  briefly  presented.  Thi*  is  followed  by 
a description  of  the  system  models  employed  ? some  general  comments  relating  to  the  identification. 
Sample  results  are  then  presented  . »ing  the  F-4E  high  angle  of  attack  flight  data. 


AIRCRAFT  IDENTIFICATION  AT  HIGH  ANCLES  OF  ATTACK 

Aircraft  parameter  identification  is  associated  with  the  extraction  of  stability  and  control  parameters 
from  flight  test  data  in  the  form  of  tine  history  responses  of  the  aircraft  and  applied  control  inputs.  It 
is  well  known  that  the  ability  to  extract  stability  and  control  parameters  from  flight  test  data  depends 
upon  many  elements  related  to  both  the  theory  of  identification  and  the  very  practical  matter  of  flight  test 
experience,  but  four  major  ingredients  predominate.  These  four  ingredients  are: 

1.  Mathematical  modeling 

2.  Instrumentation 

3.  Maneuvers  or  experiment  design 

4.  Identification  algorithms 


This  work  was  supported  under  Contract  No.  F3361S- T2-C- 1 248 , Air  Force  Flight  Dynamics  Laboratory, 
Nright-Pattcrson  Air  Force  Base,  Ohio  • 
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The  first  three  are  illustrate-!  in  Figure  1,  which  is  e conceptual  block  diagram  of  the  actual  aircraft 
and  the  general  nodal  used  for  parameter  identification  purposes.  The  equations  of  notion  of  the  aircraft 
are  written  in  the  conventional,  but  general  forn: 

i ■ f(%,  p,u)*ur(e),  x(tj  • %0  {1) 

<4i  - h(x(,-p,  u,)  * tf  , t ......  v 

Mhtrt 


X m 


■P  - 

U m 


* 


state  vector  for  the  aircnft  and  associated  dynamical  system 

unknown  parameter  vector 

control  input  vector  such  as  S,  , SA  , Sr 

measurement  vector  of  sensor  outputs  at  discrete  time  points 

functional  form  of  aircraft  and  measurement  system  model 


and  ur(t)  and  V\  are  zero  mean,  Gaussian  white  noise  vectors  which  represent  errors  in  the  formulation  of 
the  model  (that  is,  missing  tens,  unknown  inputs,  etc.)  and  the  inherent  random  error  in  the  instrumenta- 
tion, respectively.  The  first  equation  in  Equation  (1)  is  commonly  referred  to  as  the  dynamical  model  of 
the  system  to  be  identified,  or  the  equations  of  motion  of  the  aircraft  if  sensor/control  system  dynamics 
are  neglected,  and  the  second  equation  the  measurement  system.  The  unknown  constant  parameter  vector  to  be 
identified  from  the  control  inputs  and  noisy  sensor  outputs  satisfies 

y?  - 0 (2) 

where  -p  can  contain  unknown  aircraft  initial  conditions,  aerodynamic  parameters,  and  instrumentation  errors 
such  as  constant  biases,  for  example.  Given  the  first  three  ingTedients--that  is,  the  model,  the  instru- 
mentation and  the  proper  maneuvers  (e.g.,  control  inputs)to  insure  that  the  unknown  parameters  are  identi- 
fiable from  the  measurements — then  the  identification  technique(s)  can  be  successfully  used  to  obtain  these 
unknowns.  In  fact,  if  the  instrumentation  is  complete,  very  accurate  and  noise-free,  if  the  model  form  can 
adequately  represent  the  motions  of  the  aircraft  without  significant  error,  and  if  all  the  degrees  of 
freedom  of  motion  of  the  aircraft  are  properly  excited  to  allow  for  unique  identifiability  of  the  unknown 
parameters,  then  some  of  the  simplest,  sr.-aightforward  identification  techniques  can  be  used  to  accurately 
obtain  the  stability  and  control  para.sei<rs  of  the  vehicle.  Before  outlining  the  specific  problems  and 
our  approach  associated  with  identification  at  high  angles  of  attack,  the  identification  techniques  used 
will  first  be  discussed. 


Identification  Algorithms: 


The  identification  algorithms  used  here  are  a classical  least  squares  (LS)  linear  regression  method 
and  a locally  iterated  Kalman  filter/fixed-point  smoothing  algorithm  (IKF/FP).  This  technique  is 
explained  more  fully  in  Appendix  V of  Reference  1 and  a more  complete  documentation  is  available  in  Refer- 
ences 2 and  3. 

The  LS  method  is  a simple  and  efficient  technique  which  is  used  to  establish  the  initial  model  form 
and  to  provide  a set  of  initial  parameter  estimates  and  a set  of  approximate  variances  of  these  estimates  for 
initializing  the  IKF,  if  so  desired.  Once  the  model  form  f(  ) is  chosen,  this  method  minimizes  the  error  in 
satisfying  the  equations  with  respect  to  the  unknown  parameter  vector  (y>)  in  the  equation.  That  i s,ur(t  ) 
in  Equation  (1)  is  minimized  with  respect  to  yJ  and  consequently,  it  is  called  an  equation  error  method.  This 
method  also  provides  an  indication  as  to  the  adequacy  of  the  model  form  and  the  identifiability  of  the  param- 
eters representing  the  model.  The  structural  form  of  f(  ),  which  is  one  of  the  key  problems  at  high  angles 
of  attack,  is  established  with  the  use  of  the  LS  technique  as  a guide  by  visual  observation  of  the  fit  and 
by  adjusting  the  model  form  so  as  to  minimize  the  estimate  of  the  variance  of  the  equation  error, ur(i). 

This  estimate  is  equal  to  the  sum  of  squares  of  the  error  in  the  fit  divided  by  the  numbers  of  degrees  of 
freedom,  that  is,  the  number  of  data  points  used  minus  the  number  of  unknown  parameters  being  identified. 

The  restrictions  of  this  technique,  as  it  is  used  here,  are  that: 

1.  All  measurements  of  i (aircraft  accelerations)  and*  must  be  available. 

2.  The  estimates  are  biased  if  the  state  measurements''  ;)  are  noisy;  that  is,  if  V-  y 0 in  Equation  (1)  . 

Once  f(  ) has  been  established,  to  account  for  both  equation  error  (process  noise  u/(t  ))  and  instru- 
mentation error  ( z/£  ) , the  identification  problem  is  transformed  to  a nonlinear  filtering  problem  by  aug- 
menting the  aircraft  state  equations  with  the  parameter  vector  model.  Equation  (2).  The  problem  can  then 
be  viewed  as  one  of  fixed-point  smoothing,  that  is,  estimating  both  the  unknown  parameters  and  the  initial 
condition  of  the  aircraft  from  the  data.  With  this  as  a starting  point,  the  estimation  philosophy  may  then 
be  divided  into  two  major  groups:  Bayesian  and  non-Bayesian.  The  difference  between  these  groups  is  that 
Bayesian  philosophy  can  take  into  account  a priori  information  about  the  data  of  unknowns,  whereas  non- 
Bayesian  does  not.  The  Bayesian  philosophy  assumes  that  the  entire  information  available  to  an  estimator  is 
contained  in  the  a posteriori  density  function;  that  is,  the  density  function  of  the  unknowns  given  the  data. 

With  the  Bayesian  philosophy,  two  estimation  criteria  can  be  considered: 

1.  The  minimum  variance  or  minimum  mean  squared  error  criterion;  the  resulting  estimator  is  the 
conditional  mean,  that  is,  the  expected  value  of  the  a posteriori  density  function,  or 

2.  Maximum  likelihood  (Bayesian)  or  most  probable  estimate,  which  is  the  mode  of  the  a_  posteriori 
density  function. 

The  developeient  of  the  identification  algorithm  used  for  the  research  described  in  this  paper  is 
documented  in  Reference  2.  Using  a mean  square  error  criterion,  the  resulting  recursive  algorithm  is  a 
fora  of  nonlinear,  iterated  Kalman  filter/fixed-point  smoother.  The  nonlinear  filter  used  is  a fora  of 
an  extended  Kalman  filter  utilizing  a "local  iteration"  scheme  between  successive  measurements  to  reduce 
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the  error*  in  linearizing  the  tni  Aft ,fiu)  functions  by  Improving  the  reference  trajectory.  This 

Uproveaent  is  acco^lished  by  saoothins  aach  measurement  data  point  backwards  in  time  otta  point  and  re- 
linearizing,  In  addition,  tha  outputs  of  tha  filter  at  aach  data  point  can  be  used  in  a fixed-point 
smoothing  algoritha  to  produce  a batter  saoothed  estimate  of  tha  aircraft  Initial  condition. 

This  technique  is  both  a response  error  and  an  equation  error  einiei ration  technique  under  the  usual 
Gaussian  assumptions  in  the  error  sources.  That  it,  the  technique  adjusts  the  paraaeters  of  tha  modal  so 
as  to  minimize  the  "weighted"  errors  between  both  the  measured  responses  (accelerations  included)  and  the 
error  in  formulating  tha  equations  of  motion  of  the  airplane.  The  weighting  in  the  measurements  is  selec- 
ted to  be  compatible  with  the  accuracy  of  tha  instrumentation  and  recording  system,  whereas  the  weighting 
of  the  equation  error  is  compatible  with  tha  error  in  the  mathematical  model  of  the  airplane.  These  error 
sources  are  commonly  referred  to  as  the  measurement  and  process  noise,  respectively. 

The  selection  of  these  noise  statistics  in  particular  is  an  iterative  process  which  is  carried  out  in 
practice  by  observing  the  residual  sequences  (measurement  data  minus  predicted  measurements)  of  the  filtering 
operation  and  adjusting  the  statistics  as  required  to  force  consistency  between  the  predicted  and  actual 
dispersion  of  the  residuals.  If  the  model  is  correct  (implies  both  form  and  statistics  used),  the  actual 
dispersions  of  the  residuals  should  be  zero  mean,  white  and  consistent  with  *he  theoretically  calculated 
statistics.  Tha  residuals  and  the  final  covariance  matrix  in  tha  algoritha  also  serve  as  additional  checks 
on  the  adequacy  of  the  model  form  and  accuracy  and  identifiabllity  of  the  parameter  estimates. 

Besides  the  form  of  the  model  and  the  noise  statistics,  two  additional  pieces  of  Information  are  re- 
quired to  perform  the  identification  with  the  IKF.  These  are  the  inititl  estimates  of  the  paraaeters  and 
states  and  the  variance  of  the  Initial  estimate  (Pe  ).  These  can  be  obtained  using  wind  tunnel  data  and 
a knowledge  of  the  aircraft  being  identified  or  else  by  the  LS  initial  estimates.  In  practice,^,  which 
represents  the  Initial  uncertainty  of  these  estimates,  is  usually  adjusted  to  ensure  that  the  final  param- 
eter estimates  are  not  affected  by  its  value.  This  is  accomplished  by  increasing  the  magnitude  of  until 
the  Initial  estimates  have  no  effect  on  the  final  values. 

Specific  Problems  and  Identification  Procedure: 

In  relation  to  the  major  ingredients  for  successful  identification  outlined  above,  there  are  four 
additional  problems  which  increase  the  difficulties  in  identifying  nonlinear  stability  and  control  character- 
istics in  the  post-stall  high  angle  of  attack  flight  regime.  These  are  associated  with: 

1.  The  complexity  and  uncertainty  of  the  aerodynamic  model (s)  required, 

2.  the  gross  or  large  maneuver  requirements, 

3.  the  instrumentation,  and 

4.  the  short  time  duration  of  maneuvers  where  one  particular  model  is  applicable. 

The  first  three  requirements  lead  to  a very  high  dimensional  (and,  therefore,  a computationally  de- 
manding) Identification  problem  because  of  the  large  number  of  unknown  parameters  needed  to  represent  the 
model  accurately.  The  fourth  item  further  compounds  the  problem  because  the  relatively  unstable  and  uncon- 
trollable nature  of  the  aircraft  in  this  flight  regime  could  force  the  aircraft  to  traverse  the  angle  of 
attack  range  of  interest  rather  quickly,  thereby  providing  only  short  time-duration  records  if  the  aircraft 
maneuvers  are  not  first  carefully  planned.  The  approach  taken  here  was  to  reduce  the  dimensionality  of  the 
identification  problem  by  separating  the  overall  problem  into  separate  lower  dimensional  problems,  the 
solutions  of  which  are  computationally  practical.  The  three  areas  of  concern  and  the  approach  taken  are 
discussed  below. 

First,  the  aircraft  model,  that  is,  the  functional  forms  of  f ( ) and  h ( ) in  Equation  (1),  must 

be  selected  to  adequately  represent  the  aircraft  motions  to  be  measured.  The  model  should  co.itain  all  of 
the  terms  of  significance  that  contribute  to  the  forces  and  moments  on  the  airframe.  This  includes  kine- 
matic terns,  inertia  coupling,  gravitational,  thrust,  engine  gyroscopic  effects  and  aerodynamic  forces  and 
moments.  The  aerodynamic  forces  and  moments  in  this  fl<ght  regime  are  highly  nonlinear  functions  of  several 
variables  and  a Taylor's  series  representation  of  the  aerodynamics,  where  the  constant  coefficients  in  these 
expansions  are  the  unknown  parameters  to  be  identified,  can  contain  a large  number  of  tents  that  can  be 
candidates  for  logical  inclusion  in  the  model. 

In  order  to  reduce  the  number  of  terms,  three  approaches  can  be  taken  to  the  problem  of  identification 
of  high  angle  of  attack  (a)  aerodynamics.  They  can  be  described  as: 

e fixed  point  identification 

• complete  range  identification 

e limited  range  identification 

Fixed  point  identification,  where  the  small  perturbation  equations  of  motion  about  a trim  or  reference 
flight  condition  may  be  applicable,  has  the  favorable  feature  of  using  simple  linear  models  with  a small 
number  of  parameters  to  identify.  However,  its  major  drawback  for  high  angle  of  attack  identification  is 
that  the  model  is  good  only  for  very  short  periods  of  time,  too  short  to  get  meaningful  identification 
results.  Stability  derivatives  change  very  rapidly  at  high  angles  of  attack,  so  a fixed  point  identification 
would  only  be  good  for  a very  small  range  of  a . Compounded  with  this  drawback  is  the  fact  that  the  air- 
plane may  be  highly  unstable  at  high  angles  of  attack  so  that  the  airplane  cannot  be  held  at  a particulars: 
for  any  significant  length  of  time. 

The  complete  angle  of  attack  range  approach  to  identification  overcomes  the  problems  of  using  a linear 
model  at  fixed  points  to  describe  a highly  nonlinear  system.  Using  the  complete  range  approach,  an  analyt- 
ical aerodynamic  model  complex  enough  to  describe  the  aircraft  at  all  angles  of  attack  can  be  developed. 
There  would  be  no  need  to  try  to  hold  an  unstable  airplane  at  a constant  angle  of  attack.  However,  there  is 
the  problem  of  having  too  complex  a model.  To  adequately  define  the  complete  aerodynamics  of  an  aircraft 
from  normal  cruise  a.  through  post  stall  maneuvers  may  require  more  than  150  parameters.  The  practicalities 
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and  •conoaics  o t enabling  an  identification  technique  to  handle  such  a large  nodel  precluded  the  possibility 
of  taking  this  approach. 

A United  range  of  angle  of  attack  identification,  where  the  model  is  applicable  for  a selected  range 
of  angle  of  attack,  for  example,  is  a practical  compromise  between  the  above  two  approaches.  Kith  this 
approach  an  analytical  model  is  chosen  to  adequately  represent  the  aerodynamics  for  selected  ranges  of 
angle  of  attack,  sideslip  angle,  Mach  number,  and  altitude.  The  ranges  are  selected  on  the  basis  of  wind 
tunnel  data  and  the  available  flight  test  data  within  the  candidate  ranges.  Hopefully,  enough  data  will  be 
available  in  each  range  so  that  the  unknown  parameters  can  be  accurately  extracted  and  that  only  the  param- 
eter values  change  for  different  ranges  of  Mach  number  and  altitude,  not  the  model  form.  After  identification 
of  the  aerodynamics  at  different  ranges  of  angle  of  attack,  a complete  model  can  be  pieced  together  to  define 
the  aerodynamics  of  the  aircraft  for  the  full  range  of  cc  . 

The  latter  approach  was  considered  the  only  one  feasible  for  this  program  because  of  the  flight  data 
base  available.  The  aerodynamics  to  be  identified  were  expressed  in  aircraft  body  axis,  nondime nsional  form 
instead  of  stability  axes  for  two  reasons: 

1.  The  extracted  coefficients  could  be  compared  directly  to  the  wind  tunnel  data  which  was 
presented  in  the  body  axis  system,  and 

2.  the  force  coefficients  ( £«,  and  £*.)  in  the  body  axis  system  are  directly  related  to  the 
individual  body  fixed  linear  acceleration  measurements  ( ri%  , an &»y). 

Taylor's  series  expansion  were  used  to  represent  these  nondimensional  coefficients,  where  the  coeffi- 
cients of  the  expansion  are  the  unknown  parameters  to  be  identified,  because  the  resulting  analytical  forms 
are  readily  amenable  for  use  in  the  present  identification  algorithms. 

The  following  assumptions  were  also  made: 

1.  Power  effects  were  included  in  the  aerodynamic  coefficients  to  be  estimated. 

2.  The  mass,  moments  of  inertia,  and  center  of  gravity  of  the  aircraft  are  known  precisely. 

3.  The  aircraft  is  rigid  and  no  turbulence  or  wind  effects  are  present. 

4.  Mach  effects  for  MC.s  and  hysteresis  effects  due  to  flow  separation  are  negligible. 

5.  Angle  of  attack  and  sideslip  angle  rate  effects  are  included  in  the  appropriate  rotary  derivatives. 

6.  Control  surface  deflections  are  measured  perfectly. 

7.  The  actual  complexity  of  the  aerodynamics  (that  is,  the  number  of  terms  and  the  functional 
dependence  of  the  variables)  is  no  greater  than  the  wind  tunnel  data  indicates,  especially 
for  the  static  coefficients. 

The  other  two  areas  which  increase  the  dimensionality  of  the  problem  are  the  instrumentation  system 
and  the  modeling  of  gross  maneuvers  which  requires  a complete  six-degree-of-freedom  representation  of  the 
aircraft.  Even  with  the  limited  range  identification  approach,  the  number  of  unknown  parameters  to  be 
concurrently  identified  is  still  extremely  large.  The  measurement  system,  h ( v , jo , W)  in  Equation  (1),  oust 
be  modeled  and  if  instrumentation  inconsistencies  or  bias  errors  are  present  in  addition  to  the  random 
error,  Vf  , these  errors  will  degrade  the  accuracy  of  the  estimated  aerodynamic  parameters  if  not  taken  into 
consideration  (References  3,  4 and  5).  If  these  effects  are  modeled  and  identified  simultaneously  with  the 
aerodynamic  parameters,  it  will  be  extremely  difficult  to  separate  errors  in  the  instrumentation  from  errors 
caused  by  incorrectly  representing  the  aerodynamics. 

This  consideration  is  especially  important  for  high  angle  of  attack  testing,  since  the  large  full 
scale  ranges  required  of  the  instrumentation  and  large  aircraft  maneuvers  accentuate  these  errors.  To  alie- 
nate this  difficulty,  and  consequently  reduce  the  number  of  parameters  to  be  concurrently  identified,  instru- 
mentation consistency  checks  and  error  estimation  can  first  be  performed  using  the  aircraft  kinematic  equation 
and  measurement  system  model  with  the  iterated  Kalman  filter/fixed-point  smoother.  The  equations,  which  are 
given  in  Table  I and  discussed  below,  are  the  six-degree-of-freedom  kinemat.c  equations  of  the  aircraft  with 
the  body-fixed  airframe  linear  accelerometers  and  rate  gyros  used  in  the  manner  of  a strapped  down  inertial 
measuring  unit.  This  mechanization  allows  for  the  extraction  of  instrumentation  biases  from  the  flight  data 
and  the  optimal  state  estimation  of  the  aircraft  trajectory  (V,  x , /B  , <2  , e ) using  the  Kalman  filter  to  fur- 
ther reduce  the  effects  of  measurement  noise.  In  addition,  an  automatic  procedure  ’«  thereby  provided  to 
optimally  transform  angle  of  attack  and  sideslip  angle  measurements  at  the  boon  to  those  at  the  center  of 
gravity  of  the  aircraft  and  to  estimate  the  aircraft  initial  conditions.  It  should  be  noted  that  if  angular 
acceleration  sensors  (yj,  j , r)  are  available,  which  was  not  the  case,  then  an  optimal  estimate  of  the  air- 
craft rotational  rates  (yo,  q , r)  can  also  be  easily  obtained  by  simply  expanding  the  instrumentation  con- 
sistency check  equations  to  model  these  additional  measurements. 

To  further  reduce  the  computational  burden,  when  employing  the  iterated  Kalman  filter,  the  six- 
degree-of-freedom  equations  of  motion  of  the  aircraft  were  separated  into  two  separate  four-degree-of- 
freedom  systems:  one  for  extracting  the  longitudinal  coefficients  (Ct , C.  and  C„)  and  the  other  for  the 
lateral-directional  coefficients  ( , C„  , and  Cy).  These  equations  ancf  a discussion  on  the  choice  of 

coordinate  system  used  are  given  in  the  following  section. 

In  summary,  the  overall  identification  procedure  is  illustrated  in  block  diagram  form  in  Figure  2. 

It  can  be  summarized  by  the  following  five  steps: 

1.  Model  form  is  initially  determined  from  wind  tunnel  data  by  representing  the  nondimensional  aero- 
dynamic force  and  moment  coefficients  by  Taylor's  series  expansion  for  selected  ranges  of  angle  of 

attack,  Mach  number,  and  sideslip  angle.  The  constant  coefficients  in  these  expansions  represent 

the  unknown  parameters  to  be  extracted  from  the  flight  data. 
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2.  The  six-degrw-of- frtedc-e  aircraft  kinematic  fquations  and  maaaureeant  system  modal  are  mechanized 
in  the  Iterated  Kalman  filter/fixed  point  smoother  (IKF/FP)  to  Identify  lnstrumentational  errors  In 
the  form  of  biases,  aircraft  Initial  conditions,  and  (enerate  an  optimal  state  estimate  of  the  air* 
craft  trajectory  (V,<*  , 0,0,0).  This  procedure  separates  the  identification  of  Instrumentation 
error*  Tom  the  identification  of  aerodynamic  parameters  and  reduces  the  effects  of  measurement  noise 
contaminating  the  air  data  and  attitude  measurement*. 

3.  The  results  of  step  2 are  used  to  compute  the  six  total  nondimensional  aerodynamic  forces  and  moments 

exerted  on  the  aircraft  using  the  corrected  rate  and  acceleration  measurements  and  computed  thrust 
and  engine  gyroscopic  characteristics.  Angular  accelerations  ,r")  are  obtained  from  angular 

rate  measurements  {p , q ,r).  Candidate  a^del  forms  selected  from  step  1 above  are  used  in  the  least 
squares  (LS)  identification  technique  to  identify  the  parameters  in  the  aerodynamic  model  forms  by 
miniating  the  error  in  satisfying  the  aerodynamic  equations  with  respect  to  the  unknown  parameters 
in  the  equations.  The  error  in  the  fit  and  the  normalized  regressor  in  the  technique  provide  an 
approximate  indication  as  to  the  adequacy  of  the  candidate  models  and  identiflablllty  of  the  unknown 
parameters  from  the  flight  data. 

4.  The  results  from  step  3,  tempered  with  the  values  for  the  coefficients  from  the  wind  tunnel  data, 
provide  £ priori  estimates  of  the  model  form  and  initial  parameters  and  covariance  estimates  for  the 
IKF  identification  technique.  Model  structure  verification  is  done  with  the  aid  of  the  residual 
sequences  in  the  Kalman  filter.  If  the  model  is  accurate,  and  the  lnstruaentation  errors  are  truly 
zero  mean,  these  residuals  are  zero  mean  and  random.  The  final  covariance  matrix  serves  as  a 
check  on  the  accuracy  and  identiflablllty  of  the  resulting  paraawter  estimates. 

5.  Model  verification,  the  last  step,  is  performed  by  building  up  an  aerodynamic  model  base  which  can 

be  used  in  a simulation  to  predict  the  tine  histories  of  flight  data  in  the  flight  regimes  of  applica- 
bility. This,  of  course,  represents  the  true  test  as  to  the  accuracy  of  the  extracted  parameters. 


SYSTEM  MODELS  FOR  IDENTIFICATION 

A total  of  three  models  were  used  in  the  iterated  Kalman  filter/fixed-point  smoother  identification 
algorithm.  These  were  the  aircraft  kinematic  equations  and  measurement  system  for  the  identification  of 
Instrumentation  errors  and  generation  of  state  estimates  of  the  aircraft  trajectory  ar.d  two  separate  four 
DOF  systems:  one  for  extracting  the  longitudinal  coefficients  {<3^  , a.  and  Cm)  and  the  other  for  extracting 

the  lateral-directional  coefficients  ( Cj  , and  . ' 

Aircraft  Kinematic  Equations: 

The  six-degTee-of-freedom  aircraft  kinematic  equations  and  measurement  systems  used  for  the  identifi- 
cation of  Instrumentation  errors  are  given  in  Table  I with  appropriate  definitions.  The  kinematic  equations 
are  written  in  the  aircraft  Dody  axes  systems  with  three  linear  inertial  velocities one  linear 
position  (A)  and  the  three  Euler  angles  (0,0,#)  as  state  variables.  Forcing  inputs  to  these  equations 
are  measured  time  histories  of  the  linear  accelerations  (r,  , corrected  to  the  c.g.)  and  the  rota- 

tional rates  (p , q . r) . Errors  in  these  measurements  are  modeled  Is  constant  biases  (for  example,  , 

' vfb  • A > It  • rt  ) to  be  identified.  Since  the  linear  accelerations  and  rate  gyro  measurements  are 
contaminated  with  random  measurement  noise,  the  use  of  these  measurements  in  the  kinematic  equation  intro- 
duces process  noise  or  equation  error  into  the  dynamical  system  and  consequently  makes  the  system  model 
stochastic.  These  noise  inputs  are  accounted  for  by  the  /'■  1,  ...»  6 noise  terms  in  the  equation. 

Seven  parameters  are  modeled  in  the  measurement  system.  These  include  true  airspeed  ( Vm) , boom  vane 
angle  of  attack  («»)  and  sideslip  angle  with  the  appropriate  corrections,  altitude  (*„,)  and  the 

three  Euler  angles  ( 8„,  <f„,  Bias  errors  are  included  in  all  measurements  to  be  Identified  in  addition 

to  scale  factor  errors  in  the  air  data  measurements  to  model  possible  airflow  effects.  Auxiliary  equations 
are  included  to  generate  optimal  state  estimates  of  V,ot  , (at  the  c.g.)  for  use  during  the  identification 

of  the  aerodynamic  coefficients.  Other  common  sources  of  sensor  errors,  such  as  time  lags  in  hm,  for 
example,  were  not  modeled  completely  but  were  accounted  for  in  the  bias  parameters  and  random  noise  terns. 
The  units  used  are  self-explanatory. 

Note  that  all  the  instrumentation  is  assumed  perfectly  aligned  to  the  aircraft  reference  body 
axis  and  that  the  major  source  of  errors  are  treated  as  biases  in  the  measurements  in  addition  to  the  ran- 
dom noise  terms.  The  rectangular  body  axis  coordinate  system  ( <J.,ir,ur ) was  used  instead  of  the  nonorthog- 
onal  system  (V,x,0)  because  the  accelerometer  biases  appear  linearly  in  the  dynamical  system  and  theoc, 

/3  vane  measurement  models  are  less  complicated  in  the  u,  tr,ur  system. 

The  instrumentation  consistency  check  equations  as  given  in  Table  I contain  two  approximations. 

These  are  associated  with  neglecting  the  effects  of  random  errors  (noise)  in  the  rate  gyro  measurements  in 
accounting  for  airplane  rotation  rates  in  the  oc^m  and  flv m measurement  models  and  the  linear  acceleration 
corrections  to  the  center  of  gravity.  Modeling  these  noise  terms  would  make  the  process  and  measurement 
noise  statistics  correlated  and  the  measurement  noise  nonstationary  and  extremely  complex.  Errors  in 
neglecting  these  effects  were  never  fully  investigated,  but  they  are  small  for  reasonable  levels  of  rate 
gyro  measurement  noise. 

However,  if  angular  acceleration  sensors  are  available,  the  errors  caused  by  the  above  approximations 
can  be  eliminated  by  simply  including  three  angular  acceleration  equations  in  the  dynamical  model  and  adding 
the  rate  gyro  measurements  to  the  measurement  system.  This  will  also  eliminate  the  modeling  of  rate  biases 
, rb  ) and  th taf4,urf.  and  urt  process  noise  terms  in  the  dynamic  model.  In  addition,  an  optimal 
estimate  can  now  be  generated  for  the  aircraft  rotational  rates, p,q  , and  r*.  The  additions  required  to 
the  equations  of  Table  I when  angular  acceleration  measurements  are  available  are  given  in  Equation  (3)  on 
the  following  page. 
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Dynamical  Model: 


P m Pm*  Pb  *<*7 
9 ‘9m*  9 A *urb 
r •f"m*rb  tar, 


(3«) 


Measurement  System: 

■Pm  ‘ P*Pb  *ve 

9m‘  9*  9b*vh  (») 

rm  - r * rb  + tr,g 

and  rb  sre  the  unknown  angular  acceleration  bits  perimeters  end  u/f , , end  u/^  the  random  component 

of  noiso  on  the  respective  »ee3ure»ents. 


Four-Degree-of-Freedoa  Longitudinal  and  Lateral -Directional  Models: 

as  indiceted  ebove,  the  representetion  of  the  aircraft  cherecteristics  in  the  post-stell  flight 
regime  when  lerge  maneuvers  ere  encountered  for  identification  purposes  requires  a six-degree-of- freedom 
(DOF)  nonlinear  equations-of -motion  model  and  at  least  two  kinematic  relationships  to  describe  the  evolution 
qf  the  roil  and  pitch  Euler  angles.  Further,  the  use  of  Taylor  series  expansions  to  adequately  represent 
all  six  aerodynamic  force  and  moment  coefficients  over  a large  enough  range  of  angle  of  attack  (as  dictated 
by  the  flight  data  being  used),  leads  to  a very  high-dimensional  and,  therefore,  a computationally  demanding 
identification  problem. 


To  circumvent  the  high  degree  of  dimensionality,  the  identification  problem  was  reduced  by  separating 
the  equations  of  motion  into  two  systems,  one  for  extracting  the  longitudinal  coefficients  (Qt,C-y  and  C„) 
and  the  other  for  extracting  the  lateral -directional  coefficients  (C/,  andtJy),  with  cross-coupling 
turns  entering  similarly  to  the  control  inputs.  The  systems  of  equations  used  are  given  in  Tables  II  and 
III  respectively,  along  with  appropriate  definitions. 

The  force  equations  in  both  systems  are  written  in  the  nonorthogonal  coordinate  system  (V,«e  ./?), 
instead  of  the  rectangular  body  axis  system  ( u.,  V,  u/)  .because  the  dynamic  equations  and  the  measurement 
system  are  the  most  linear  with  respect  to  the  state  variables  for  this  system.  This  is  the  case  because 
the  time  history  responses  of  V, at, fi  are  measured  directly  ( * and at  the  c.g.  are  available  as  state 
estimates  from  the  instrumentation  consistency  checks)  and  more  importantly  because  the  aerodynamic  forces 
and  moments  are  expressed  as  functions  of  x and  , so  that  auxiliary  calculations  are  not  required.  Both 
systems  are  also  four-degree-of-freedom,  instead  of  the  conventional  three.  The  lift  and  side  force  degrees 
of  freedom  are  included  in  both  sets  of  equations  because  the  aerodynamic  forces  and  moments  are  strong 
functions  of  both  x and  /3  ; particularly  a.  . Due  to  large  attitude  maneuvers,  the  roll  and  pitch  Euler 
angles  are  also  included  in  both  systems.  All  aerodynamic  coefficients  are  in  the  body  axis  reference 
system.  Although  the  aircraft  state  estimates  from  the  instrumentation  consistency  checks  serve  to  reduce 
the  bias  inherent  in  the  IS  estimates,  it  should  be  noted  that  their  use  as  measurements  in  the  IKF  invali- 
dates the  assumption  of  independent  measurement  noise. 


The  equations  are  fairly  general  and  no  simplifying  assumptions,  such  as  small  angle  approximation.- - 
for  example,  have  been  made  to  limit  their  range  of  applicability,  except  that  /S/*  90°.  In  addition,  to 
further  reduce  the  number  of  parameters  to  be  concurrently  identified,  the  linear  accelerometer  meas- 
urement can  be  used  to  account  for  the  x- force  contribution  (C*)  to  the  longitudinal  equations  and  similarly 
the  r<u  accelerometer  measurement  can  account  for  the  y-force  contribution  ( Cy ) in  the  lateral-directional 
model.  The  analytical  representation  of  a force  or  moment  coerficient,  tor  example,  the  Cmj  static  moment 
coefficient  of  Table  II,  is  given  by  the  typical  expression 


where  cc(i>,  fit'1  represent  the  i 44  power  of  i * and  the  j — power  of  /3  , respectively.  The  a and  (3  effects 
are  lumped  with  the  rotary  derivatives  due  to  their  linear  dependency.  That  is,  the  effects  or  sensitivity 
of  the  measured  responses  of  the  airplane  to  a variation  in  C„  or  , for  example,  would  be  almost 

identical.  ’ 


In  both  models,  the  linear  acceleration  measurements  are  first  corrected  to  the  c.g.  using  the  appro- 
priate transformation.  Forcing  inputs  to  the  longitudinal  model  (Table  II)  include  the  stabilator  control 
(Ss  ),  effective  roll  control  ( Sa  ) , thrust  (T",.7?)*  thrust  moment  ( m<,r)  and  air  density  (/>).  Cross- 
coupling  inputs  are  measured  roll  and  yaw  rate  (-pm>  *~m)  and  side  acceleration  ( for  the  lateral- 

directional  model  (Table  III),  forcing  inputs  are  the  rudder  control  (Sr),  effective  roll  control  (Sa), 
thrust  (7y  ),  thrust  moment  (»*,,»,,)  and  the  cross-coupling  inputs  are  measured  pitch  rate  (qm), 
airspeed  (Vm),  and  linear  accelerations  ( 0#I 

It  should  also  be  noted  that  by  including  the  cross-coupling  and  other  forcing  terms  in  the  dynamic 
equations  (thru  the  use  of  the  measured  time  histories  of  the  linear  accelerations  and  the  rotational  rates) 
inherently  leads  to  the  introduction  of  process  noise  into  the  model.  That  is,  these  inputs  are  in  error 
by  an  amount  equal  to  the  measurement  noise  on  their  sensor  outputs  and  consequently,  this  error  is  intro- 
duced into  the  dynamical  system  model  as  process  n.ise.  The  identical  situation  occurs  with  the  kinematic 
equations  used  for  instrumentation  consistency  checking  as  described  in  the  preceding  subsection. 

The  process  noise  introduced  this  way  is  lumped  into  the  <■£,  i • 1,  . . .6  noise  terms  which  are 
assumed  zero-mean,  white  Gaussian  uncorrelated  stationary  noise  processes.  An  approximate  lower  bound 
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for  the  variances  of  aj  can  be  calculated  as  follow: 
For  tha  lonfitudlnal  model,  lot 
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4>m  • P * P„ 
" + "V 


(4) 


* *V/» 

»*•*•  *»„.  *»*.'*  and  nin  are  zero-mean  white  Gaussian  measurement  noise.  Substituting  Equation  (4) 
into  the  dyniudcal  model  equations  given  in  Table  II,  assujaing  cotflm  i and  eliainating  tens  of  second 
order  (for  exaaple  p„fm  • 0),  it  can  be  shown  that 


a^  • n%m  si"  ft 

* *3  (rPf>  * ?rn)  * 2I4  (-P-P*  ' rr»)'  '* 

V3  • f^~)  *">*  -ta*,p(j>„  a***  * r„  Unfi) 

^ “ * (~\ ’f)C0 3 * a'n/S  "*n  * Pn  ^ ***  * * ^TT  **» 

Ws  « f>n  * 609  & ion  6 rn 
urt  - - s in#r„ 


(5) 


if  all  other  possible  equation  error  is  assumed  equal  to  zero.  Froa  Equation  (5)  it  can  be  readily  seen 
that  » 1.  . . . 6 are  correlated  and  nonstationary  ever,  though  mv  _ . P„  . rn  and  ru  are  uncorrelated 

and  stationary.  However,  two  additional  approximations  were  made:  *n 

1.  u/j-  , < • 1,  ...  6,  were  Bade  stationary  by  choosing  constant  reference  values 
for  « , fi  . V , r,  and  p . The  reference  values  are,  of  course,  dependent  upon  the 
flight  record  being  analyzed. 

2.  Neglect  all  cross  correlations  between  «?.*■».  • • 6- 

Kith  the  above  approximations.  Equation  (S)  can  now  be  used  to  calculate  the  variances  for  ur^  given  the 
noise  statistics  for  rr  , p , r„  and  x,  . A similar  set  of  equations  can  be  derived  for  the  lateral - 
directional  model.  n * 

The  errors  introduced  by  the  addition  of  process  noise  into  the  dynamical  model  and  the  above 
approximations  are  small  in  comparison  to  other  possible  error  sources,  such  as  model  form,  for  example. 
Of  course,  the  smaller  the  measurement  errors  in  these  sensors,  the  more  accurate  the  approximations. 


GENERAL  COWIENTS 

Before  presenting  the  identification  results,  this  section  will  review  (briefly)  some  of  the 
symptoms  and  causes  of  identiflability  problems,  which  can  occur  with  poorly  conditioned  data,  and  the 
indicators  available  In  the  identification  algorithm  to  detect  these  potential  problems.  Additionally, 
combining  results  from  two  or  more  flight  records  and  computing  the  accuracy  of  estimated  total  coefficient, 
for  example  Cm(a,),  is  presented. 

Parameter  identiflability  is  concerned  with  the  ability  to  identify  the  associated  parameters  of 
the  model  froa  the  flight  data,  for  it  is  Intuitively  obvious  that  those  parameters  which  have  no  effect 
on  the  data  cannot  be  identified.  Identiflability  also  relates  to  whether  the  parameters  themselves  can 
be  identified  separately  or  whether  they  can  only  be  identified  as  part  of  a linear  combination.  Host 
identification  problems  are  those  related  to  the  identiflability  of  the  parameter  set  and  are  usually  the 
result  of  the  use  of  poorly  conditioned  data  caused  by  the  application  of  an  improper  control  input. 

Stated  formally  (Reference  2),  a nonstochastic  system,  linear  or  nonlinear,  is  identifiable  if  and 
only  if  the  sensitivity  vector  functions  of  the  measurements  with  respect  co  the  unknown  parameters  repre- 
senting the  system  are  nontrivial  (nonzero)  and  linearly  independent.  This,  of  course,  is  equivalent  to 
saying  that  small  changes  in  each  parameter  must  produce  a change  in  the  measured  responses  of  the  aircraft 
and  these  changes  must  be  a different  type  for  each  parameter.  For  a linear  system,  this  implies  all  the 
natural  modes  of  the  system  must  be  excited  and  the  control  inputs  must  be  linearly  independent  among 
themselves  and  also  linearly  independent  of  the  state  variables.  If  these  conditions  are  met,  the  accuracy 
of  the  parameter  estimates  are  also  functions  of  the  level  of  measurement  noise  present  and  the  data  record 
length,  i.e.,  the  signal  to  noise  ratio  in  the  output  measurements. 

In  practice,  unrealistic  parameter  estimates  are  usually  obtained  whenever  the  sensitivity  of  the 
output  measurements  to  changes  in  these  parameters  is  small  (low  signal  to  noise  ratio)  or  else  there  is 
strong  dependency  between  the  sensitivities  of  several  pa.ameters.  These  problems  are  readily  identified 
in  the  IkF  identification  algorithm  by  comparing  the  size  of  the  diagonal  elements  in  the  final  covariance 
matrix  ( Pf  ) with  the  size  of  the  diagonal  elements  of  the  initial  covariance  matrix  ( P0  ) and  by  observing 
the  size  of  the  off-diagonal  correlation  coefficients  in  the  normalized  P(  matrix;  large  values,  for  example 


(ratter  then  .9,  indicate  potential  problems.  Two  possible  solutions  to  these  p rob leas  are  to  use 
a priori  weighting  with  P0  or  to  fix  one  or  more  of  the  parameters  in  the  group  which  show  high  correla 
Tion  at  the  "best  guess"  values  (e.g.,  wind  tunnel  values).  A priori  weighting  is  accomplished  by 
reducing  the  magnitude  of  the  initial  parameter  variance  in  Ff  so  as  tc  reflect  a sore  accurate  initial 
permaeter  estimate  and  hence  weight  the  initial  estimate  mure  heavily.  If  information  is  available  from 
other  flight  records,  it  can  be  incorporated  in  this  fashion.  Hrwever.  if  the  model  fore  is  adequate,  the 
parameters  which  exhibit  high  sensitivity  in  the  measurements  and  are  not  correlated  with  other  parameters, 
usually  are  extracted  relatively  accurately  even  if  other  groups  of  parameters  are  highly  correlated. 

Model  adequacy  is  determined  from  the  residual  sequences. 

For  the  nonlinear  aircraft  identification  problem,  it  was  observed  that  relatively  large  correla- 
tions usually  existed  between  the  parameter  estimates  making  up  a particular  lumped  coefficient  (e.g., 

If  large  correlations  did  not  exist  between  the  parameter  estimates  representing  different 
lumped  coefficients,  this  "internal  correlation"  did  not  appear  to  be  a particular  problem.  This  internal 
correlation  was  expected  and  is  usually  present  between  the  parameters  in  polynomial  representations.  Also, 
if  the  number  of  terms  in  the  series  representing  a particular  coefficient  is  not  adequate  for  the  range  of 
angle  of  attack  being  considered,  the  resulting  extracted  coefficient  tends  to  match  the  actual  coefficient 
only  in  the  range  of  angle  of  attack  where  most  of  the  data  and  excitation  occur.  An  additional  difficulty 
occurs  when  the  data  record  length  in  which  the  aircraft  excitation  occurs  is  short,  as  an  asymptotically 
convergent  solution  is  then  nou  possible.  In  this  case,  extremely  unrealistic  coefficient  values  in  certain 
ranges  of  angle  of  attack  say  be  obtained. 

Associated  with  each  estimated  coefficient  are  their  second  control  moments  or  variances  which  are 
computed  using  the  final  covariance  matrix  of  the  parameter  estimates  from  the  identification  algorithm. 
These  variances  represent  a band  of  uncertainty  associated  with  the  estimated  coefficient  which  must  be 
taken  into  consideration  when  comparing  the  estimated  coefficient  to  wind  tunnel  data  or  when  combining 
estimates  from  different  flight  records.  Coefficient  estimates  combined  from  different  flight  records, 
which  traversed  different  ranges  of  at  and  , must  be  done  on  a point  by  point  basis  at  discrete  values  of 
at  and  $ . Coefficients  estimated  over  a particular  range  of  ot  and  /?  , where  a low  order  polynomial  repre- 
sentation was  used  for  this  particular  range,  cannot  be  expected  to  predict  outside  this  range. 


RESULTS 

Extensive  application  of  the  identification  procedure  for  the  extraction  of  the  nonlinear  aero- 
dynamic stability  and  control  parameter  of  the  F-4E  aircraft  from  flight  test  data  is  reported  in  Reference  1. 
A few  of  these  results  are  presented  below. 

The  majority  of  low  speed  wind  tunnel  data  used  to  obtain  the  initial  model  representation  was 
obtained  from  two  NASA  reports  (References  6 and  7)  and  accompanying  data  tabulations  from  a series  of  tests 
in  the  Langley  Full-Scale  Wind  Tunnel.  For  comparison  purposes,  data  was  also  obtained  from  References  8 
and  9.  Data  from  Reference  8 will  be  referred  to  as  Ames  data,  although  the  rotary  derivatives  were  actually 
obtained  from  a set  of  Langley  results. 

The  flight  data  is  from  the  Stall/Near-Stall  Investigation  of  the  F-4E  aircraft  (Reference  10)  which 
was  conducted  at  Edwards  Air  Force  Base.  Specifically,  the  results  from  two  flight  records  are  presented, 
both  of  which  are  for  the  10  to  23  degree  angle  of  attack  range  at  Mach  numbers  between  .4  and  .47.  One 
record,  called  Record  9,  had  primarily  a longitudinal  stabilator  pulse  type  input  applied  and  the  other, 
labeled  Record  10,  had  aileron  pulse  type  inputs  applied  with  very  little  rudder  excitation.  All  dava  were 
recorded  at  a common  sample  rate  of  10  samples  per  second  and  time  de-skewed  to  a common  reference  time 
point  using  linear  interpolation.  The  measurements  consisted  of  the  standard  flight  parameters  and  certain 
engine  parameters.  All  three  aircraft  body  reference  inertial  attitudes,  angular  rates  and  linear  accelera- 
tions were  available  in  addition  to  air  data  measurements  from  nose  boom  mounted  angle  of  attack  and  angle 
of  sideslip  vanes  and  a pitot-static  head.  Special  calculations,  needed  for  Mach  number,  true  airspeed, 
air  density  and  an  estimate  of  engine  thrust,  for  example,  were  also  performed. 

Angular  accelerations  were  derived  from  the  angular  rates  using  digital  filtering  techniques  and  a 
modified  spline  function  computer  program,  the  details  of  which  are  given  in  Reference  1.  These  derived 
accelerations  are  used,  along  with  the  linear  accelerometer  measurements  and  other  flight  parameters,  to 
generate  the  nondimensional  aerodynamics  force  and  moment  times  histories  for  use  with  the  LS  identification 
technique. 

Prior  to  the  extraction  of  the  aerodynamic  parameters,  instrumentation  consistency  checks  were  per- 
formed. Consistent  biases  in  all  three  rate  measurements,  the  nx  and  n linear  accelerometers,  pitch 
attitude  and  angle  of  attack  were  identified.  All  biases  were  within  the  expected  accuracy  of  the  instru- 
mentation, except  for  the  angle  of  attack  vane  which  was  reading  approximately  three  degrees  too  high.  As 
an  example,  comparisons  between  the  flight  data  and  predicted  responses  for  Record  10,  using  the  kinematic 
model  of  Table  I,  without  and  with  biases,  are  given  in  Fi  ;ures  3 and  4,  respectively.  Crosses  represent 
the  flight  data  and  solid  traces  are  the  predicted  responsss.  The  improvement  is  readily  apparent. 

Record  9 has  very  good  aircraft  excitation  and  contrtl  input  (Se  ) for  identification  of  the  longitu- 
dinal coefficients  ( Cx , C.  and  Cm)  but  very  little  lateral -directional  excitation.  The  results  of  the 
identification  using  this  record  are  given  In  Figures  5,  ( and  8.  Figure  S shows  a comparison  of  the  non- 
dimensional  force  and  moment  time  histories  (C*  , C.  and  Cm)  with  those  computed  using  the  estimated 
coefficients  from  the  LS  techniques.  The  resulting  model  consisted  of  21  parameters — 6 to  represent  the 
C,  coefficient,  6 for  the  C.  coefficient  and  the  remaining  9 for  the  C„  coefficient.  Two  parameters, 

C-it  /and  C„lgl,  were  held'fixed  at  the  wind  tunnel  values  because  of  tiie  small  input.  Updating  the 
model  *with  the  iterated  Kalman  filter  identification  technique  produced  the  response  comparisons  given  in 
Figure  6.  These  are  the  time  history  comparisons  between  the  flight  data  and  the  predicted  responses  using 
the  identified  coefficents  in  the  four-degree-of-freedom  model  given  in  Table  II.  Crosses  represent  flight 
data  and  solid  traces,  the  predicted  responses.  The  comparisons  are  excellent.  The  residuals,  which  are 
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not  shown,  also  indicat*  an  adequate  model.  Thai#  result*  were  expected,  since  this  record  is  considered 
food  for  identification  purposes. 

Figure  I presents  the  identified  coefficients  from  both  the  LS  and  UP,  overlayed  on  the  wind  tunnel 
coefficients  for  comparison.  The  wind  tunnel  data  (Langley  and  Ames)  are  presented  in  the  fora  of  hand 
faired  plots  to  the  actual  test  data  points  for  convenience  and  are  representative  for  -IS°6$  £ IS0. 

The  Static  CL  versus  at  curve  agrees  alaost  exactly  with  the  wind  tunnel  data.  Cm  showed  a positive  .03 
shift  from  the  wind  tunnel  data  which  is  consistent  with  the  least  squares  results  and  the  positive  Incre- 
ment in  the  extracted  . This  is  also  consistent  with  the  increased  acnent  effectiveness  of  the 

elevator  (£»,,).  The  sutic  C%  versus  or  curve  showed  a positive  .OS  shift  or  approximately  2300  pounds 
less  drag  or  more  thrust  than  the  wind  tunnel  data  indicated.  Less  daarping  in  pitch,  was  also 

obtained.  An  atteapt  was  also  acj*  to  identify  a cubic  Cm,  versus  or  derivative,  to  see  it  the  fora  of 
would  aor*  closely  approximate  the  wind  tunnel  data.  The  result  was  a C«,i,  ter*  that  was  alaost  taro.  ’ 
In  general,  all  coefficients  Identified  were  very  reasonable  and  the  fonts  or  the  static  aerodynamics  for 
this  angle  of  attack  rang*  appear  to  be  siailar  to  what  the  wind  tunnel  data  predicts. 

Similar  results  are  presented  for  Record  10  in  Figures  S,  7 and  9.  These  figures  show  the  LS  cow- 
perl  sons  to  Cg,  C„  and  Cu  tiae  histories,  the  response  coaparisons  using  the  four-degree-of-freedoa 
lateral-directional  model,  and  the  coefficients  identified  overlayed  on  the  wind  tunnel  data,  respectively. 

A a seen  froa  Figures  S and  7,  this  record  has  very  little  rudder  deflection  and  yaw  rate,  lsplyliig  that 
the  rudder  derivatives  and  the  yaw  rate  derivatives  and  dynamic  cross  derivatives  would  not  be  identifiable. 
Indeed,  these  parameters  had  to  be  held  fixed  at  the  wind  tunnel  values.  The  results  are  fair,  indicating 
the  poor  maneuvers  in  this  record  for  identification  purposes. 


CONCLUDING  REMARKS 

The  identification  procedure  described  in  this  paper  is  demonstrated  to  be  an  adequate  and  accurate 
procedure  for  the  identification  of  nonlinear  aerodynamic  stability  and  control  parameters  of  an  aircraft 
at  high  angles  of  attack  if  properly  followed.  Model  definitions  froa  wind  tunnel  data,  selected  range 
of  angle  of  attack  flight,  separation  of  instrumentation  and  aerodynamic  models,  and  partial  decoupling  of 
longitudinal  and  lateral-directional  equations  of  notion  to  reduce  the  dimensionality  problem  are  all  shown 
to  help  considerably  in  reaching  the  final  result  of  accurate  parameter  identification. 

The  results  described  in  this  paper  also  deaonstrate  the  need  for  close  cooperation  between  the  flight 
test  and  flight  data  analysis  engineers.  A carefully  designed  instrumentation  complement  is  essential.  A 
series  or  set  of  control  inputs  specifically  oriented  towards  the  enhancement  of  vehicle  parameter  identi- 
flability  is  also  very  important  to  the  objective  of  obtaining  accurate  and  useful  results.  Adequate 
identification  algorithms  exist  now;  future  emphasis  should  be  directed  toward  experiment  design,  for  this 
is  where  the  more  significant  improvements  in  parameter  identification  are  likely  to  be  obtained  in  the 
future. 
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TABLE  I 

KINEMATIC  EQUATIONS  FOR  INSTRUMENTATION  CONSISTENCY  CHECKS 

Dynamical  Medal: 

O r*rb  + o' 

-ir<-rk)  o p*fib  0 

%*%>  ip + fib)  ° ° 

Sin  9 ~sinpcos8  -cotpeoSG  o 


* 9 


-Sin.  6 -rtl^ 

coses  u.p  +n^ 
cosOcasp  *n y 

o o 


'*k 

Vj 


O - ur  V 
ur  0 -U 
•V  U,  0 
O O 0 


urt 
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c.g. 

corrections 

■for 

nx » • n J. 


Inherent  Process  Noise 


# 

/ Mnpixrtff  COSpixnff 

fi  + Pb  *ujr9- 

= 

o cos  p -simp 

f + $b  *u's 

IF 

O sin  4/ COS  9 COS  p /cos  8 

r*rb  +wt 

Inherent  Process  Noise 

Measurement  System: 

vm  * r**urz),/t+  Vh  +V,  , cr^  = Xt>)  ’h£tvb*vt 

hm  * >»  + hb  **V  » 4m  * 4 + 4b  * VS  » 

Forcing  Inputs: 

p,  q,  rt  rit,  n J and  measurements 
Definitions  and  Notes: 

Subscripts  b - Bias  parameters  to  be  identified 

Scale  factor  parameters  to  be  identified 


9m  * o + Ob  + vi,  y„*y  + ri,+v7 


Subscripts  3 
» **  . 


Zero  mean,  white  Gaussian  process  noise,  introduced  because  of  measurement  noise 
contaminating  nf,  measurements 

Zero  mean,  white  Gaussian  process  noise,  introduced  because  of  measurement  noise 
contaminating  jo , $ , r measurements 


JV  J,o ' Ju 


Zero  mean,  white  Gaussian  measurement  noise 

Locations  of  x and  Ovanes  from  the  c.g.  along  x , y , j.  body  axes 
TABLE  II 

F0UR-DEGREE-0F-FREED0M  LONGITUDINAL  MODEL 

Dynamical  Model: 
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Mwur—nt  System: 

•**+,  . «»**«•£» 

%i*  ?(v*s ♦*♦'**, * . *.  * >>»i. 

Control  or  Forcing  Input*:  9g  , f4,  Tt,  ry,  , / 

Crosi-Coupling  Input*:  (W r.f.) 

Definition*: 
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Dlaenalonallzlng  tons  which  may  sloo  bo  s function  of  sir  density 
function  of  aoswnt  of  insrtls 


cv» 

*'!.*«* 

. r,  - 
*vr  . 


Ststic  Fores  or  Moeent  Aerodynamic  Coefficient;  function*  of  parameters  to  be  identified 
Dynamic  or  Rotary  Aerodynamic  Coefficients;  functions  of  parameters  to  be  identified 
Zero  mean,  white  Gaussian  process  and  measurement  noise 
Thrust  fores  along  x and  y body  axes 
Thrust  moment  around  y axis 


TABLE  III 

FOUR- DEGREE -OF- FREEDOM  LATERAL- DIRECTIONAL  MODEL 


Dynamical  Modal: 
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Measurement  System: 
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Sr 
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Cross-Coupling  Inputs:  , V,  >1,^,  (af  e.q.) 


Definitions: 
ds  and  I's 

ijt'W 


Ty 


Dimensional izing  terms  which  My  also  be  a function  cf  air  density 

Static  Aerodynamic  Coefficients;  function  of  parameters  (and  states)  to  be  identified 

Dynamic  or  Rot.'ry  Asrodynamic  Coefficients;  functions  of  parameters  (and  states)  to  be 
identified 


Thrust  force  along  y-body  axis 
Thrust  moment  around  x,  y body  axes 

Zero  mean,  white  Gaussian  process  and  measurement  noise 
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lb)  MODEL  FOR  PARAMETER  IDENTIFICATION 
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To*  elaborate  calculation  aaana  provided  by  a simulator  ««r*  ua*d  vary  *arly  In  th*  design  of  COICORDE. 
Different  simulators  of  aor*  and  aor*  sophisticated  design,  vara  lnatallad  froa  a fixed  baa*  analog  aiaulator 
to  tba  praaant  aiaulator  which  w*  aball  daacrlb*  latar. 

This  aiaulator  la  uaad  for  various  design  purpoaaa  > 

- development  atudlaa  for  th*  aircraft  and  lta  ayataaa  I handling  qualitiaa,  flying  control*,  rarloua  pilo- 
ting aid a,  failure  raaaarch 

- flight  taat  preparation  and  crew  training 

- era*  work  load  atudlaa 

- atudlaa  for  Introducing  CORCORDE  Into  air  traffic  In  liaison  with  EUROCORTROL 

- preparation  for  aircraft  certification,  examination  of  requirement*  and  participation  In  certification  for 
th*  Boat  critical  conditions  to  be  tasted  In  flight,  tasting  vary  low  probability  failure*  or  Investigation* 

In  the  axtrea*  regulatory  atmospheric  conditions. 

DESCRimOR  Of  THE  AEROSPATIALE  CORCORDE  SIKULATOR  (s*a  Fig.  l). 

The  geoaatry  of  th*  cabin  1*  aa  similar  as  possible  to  th*  preproduction/production  aircraft,  not  only 
for  an  instrument  point  of  view,  but  also  for  warning  lights,  seats  and  flying  controls.  Th*  cabin  Is  ao unted 
on  a 3*  of  freedom  platform,  with  pitch,  roll  and  elevation  (Redifon  system).  A screen  onto  which  Is  projected 
a colour  picture  filmed  by  a cine  camera  In  front  of  a cock-up  of  TOULOUSE  airport  and  surrounding  contry,  la 
Installed  on  th*  same  platform.  The  cine  camera  follows  the  aoveaanta  of  th*  aircraft  and  gives  tha  picture 
which  th*  pilot  would  see  In  tha  windscreen  of  hia  aircraft  (C  P 3 System). 

Tha  calculation  means  used  comprise  i 

- a HCRETVELL  DDP  224  digital  computer  with  32  000  words 

- a RED  5 000  analog  computer 

- an  interface  unit 

- a Boolean  computer. 

The  engineers  who  follow  th*  tests  have  tha  following  recording  apparatus  available  t 

- 2 course  tracers 

- 5 eight-track  recorders 

- 1 photographic  recorder. 

It  is  possible  to  follow  the  main  parameters  available  to  th*  pilot  on  an  instrument  panel,  froa  th*  control 
station.  A television  screen  reproduces  th*  picture  projected  on  the  pilot's  screen. 

Failures  are  Introduced  froa  th*  control  station,  froa  which  the  crew  work  resulting  froa  these  failure*  and 
th*  functional  condition  of  th*  systems  can  be  followed. 

The  following  simulations  have  been  carried  out  and  can  operate  simultaneously  : 

- aerodynamics  and  flight  mechanics 

- engines  and  associated  systems 

- air  Intake  logic  conditions 

- electrical  power  generation 

- fuel 

- hydraulics 

- air  conditioning 

- de-icing 

- manometries 

- navigation  - rsdic  aids 

- warning  systems. 

Tha  pilot  controls  (wheel  control  column,  pedals,  throttle)  are  identical  to  those  on  th*  aircraft.  Th*  same 
applies  to  all  th*  mechanical  controls  which  affect  th*  impressions  of  th*  pilot  : 

- artificial  force  restoring  devices,  linkages  down  to  the  servo-control  relays  (used  as  servo  actuators  in  au- 
tomatic control  mode). 

Th*  other  items  in  th*  aanual  or  automatic  control  channels  can  either  be  simulated  on  an  analog  computer,  or 
be  real  aircraft  iteas.  Th*  following  items  can  also  be  introduced  into  the  control  channel. 

- all  th*  aechanical  controls  as  far  as  the  control  surfaces  by  means  of  a system  which  electrically  connects 
the  simulator  controls  to  the  controls  of  the  flying  control  teat  rig  which  is  comprised  of  aircraft  equipment 
and  parts, 

- moat  of  the  detectors  : rate  gyros  and  inertia  platform  (attitudes  only)  by  aeans  of  a 3 axis  servoboard  - 
air  data  computer  via  servo  pressure  generators  etc  ... 

- all  the  automatic  flying  aid  and  autopilot  computers. 
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Owing  to  the  importance  of  the  design  work  carried  out  oa  tbo  simulator,  oao  of  the  aajor  problems  «u 
to  aa la tain  thla  computation  aaaaa  la  a configuration  aa  alallar  aa  poaalbla  to  tho  aircraft  aa  >•  know  It. 

Thla  cauaad  coaaldarabla  complication  for  alaulatioa. 

Tho  aathaaatlcal  model  uaed  boforo  flrat  flight  vaa  doduood  essentially  froa  wind  tuaaal  testing,  aero-elaa- 

tiolty  calculations  and  engine  rig  testing.  After  tho  flrat  flight  of  tha  prototype,  tho  alaulator  «aa  aodi- 

flsd  alaoat  continuously  after  analysis  of  the  flight  recordings.  Thla  analysis  vaa  Bade  la  several  xaja . 

During  the  exploration  of  the  flight  envelope,  a rapid  analysis  vaa  required  for  flight  safety.  It  vaa  necee- 
Mrj  to  eaaure  aot  only  that  tha  controllability  and  atablllty  oharaotarlatlca  remained  at  adequate  levela, 
but  alao  that  there  vaa  no  tendency  for  than  to  deteriorate  to  a level  vhlch  could  prove  dangeroua.  Thla  ra- 
pid analyale  only  gave  a flrat  approximation  of  poaalbla  aodlflcatlona  to  be  Bade  to  the  alaulator. 

lepreaentatlon  of  the  aircraft  required  a Bore  coeplete  examination  of  the  matheaatlcal  model.  The  methoda 
uaed  vere  different  according  to  the  parta  of  the  aodel  .nich  ve  vlahed  to  Improve.  For  thla  purpoae,  va 
uaed  digital  prograaaea  vhlch  vere  Independent  of  the  alaulator  but  vhlch  uaed  the  eaae  equatione.  Theae  pro- 
grammea  can  be  divided  Into  tvo  groupa  i 

- the  flrat  group  la  coaprlaad  of  the  prograaaea  vhlch  are  only  partial  eopiea  of  the  aathaaatlcal  aodel  of 
the  alaulator .They  are  uaed  to  reproduce  the  lnputa  to  vhlch  the  aircraft  la  subjected,  and  va  modify  the 
aodel  until  identical  re a pone a i are  obtained. 

- the  other  group  la  eoaprlaed  of  prograaaea  vhlch  automatically  look  for  the  changea  to  be  made  to  the  nuaa- 
rlcal  valuea  of  the  aodel  ao  a a to  alnialaa  the  differencee  hetveen  reaponaea  froa  the  aircraft  and  reaponaae 
from  the  aodel. 

Ve  are  kept  lnforaed  of  flight  reaulta  by  a large  aaount  of  recording  aqulpaent  lnatalled  on  the  aircraft.  For 
theae  etudiaa,  ve  have  uaed  quaai-etatlc  recordinga  on  aagnatlc  tepee  or  tiaa  hletorlaa  froa  tha  aaae  tapea. 

Longitudinal  oouatlona 

The  aoet  generally  uaed  aethod  for  optiaiiing  longitudinal  equatione  la  the  aethod  baaed  on  uaa  of  the 
prograamea  In  the  flrat  group  aince  the  automatic  methoda  availabla  are  baaed  on  A PRIORI  knowledge  of  the 
ehape  of  the  aodel.  Ve  have  been  led  to  aodify  the  longitudinal  equatione  to  Introduce  a larger  number  of  pa- 
raaetera  or  Introduce  thea  vlth  a different  formulation. 

Although  It  la  true  to  aay  that  ve  experienced  no  big  probleae  vlth  tha  lift  equation,  auch  vaa  not  the  case 
with  tha  pitching  aoawnt  equation.  Va  had  to  Introduce  effecta  connected  with  aircraft  weight,  e.g.  location, 
and  varlationa  of  this  e.g.  location  vlth  fual  aovaaant  during  aanoeuvrea  in  addition  to  tha  paraaatara  dater- 
ained  froa  wind  tunnel  tasting  auch  aa  ataoaphara,  undercarriage  or  noee  effecta.  Thla  praciae  eiaulatlon  la 
required,  for  lnatance,  for  studying  controllability  at  e.g.  limits.  For  certain  studies,  ve  have  determined 
additional  peraaetere  to  enable  us  to  elaulate  the  effecta  of  in-flight  thrust  reversal,  angina  failure,  or 
thermal  deformation  of  tha  aircraft  after  supersonic  cruiae. 

All  theae  parameters  vere  obtained  by  a comparative  analysis  of  flight  test  results.  First  of  ell  they  were 
programmed  on  tha  computer,  end  their  numerical  values  adjusted  by  successive  approximations.  The  aaae  aethod 
vaa  used  to  develop  engine  effects  using  a digital  programme  (a  copy  of  the  simulator  programs#)  to  obtain 
thrusts  and  tha  charactsrlstic  air  intake  faetore  which  va  then  introduced  into  the  flight  mechanics  program- 
me. Thla  aathod  enabled  us  to  simulate  the  evolution  of  the  various  parameters  during  aircraft  acceleration 
or  decoloration.  Pitch  efficiencies  and  damping  darivativea  vere  changed  little  except  in  transonic  conditions. 
These  transonic  adjustments  vere  determined  by  reproducing  deflections  per  g in  static  conditions  and  respon- 
ses to  elevator  deflections  In  dynamic  conditions.  An  accelerated  analysis  of  these  programmes  was  than  deve- 
lopped.  Aircraft  reaponaea  and  aodel  reaponaae  are  superposed  on  a cathode  ray  screen.  A block  diagram  of  thla 
method  la  given  In  figure  2.  Some  identifications  vere  made  baaed  on  responses  to  elevator  def lections  using 
the  gradient  aethod  vhlch  ve  ehall  describe  later.  With  theae  tuccessive  approximations  ve  thus  achieved  a 
satisfactory  aathaaatlcal  modal.  It  la  certainly  not  optimum  but  It  enables  us  to  represent  aircraft  characte- 
ristics so  accurately  that  va  ware  able  to  uaa  the  simulator  to  study  handling  qualities  and  sore  particular- 
ly to  dateralne  manoeuvrability  at  e.g.  limits,  which  requires  great  accuracy  of  eiaulatlon. 

Tha  shape  of  the  aatheaatleal  aodel  in  lateral  aode  has  never  changed  so  it  was  poaalbla  to  uaa  automa- 
tic methods. 
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During  flight  envelope  exploration,  vs  required  a simple  and  quick  aathod  of  determining  the  trends  of 
tha  aain  paraaatara  and  checking  that  future  flights  would  still  be  safe. 

To  achieve  this,  ve  generally  uaed  the  tlae  vector  aethod.  Vlth  this  aethod  starting  froa  the  response  of  s 
syatea  released  in  unstable  conditions,  one  can  determine  certain  paraaetsra  of  the  corresponding  aatheaati- 
cal  aodel. 

Let  ua  assume  a second  order  syatea  the  damping  of  which  is  less  than  tha  critical  daaplng  : 

mo,*  ♦ b. 

* * ♦ *>x  3 

Let  us  now  sauna  that  tha  syatea  Is  released  vhi  .h  initial  conditions  x#|q  . x and  y can  then  be  expressed  a a 
a function  of  tins,  aa  follows  : * 

-kfc 

X a e<  Z,  ) 

3 s (!>  ^ Sin  (cot*  <f>%) 

If  x and  y are  replaced  by  their  value  in  tbs  syatea  (t),  ve  obtain  i 
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beta  equation 
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can  than  ba  represented  with  vector*  aa  follow*  t 


Ain.(u>t+£)  afc4  (i  ) 
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Factor*  ot  , ^ , q4, , ?£y  , tJ  can  ba  determined  fro*  aircraft  time  taiatoriaa  and  a,  (b  and  at  , bj  can 
than  bo  datarmlned  froa  the  drawing  of  the  polygon*. 

Ttaia  aat hod  la  implemented  fairly  rapidly.  Unfortunately,  it  la  aztreaaly  dependant  on  praciaa  phaae  determi- 
nation.  Furthermore,  it  doaa  not  allow  all  tha  parameter*  of  the  modal  to  ba  daterainad  ; the  value*  of  aoaa 
of  thaaa  paraaatara  have  to  be  aasuaed  and  tt  i*  anally  applicable  only  for  a badly  damped  oacillatory  ayatea 
if  tha  input  ia  not  harmonic . 

Ttaia  vary  aiapla  aathod  waa  uaad  auch  aoro  during  flight  envelop*  exploration  than  for  aatheaatical  model  de- 
velopment. It  only  provide*  a firat  approximation  of  the  evolution  of  the  parameters . 

CHIPIEKT  XSTBOP 

To  identify  the  aircraft  in  lateral  condition*,  we  have  often  used  the  aathod  called  the  gradient  method. 
Ve  ahall  only  give  a few  explanation*  of  thia  mean*  of  identifying  tha  aircraft  here,  a complete  development 
ia  given  in  the  appendix.  Thia  method  conalata  of  comparing  the  reaponaea  of  tha  aircraft  (object)  with  the 
calculated  reaponae  (model)  over  a given  portion  of  flight  time  and  modifying  the  model  according  to  a func- 
tion 9 of  the  difference  between  the  two  reaponaea  (ae*  fig.  3). 

For  9 w*  have  choaan  the  integral  quadratic  difference  : 


(T 

U-  - 

u 

o A*  1 

war*  T la  tha  duration  of  the  flight  portion. 

Sinara  the  aircraft  atate  vector  coordinate*  ; i.  *.  the  parameter*  defining  alrc-aft  reaponae. 

S^ar*  the  model  atate  vector  coordlnatea. 

0j  ia  a weighting  factor  which  enables  the  earn*  relative  precision  to  b*  maintained  in  output  identification. 

The  coordinate*  of  the  gradient  of  Q are  calculated  in  the  apace  of  the  n parameters  of  the  model,  and  we  thus 
determine  a preferential  direction  of  search  to  minimise  0. 

Progreaeion  toward*  the  optimum  value  of  9 is  also  aubject  to  certain  calculation  constraints  to  avoid  oscil- 
lations around  the  optimum  point. 

V*  are  also  able  to  maintain  only  a priority  aubapaca  in  the  apace  of  the  factors  to  be  determined.  This  prin- 
ciple wae  used  to  perfect  the  programme  deveiopped  at  AEROSPATIALE.  It  appeared  desirable  to  deal  first  of  all 
with  the  parameters  which  are  most  sensitive  to  the  force  to  be  identified,  by  giving  them  theoretical  values 
(wind  tunnel  teats  and  aeroelaa' lcity  calculations)  aa  initial  values  and  calculating  the  minimum  of  0 in  the 
aubapace  of  these  parameters.  The  parameters  aa  s whole  are  then  dealt  with,  at  a second  stage,  and  the  ini- 
tial values  of  the  sensitive  parameters  are  then  the  values  determined  previously. 

Owing  to  lack  of  time,  it  haa  not  been  possible  to  study  the  inputs  which  favour  the  determination  of  certain 
parameters  and  we  have  therefor*  identified  responses  with  the  conventional  deflections  encountered  in  flight 
in  roll  and  yaw  (Cf.  fig.  4 and  5). 

This  method  provides  quit*  a good  identification  of  model  responses  to  aircraft  recordings.  The  parameters 
present  a varying  degree  of  scatter,  when  they  are  identified  in  similar  flight  conditions.  This  is  due  to 
their  facility  of  determination  by  the  inputs  considered  (Cf.  fig.  6).  So,  roll  and  yaw  sideslip  derivatives 
can  be  determined  quite  accurately  by  this  method.  On  the  other  hand,  crossed  damping  derivatives  have  consi- 
derable scatter,  and  the  same  is  true  for  lateral  force  equation  terms. 

The  results  of  this  programme  are  therefore  known  with  a certain  accuracy.  We  attempt  to  confirm  them  by  re- 
producing the  deflection  recorded  on  the  aircraft  whith  a 6 degree  of  freedom  programme,  but  above  all  by  cal- 
culating balanced  deflections  in  steady  sideslip.  These  calculations  enable  us  to  choose  the  values  of  the 
parameters  in  the  ranges  of  uncertainly  found  by  the  gradient  method. 

The  simulator  gives  rise  to  an  additional  problem  owing  to  its  reduced  capacity  data  storage.  Aerodynamic 
curves  must  thus  be  introduced  with  a minimum  number  of  points,  which  implies  representing  them  as  kinked 
lines.  We  must  then  check  that  this  does  not  appreciably  modify  the  desired  response  evolution.  Rapid  imple- 
mentation of  programme*  displaying  the  responses  on  a screen  is  vary  useful  for  this  study.  These  methods  ena- 
ble us  to  follow  the  evolutions  of  the  aircraft,  at  least  in  the  flight  envelop*  explored. 


This  problem  is  one  of  the  major  probloa  Implied  by  the  identification  of  an  aircraft  for  a nlaulator.  It 
la  always  poaalbla  to  identify  oaa  raapocao  of  tho  aircraft  In  apoclflo  flight  condition*  but  for  a ■ Iso- 
lator it  la  necessary  to  have  a nodal  aa  alapla  as  poaalbla  which  la  valid  froa  ground  effect  up  to  crulaa 
ooadltlona. 

Ve  have  only  aaatlonad  hara  tha  optlalaation  methods  ganarally  uaad  at  AER03PATXAL8,  but  aoaa  tests  havs 
baan  carrlad  out  with  tha  aodiflad  IEVTCJ-RAPRSON  aathod  with  which  wa  hara  obtained  satisfactory  results. 

Research  la  In  hand  to  adapt  tha  "least  squares  aathod"  and  tha  "IUJMJ  filter  aathod",  but  sslthar  of  thass 
aathoda  has  yst  prorad  satisfactory. 

Blau  Mali 

Control  surface  hinge  aoaants  are  also  simulated.  Before  first  flight  we  had  a aathaaatlcal  nodal 
based  on  wind  tunnal  test  results  and  aeroelaatlclty  calculations.  This  modal  was  vary  csaplicatsd  and  va 
azpariancad  auch  difficulty  In  sodlfylng  it  to  obtain  tha  hinge  sonants  naaaured  on  tha  aircraft.  Va  there- 
fore decided  to  review  tha  whole  problaa  and  realised  that  a auch  aiapler  conventional  nodal  could  giro  Just 
as  good  results.  This  factor  adjustaent  was  aada  in  successive  approziaatloas  or  by  using  saoothing  techni- 
ques, but  it  would  also  hara  been  possible  to  adapt  tha  gradient  aathod. 

Blfflsvlfr  la  m£asii!!*jLMSh!M*lisal  ariti 

It  la  difficult  to  say  If  one  of  tha  aathoda  ws  used  is  bettor  than  another.  Both  have  their  advantages 
and  disadvantages.  However,  tha  mistake  wa  certainly  aada  was  to  start  with  a coapllcated  nodal  and  try  to 
iaprove  it  to  schiava  tha  sane  results  as  those  achieved  during  aircraft  tasting.  Va  now  think  that  it  would 
have  been  preferable  to  start  vhith  an  aerodyraaic  nodal  based  on  wind  tunnal  data  and  aeroelasticity  calcu- 
lations in  which  only  the  aain  affects  wars  kept.  This  technique  ana  applied  for  hinge  aoasnt  calculations 
only,  but  wa  have  been  able  to  sea  that  it  considerably  reduced  tha  tiaa  required  for  perfecting  tha  nodal. 
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It  was  also  necessary  to  aiaplify  angina  progressing  for  eonputer  capacity  reasons.  A conplata  slnulation 
is  node  of  tha  bare  angina  (flange  to  flange)  that  is  tha  angina  as  In  tha  nanufecturer*  s brochure  ; wa  than 
sake  corrections  to  include  air  intake  and  nosila  affects  using  tha  eosplata  performance  calculation  progno- 
ses. These  corrections  are  for  gross  thrust.  Intake  nonsntun  drag  and  free  stream  tuba  area  (this  quantity 
intervenes  in  aerodynaaics) . 

Our  objective  is  not  to  use  tha  aiaulator  for  perforsan'e  calculations,  but  siaply  to  have  performance  data 
such  that  handling  qualities  studies  are  not  affected.  Ve  therefore  try  to  use  realistic  perforaance  on  tha 
aiaulator.  To  iaprove  this  perforaance,  we  have  sonatinas  had  to  aodify  drag  valuaa  for  instance,  in  order  to 
reproduce  aircraft  cliab  perforaance  or  aircraft  aaziaus  altitudes.  Similarly,  instead  of  using  the  complica- 
ted calculation  used  by  tha  angina  manufacturers  in  their  brochure  for  a winclmilllng  angina,  vs  have  intro- 
duced tha  ratings  measured  on  tha  aircraft. 

Engine  adjustments  ware  nevertheless  vary  limited,  for  whan  tha  control  amplifiers  are  aiaulatsd,  angina  ra- 
tings can  be  aiaulatsd  quits  wall,  at  laast  in  steady  conditions. 

Va  azperianced  aoaa  problems  with  angina  calculation  stability  and  dynamic  responses,  but  wa  solved  them  by 
internal  angina  calculation  time  lags. 

3- Attl 

Tha  fuel  tranefer  system  on  CONCORDE  la  complex,  with  several  transfer  possibilities.  CONCORDE  has  13 
separate  tanka,  and  in  non  automatic  aoda  it  is  poaalbla  to  transfsr  fusl  from  ona  tank  to  any  of  tha  others. 

The  first  programme  carried  out  on  the  simulator  was  very  complicated  since  it  took  pump  characteristics  and 
pipe  pressure  drops  into  account.  Altough  this  simulation  vas  extremely  complex,  it  vaa  not  perfect  and  pro- 
ved very  difficult  to  Improve  because  of  its  complexity.  Ve  therefore  only  introduced  the  intertank  fual 
flows  measured  on  e teat  rig,  and  only  retained  the  normal  transfer  procedures.  These  fuel  flows,  programmed 
in  this  way,  can  easily  be  modified  when  the  meeeureaente  made  on  the  aircraft  show  that  this  is  necessary. 

RESULTS  OBTAINED  AND  POSSIBILITIES  OFFERED  3T  THE  SIMULATOR 


The  CONCORDE  simulator  has  bean  in  .uat  for  8 years  for  CONCORDE  development  purposes.  It  has  amply  con- 
tributed to  the  development  of  this  aircraft,  tha  good  handling  qualities  of  which  arw  recognized  by  all  tha 
pilots  who  have  bean  at  the  controls. 

II  has  enabled  the  number  of  control  system  development  flights  to  be  reduced  considerably  and  has  contributed 
to  tha  good  progress  and  safety  of  test  fiying.  To  achieve  this,  it  has  always  been  necessary  to  keep  it  to 
a standard  aa  close  aa  poaalbla  to  tha  aircraft. 

Design  vork  is  cow  completed  and  the  aiaulator  la  used  for  aircraft  cartif ication.  For  that,  ve  had  to  demons- 
trate to  tha  certification  Authorities  beforehand  that  tha  simulator  showed  conformity  with  the  aircraft. 
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be  tha  aircraft  atata  varlablae  (object) 
ba  tha  modal  atata  rarlablaa 
be  tha  diaturbascaa 

ba  tha  paraaatara  to  ba  Identified 


in  tha  following  taat,  we  ahall  call  C any  oaa  of  tha  t5  paraaatara  to  ba  ldantiflad. 


2ug,.£8gm,gga 

Coca  tact  factor  llaaarlaad  flight  aachanlca  aquatlona  t 
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0;  ara  tha  waighting  factora  which  allow  tha  waight  which  aaaaa  to  ba  the  aoat  logical  in  tha  identifica- 
tlon  to  ba  aatchad  with  aach  output. 

PRINCIPLE  OP  THE  METHOD 

Va  auat  look  for  tha  direction  of  rarlatlona  to  ba  adoptad  for  each  factor  C ao  aa  to  alnlalaa  0,  by 
calculating 
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Va  calculata 
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and  obtain,  by  reveraing  tha  ordar  of  tha  darivationa 
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It  we  replace  ^ by  Upc  9 Ufc  , l/r<  , U+*.  for  each  fae tor  C, 

••  obtain  a ayataa  of  4 difforoatlal  aquations  eallad  as  aaaoeiatod  oyatoa.  loaoiutloa  of  this  aye- 
toa  ooablsa  us  to  obtain  (Jac  U«£  Urc  , shloh  so  transfer  to  aquation  (3)  to  obtain,  by 

integration  ^ ' r T 


hoa  this,  as  deduce  tha  Talus  to  bo  adopted  for  C at  a atop  n a t 


Yc  is  tha  coin  of  tha  loop  on  aaeh  of  tha  paraaatars  to  bo  idantifiad  i it  also  alloas  priority  ldentiflca- 
tioa  of  tha  paraaatars  vhich  ara  moot  sensitise  to  tha  foroa  eonsidarad.  In  addition,  on  coaplation  of  iden- 
tification, Than  Q„  and  9n4l  ara  on  aithar  aida  of  tha  ainlnua  of  tha  erltarion,  tha  eonrorgeuce  is  achie- 
wed  by  dichotomy.  " 

This  aathod  is  based  on  the  assumption  that  tha  only  slnlsua  of  tha  erltarion  0 in  tha  space  of  faotors  C 
containing  the  initial  point  is  tha  optlaua  required.  If  this  ware  not  so,  there  would  be  a risk  of  stopping 
at  a local  ainlnua,  in  which  casa  wa  would  obtain  errenaous  factors  C. 


I 

1 


1 


M 


MANUAL 

INTERRUPT 

FIG  2 


GRADIENT  METHOD 


FIG  3 


4-1 


APPLICATION  OP  A HEW  CRITERION  FOR  MODELING  STSTEMS 
b7 

Lawrence  V.  Taylor,  Jr. 

NASA  Langley  Reaeerch  Cantor 
Baapton,  Virginia 


SUMttKY 

A now  erltarlon  haa  boon  proposed  for  modeling  systems  which  promises  to 
ha  uaaful  In  deciding  how  complex  a nodal  should  ba.  Tha  erltarlon  la  baaad 
on  tha  oxpactad  nodal  rcaponsa  arror  loataad  of  tha  arror  In  fitting  the  dnta 
us ad  for  aatlnatlng  the  nodal  paranatara.  Tha  new  erltarlon  also  does  not 
require  withholding  data  to  ba  used  exclusively  for  tasting.  Thera  remains, 
however,  the  difficulty  of  tasting  a large  number  of  candidate  nodela  that 
correspond  to  tha  combinations  of  terns  used  in  tha  dynastic  aquations.  In 
this  paper,  a computational  approach  is  suggested  vhich  greatly  reduced  tha 
computations  required  in  searching  for  tha  best  aodel.  In  the  suggested 
approach  tha  gradient  of  tha  response  with  respect  to  tha  nodel  coefficients 
la  held  fixed  and  numerous  coabinatlona  of  terms  are  assessed.  After  deter- 
mining the  most  promising  candidate  model,  tha  gradient  is  updated  and  tha 
process  la  repeated.  This  procedure  gives  greater  assurance  that  the  bast 
model  is  selected  and  does  cot  rely  on  tha  analyst’s  judgment. 


DISCUSSION 

One  Interesting  problem  arises  In  modeling  systems  when  tha  analyst  does  not  know  the  exact  fora  and 
the  particular  tarns  In  the  dynastic  equations  which  are  moat  suitable  for  hla  purposes.  Consequently,  the 
analyst  must  test  a number  of  candidate  models  and  obtain  parameter  estimates  for  each.  He  is  Chen  con- 
fronted with  the  problem  of  choosing  one  of  them  with  little  or  no  basis  on  which  to  base  his  selection. 

It  la  tempting  Co  use  a model  with  many  parameters  since  It  will  fit  the  measured  response  error  best. 
Unfortunately,  it  la  often  the  case  that  a simpler  model  would  be  better  for  predicting  the  system's 
response.  This  Is  because  the  fewer  number  of  unknown  parameters  could  be  estimated  with  leas  uncertainty. 

An  example  of  using  an  excessive  number  of  aodel  parameters  Is  given  in  Figure  1 of  this  paper  which  Is 
based  on  results  of  Rererence  1.  Although  the  fit  error  decreased  aa  the  number  of  terms  in  the  aodel  was 
Increased,  the  more  complex  models  were  poorer  at  predicting  response,  as  is  indicated  by  the  upper  curve. 

It  was  only  after  the  modeling  process  was  repeated  vlth  an  expanded  data  base  that  the  more  complex  models 
were  better  at  predicting  response  as  is  shown  in  Figure  2.  One  teat  thtt  can  be  used  is  to  segregate  Che 
response  data  available  Into  a portion  for  estimating  the  model  parameters  and  a portion  for  testing  the 
resulting  model.  An  improvement  on  this  approach  is  given  in  Reference  2 which  enables  the  use  of  the 
entire  data  base  for  modeling  by  replacing  the  test  by  the  calculation  of  the  expected  response  error  of 
such  a test. 

The  analyse  still  faces  the  difficulty  of  testing  a large  number  of  model  candidates  if  he  wishes  to 
be  certain  a particular  model  is  best.  In  Reference  3,  It  is  suggested  that  the  eigenvalues  of  the  infor- 
mation matrix  be  used  to  decide  which  eigenvectors  be  used  as  constraints  on  the  model  parameters.  Although 
this  procedure  will  aid  convergence,  the  solution  obtained  is  not  satisfactory  for  many  applications. 

Because  of  the  discrete  manner  in  which  the  constraints  are  applied,  the  solution  becomes  a function  of  the 
initial  values  of  the  model  parameters.  Another  disadvantage  is  that  the  model  complexity  is  never  reduced 
but  equals  that  of  the  most  complex  model  considered.  A search  of  all  possible  model  candidates  is  con- 
sidered to  be  a better  alternative,  but  is  thought  to  have  a computational  cost  that  is  prohibitive.  It  is 
the  purpose  of  this  paper  to  apply  the  new  criterion  of  Reference  2 in  a way  that  (1)  automates  model  making 
by  testing  all  possible  candidate  models  for  the  smallest  expected  model  error,  and  (2)  arranges  the  calcula- 
tions in  a way  to  greatly  reduce  the  computational  cost. 

THE  MODELING  PROBLEM 

The  modeling  or  systems  identification  problem  of  determining  the  parameters  of  a linear,  constant- 
coefficient  dynamic  model  will  be  considered  from  two  viewpoints,  (1)  given  the  model  except  for  not  knowing 
the  values  of  its  parameters,  and  (2)  given  a large  number  of  candidate  models  to  consider.  The  conditional 
Mmimm  likelihood  estimate  is  used  in  vhich  the  noise  error  covariance  matrix  is  known.  A modified  Newton- 
Raphson  technique  is  used  to  express  changes  in  the  estimated  model  parameters. 

Problem  Statement 

The  problem  considered  is  that  of  determining  the  values  of  certain  model  parameters  which  are  best 
with  regard  to  a particular  criterion,  if  the  input  and  noisy  measurements  of  the  response  of  a linear, 
constant-coefficient  system  are  given.  The  system  to  be  identified  is  defined  by  the  following  equations: 


x - Ax  + Bu 

(i) 

y ■ Fx  + Gu  + b 

(2) 

* * y + n 

(3) 

X 

state  vector 

u 

control  vector 

7 

b 


calculated  response  variable 
constant-bias  vector 
a aolaa  vector,  assumed  to  be  Ceuaeleo,  uncorralated 

a aaaeured  reapocaa  variable 

Tba  unknown  parameters  will  fora  a vector  e.  The  aatrlcaa  A,  I,  t,  and  C and  the  vector*  b and  x(0) 
are  function*  of  c. 

DIM  model  ronu; 


Tba  modeling  problea  la  straightforward  If  we  aaauaa  the  nodal  la  known  except  of  the  valuea  of  lta 
paraaetera.  One  criterion  that  la  often  uaed  In  spaces*  Identification  la  the  neeo-aquar*  difference 
between  the  aenaurad  reaponaa  and  that  (Ivan  bp  the  nodal.  A coat  function  which  la  proportional  to  the 
msaa-aquars  error  can  be  written  aa 
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(A) 


where  la  a weighting  natrlx  and  1 la  a tine  Index.  The  auaaatlon  approximate*  a tine  Integral.  The 
eatiaate  of  c la  then 


c - ARC  KTS(J) 


(3) 


which  naan*  that  vector  e which  nlnlnlzaa  the  coat  function  J.  If  we  linearize  the  calculated  reaponaa 
y with  reaped  to  the  unknown  paraaeter  vector  c: 

yi  “ \ * Vi(c  - C0>  <6) 

where 

p^  noalial  reaponaa  calculated  bp  ualng  cQ 
7cPi  gradient  of  p with  respect  to  c 
Cq  non Inal  c vector 

Substituting  yj  Into  the  expression  for  J and  solving  for  the  value  of  c which  nlnlaized  J 
yields 
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(7) 

i-i 

i-i  ' 0J 

i-i  v °> 

Because  the  Inverted  expression  occurs  repeatedly  we  will  denoce  It  aa  Q. 

If  this  relationship  Is  applied  iteratively  to  update  the  calculated  nowlnal  response  and  lta  gradient 
with  respect  to  the  unknown  paraaeter  vector,  the  ainlaua-reaponse  error  eatiaate  c will  result.  The 
aethod  has  been  called  quasl-llnearlzatlon,  repetitive  least  squares,  and  aodlfled  Newton-Raphson.  The 
latter  seems  wore  appropriate  since  Q approximates  the  second  gradient  of  J In  the  Newton-Raphson 
formulation.  The  flow  chart  of  Figure  3 depict*  this  procedure  when  Che  nodel  format  is  known. 

UNKNOWN  MODEL  FORMAT 

An  analyst  never  knows  with  certainty  whet  model  is  best  suited  for  his  purposes  because  it  depends  not 
only  on  the  mdel'a  use  but  also  on  the  response  daca  available  for  determining  its  parameters.  Models 
having  excessive  cowplexlty  should  not  be  used  when  simpler  ones  would  provide  more  accurate  response  esti- 
mate*. The  analyst  must  test  the  possible  candidates  to  be  certain  which  Is  best  for  Its  Intended  purpose. 

For  the  purpose  of  this  discussion  It  trill  be  assuaed  chat  the  model's  Intended  use  1*  to  predict  the 
response  of  a system  and  that  a meaningful  measure  of  the  model’s  performance  is  a weighted  mean-square  error. 


A CRITERION  FOR  COMPARING  CANDIDATE  MODELS 


The  development  of  the  new  criterion  of  Reference  2 la  repeated  In  Che  following  discussion.  The 
weighted  mean-square  response  error  which  wss  minimized  by  the  minimum  response  error  estimate  was: 
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Let  us  denote  the  weighted  mean-square  response  error  which  corresponds  to  testing  Che  model’s  perform- 
ance In  predicting  the  system's  response  aa: 
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tfh.r.  i*  la  aaaaurad  raaponaa  data  that  la  not  part  of  which  la  uaad  to  dataraloa  tha  nodal 
paraoatara.  It  la  convenlaot  to  conaidar  tha  laput,  u,  to  ba  ldantlcal  In  both  caaaa. 

Tha  erltarlon  auggaated  for  comparing  candldata  aodala  la  tha  axpactad  valua  of  J*.  If  It  la  poaalbla 
to  aapraaa  the  axpactad  valua,  E{jl),  In  tarma  not  Involving  actual  data  for  i*,  than  a ecnaldarabla  aavlng 
In  data  can  be  -lade  and  improvod  aatlaataa  will  raault  fro*  being  able  to  uaa  all  available  data  for  aatab- 
llahlng  tha  nodal  paraaatar  valuaa. 

let  ua  examine  flret,  tha  axpactad  valua  of  tha  fit  error  with  reapect  to  tha  data  uaad  to  determine 
aatlmataa  of  tha  unknown  paraaatar a. 

Va  can  axpraaa  tha  reaponaa  error  aa: 

% - y rn  J + n - y - y + n - Y - 7 y (c  - c ) - n - 7 v (c-c  ) 

7 7 true  7 7true  7trua  c7  1 trua'  c7  ' true'' 


It  haa  bean  aaaunad  that  (1)  tha  reaponaa  can  be  llnearltad  with  raapact  to  tha  medal  paraaatere  over 
tha  range  In  which  they  are  In  error,  and  (2)  tha  gradient  7cy  la  conatant  over  tha  aame  range. 

Tha  expected  valua  of  tha  fit  error,  g{j^},  bacauaa: 

E{J} 
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Expanding  we  get 
E{j}  - E 
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If  a maximum  likelihood  estimate  la  used,  or  If  the  minima  mean-square  response  error  estimate  la  uaad 
vlth  a weighting  equal  to  the  measurement  error  covariance  matrix*  then  ve  can  write: 
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again  linearization  la  assumed  and  it  is  noted  that: 
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After  substituting  we  get: 

Ef j}  - E {£  niT  M~1ni)  - 2E  {PT  Q_1P}  + E {PT  Q_1  Q Q_1  P}  - E {Z  n T M_1  n1}  - E {PT  Q_1  P} 

Next*  let  us  examine  expected  fit  error  E{j}  of  a model  U3ed  to  predict  response  measurements*  z^, 
which  are  Independent  of  the  data  z*  used  to  determine  the  estimates  of  the  monel. 


We  can  again  express  the  expected  fit  error  as: 
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E{J"}  - E <J /_  nWj  - 2E  n11TD1  7^  (c  - + E <j  /_  [?  - c*r  J Vjy^  7^  (S  - 

Note  that  the  only  difference  between  the  above  expression  and  that  obtained  earlier  for  E(j)  la  that 
the  noise  vector  is  instead  of  n.  The  same  expression  can  be  used  for  c as  before: 
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Substituting  the  above  expression  for  c,  and  M”*  for  D,  we  get: 
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Where  P and  Q are  defined  as  before.  Since  tne  noise  vector,  n“^  and  n are  uncorrelated,  that  is: 
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0 for  all  i + J 
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hcniH  of  symmetry  of  both  QJ1  sod  only  2nJ  - 2n  additional  multiplications  ara  required  to  form 

<g}.  compared  to  If  ona  atarta  from  Scratch.  for  cxaapla  of  looking  at  all  poaalbla  comblaatlona  of  a 
2?-term  nodal,  tha  aultlpllcatlona  lnvolvad  la  forming  ovar  3 billion  Inverses  la  raducad  from  14.4  trillion 
to  2.12  trillion,  a aavlnga  of  83  parcant. 

Tha  following  procadura  la  auggaatad  to  raallza  thaaa  aavlnga: 

1.  Oatarmlna  valuaa  of  tha  modal  paramatara  ualng  all  tarma  balng  conaldarad. 

2.  Praaarva  tha  Information  matrix,  Q,  of  atap  1. 

3.  Computa  and  praaarva  tha  matrix 

l\ 

J-l  1-1 

4.  Starting  with  tarma  takan  singly,  than  palra,  and  ao  forth,  form  tha  lnvaraa  of  tha  corraapondlng 
Information  matrix  ualng  tha  bordarlng  tschnlqus. 

3.  Salact  tha  approprlata  rowa  and  eolumna  of  the  matrix  of  atap  3 which  correapond  to  tha  aat  of  tarma 
balng  conaldarad. 

i.  Form  tha  trace  of  tha  product  of  tha  matrlcea  In  atepa  4 and  3.  Either  order  may  be  uaed  for  tha 
multiplication. 

7.  Praaarva  tha  nodela  having  tha  loveet  value  of  expected  fit  error,  E{j*}. 

Tha  flow  chart  of  Figure  3 deplete  thla  procadura  aa  It  ralataa  to  tha  modeling  problem  when  tha  format 
la  unknown. 

COBCLUDINC  REMARKS 

Tha  analyat  often  facea  tha  problem  of  aalactlng  a model'a  level  of  complexity  In  addition  to  determin- 
ing tha  model'a  unknown  paramatara.  If  a modal  la  eelected  aolely  on  the  baala  of  fit  error  or  a likelihood 
function,  tha  modal  will  probably  be  leaa  accurate  In  predicting  ayatam  reaponec  than  a alnpler  one. 

Several  nodela  of  varying  complexity  ahould  always  be  examined  and  at  laaat  teated  by  predicting  ayatim 
response  measurements  not  used  In  determining  the  unknown  model  parameters.  Unfortunately,  thla  form  of 
teat  requires  reserving  part  of  tha  total  data  for  testing  only. 

A new  criterion  la  developed  by  expressing  the  expected  fit  error  that  would  result  from  tasting  a model. 
The  new  modeling  criterion  enables  ualng  all  of  the  data  for  determining  the  unknown  model  parameters. 

A problem  exists  because  of  the  large  number  of  possible  candidate  models  caused  by  Che  numerous  combi- 
nation of  terms.  The  example  which  Involved  up  Co  23  unknown  parameters  corresponds  to  over  8 million  candi- 
date models  or  combinations  of  parameters.  A procedure  has  been  suggested  which  reduces  by  83  percent  the 
computation  effort  Involved.  The  problem,  however,  of  efficiently  searching  for  the  best  candidate  model 
remains  an  area  worthy  of  attention. 
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Figure  3.  Flow  chart  for  “known"  model  format. 
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Figure  5.  Flow  chart  for  unknown  model  format. 
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SDMIAXT 

Aa  output  error  estimation  algorlthai  was  uaed  to  evaluate  the  effects  of 
both  atatlc  and  dynamic  Instrumentation  errora  on  the  eatlaatlon  of  aircraft 
stability  and  control  paraaatere.  A Monte  Carlo  analysis,  ualng  alaulated 
crulaa  flight  data,  waa  perforaad  for  a high-performance  military  aircraft, 

■ large  coatercial  tranaport,  aLd  a email  general-avlatl  m aircraft.  The 
effeeta  of  varlatlona  la  the  Information  content  of  the  night  data,  raeultlng 
from  two  different  cholcea  of  control  Input  maaeuvera,  ve.*a  aleo  determined. 

The  reoulta  Indicate  that  unmodeled  lnatrumentatlon  errora  can  cauae 
iaeccuraclee  In  the  aatlautad  paraaatere  which  are  comparable  to  th#<r  nominal 
valuea.  However,  the  corraepondlng  perturbatlona  to  the  estimated  output 
reaponae  trajectorlea  and  characterlatic  equation  pole  locatlona  appear  to  be 
relatively  email.  The  aagnltudaa  of  theae  perturbatlona  to  the  eetiaated 
parametera,  output  reeponaa  trajectorlea,  and  characterlatic  equation  pole 
locatlona,  for  both  longitudinal  and  lateral  reaponae  aodea,  can  vary  appre- 
ciably with  different  claaaea  of  aircraft,  and  with  the  Information  content  of 
the  flight  data  uaed.  Control  Input  errora  and  angular  accelerometer  lapa 
were  found  to  be  moat  algnlflcant  of  the  lnatrumentatlon  errora  evaluated,  and 
the  perturbatlona  they  produca  are  much  larger  than  thoae  arlalng  from  the  com- 
bined affects  of  static  errors  and  whlta  noise  In  the  output  reaponae 
measurements. 

Although  comprehensive  data  regarding  parameter  accuracy  are  not  avail- 
able without  an  exhaustive  study,  results  for  specific  cases  can  be  readily 
obtained  using  the  error  analysis  algorithm  described  here. 


introduction 

One  of  the  Important  tasks  associated  with  current  efforts  to  Improve  the  estimates  of  stability  and 
control  derivatives  obtained  from  flight  data  Is  to  evaluate  the  effects  of  unmodeled  errors  In  the  meas- 
ures ents  . The  estimated  quantities  may  be  used  in  a variety  of  applications  each  with  Its  owta  accuracy 
requirements,  and  the  measurement  system  and  flight  maneuvers  used  may  be  specified  primarily  for  ocher 
purposes.  For  these  reasons,  it  Is  desirable  to  be  able  to  evaluate  the  effect  of  a given  Instrumentation 
set  on  the  accuracy  of  estimated  stability  and  control  parameters,  and  conversely,  to  determine  an  Instru- 
mentation sec  which  will  permit  the  parameters  for  a specific  aircraft  to  be  Identified  to  a desired  level 
of  accuracy.  Largely  because  of  the  difficulty  in  specifying  parameter  accuracy  requirements  and  the 
existence  of  less  powerful  computational  facilities,  suitable  error  analysis  algorithms  for  this  purpose 
have  appeared  only  recently.  Two  such  algorithms,  based  on  the  minimization  of  output  response  errors, 
are  described  In  Reference  1.  The  first  one  furnishes  statistics  of  the  resulting  parameter  inaccuracies 
through  the  use  of  sensitivity  coefficients  in  an  ensemble  technique,  and  the  other  provides  the  statistics 
by  means  of  a Monte  Carlo  analysis  of  simulated  flight  data. 

Reference  1 also  reports  an  Initial  Investigation  using  tha  ensemble  algorithm  to  determine  the  suit- 
ability of  precently  utilized  Instrumentation.  This  study  assumed  typical  Instrumentation,  cruise  flight 
conditions,  and  Included  tha  effects  of  static  Instrumentation  errors  only  (such  as  biases,  scale  factors, 
mlsallnements,  center-of-gravlty  uncertainty,  and  vane  corrections).  The  results,  together  with  chose 
presented  In  Reference  2,  indicated  that  these  error  sources  can  cause  much  larger  parameter  Inaccuracies 
than  chose  attributed  to  white  noise  In  the  output  response  measurements  alone. 

The  results  contained  In  Reference  3 and  this  report  extend  the  overall  investigation  in  several 
respects.  A principal  objective  of  these  scudlea  vaa  to  evaluate  the  effects  of  additional  error  sources 
such  aa  those  arising  from  instrumentation  dynamics  and  aeasurnents  of  control  Inputs.  The  simulated  data 
algorithm  (Monte  Carlo)  was  used  for  this  purpose,  since  these  errors  cannot  be  handled  by  the  ensemble 
algorithm  without  introducing  approximations  which  have  not  yet  been  evaluated.  As  stability  and  control 
derivatives  are  often  estimated  from  flight  daca  obtained  for  ocher  purposes  that  may  not  require  the  full 
excitation  of  the  aircraft  aodea,  resulca  were  obtained  for  two  different  Input  maneuvers.  Further  data 
were  obtained  to  determine  how  much  the  results  change  with  different  classes  of  alrcrafc  for  one  Input 
maneuver  and  identical  instrumentation  seta.  In  or-'er  to  provide  a sore  complete  evaluation,  Che  effects 
of  perameter  Inaccuracies  caused  by  unmodeled  Instrumentation  errors  on  the  output  response  trajectories, 
and  characteristic  equation  sole  locations  were  also  determined.  Lastly,  a sensitivity  analysis  was 
performed  to  qualitatively  identify  the  dominant  error  sources. 

METHOD  OF  ANALYSIS 

Simulated  Data  Error  Analysis  Algorithm 

The  process  of  estimating  stability  and  control  derivatives  by  minimizing  an  appropriate  quadratic 
performance  function  J(p)  provides  a natural  approach  for  analyzing  the  effects  of  unmodeled  errors  in 
the  measurement  data  ya.  The  essential  feature  of  Che  simulated  data  concept  is  that  Che  increase  In 
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p«r«MCtr  lnxccuraclu  caused  by  unaodeled  lnetruaentacton  errora  are  obtained  aiaply  aa  the  dlfferencea 
between  the  aaauaed  true  valuea  of  the  paraaatera,  and  thoie  eetlaated  fro*  elaulatad  flight  data  which 
contain  the  uoaodaled  errors.  The  algorlth*  used  for  this  purpose  la  that  of  Reference  4,  which  ■Inialzea 
the  output  response  error  using  the  discrete  performance  Index 
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where  Ji  la  tha  estimated  responae,  R~^  Is  a weighting  matrix,  and  the  product  Is  susmed  over  the  number 
of  data  points  (M)  In  the  measured  trajectory.  Tha  estimated  parameters  p are  solved  for  using  tha  modified 
Mewton-Raphson  algorithm 
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The  convergence  criteria  used  for  the  present  study  was  | APj | < [0.01  p j | simultaneously  for  each  parameter. 
Aircraft  Equations 

The  equations  of  motion  used  to  represent  the  aircraft  dynamics  In  the  present  study  are: 


for  the  longitudinal  mode  and 


-g  aln  Op  V cos 
-I  cos  0Q  -V  sin  aQ 
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for  th«  lateral  directional  node.  The  ahort-period  equation*  are  obtained  fro®  (3)  by  eliminating  the  state 
Au  and  all  it*  factor*.  The  unknown  parameter*  estimated  in  the  longitudinal  mode  are  Mq,  My,  My,  M«5#, 
Zjet  Zvt  Zy,  Xy,  and  Xy.  In  the  short-period  mode,  Mq,  My,  Zy,  K5e»  and  Z<5e  are  estimated  and  in  the 
lateral  mode  Yg,  Y<5a,  Y<$r,  L*8»  L*p»  L*$a,  L*6r*  N*S»  N*p*  N*r»  N*<5r.  aiM*  L*r  arc  eati^ced.  Aircraft 
considered  in  the  study  were  the  DC-8,  the  F4-C,  and  Cessna  172.  This  selection  permits  the  evaluation  of 
a high-performance  aircraft,  a large  transport,  and  a small  general- aviation  aircraft. 

Measurement  Equations 

The  ideal  measurement  equations  are  represented  as 

y - H(p)  x + D(p)  u (5) 

where  x and  u are  the  state  and  control  vectors  and  H(p)  and  D(p)  are  the  state  and  control  observa- 
tion matrices,  respectively. 

The  simulated  longitudinal  measurements  are: 

(1)  Pitch  attitude  (0) 

(2)  Pitch  rate  (q) 

(3)  Angle  of  attack  (a) 

(4)  Longitudinal  velocity  (u) 

(5)  Longitudinal  acceleration  (n^) 

(6)  Normal  acceleration  (nz) 

(7)  Pitch  acceleration  (q) 

In  the  short-period  mode,  longitudinal  velocity  and  acceleration  are  not  used.  In  the  lateral  mode,  the 
simulated  measurements  are: 

(1)  Angle  of  sideslip  (6) 

(2)  Roll  rate  (p) 

(3)  Yaw  rate  (r) 

(4)  Roll  attitude  ($) 

(5)  Lateral  acceleration  (ny) 

(6)  Roll  acceleration  (p) 

(7)  Yaw  acceleration  (f) 
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ThMi  MuutaMati  u<  corrupt  ad  by  orroro  which  ora  aodalad  la  tha  following  order  t 

Tt  - T y ♦ b (4) 

where  T la  a aatrlx  of  acala  factor,  croae-coupllof , aad  alaallnaaant  error a,  and  b repraaaota  aaaauro' 
•ant  blaaaa.  State  aaeauraaent  li|i  are  aodalad  aa 

k ■ r;1  - ^L>  <7> 

where  Tj  la  a diagonal  aatrlx  of  aaaauraaant  tine  conatanta.  Tha  alaulatad  flight  data  aeaauraaenta  are 
than  obtained  by  adding  white  no lea  at  each  tine  point 
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In  a e taller  faahlon,  control  aurfaca  poaltlon  aaaauraaant  arrora  are  aodalad  aa 

>*I  " Te  u ♦ be  (9) 

where  Te  la  a matrix  of  acala  factor  arrnre,  aad  bc  are  naaauraeMnt  blaaaa.  Control  aaaaur«iant  laga 
are  Included  aa 

\ ' T'c  <UI  * V (10) 

with  rc  a diagonal  matrix  of  maaaurcmant  syatca  time  conatanta.  Tha  alaulatad  control  maaaurament  la 
obtained  by  adding  white  no lea  aa 
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and  la  used  io  tha  development  of  tha  cat  lotted  state  measurements.  A aore  detailed  description  of  tha 
measurement  aodals  can  be  found  In  Reference  5. 

Hoot a Carlo  Computations 

The  statistics  of  the  measurement  errors  appearing  In  the  preceding  equations  are  assumed  In  Table  1 
(Refs.  1 and  6)  to  be  given  by  zero-mean  lo  values,  which  are  used  In  conjunction  with  a pseudo-random 
nuaber  generator  to  simulate  a number  cf  aeta  of  ym  and  Ug.  Following  the  simulation  procedure  employed 
In  Reference#  1 and  2,  the  sensor  location  errors  (eax,  eaz.  cvx)  and  the  elements  of  Ty  and  Pc  are 
treated  as  constants  which  remain  at  their  tabulated  la  values  lor  all  sets  of  ym  and  Ug  generated. 

The  elements  of  w and  vc  are  given  new  random  values  at  each  time  point  of  every  set  of  ym  and  Ug, 
while  the  values  for  all  remaining  erior  sources  are  regenerated  once  for  each  such  set  to  simulate  random 
biases.  A corresponding  set  of  parameter  estimates  p are  computed  using  Equation  (2),  and  the  resulting 
estimation  errors  Ap  are  formed  by  subtracting  the  assumed  true  parameter  values,  p.  Means  and  variances 
of  Ap  are  then  calculated. 

Further  computations  are  made  to  permit  evaluating  the  effects  of  the  Ap  on  the  estimates  of  the 
output  response  trajectories  and  the  open-loop  characteristic  equation  pole  locations.  Statistics  of  the 
former,  for  each  discrete  value  of  time,  are  calculated  using  all  sets  of  data  generated.  Computations  of 
all  quantities  were  generally  based  on  50  such  data  sets;  however,  in  some  cases  as  few  as  25  sets  were  used 
with  satisfactory  results.  An  inter/al  of  0.1  second  was  used  for  both  the  integration  step  size  and  the 
data  sampling  race.  Since  the  short-period  roots  of  the  longitudinal  characteristic  equation  become  real 
for  some  of  the  Ap,  scatter  diagrams  are  used  to  Indicate  the  distribution  of  these  quantities. 

RESULTS  AND  ANALYSIS 

The  Monte  Carlo  analysis  of  the  effects  of  unmodeled  Instrumentation  errors  outlined  In  the  introduc- 
tion was  based  on  simulated  flight  data,  generated  from  the  aircraft  parameters  and  cruise  flight  conditions 
listed  In  Table  II  (Refs.  7,  8,  9)  and  the  two  sets  of  conerol  input  maneuvers  plotted  In  Figure  1.  These 
choices  permit  examining  the  effects  of  independent ly  varying  the  information  content  of  the  simulated 
response  measurements  and  the  type  of  aircraft,  and  facilitate  comparisons  with  similar  results  presented 
in  References  1 and  2.  The  effects  of  the  unmodeled  error  sources  were  evaluated  in  three  groups  or  error 
cases  for  each  control  Input  or  aircraft  type.  These  error  cases  correspond  to  progressively  adding  white 
measurement  noise  (case  0),  static  measurement  errors  (case  1),  and  dynamic  lags  and  control  Input  errors 
(case  2)  to  the  simulated  data.  The  analysis  presented  includes  results  .or  both  the  longitudinal  short- 
period  and  lateral-directional  response  modes.  Lastly,  sensitivity  compulations  were  performed  to  identify 
the  dominant  error  sources. 

Although  the  results  presented  are  not  exhaustive,  they  are  representative  of  those  that  can  be 
obtained  through  the  use  of  the  error  analysis  programs  described  here  and  in  Reference  X for  specific 
combinations  of  aircraft  type,  instrumentation  set  and  error  level,  and  the  control  input  selection. 

Error  Analysis 

In  order  to  extend  and  make  possible  direct  comparisons  with  the  results  for  the  ensemble  algorithm 
given  In  References  1 and  2,  those  for  the  present  study  also  were  generated  mainly  for  the  F4-C  aircraft 
(see  Table  II)  using  the  input  maneuvers  designated  as  sequence  1 in  Figures  1(a)  and  1(b).  The  effects 
of  the  unraodeled  Instrumentation  errors  on  the  estimated  aircraft  parameters  are  analyzed,  then  the  corre- 
sponding perturbations  to  the  output  response  trajectories  and  characteristic  pole  locations  are  discussed. 
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Stability  »nd  Control  Dtrlv»tl»««.  The  statistics  of  tha  errors  In  the  estimated  aircraft  parameters, 
for  both  the  short-period  and  lateral  response  nodes,  ara  presented  in  Figure  2 for  each  of  tha  three  error 
cases.  This  information  la  expressed  in  terms  of  percentage  deviation  from  tha  assumed  true  value  of  each 
auch  derivative  presented , and  Includes  tha  scan  and  standard  deviation  for  every  element  of  the  resulting 
dp.  For  Figure  2,  and  all  subsequent  plots  of  a similar  nature,  the  scan  and  standard  deviation  of  each 
ploctad  quantity  are  respectively  denoted  by  cross  hatched  and  solid  bars  as  indicated. 

In  ganaratlng  the  data  plotted  In  Figure  2,  the  estimation  errors  for  the  longitudinal  derivatives 

lu.  2u.  and  Xw  associated  with  tha  phugold,  and  tha  lateral  derivatives  Yj»  and  Yjr,  were  found 
to  be  very  large.  Since  tha  phugold  period  for  the  F4-C  aircraft  la  roughly  22  times  the  15-aecond  data 
sampling  interval  used,  tha  raaulta  for  fly,  Xu,  2Ul  and  Xw  vara  judged  to  be  Inaccurately  determined 
because  of  insufficient  Information,  and  only  those  for  the  derivatives  retained  in  the  short-period 
approximation  are  presented.  The  values  for  and  were  omitted  tor  the  same  reason,  but  these 

tvo  derivatives  vara  allowed  to  vary  in  the  estimation  process. 

Reference  to  Figure  2 shows  that  the  static  errors  added  by  case  1 causa  auch  larger  parameter  inaccu- 
racies than  those  due  to  vhlte  measurement  noise  alone  (case  0).  The  case  1 errors  produce  biases  in  moat 
of  the  elements  of  Ap  for  both  response  modes  which  are  comparable  to  their  respective  standard  deviations. 

These  biases  proved  to  be  mainly  a consequence  of  modeling  Eax,  e , and  as  constant  errors  (sea 

Table  I),  and  not  the  result  of  any  statistical  inaccuracy  that  could  be  attributed  to  the  number  of  data 
seta  used. 

Comparisons  of  the  Monte  Carlo  results  presented  In  Figure  2 with  those  obtained  using  the  ensemble 
algorithm  generally  indicated  good  agreement,  but  were  limited  to  cases  0 and  1 since  case  2 was  not  evalu- 
ated in  References  1 and  2.  With  the  exception  of  some  of  the  weaker  derivatives,  the  differences  amounted 
to  only  a few  percent  in  both  the  mean  and  random  components  of  Ap.  The  results  for  case  2 show  that 
dynamic  lags  and  control  input  errors  can  cause  much  larger  Inaccuracies  in  the  estimated  derivatives  than 
tha  combined  effects  of  white  noise  and  static  errors  in  the  response  measurements. 

The  effects  of  initial  state  errors  were  also  evaluated;  however,  the  resulting  changes  in  Ap  proved 
to  be  very  saull  (about  equal  to  those  for  case  0)  so  that  the  utility  of  estimating  them  would  seem 
questionable  for  either  case  1 or  case  2.  Since  the  results  for  case  1 Imply  that  the  contributions  to 
Ap  from  the  biases  in  the  response  measurements  are  small  compared  to  those  from  the  dynamic  lags  and 
control  input  errors,  tha  value  of  estimating  the  output  biases  also  appears  doubtful.  Assuming  they  are 
present  In  the  flight  data,  estimating  case  2 error  sources  would  therefore  seem  to  offer  better  prospects 
for  reducing  inaccuracies  in  the  estimated  derivatives. 

One  additional  aspect  of  the  computations  that  should  be  mentioned  is  that  | R 1 ' ) remained 

almost  unchanged  for  all  three  error  cases,  so  that  the  Inverse  of  this  matrix  is  not  indicative  of  the 
error  covariance  matrix  E[Ap  ApT]  except  for  case  0.  Furthermore,  the  elements  of  Ap  contain  biases 
which  are  comparable  to  their  respective  standard  deviations  for  both  cases  1 and  2 as  previously  noted. 

Output  Response  Trajectories.  The  effects  of  the  Ap  on  the  resulting  output  response  trajectories 
are  illustrated  by  the  time  history  curves  presented  in  Figure  3.  Plotted  for  each  element  of  the  short- 
period  and  lateral  output  vectors  are  the  assumed  true  response  (based  on  the  Table  II  parameter  values) , 
and  the  means  and  standard  deviations  of  both  the  measured  and  estimated  response.  Only  the  curves  for 
case  2 are  plotted  since  those  for  cases  0 and  1 exhibit  almost  no  deviation  from  the  true  trajectories. 

These  results  show  that  the  perturbations  to  the  response  trajectories  are  not  very  severe,  however,  their 
Importance  depends  on  the  particular  application. 

Reference  to  Figure  3 Indicates  that  the  largest  perturbations  for  both  response  modes  occur  for  the 
attitude  angles,  and  Increase  to  fairly  large  values  over  the  15-second  interval  plotted.  This  propagation 
results  from  the  effects  of  Che  Ap  on  Che  Integration  of  the  aircraft  equations  of  motion.  Inspection  of 
Equation  (3)  for  the  short-period  mode  shows  chat  Che  errors  in  ftq,  and  directly  affect  the 

Integration  of  Aq.  The  resulting  inaccuracy  in  Aq  Is  in  turn  propagated  by  the  Integration  of  AS,  so 
that  the  effect  on  the  pitch  attitude  error  A8  is  twofold.  Equation  (4)  for  the  lateral  mode  indicates 
that  the  roll  attitude  error  results  from  a similar  double  propagation  of  the  errors  in  L*g,  L*p, 

L*r,  L*<ja,  a°d  h*5r  by  the  integration  of  Ap  and  &$.  The  perturbations  to  the  attitude  angles  AS 
and  Ap  thus  depend  on  the  errors  in  these  eight  derivatives,  which  all  increase  appreciably  between 
cases  1 and  2 (see  Fig.  2). 

The  relative  positions  of  the  y and  ym  time  histories  plotted  in  Figure  3 further  Indicate  the 
effects  of  the  unmodeled  Instrumentation  errors  on  the  fit  between  the  estimated  and  measured  response 
curves,  which  appears  to  be  generally  good  except  for  the  attitude  angles  A0  and  A$.  The  estimated 
response  curves  (except  that  for  Ap)  exhibit  negligible  biases,  but  their  standard  deviations  are  larger 
than  those  for  the  corresponding  measured  curves.  This  behavior  is  opposite  to  that  observed  for  cases  0 
and  1,  and  may  be  due  to  process  noise  Introduced  in  Equations  (3)  and  (4)  by  the  addition  of  control  input 
errors  (case  2)  which  degrades  parameter  estimates  obtained  with  the  modified  Nevton-Raphson  algorithm 
(see  Ref.  10). 

Characteristic  Equation  Pole  Locations.  The  s-plane  representation  is  employed  for  the  scatter 
diagrams  presented  in  Figure  4 to  illustrate  the  effects  of  the  Ap  on  the  resulting  characteristic 
equation  pole  locations.  The  plotted  pole  locations  for  both  response  modes  were  calculated  using  data 
points  for  each  set  of  p used  in  generating  Figures  2 and  3.  The  results  for  the  different  poles  are 
denoted  by  plotting  symbols  as  shown,  and  their  assumed  true  locations  (based  on  the  Table  II  parameter 
values)  are  indicated  by  arrovs.  As  was  the  case  with  Figure  3,  only  the  results  for  case  2 are  presented 
since  those  for  cases  0 and  1 also  showed  very  little  departure  from  the  true  values.  While  the  perturba- 
tions to  the  characteristic  equation  pole  locations  do  not  appear  to  be  much  more  severe  than  those  for  the 
response  trajectories,  their  importance  again  should  be  judged  by  the  application. 


I 


To  determine  which  of  the  dp  cause  the  majority  of  the  blaa  aid  acactar  aaao  la  Figure  4,  tha 
aqua t Iona  uaad  Co  determine  pola  location*  vara  evaluated  with  only  oaa  par avatar  at  a claa  aaC  flrat  to 
lta  aatlaatad  aaan  valua,  than  to  lta  aatlaatad  aaan  ±la  valua.  Tha  follovlnt  tabla  ahova  which  arrora 
wara  found  to  hava  tha  graataat  affect  on  tha  Indicated  movement  of  tha  polaa. 

... ■ . ...  Derivative*  affecting 

*ted*  pole  notion 


Short  period 

iu  - blaa  and 

•eattar 

0 - bias  and 

scattar 

", 

Id*  tarsi 

ft 

Dutch  roll 

iu  - blaa 

L „ 

a*  a 

to  - scatter 

L , M . 

*p  a® 

0 - bias 

L _ 

,*p  a 

o - scattar 

S'  "r 

loll  subaldanc* 

a - bias  and 

scatter 

Inference  to  Figure  2 again  ahova  that  the  error*  In  thoaa  derivative*  which  doalnat*  tha  revolting 
perturbation*  Inert***  appreciably  between  caaes  1 and  2. 

Effect  of  Control  Input  Maneuver 

To  dataralna  hov  tha  reaulta  preaentad  in  Figure*  2,  3,  and  4 night  vary  for  an  alternate  choice  of 
control  Input*  corraapoedlng  data  were  generated  ualng  tha  Input  aaneuvera  detlgnated  aa  sequence  2 In 
Figure*  1(c)  and  1(d).  The  aequence  2 input*  for  both  rsaponae  aodaa  ara  eoaprlaed  of  ordinary  abort 
doublet  puli**,  and  wara  choaan  to  provide  a coaparlaon  with  reaulta  for  aaneuvera  of  the  type  often  uaed 
In  actual  flight  taata.  A a evident  froa  Figure  1,  these  Input*  differ  both  In  fora  and  duration  froa  thoaa 
for  sequence  1 which  conslac  of  doublet*  augmented  with  trailing  atep  pulaea. 

To  facilitate  coaparlaon*  of  tha  paraaatar  aatlaatlon  arrora  for  tha  two  sata  of  Input  aaneuvera,  the 

ratio  of  dp  for  aaquanc*  2 to  that  for  sequence  1,  j-“.  1*  plotted  In  Figure  3 for  each  of  the  short- 

parlod  and  lateral  derivatives.  The  actual  dp*  percentage  value*  can  easily  be  obtained  by  aultlplylng 
dp 2 . dp 

dp,  by  tv-  If  daairad.  For  example,  tha  values  of  dp  and  r—  for  tha  naan  error  In  t (froa 
A “Pj  a upj  p 

Flga.  2 and  3)  ar*  respectively  about  20  percent  and  0.5,  which  give  10  percent  aa  tha  valua  of  tha  aean 
error  In  t*p  for  aaquanc*  2. 

Except  for  the  ratios  of  tha  aean  errors  In  son*  of  the  lateral  derivatives  for  case  0 (which  are 
Inaccurately  formed  because  of  the  saallnaas  of  the  numbers  Involved),  tha  fact  chat  tha  valua*  for  most 

AP2 

of  the  ratios  plotted  In  Figure  3 ar*  nearly  unity  Indicates  essentially  tha  saaa  magnitude  dp 

arrora  for  both  seta  of  Inputs.  Even  though  the  aircraft  response  differs  substantially,  as  evident  from 
the  corresponding  scat*  variable  tine  histories  also  plotted  In  Figure  1,  the  Increase  In  Information  con- 
tent afforded  by  tha  us*  of  sequence  1 did  not  result  In  any  appreciable  decrease  In  dp.  Thus,  tha  Infor- 
mation content  of  tha  response  data  does  not  appear  to  b*  deficient  for  either  sec  of  Input  maneuvers. 

While  tha  assumed  true  response  trajectories  for  the  two  sets  of  Input*  also  exhibit  the  differences  Just 
noted,  tha  magnitude*  and  overall  characteristics  of  the  resulting  perturbations  are  essentially  the  saaa 
for  each  corresponding  element  of  y.  The  two  secs  of  characteristic  equation  pole  locations  show  similar 
scattar  pattern*,  which  la  consistent  with  Che  fact  that  the  parameter  estimation  accuracy  remained  almost 
unchanged.  Because  of  tha  Halted  additional  information  they  contribute,  the  response  trajectories  and 
pole  location  plots  for  aequence  2 are  not  presented  for  either  response  mode. 

Inatnmwncaclon  Error  Effects  for  Different  Aircraft  Classes 

To  determln*  how  tha  affects  of  unaodeled  instrumentation  errors  might  vsry  for  different  alrcrsft  using 
the  same  control  Input  and  Identical  Instrumentation  sets,  the  previous  computations  were  repeated  using 
the  parameter*  and  nominal  flight  condition*  for  Che  large  transport  (DC-8)  and  the  light  general-aviation 
aircraft  (C-172)  also  listed  in  Table  II.  These  data  Include  results  for  both  the  short-period  end  lateral 
response  modes,  and  were  generated  using  Che  sequence  1 Input  maneuvers.  The  ratio  of  the  dp  for  the 


DC-8  and  tha  C-172  to  chat  for  tt>e  F4-C  aircraft. 


were  formed  In  the  same  manner  as 


to  facilitate  comparison*  of  the  results  for  the  three  types  of  aircraft.  The  values  of 


presented  In  Figures  8(a)  and  6(b),  and  those  for 


in  Figures  6(c)  end  6(d).  No  results  for 


ere  Included  In  Figure  6(c),  since  the  assumed  crus  value  for  this  derivative  was  zero  for  the  C-172  alrcrsft 
(***  Tabla  ID.  Aa  with  Figure  5,  some  of  the  case  0 ratios  are  inaccurate,  however,  these  results  are  of 
minor  Importance  as  the  elements  of  dp  for  each  of  the  three  aircraft  are  all  very  small  for  case  C anyway. 

A P d(2—  8 „ 

The  r» ratio*  plocted  in  Figures  6(a)  and  6(b)  indicate  that  the  elaencs  of  dp  for  the  DC-8  and 

PF4-C 

F4-C  aircraft  are  about  the  same  for  the  ahort-perlod  mode,  but  are  larger  for  most  of  the  DC-8  lateral 


f 


/ 


I 


derivatives. 


The  corresponding  velues  of 


^C-112 

A*»4-C 


presented  in  Figures  6(c)  end  6(d)  exhibit  even  larger 


differences  between  the  two  seta  of  parameter  estimation  errors  for  each  response  mode.  These  results 
Indicate  that  the  effects  of  u mod el  ad  ini truaenta cion  errors  on  p can  vary  appreciably  for  different 
classes  of  aircraft. 


The  perturbations  to  the  output  response  trajectories  for  the  DC-8  and  C-172  also  exhibited  much  the 
ins  overall  characteristics  as  those  for  the  F4-C  aircraft,  and  the  plots  for  these  curves  were  therefore 
omitted  for  the  sane  reason  is  those  for  sequence  2.  The  corresponding  characteristic  equation  pole  loca- 
tion plots  for  cose  2,  however,  are  presented  in  Figure  7.  Comparisons  of  Figures  4 and  7 indicate  that 
the  pole  location  errors  for  the  DC-8  and  C-172  are  very  similar  to  those  for  the  F4-C  aircraft,  except 
thoee  for  the  C-172  short-period  poles  exhibit  a much  larger  scatter  pattern.  Evaluations  of  the  pole 
location  equations  similar  to  those  perforr.au  .n  conjunction  with  Figure  4 showed  tha  Increased  scatter  to 
be  caused  aainly  by  Af^,  and  A2y  which  axe  much  larger  for  the  C-172  than  for  either  the  DC-8  or  F4-C 
aircraft.  The  effects  of  the  errors  In  these  derivatives  are  further  manifested  by  the  short-period  roots 
of  the  longitudinal  characteristic  equation  becoming  real  for  five  of  the  50  sets  of  pole  locations  plotted 
in  Figure  7(c);  however,  examination  of  the  output  response  trajectories  for  these  five  sets  showed  no 
appreciable  differences  from  the  rest.  Because  of  the  high  short-period  damping  factor  for  the  C-172 
(0.92  for  tha  assumed  true  values),  the  estimation  algorithm  has  difficulty  in  determining  accurate  values 
for  Che  derivatives,  and  Instrumentation  errors  compound  this  difficulty.  However,  the  algorithm  still 
estimates  a set  of  derivatives  that  closely  represents  the  observed  output  responses. 

Identification  of  Dominant  Error  Sources 

The  remaining  objective  of  the  present  study  was  to  qualitatively  identify  which  of  the  error  sources 
dominate  the  resulting  perturbations  plotted  in  Figures  2,  3,  and  4.  The  initial  phase  of  this  process 
showed  that,  while  Ap  for  error  case  1 is  much  larger  thnn  that  for  case  0,  neither  white  noise  nor  static 
errors  in  ya  proved  to  have  much  effect  on  either  the  estimated  response  trajectories  or  characteristic 
equation  pole  locations.  These  error  sources  thus  appeared  to  be  relatively  unimportant,  indicating  that 
Che  perturbations  to  the  output  measurements  y and  pole  locations  a evident  in  Figures  3 and  4 are 
produced  mainly  by  the  effects  of  the  dynamic  lags  and  control  Input  errors. 

The  addition  of  only  dynamic  lags  to  case  1 was  found  to  produce  negligible  changes  In  the  random 
components  of  Ap  for  both  the  short-period  and  lateral  derivatives,  but  the  magnitudes  of  the  mean  or  bias 
components  generally  Increased.  Results  generated  by  Including  the  Individual  elements  of  and  Tc 

one  at  a time  Indicated  that  these  changes  are  produced  principally  by  the  pitch  accelerometer  and  elevator 
position  transducer  lags  for  the  short-period  mode,  and  by  the  roll  accelerometer  and  aileron  position 
transducer  for  the  lateral  mode.  Further  analysis  showed  that  the  biases  in  the  pole  locations  evident  In 
Figure  4 are  noticeably  affected  by  these  lags,  while  the  corresponding  y trajectories  remain  essentially 
unchanged.  Except  for  the  effects  of  static  bias  errors  In  the  lateral  control  input  measurements,  as 
discussed  In  the  following  parsgraph,  the  resultant  biases  in  Ap  (Fig.  2)  and  (Fig.  4)  for  case  2 proved 
to  be  caused  mainly  by  the  two  dominant  lags  for  each  response  mode.  While  the  effects  of  dynamic  lags  do 
not  appear  to  be  very  large  for  the  cutoff  frequencies  represented  by  the  time  constants  listed  In  Table  I, 
these  values  are  near  a threshold  such  that  the  biases  they  produce  may  Increase  rapidly  If  onboard  filter- 
ing below  these  frequencies  is  employed. 

The  random  components  of  Ap  and  Ay  and  the  scatter  in  s for  case  2 thus  were  traced  to  the  static 
control  Input  errors.  By  adding  these  error  sources  to  case  1 one  at  a time,  as  was  done  with  the  lags,  the 
elevator  white  noise  and  the  aileron  bias  were  found  to  be  the  dominant  static  control  measurement  errors 
for  the  short-period  and  lateral  modes,  respectively.  This  procedure  further  indicated  that  the  random 
parts  of  the  perturbations  evident  in  Figures  2,  3,  and  4 are  caused  mainly  by  these  error  sources.  As 
mentioned  previously,  bja  also  contributes  to  the  resultant  biases  in  Ap,  Ay,  and  s for  the  lateral 
•K>de.  These  biases  are  most  noticeable  in  the  roll  attitude  trajectory  (Fig.  3(b)),  and  the  root  location 
for  the  roll  subsidence  time  constant  (Fig.  4(b)).  While  only  results  for  the  F4-C  aircraft  are  discussed, 
the  dominant  error  sources  were  determined  to  be  the  same  for  all  three  aircraft. 

CONCLUSIONS 

The  results  from  a Monte  Carlo  analysis  of  the  effects  of  unmodeled  flight  instrumentation  errors  on 
the  estimation  of  aircraft  stability  and  control  derivatives  indicate  the  following  conclusions: 

1.  Aircraft  derivatives  estimated  from  flight  data,  obtained  with  existing  instrumentation,  may  be 
in  error  by  amounts  which  are  comparable  to  their  respective  nominal  values.  The  effects  of  these  errors 
on  the  corresponding  estimates  of  the  output  response  trajectories  and  characteristic  equation  pole  loca- 
tions do  not  appear  to  be  very  severe,  however,  their  lmporte-_e  depends  on  the  particular  application. 

2.  The  perturbations  to  the  estimated  parameters  response  trajectories,  and  pole  locations  contributed 
by  dynamic  lags  (particularly  those  for  the  angular  accelerometers)  and  control  input  errors  are  much  larger 
than  those  arising  from  white  noise  and  static  errors  in  the  response  data  combined. 

3.  The  effects  of  initial  state  errors  and  output  measurement  biases  also  are  comparatively  small, 
so  that  the  utility  of  estimating  them  would  seem  questionable  particularly  if  the  flight  data  contain 
dynamic  lags  or  control  Input  errors. 

4.  While  some  exceptions  may  be  noted,  the  magnitudes  of  the  resulting  parameter  estimation  errors 
can  vary  appreciably  for  different  classes  of  aircraft  with  some  tendency  to  be  largest  for  light  aircraft 
and  smallest  for  heavy  transports. 


\ 
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TABLE  I.  STANDARD  DEVIATIONS  OP  NOMINAL  INSTRUMENTATION  ERRORS 
(From  Reference  1,  except  as  noted) 


Instrument 

Subscript 

Bias  6 noise 
<b)  (w) 

Seals  factor  Sensor 

(e) 

location  c.g. 
<£> 

location  Mlsallneoent 
(e)  (Y) 

1 

Tine  constant 

CO 

Gyros 

Pitch  attitude 

e 

0.150* 

0.005 

. 

- 

0.333  s 

Roll  attitude 

♦ 

.500* 

.005 

• 

- 

- 

.333  s 

Pitch  rata 

9 

•100*/s 

.005 

- 

• 

- 

.333  a 

Roll  rata 

P 

. 100* /s 

.005 

- 

- 

0.60* 

.333  a 

Yaw  rata 

r 

. 100*/s 

.005 

- 

“ 

.60* 

.333  a 

Accelerometers 


Forward 

2 

nx,*x 

.005  g 

.005 

0.305  a 

- 

.60* 

.100  a 

Normal 

2 

.005  g 

.005 

.305  a 

- 

.60* 

.100  a 

Lateral 

oy 

.0005  g 

.005 

- 

- 

- 

.100  a 

Pitch 

* 

.100* /a2 

.005 

- 

- 

'* 

.333  s 

Roll 

•100*/a2 

.005 

- 

- 

.60* 

.333  a 

Taw 

t 

.lOOVs2 

.005 

- 

- 

.60* 

.333  s 

Airflow 

a - vans 

<J,vx2 

.100* 

.005 

.305  a 

.333  a 

8 - vane 

8 

.050* 

.005 

- 

- 

- 

.333  a 

Pitot  tuba 

u 

.305  m 

.005 

- 

- 

1.000  s 

Control  surface  position  potentiometer 

Elevator 

6 

.100* 

.005 

- 

- 

- 

.500  s 

Aileron 

4 

.100* 

.005 

- 

- 

- 

.500  a 

Rudder 

6 

r 

.100* 

.005 

- 

- 

.500  a 

Airframe 

center  of  gravity 

Forward 

xcg 

- 

- 

0.152  a 

am 

Normal 

zcg 

“ 

- 

- 

.152  a 

“ 

- 

Stef  erence  6. 

^Subscript  applies  to  sensor  locarlon  only. 
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TABLE  II.  REFERENCE  TRAJECTORIES  AND  STABILITY  AND  CONTROL  DERIVATIVES 


Aircraft 

R4-C1 

DC-82 

C-1723 

Reference  trajectory 
V,  a/s 

252.2 

251.2 

54.5 

aQ,  degrees 

2.6 

0 

-.7 

6 , degrees 

2.6 

0 

-.6 

Altitude,  a 

6096.0 

10058.4 

1524.0 

Longitudinal 


Mq.  a"1 

-.7192 

-.9240 

-6.7346 

Mv,  1/s-o 

-.0338 

-.0364 

-.1664 

Zv,  a-1 

-.7624 

-.8060 

-2.0702 

Mu,  1/s-a 

-.0015 

-.0026 

-.0020 

„ -1 
Zu,  a 

-.0617 

-.0735 

-.3844 

v -1 

Xu,  s 

-.0070 

0.0140 

-.0427 

-1 

Xv,  a 

.0273 

.0043 

.0702 

M6e’  1/s2-rad 

-16.2100 

-4.5900 

-24.3809 

, n/s  -rad 

-21.7514 

-10.5461 

0 

Lateral 

ve.  a'1 

-.1569 

-.0868 

-.1630 

* .1 

Lg.  a 

-15.9779 

-4.4103 

-23.2641 

* -2 
Ng.  a 

6.5630 

2.1405 

5.5036 

* -1 

L . 3 

-1.6084 

-1.1812 

-11.5311 

p 

* -1 

N . 9 

-.0997 

-.0204 

-1.3632 

p 

* .1 

L , a 

.3840 

.3343 

2.6918 

* -1 

N , 8 
r 

-.3432 

-.2281 

-1.2138 

Y{a,  1/s-rad 

-.0034 

0 

0 

L^^,  1/s^-rad 

10.8972 

2.1102 

53.7865 

N^  , 1/s  -rad 

.7063 

-.0652 

.2103 

Yr  , 1/s-rad 
6r 

.0246 

.0222 

0 

L^  * 1/s^-rad 

2.5431 

.5490 

.9974 

N^,  1/s^-rad 

-3.9028 

-1.1644 

-6.1719 

^■Reference  7. 
2 

Reference  8. 
"^Reference  9. 
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(a)  Longitudinal  mode.  Sequence  1. 


Figure  1.  Control-Input  maneuvers  and 
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(a)  Short-period  mode. 


Figure  4.  Estimated  characteristic  equation  pole  locations  for  the  F4-C  aircraft 
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(d)  Lateral-directional  (C-172)  mode. 
Fig'ire  6.  Concluded. 


(c)  Short-period  (C-172)  mode. 
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Dutch  roll 
Spiral  divergence 
Roll  subsidence 


(d)  Lateral-directional  (C-172)  mode. 

Figure  7.  Concluded. 
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SUMiARY 

From  novoabor  1973  till  April  197*  a series  of  flight  testa  with  a Hawker  Buntar  Mk.7  aircraft  was 
performed  to  determine  tha  performance  as  wall  as  stability  and  control  charactaristice  from  measurements 
during  noo-staady  symmetric  manoeuvres.  Tha  instrumentation  system  used  in  these  taste  will  ba  described 
bristly  in  this  paper.  In  tha  description  of  tha  layout  of  tha  system  tha  following  subjects  will  ba 
treated  in  more  detail. 

1.  Tha  choice  of  tha  specifications  for  tha  transducers  as  related  to  tha  desired  accuracy  of  tha 
characteristics  of  tha  aircraft  to  ba  determined.  Special  attention  will  be  given  to  the  methods 
applied  to  meet  these  specifications,  especially  for  the  pressure  transducers. 

2.  The  calibration  program  to  determine  the  characteristics  of  the  transducers  in  the  statistical 
format,  to  apply  modern  system  theory  to  the  analysis  of  the  flight  measurements. 

1.  INTRODUCTION 

A method  to  determine  performance  as  wall  as  stability  and  control  characteristics  from  accurate 
smaaurements  in  non-steady  flight  has  been  developed  at  the  Department  of  Aeronautical  Engineering  of  tha 
Delft  University  of  Technology  during  the  last  decade.  The  De  Havilland  Canada  DHC-2  Beaver  laboratory 
aircraft,  owned  and  operated  by  the  Delft  University,  has  been  used  for  the  experimental  evaluation  of 
Che  flight  test  method  developed.  Experimental  results  hava  been  published  in  Refs.  I and  2. 

Recently  an  additional  flight  teat  program  has  been  carried  through  in  close  cooperation  with  the  National 
Aerospace  Laboratory  using  a Hawker  Hunter  Kk.7  as  test  aircraft.  See  Fig.  I.  This  flight  test  program  was 
aimed  at  application  of  tha  me. hod  to  flight  testing  a high  performance  aircraft  so  as  to  enable  further 
evaluation.  A brief  outline  of  the  flight  teat  method  applied  will  be  given  prior  to  presenting  a description 
of  the  instrumentation  system,  the  design  specifications  and  the  performance  achieved. 

lhe  flight  teat  awthod  applied  is  based  on  deduction  of  aircraft  performance  as  well  as  stability  and 
control  characteristics  from  measurements  obtained  during  a nominally  symaetric  non-steady  manoeuvre. 

The  manoeuvre  is  characterized  by  a nearly  constant  acceleration  of  the  aircraft  from  low  to  high  speed  in 
a time  interval  of  about  200  seconds.  At  more  or  less  equal  time  intervals  the  aircraft  is  forced  to 
oscillate  about  the  lateral  axis  by  manually  controlled  oscillations  of  the  elevator.  Characteristic  time 
histories  of  several  variables  are  shown  in  Fig.  2.  The  non-steady  manoeuvre  is  described  in  more  detail 
in  Ref.  3. 

Stability  and  control  characteristics  are  derived  from  measurements  obtained  during  the  aircraft's 
oscillations.  Aircraft  performance  and  the  polar  drag  curve  are  determined  from  the  quasi-s tat ionary  parts 
between  the  oscillations. 

A two  step  procedure  is  applied  for  flight  test  data  reduction.  See  Fig.  3.  First  of  all  the  aircraft’s 
flightpath  is  reconstructed  with  the  aid  of  Maximum  Likelihood  or  Kalman  Filtering  methods  from  the 
measurements  recorded.  See  Reft.  A and  3.  Results  obtained  processing  the  Hawker  Hunter  flight  test 
measureatents  are  presented  in  Ref.  6. 

Secondly  aircraft  performance  as  well  as  stability  and  control  characteristics  are  derived  from  flight- 
path  reconstruction  results. 

The  instrumentation  system  used  for  the  flight  tests  mentioned  above  will  now  be  discussed.  Specifi- 
cations of  the  transducers  incorporated  in  the  system  will  be  presented.  Finally  the  calibration  program 
required  for  determination  of  the  measurement  channel  input-output  relations  as  well  as  the  measurement 
error  statistics  will  be  described.  The  results  achieved  will  be  compared  with  the  specifications  desired. 

2.  DESCRIPTION  OF  THE  INSTRUMENTATION  SYSTEM 

The  system  was  built  at  the  Department  of  Aeronautical  Engineering  of  the  Delft  University  of  Technology 
and  was  based  on  the  experience  obtained  during  the  non-steady  flight  test  programs  with  the  Beaver  in  1907 
and  1968.  See  Refs.  I and  2.  This  experience,  however,  was  limited  to  the  instrumentation  of  low  speed 
aircraft  and  was  extended  with  the  experience  of  the  National  Aerospace  Laboratory,  which  guaranteed  a solid 
basis  for  the  instrumentation  of  the  Hawker  Hunter  laboratory  aircraft. 

The  Beaver  flight  test  program,  see  Refs.  4,  5 and  10,  showed  that  several  aircraft  state  variables  had 
to  be  determined  with  great  accuracy  (r.m.s.  errors  less  th  in  0.0IZ  of  full  -ange)  to  obtain  accurate 
aircraft  performance  characteristics. 

The  transducers  of  the  system  can  be  devided  into  four  groupes: 

I.  Transducers  to  determine  the  flightpath  of  the  aircraft 

a.  three  accelerometers  aligned  along  the  X,  Y and  2 axes  of  the  aircraft's  body  frame  of  reference. 

b.  tvo  rate  gyro's  measuring  rate  of  pitch  and  rate  of  yaw. 

c.  tvo  attitude  gyro's  measuring  bank  angle  and  heading  angle. 

d.  one  absolute-  and  three  differencial  pressure  transducers  used  to  measure  static  and  dynamic 
pressures. 

e.  an  angle  of  attack  vane  and  a temperature  probe. 
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2.  Transduce* v to  determine  engine  thrust. 

a.  two  differential  pressure  transducers  to  measure  static  and  total  pressure  in  the  jetpipe. 

b.  sensors  for  measurement  of  E.C.T.  and  engine  r.p.m. 

3.  Transduce* a to  measure  elevator  and  stabilizer  angles. 

4.  Transducer*  to  determine  the  position  error  correction  of  the  static  part  of  the  nose  boom. 

All  transducers  mentioned  are  summarized  in  Table  I. 

A simplified  lock  diagram  of  the  flight  test  instrumentation  system  is  shovn  in  Fig.  4.  The  data 
Logging  part  of  the  system  is  capable  of  measuring  and  recording  19  variables , each  at  a sample  frequency 
of  20  samples  per  . econd.  This  system  is  described  in  Ref.  7. 

The  transducers  were  mounted  in  the  aircraft's  fuselage,  the  data  logging  part  was  carried  in  the 
inboard  pylon  tank  of  the  port  wing.  The  operator's  p.nol  wax  placed  at  the  starboard  side  of  the  instrument 
panel  of  the  dual  cockpit. 

2.1  The  specifics  ^on*  of  the  transducers. 

The  specifiat  ions  used  for  transducer  selection  were  based  mainly  on  the  experience  obtained  from  the 
flight  test  progr.-rui  with  the  Beaver  aircraft.  The  impact  of  the  measurement  error  model  used  for  flight 
eest  data  analysis  on  the  transducer  specification  requirements  will  be  discussed  prior  to  presenting 
instrumental  specifications. 

The  inaccurac/  of  a transducer  basically  depends  on  the  design  of  the  transducer  and  the  environmental 
operational  conditions.  A number  of  error  sources  can  be  mentioned.  Non-linearity,  hysteresis,  sensitivity 
for  interfering  inputs,  etc.  The  effects  of  these  error  sources  on  the  achievable  measurement  accuracy  can 
be  expressed  in  a rather  simple  model.  See  Refs.  8 and  9.  This  model  contains  two  different  error  types. 

First  of  all  the  systematic  errors.  The  systematic  errors  are  assumed  to  be  constant  during  a short 
period  of  time  (duration  of  one  non-steady  manoeuvre).  The  systematic  errors  to  be  considered  here  have  the 
same  effect  as  and  indeed  will  often  be  due  to  zeroshifts. 

Secondly  the  random  errors  which  can  be  considered  as  measurement  noise. 

The  accuracy  of  the  transducers  depends  on  both  errors.  The  bias  errors  of  the  differential  pressure 
transducers,  however,  can  be  determined  in  flight  by  short  circuiting  the  pertaining  pneumatic  circuits 
prior  to  and  after  each  flight  test  manoeuvre.  This  feature  enables  the  application  of  model  matching 
techniques  for  fiightpath  reconstruction  and  estimation  of  the  bias  errors  of  the  inertial  transducers. 

See  Refs.  4,  5 and  10.  However,  in  these  references  it  has  been  shown  that  the  bias  error  of  the  accelero- 
meter aligned  along  the  aircraft's  longitudinal  axis  can  be  determined  only  with  insufficient  accuracy.  For 
that  reason  an  extremely  accurate  accelerometer  exhibiting  negligible  zeroshifts  has  been  incorporated  in 
the  flight  test  instrumentation  system,  to  sensing  the  aircraft's  longitudinal  acceleration. 

To  further  improve  the  achievable  fiightpath  reconstruction  accuracy  more  accurate  differential  pressure 
transducers  were  needed  than  those  available  on  the  market  when  designing  the  instrumentation  system. 

However,  the  measurement  accuracy  of  the  pressure  transducers  could  be  considerably  augmented  by  careful 
stabilization  of  the  environmental  operational  conditions.  This  goal  could  be  achieved  mounting  all 
differential  pressure  transducers  in  one  soecially  designed  box. 

In  Table  2 the  specif ications  of  the  transducers  are  presented. 

2.2.  The  pressure  transducer  box 

Pressure  transducers  are  sensitive  to  temperature  changes  and  accelerations  in  the  direction 
perpendicular  to  the  membrane.  In  particular  differential  pressure  transducers  designed  for  a relatively 
small  measuring  range  tend  to  show  large  zeroshifts  in  course  of  time.  These  errors  could  be  attenuated 
by  the  following  precautions. 

The  seven  differential  pressure  transducers  were  mounted  in  one  box.  This  pressure  transducer  box  was 
installed  in  tl.a  ammunition  bay  of  the  aircraft. 

The  cemperafura  inside  the  box  was  maintained  at  43  + 1°  C by  a thermostat  combined  with  effective 
isolation  of  ‘.he  box.  To  decrease  the  time  constant  of  the  temperature  control  system.forced  ventilation 
with  a small  fan  was  applied.  See  Fig.  5. 

The  non-steady  manoeuvre  is  considered  as  nominal ly  symmetric.  Asymmetric  deviations  were  consequently 
assumed  small.  The  acceleration  sensitive  axes  of  the  differential  pressure  transducers  have  therefore  been 
installed  parallel  to  the  Y-axis  of  the  aircraft's  body  frame  of  reference.  The  acceleration  sensitivecy 
of  the  pressure  transducers  is  of  the  order  of  2 - 6 Z of  full  range  per  g.  The  results  of  the  flight  test 
program  showed  accc lerat ions  in  Y direction  being  less  than  0.05  g.  Consequently  corrections  for  acceleration 
induced  errors  could  be  omitted. 

The  systematic  errors  could  be  corrected  for  by  measuring  the  output  of  the  transducers  at  zero  input 
before  and  after  the  manoeuvre.  Zero  input  can  be  obtained  by  short  circuiting  the  transducer  with  the  aid 
of  a valve.  Tine  averaging  the  output  voltage  thus  obtained  provides  a mean  voltage  magnitude  representative 
of  the  zero  shift.  Six  electro  mechanically  driven  valves  have  been  used  for  short  circuiting.  A scheme 
of  the  entire  pneumatic  circuit  is  given  in  Fig.  6. 

To  obtain  further  improvement  of  the  performance  of  the  transducers  some  additional  precautions 
were  taken. 


The  non- 1 inear i t ies  of  the  transducers  were  determined  by  calibration  and  consequently  corrected  for. 


The  ecatic  pressure  iaaida  cba  boa  wee  used  aa  reference  praaaura  (or  tha  differential  pressure 
transducers.  To  stabilise  tha  rafaraaca  praaaura  a daapar  was  Installed.  See  FI*,  i. 

A*  praaaura  transducer  amplifiers  ara  temperature  sensitive, these  amplifiers  were  alio  mounted  ia  tha 
praaaura  transducer  ho*. 


Tha  raaulta  of  tha  callbratloo  prograa  to  ha  daacribad  ia  tha  oaat  chapter,  will  show  that  tha 
precaution*  diecueeed  ebove  gave  a conaiderable  improvement  of  the  accuracy  of  tha  tranaducart. 


Oaa  of  tha  variable*  to  be  *M*cur*d  accurately  to  enable  flightpach  recooetructioa  i*  the  altitude 
variation  Ah.  So*  taf*.  4,  5 and  10.  Tha  method  us ad  to  Mature  thie  quantity  naada  eoese  axplanation.  Tha 
altitude  veriatioa  Ah  l*  computed  according  toi 


Ah 


- 

et 
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were  Ap  i*  the  etatic  preeaur*  variation  relative  to  the  static  pressure  at  manoeuvre  initiation. 
Determination  of  Ah  imey  thu*  be  eeen  to  require  the  measurement  of  the  change  of  static  preaeur*.  This 
■eaeureaent  is  performed  with  tha  aid  of  a differential  pressure  transducer  coupled  to  a chermoef leek. 

See  Fig.  J and  i.  Whan  tha  valve  shown  ia  Fig.  i is  closed  at  manoeuvre  initiation  the  corresponding 
reference  pressure  ia  stored  in  the  flask.  Consequently  reference  pressure  variation*  can  be  measured  with 
the  differential  pressure  transducer  Ap | . Static  pressure  variation  can  then  ha  determined  according  to: 


Ap  • Ap | ♦ Ap4 


Saa  Fig.  i. 


(2) 


Tha  accuracy  with  'ahich  tha  changa  of  static  prassura  Ap  can  be  measured  depends  on  the  differential 
pressure  transducers  applied  end  tha  stability  of  the  pressure  in  the  thermosf leek.  A temperature  variation 
of  Is  C in  the  flask  induces  a pressure  variation  of  0.3  2.  Such  a pressure  variation  equals  an  altitude 
variation  of  about  25  maters. 


To  stabilise  tha  teavere.ure  in  the  flask  the  heat  capacity  inside  the  flask  hao  to  ba  augmented  end 
the  isolation  had  to  ba  improved.  The  flask  wee  therefor*  filled  with  ISO  gram*  of  ctrelvool.  This  material 
had  tha  additional  advantage  oi  feat  heat  exchange  with  the  air.  The  isolation  of  the  flask  was  improved  by 
plastic  foam.  See  Fig.  S.  A smell  electric  heater  mounted  inside  the  thermoeflask  was  required  to  maintain 
equal  temperature  in-  end  outside  the  f.jek  during  the  warm-up  period  of  the  preaeur*  transducer  box.  A 
second  thermoeflask  wee  used  to  prevent  cold  air  from  entering  into  the  measurement  flask  during  feet 
descend*  of  the  aircraft.  Thie  flask  was  also  filled  with  tteelwool  end  provided  with  a temperature  control 
unit. 


Taking  account  of  tha  design  daacribad  above  it  was  expected  that  the  temperature  inside  the  thermoe- 
fleek  could  be  kept  within  a rang*  of  *_  0.03°  C during  a period  of  S minute*  which  i*  long  enough  for  one 
manoeuvre. 

3.  TESTING  AND  CALIBRATION  OP  THE  INSTRUMENTATION  SYSTEM 

Testing  and  calibration  of  an  instrumentation  system  in  advance  of  a flight  test  program  provides  both 
a final  check  on  the  proper  operation  of  the  whole  system  and  the  relations  between  input  and  output  of  the 
measuring  chain*.  Calibration  after  completion  of  Che  flighc  teste  is  necessary  to  have  a check  on 
possible  change*  in  the  caracteriecics  of  the  transducers. 

If  Kalman  filtering  or  corresponding  techniques  are  used  for  flight  pach  reconstruction  from  flight 
teat  data  detailed  knowledge  concerning  measurement  error  statistics  is  required.  This  knowledge  cannot  be 
gained  from  one  tingle  calibration.  In  this  Chapter  it  will  be  shown  that  combination  of  the  data  of  all 
calibrations  carried  out  during  che  flight  teat  program  provides  additional  knowledge  about  Che  measure- 
ment error  statistics. 

Before  discussing  the  calibration  program  some  data  of  che  test  program  of  the  instrumentation  system 
will  be  given. 

3.1.  Testing  che  instrumentation  system. 

To  have  a check  on  the  proper  operation  of  the  syscem  under  the  environmental  conditions  which  could 
arise  during  the  flight  tests  all  components  were  tested  before  the  calibration.  The  temperature  was  varied 
between  +25°  and  -30°  C.  The  pressure  was  varied  corresponding  to  an  altitude  change  from  rero  to  30.000 
ft.  Acceleration  changes  in  all  directions  of  * I g were  applied.  Modifications  of  data  logging  system 
components  had  to  be  made  in  order  to  meet  che  system  specifications. 

Due  to  lack  of  the  possibility  Co  test  the  system  when  changing  all  environmental  conditions  at  the 
same  time,  che  pressure  transducer  box  and  later  the  whole  syscem  were  tested  in  che  Beaver  laboratory  air- 
craft up  to  an  altitude  of  20.000  ft. 

The  performance  of  the  presaure  transducer  box  satisfied  the  required  specifications.  When  the  tempera- 
ture wes  varied  from  +25  to  -30°  C the  maximum  temperature  deviation  inside  the  box  after  one  hour  was  3.2°  C. 
Due  to  this  low  outside  temperature  of  the  pressure  transducer  box  the  rate  of  change  of  the  pressure  inside 
the  thermoeflask  was  found  to  correspond  to  an  altitude  variation  rate  of  1.5  ft/min  one  hour  after  the 
decrease  of  the  outside  temperature. 

During  the  test  flighc  in  the  Beaver  laboratory  aircraft,  which  lasted  three  hours,  a maximum  tempera- 
ture change  inaide  the  box  of  1.5°  C was  observed. 
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3.2.  Th.  c.libr.cioa  progrw. 

An  in.trua.nt  calibration  prograa  waa  accompl iahcd  to  d.t.rain.  tha  raapactiva  input-output  ralatlona 
of  i ha  naaauring  chains  of  tha  aystan  and  to  obtain  information  about  tha  syateoatic  and  random  arrora  of 
each  measuring  chain.  All  transducera  ware  calibratad  twice  prior  to  flight  testing,  once  during  flight 
tasting  and  twice  posterior  to  flight  test  prograa  completion.  All  data  points  of  the  five  calibrations 
were  combined  and  used  to  determine  the  input-output  relatione  of  tha  transducers  and  to  determine  the  error 
model. 


Successive  calibrations  of  a particular  tranaducer  under  conatant  conditions  will  always  differ  in  some 
respect. 

Calibrating  tranaducera  inputs  Y,  measured  in  engineering  units,  are  related  to  output  voltages  X.  If 
che  inverse  relation  is  expressed  in  terms  of  a polynomial 

Y - * ♦ * X + . X*  ♦ ...  ♦ a_x"  (3) 

• 1 2 * 

Chen  the  deviation  of  a calibration  data  point  AY  if  defined  by 

AY  -Y-a  -aX-aX1-...-  *_x“  (4) 

Difference*  between  the  results  of  successive  calibrations  can  be  found  ermparing  the  polynomial  coefficients 
a^,  a^,  ...»  a^  and  comparing  the  corresponding  r.m.s.  magnitudes  of  the  data  point  deviations* 

Combining  the  data  of  several  calibrations  and  fitting  one  curve  through  all  that  data,  the  differences 
between  the  calibrations  can  be  shown  by  a plot  of  the  deviations  AY  versus  the  corresponding  values  of  Y. 
Such  a plot  of  a differential  pressure  transducer  is  *iven  in  Fig.  7. 

When  the  data  of  successive  calibrations  are  combined  the  r.m.s.  magnitude  of  the  deviations  AY  will 
increase  with  increasing  number  of  calibrations.  The  r.m.s.  magnitude  will  be  larger  than  the  r.m.s.  of  the 
deviations  AY  of  only  one  calibration.  See  Fig.  8.  The  increase  shown  can  be  caused  by: 

1.  different  systematic  errors  occurring  during  different  calibrations; 

2.  time  dependent  variations  of  transducer  gradients; 

3.  different  realizations  of  random  measurement  noise. 


A general  description  of  the  calibration  procedure  applied  and  the  calibration  standards  used  will  be 
presented  prior  to  discussing  the  results. 


Due  to  the  high  resonance  freguency  of  most  transducers  and  che  comparatively  small  bandwidth  of  the 
variables*  static  calibration  was  considered  to  be  adequate.  See  Ref.  2.  Except  for  the  thermometers,  T and 
E.C.T.,  all  the  calibration  curves  were  determined  by  calibration  of  the  entire  measuring  chain,  so  as  to 
improve  the  accuracy  of  the  calibration  curve.  As  described  in  Ref.  II  third  order  polynomial  were  fitted 
through  the  calibration  data  by  using  regression  analysis.  In  case  of  the  accelerometers  a more  extended 
formula  was  used  to  correct  for  misalignment  and  cross-axis  sensitivety.  The  three  accelerometers  were 
calibrated  together  relative  to  the  frame  axes  of  the  accelerometer  box.  See  Fig.  9.  The  following  equations 
were  used: 
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where  ex,  and  are  the  output  voltages  of  the  accelerometers. 

The  calibration  polynomials  of  the  differential  pressure  transducers  were  modified  to  eliminate  the 
zero  input  related  output,  related  to  the  zeroshift  during  the  calibration. 
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• wherein: 

input  of  Che  differential  pressure  transducer 
output 

output  related  to  zero  input  during  the  calibration 

The  following  standards  are  used  for  the  calibration  of  the  rate  gyro's  accelerometers  and  the  pressure 
transducer  s . 


p * th* 
e ■ the 

p 

e * the 
P 

o 


1.  A rotary,  tiltable  indexing  table  (Optical  Measuring  Tools,  England)  for  calibration  of  acce lercrae ters 
between  -1  g and  *■  I g. 

2.  A rate  of  turn  table  (Genisco  Inc.,  U.S.A.)  for  calibration  of  rate  gyro's  and  accelerometers  above  I g. 

3.  A tilting  piston  pressure  gauge  (Delft  University  of  Technology)  used  for  calibration  of  differential 
pressure  transducers  in  a range  of  0 - 250  kgf/n2. 

i,  A primary  pressure  standard  (Conso 1 idated  Electrodynamics  Corp.,  U.S.A.)  for  calibration  of  absolute  and 
differential  pressure  transducers  with  a range  larger  than  250  kgf/ra2. 


I 


i 


■» 


n 
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1.1.  Calibration  rotults. 

Th«  calibration  prograa  yl.lda  tor  aach  inacrunaot  tha  cotfflciaata  of  tha  pertaining  calibration  t 

polynomial  aa  wall  aa  tha  r.n.a.  value  of  tha  data  point  deviations  AY.  Tha  r.n.a.  value  of  the  davlatione  i 

of  all  tranaducara  are  liatad  in  table  ).  Two  r.n.a.  valuea  are  given  for  aach  tranaducar.  Tha  first  r.n.a.  I 

value  0(&Y)|is  the  naan  of  the  r.n.a.  values  of  tha  deviations  obtained  fron  aach  calibration.  Tha  second  | 

r.n.s.  value  o(AY)i  is  tha  r.n.a.  of  tha  deviations  obtained  whan  one  poljreonlal  is  fitted  to  tha  data  of  j 

tbs  3 calibrations. 

! 

With  these  data  it  la  possible  to  conpara  tha  specifications  of  tha  transducers  given  in  table  2 and 
tha  pertaining  characteristics  derived  fron  the  calibrations  nade. 

The  results  of  sons  transducers  will  be  discussed  next!  ! 

i 

The  pitch  rate  gyro. 

In  fig.  10  a plot  of  tha  deviations  of  S calibrations  is  given,  fron  table  ) it  ia  clear  that  tha  r.n.s. 
value  of  tha  deviations  of  3 contained  calibrations  o(AY)i  is  thrse  tines  larger  then  o(AY)i  fron  one 
calibration.  This  ia  caused  nainly  by  the  torquar  characteristics  of  the  rate  gyro  used.  However,  the  xero- 
ahift  ia  very  snail.  According  to  table  3 the  rsndon  error  it  within  tha  specifications. 

The  acceleros^ters. 

The  deviations  of  the  calibrations  of  tha  accelerosMtar  in  X direction  are  plotted  in  fig.  II.  This  trans- 
ducers showed  snail  gradient  variations,  whtreat  neaaureaent  noise  expressed  in  the  r.n.s.  value  of  the 
deviations  oiAA^Jj  it  smaller  chon  specif ied. The  terse  holds  for  the  accelerometers  in  Y and  Z direction. 

Fraaaura  transducers. 

The  differential  pressure  transducers  behave  entirely  different  fron  the  transducers  discussed  above.  As 
shown  in  Table  I two  different  types  of  differential  pressure  transducers  were  used  in  the  system: 

1.  Three  ACB  H 3010  differencial  pressure  transducers  for  the  lowest  pressure  renges  (♦  170  kgf/n2). 

2.  Four  Stathan  PM6TC  transducers  for  the  andiua  and  high  pressure  rangee  <♦  300  up  to  ♦ 17.000 
kgf/n2) . 

In  section  2.1.  it  was  assumed  that  to  improve  tha  performance  of  tha  pressure  transducers  It  was 
necessary  to  measure  the  x«ro  input  related  output  during  flight  to  eliminate  the  effect  of  the  aero  shift 
on  meaeureaent  accuracy.  In  addition  a number  of  precautions  were  taken  to  improve  the  environment  of  the 
transducers. 

The  low  pressure  transducers  Ap  , Ap  and  Ap  exhibit  large  zero  shifts  as  shown  in  Fig.  i2a  for  Ap  . 

When  fitting  one  single  calibration  fcurva5 through* the  data  of  5 calibrations  considerable  differences  arts# 
depending  on  the  corrections  are  made  for  the  zeroshifts.  See  Fig.  12b  and  Table  3.  The  tret  identical  ACB 
transducers  exhibit  a remarkably  large  differences  in  measurement  accuracy. 

The  three  high  pressure  transducers  qc,  Apa ■ and  Apt • do  not  show  a clear  zero  shift,  but  rather  a change 
of  the  gradient.  In  Fig.  13  tha  deviations  of  qcJare  plotted.  Remarkable  in  this  figure  is  the  change  of  the 
gradient  with  time  which  was  also  found  for  Apg.  and  Apf.  Comparing  the  r.m.s.  values  0(AY)2  with  and  without 
zeroshift  correction  only  small  differences  ari  found  fir  these  three  transducers.  See  Table  3. 

The  Statham  transducer  used  to  measure  the  change  of  the  reference  pressure  Ap  exhibits  both  a zero 
shift  and  a small  gradient  variation.  See  Fig.  14.  Correction  for  the  zero  shift  yields  the  largest  relative 
improvement  of  the  r.m.s.  value  o(AY)2  of  the  deviations.  In  spite  of  the  much  larger  range  of  Ap  (♦  500 
kgf/m2)  as  compared  to  the  range  of  the  ACB  transducers  (♦  170  kgf/m2)  the  measurement  noise  has  i r.m.s. 
magnitude  of  the  same  order.  See  Table  3. 

The  r.m.s.  magnitude  0(AY)j  of  the  measurement  noise  of  all  differential  pressure  transducers  has  an 
order  of  magnitude  of  0.1  to  0.2  I of  the  range  of  the  transducers,  which  is  smaller  than  was  expected. 

Essential  parameters  for  flighepath  reconstruction  are  the  measured  altitude  variation  Ah  as  well  as 
the  airspeed  V.  Accuracies  achievable  when  deriving  these  quantities  from  pressure  measurements  recorded 
in  flight  can  now  be  estimated. 

The  error  in  the  altitude  variation  Ah  is  mainly  dependent  on  the  error  in  the  measurement  of  the 
static  pressure  variation.  Ap  - Ap  ♦ Ap  . Assuming  that  the  errors  in  the  measurements  of  Ap  and  Ap  are 
independent,  the  noise  of  Ap  can  be  easily  computed  from  the  data  in  Table  3.  aAp  * 1.06  kgf/t&2.  This1 value 
is  equivalent  to  0.8  m altitude  change  at  zero  altitude  and  1.6  m at  an  altitude  of  20.000  ft. 

Due  to  the  non-lineair  relation  between  the  true  airspeed  V and  the  dynamic  pressure  qc  and  taking 
account  of  the  non-normal  distribution  function  characterising  the  statistics  of  the  error  in  the  measure- 
ments of  qc,  see  Fig.  13,  it  is  not  possible  to  give  an  estimate  of  the  r.m.s.  of  the  error  in  the  measured 
true  airspeed  V.  As  far  as  the  influence  of  an  error  in  qc  on  the  true  airspeed  is  concerned,  it  is 
possible  to  determine  the  effect  of  an  error  in  q on  the  true  airspeed  for  a given  value  of  the  airspeed 
and  the  altitude. 

Using  the  maximum  errors  in  Fig.  13  of  q^  due  to  the  gradient  change  with  time,  the  error  AV  can  be 
determined  for  different  values  of  the  true  airspeed  V and  the  altitude  h. 

V _ h AV  max 

2D. 000  ft 
20.000  ft 


130  m/sec 
250  m/sec 


0,5m/ sec 
0,3  «/sec 
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from  these  data  it  ia  evident  that  tha  variation  of  tha  gradient  of  q£  doaa  not  hava  such  iofluanca  on  tha 
accuracy  of  tha  trua  airspeed. 

6.  SUMMIT  AMD  CONCLUSIONS 

In  thia  papar  aa  instrumentation  system  for  flight  taata  in  non-steady  flight  ia  daacribad.  Amongst 
othara  tha  ayataa  coapriaaa  aavaral  high  accuracy  tranaducara  and  a high  quality  data  logging  ayatea.  Tha 
raaulta  of  tha  calibration  prograa  daacribad  ahow  that! 

1.  An  inatrimntation  ayatea  with  an  overall  accuracy  in  tha  ordar  of  0.01  Z haa  been  realised  such  in 
accordance  with  preapecified  tolerancaa. 

2.  An  iaproveaent  of  accuracy  of  differential  preaaura  tranaducara  can  be  achieved  by  correcting  the  xero 
ehifta  and  iaproving  the  environaencal  condition!  of  the  tranaducera. 

).  One  aingla  calibration  haa  been  shown  to  provide  inaufficient  information  to  determine  the  atatiatical 
characterietice  of  the  measurement  noiaa. 
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Tabl*  I.  Transducer*  u**d  in  th«  instrumentation  syetea. 


chans* 1 
number 

m***ur*d  variable 

tran*duc*r  typ* 

range 

1 

4 

rat*  of  picch 

Hon*yv*ll  CC87 

♦ 23°/a*c 

2 

*p«cific  fore*  along  X-axi* 

Donncr  modal  4810 

♦ 10  a/**c2 

] 

s 

(pacific  fore*  along  Y-axia 

Donn«r  modal  4310 

♦ 5 a/»*c2 

4 

** 

(pacific  fore*  along  2-axia 

Oonnar  modal  4810 

♦ 100  a/*«c2 

5 

9 

change  in  heading 

Sperry  S3A 

- 

6 

r 

rat*  of  yaw 

J.P.I.M.  1 14 

♦ 7°/**c 

7 

n 

•ngint  ap*«d 

D.U.T. 

0 - 8200  r.p.a. 

8 

T 

temperature 

Eoieaount  Model  102 

-100  to  »20O°  C 

9 

dP4 

Pc'Pr.f 

ACB  H 5010 

♦ 200  kgf/m2 

10 

Apj 

Pa'Pref 

ACB  H 5010 

♦ 200  k»r/m2 

II* 

4P6 

Pc'P* 

ACB  H 5010 

♦ 100  kgt/m2 

lib 

E.C.T. 

exhaust  gas  temperature 

Bell  and  Howell  I87A-80 

0 - 1200°  C 

12 

bp, 

Pl'Praf 

Stathaa  PM6TC 

♦ 700  kgf/a2 

13* 

a 

angl*  of  attack 

N.L.R. 

♦ 30° 

13b 

4P«j 

P*j'pr«f 

Stathaa  PM6TC 

♦ 7000  kgf/a2 

14 

iPt: 

Ptj'Pref 

Stathaa  FM6TC 

♦ 17.500  kgf/a2 

IS 

«. 

«l«vator  angl* 

D.U.T. 

-9  to  *21° 

16 

Pr«f 

reference  pressure 

Kelvin  Hughe*  KTC  1902 

0 - 11.000  kgf/a2 

17 

4c 

PfPref 

Stathaa  PM6TC 

♦ 7000  kgf/a2 

18 

r 

bank  angl* 

Sperry  HCU-B 

♦ 90° 

19 

4h 

•levator  trim  angl* 

D.U.T. 

♦ 25° 

Pi 

Pc 

P» 

Pt 

PSj 

Pti 


pref  at  manoeuvre  initiation 

static  pressure  at  the  trailing  cone 

static  pressure  at  the  nose  boom  static  port 

free  stream  total  pressure 

static  pressure  at  nozzle  exit 

total  pressure  at  nozzle  exit 


Table  3.  Calibration  raaulta:  tha  runt  of  eha  calibration  data  point  deviations 


channel 

maker 


aaaaurad 

variable 


mater 

of 

calibrations 


dp  4 kgl/m2 
4pj  kgl/m2 
4p6  kgl/m2 
EOT  ° C 
4p|  kgf/n2 
a ° 

4p,j  kgf/n1 
4ptj  kgl/mi2 
«.  ° 

Prof 

1,,  kgl/m2 


o(ay>2 

o(4Y)2 

o(AY). 

not  corrected 

corrected 

for  saroahift 

for  seroshift 

nput  range 


0. 0022 
0.0016 
0.0010 
0.0042 
0.063 
0.017 
>,» 
0.018 
0.57 
0.39 


0.036 

3.4 

1.4 
0.033 
0.0088 


0.0061 

0.u026 

0.0013 

0.0074 

0.12 

0.043 

1.2 

0.036 

1.00 

0.67 

1.00 

2.6 

2.3 
0.19 

II. 

19. 

0.079 

5.9 

5.4 
0.058 
0.039 


0.013 

0.013 

0.013 

o 

o 

0.06 

X 19 

0.31 

0.013 

0.036 

0.24 

0. 12 

0. 17 

0.33 

0.067 

0.32 

o 

o 

a 

C4 

0. 12 

0.26 

o 

o 

u* 

** 

0.11 

0.13 

0.78 

• o(AY)  | and  o(AY>2  are  defined  in  section  3.3 
ea  only  the  synchro  of  the  heeding  gyro  was  calibrated. 


10  250 

t sec 


h«  specific 
manoeuvre 


combined  calibrations  fit*  • Th«  r«%  values  o(fip)|  and  o(Ap)j  of  flea 

ransducer  calibrations  of  a differential  pressure  transducer 


•/fee c of  gradient  shift  on  th*  deviation  curve#  of  fiva 
brationa  of  the  differential  praaaura  transducer  qc 


Fig.  12  Deviation  curve*  of  five  combined  calibration*  of  the 
differential  pressure  transducer  Ap^ 
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A COflMTAn  riLTZXIK  TtOWIQUI  FOt 
BPurrar  aibceaft  velocity  /a  fositic*  nPOMATiai 

fcy 

Prank  t.  Ilnm 
USA  Lint  1*7  Irmrch  C*nc*r 
laftm,  23643 


la  a TUX.  lnatranant  approach  and  landing  research  program  at  tha 
Laagl ay  Bassarch  Center,  thara  waa  a requirement  for  ground-ref areacad 
velocity  aad  poaltloa  inf  omit  too  t without  aolaa  or  lag.  tadar  poaltion 
Information,  which  waa  contaalaatad  with  aolaa,  waa  talaaatarad  to  tha  air- 
craft; la  addition  to  aaoothing  tha  poaltloa  algnal,  tha  components  of 
velocity,  which  vara  not  aaaaurod,  had  to  ba  darlwad. 

Aa  oahoard  oawlgatloa  lyitfi  which  enployed  nr/aantar;  filtering  waa 
developed  to  provide  tha  velocity  aad  poaltloa  lnforaatioa.  Tha  input!  to 
the  ala  filter  Included  both  acceleration  lnputa,  which  provided  high- 
fraqwency  poaltloa  aad  velocity  lafonutloa,  and  radar  poaltloo  lnputa, 
which  provided  tha  low-frequency  poaltion  and  velocity  information.  Onboard 
aircraft  laatnaaantatloa.  Including  attitude  reference  gyro a and  body— 
amatod  acc tier owe ter a , waa  used  to  provide  tha  acceleration  information. 

Aa  in-flight  comparison  of  signal  quality  and  accuracy  showed  good  agreement 
between  the  complementary  filtering  system  and  an  aided  inertial  navigation 
system,  furthermore , tha  complaawntary  filtering  system  waa  proven  to  be 
satisfactory  In  control  and  display  system  applications  for  both  automatic 
and  pilot- In- the- loop  Instrument  approaches  and  landings. 


SYMBOLS 


Values  are  given  la  both  SI  and  U.S.  Customary  Onits. 
D.S.  Customary  Units. 


The  measurements  and  calculations  were  made  In 


.B.C 


x’*y’*x 


Me trices 

2 2 

Body  mounted  accelerometer  outputs,  a/ sec  (f t/aec  ) 

Single  colwan  matrices  or  vectors 

Gravity  constant,  9.8  n/aec*  (32.2  ft/sec*) 

Gala  matrix 

Element  of  gain  matrix 

liccsti  aquation  matrix  solution 

Lap  lac  la~)  operator 

Time,  sec 


u 


X.T.2 

VV*h 


9 


T 


♦ 


Control  Input  vector 
Input  noise  vector 
Measurement  noise  vectir 

Displacement  In  runway  reference  coordinate  frame  (see  Tig.  6),  a (ft) 

2 2 

Inertial  accelerations  In  aircraft  reference  coordinate  franc  (see  Fig.  6),  a/sec  (ft/sec  ) 
State  vector 
Output  vector 
Piping  ratio 

Pitch  attitude,  positive  note  upward,  rad 
Variance  of  Input  algnal  noise 
Variance  of  aeaaurenent  signal  noise 
Tine  cor a tent,  sec 

Boll  attitude,  positive  right  wing  down,  rad 


J-2 

# Taw  attitude,  ponltlve  bom  right,  rad 

«a  Pad— pad  aatural  frequency,  rad/sec 

fcwtictlpt 

T Matrix  transpose 

A dot  over  a symbol  ladlcataa  a derivative  with  ruptet  to  tlaa.  A clrcunf  lsx  (*)  denotes  aa 
aatlaatad  value. 


umooocnoH 

la  a FTOL  Instrument  approach  end  lend lng  reaeerch  program  at  the  Langley  Research  Center , there  wee 
a repair Meat  for  grouad-refereacad  velocity  and  position  lnforaetlon,  without  noise  or  lag.  This  Informa- 
tion use  Beaded  for  lap 1 Men te t loo  of  advanced  control  and  display  concepts.  Radar  position  Information, 
which  was  contaminated  with  noise,  was  telemetered  to  the  aircraft;  In  addition  to  smoothing  the  position 
signal,  the  components  of  velocity,  which  were  not  measured,  had  to  be  derived.  Over  the  course  of  the 
flight-test  program,  three  different  technlquea  were  uaed  to  obtain  this  Information  — approximate  differ- 
entiation and  filtering,  aa  aided  Inertial  navigation  system,  and  complementary  filtering. 

The  development  of  the  system  which  employed  complementary  filtering  and  Its  subsequent  performance  In 
flight  ara  described  In  this  paper.  The  complementary  filtering  system  computed  ground-referenced  accelera- 
tion from  onboard  sensors  and  cabined  this  infornatlon  with  the  noisy  radar  position  signals  on  a weighted- 
frequency  basis  to  obtain  satisfactory  position  and  velocity  information.  The  complementary  filter  uaed 
fixed  galas  which  wars  based  not  only  on  signal  noise  characteristics,  but  also  on  other  practical  aspects 
such  as  Instrument  and  computation  accuracies. 

The  use  of  this  system  represents  a practical  application  of  the  complementary  filtering  technique. 
Furthermore,  being  besed  on  cleaalcal  estimation  theory,  it  Is  of  lrterest  since  it  illustrates  the  applica- 
tion of  that  theory.  Finally,  the  system  concept  Itself  la  noteworthy  because  It  could  be  uaed  fer  the 
approach  and  landing  guidance  problen,  as  an  alternative  to  more  complex  syettme  such  as  Inertial  or  Doppler 
navigation  syatana. 

FLIGHT-TEST  PROCRAM 

An  onboard  navigation  system  employing  complementary  filcers  was  developed  for  a flight-test  program 
at  the  Langley  Keaearch  Cancer  In  which  a CH-46  helicopter  was  used  to  Investigate  control  and  display  con- 
cepts for  VIOL  Instrument  flight.  These  investigations  have  been  reported  In  References  1-3.  The  test 
helicopter,  shown  in  Figure  1,  wee  equipped  with  an  electronic  flight  control  system,  electromechanical 
displays  Including  a three-axle  VTOL  flight  director,  and  onboard  general-purpose  analog  computers,  by  which 
advanced  control  end  display  concepts  were  mechanized.  The  basic  Instrument  task  Included  acquisition  of 
runway  center  line  and  glide  path,  deceleration  to  a hover,  and  a vertical  landing.  While  the  eaphasls  of 
the  Investigations  was  on  manual  approaches,  with  the  pilot  actively  In  the  control  loop,  automatic 
approaches  were  also  performed  to  demonstrate  that  the  guidance  control  laws  which  had  been  developed  could 
be  used  as  well  for  that  purpose.  Position  end  velocity  infornatlon  without  lag  or  objectionable  noise  was 
required  since  this  Information  m sent  directly  into  the  controls  for  automatic  approaches  through  the 
guidance  control  laws  and  was  displayed  to  the  pilot  through  a three-axis  VTOL  flight  director  and  other 
Indicators. 

The  evaluation  pilot's  control  panel  Is  shown  In  Figure  2.  The  engine  Instruments,  pitch-  jnd  roll- 
attitude  Indicator,  needle-ball,  airspeed,  baroretrlc  altitude,  and  vertical  speed  Indicator  were  standard 
Instruments.  The  remaining  Indicators  were  driven  by  the  onboard  :onputers  and,  specifically,  the  eoamand 
needles  and  deviation  needles  on  the  attitude  director  Indicator,  the  moving  sap,  and  the  radar  altlneter 
were  driven  by  poaltlon  and  velocity  signals  from  the  onboard  navigation  systoi.  Typical  sensitivities 
which  were  used  for  the  various  display  Indicators  are  given  in  Table  I. 

Over  the  course  of  the  flight-test  program,  three  different  onboard  navigation  system  configurations 
were  employed  to  obtain  aircraft  position  and  velocity.  Each  con'.guratlon  relied  on  a ground-baaed  pre- 
cision cracking  radar  to  provide  poaltlon  Information  to  the  aircraft  via  telenetry.  The  onboard  navigation 
systems,  which  received  this  poslclc.n  Information,  had  to  provide  both  position  and  velocity  Information  for 
guidance.  The  onboard  aysten  configurations  which  were  used  Included  the  following: 

(1)  Approximate  differentiation  and  filtering 

(2)  An  Inertial  navigation  system  with  periodic  radar  poaltlon  updates 

(3)  Complementary  filtering  whereby  radar  position  information  was  continuously  nixed  with  accelera- 

tion Information  obtained  from  onboard  sensors 

Precision  Radar 


Aircraft  poaltlon  was  sensed  by  a precision  tracking  radar  system,  located  at  Wallops  Flight  Center, 
Virginia,  wher*  the  flight  tests  were  performed.  A photograph  of  the  precision  tracking  radar  system  is 
shown  In  Flgu.s  3.  The  position  of  the  aircraft  was  sensed  directly  In  terms  of  slant  range  and  azimuth 
and  elevation  angles  of  the  radar  antenna.  This  Information  was  transformed  into  rectangular  coordinates 
In  the  runwav  reference  frame  and  transmitted  to  the  aircraft  by  means  of  telemetry. 

The  radar  was  K-band,  with  an  antenna  beamvldth  of  approximately  0.5*.  A passive  reflector  was  mounted 
on  the  nose  of  the  aircraft  to  provide  a specific  point  for  the  radcc  to  track.  The  limits  of  the  radar 
tracking  antenna  were  30*  In  elevation  and  +45*  In  azimuth.  The  accuracy  of  the  radar  was  approximately  0.02* 
for  the  azimuth  and  elevation  angles  and  3 a (10  ft)  or  l oercent  (whichever  is  greater)  for  slant  range. 
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km  rtportW  la  Ufarcocn  l and  2.  tha  first  Mrlti  of  taata  vara  conduct  ad  with  a +10- volt  analog 
eacpatar  aaad  to  f 11  tar  tha  radar  position  ln.'orvtloo  bacauaa  of  radar  aad  talaaaatry  no  la  a.  Tha  talaaatry 
wait  aaa  aa  n salt  with  MO-*olt  discriminator  outputa.  Velocity  Information  waa  obtalaad  bp  approximate 
dlf farantlat loa  of  tha  position  signals.  Thla  approach,  even  with  aaa  1am  tolarabla  filtering,  resulted  la 
cooaldarabla  aoloa  froa  valoclty  signals  which,  la  turn,  cauaad  tha  flight  director  cnaaand  oaadlaa  to 
“Jitter."  Thaoa  raadoa  aaodla  fluctuatlooa  wara  fond  to  ba  quite  obj actionable. 


Aa  Inertial  navigation  ay a tea  with  periodic  radar-poeltlou  u pda tea  waa  uaed  for  the  stamp-angle  approach 
work  reported  la  Inference  3.  Tha  eyatea,  foraerly  a Cealal  spacecraft  Inertial  navigation  eyataa,  waa 
modified  so  chat  the  radar  poaltlon  data  could  ba  uaed  to  update  the  navigation  outputs.  Tha  radar  slgnala 
were  sampled  and  dlgltlied  at  a ground  station  at  1-sccond  Intervals  and  transmitted  to  the  aircraft  by  aaaaa 
of  a digital  telemetry  link.  Tha  poaltlon  and  velocity  outputs  from  tha  digital  cnwputer  wara  converted  to 
analog  fora,  and  then  routed  to  the  onboard  analog  computers.  In  general,  tha  signal  outputa  were  of  suffi- 
ciently high  quality  In  terns  of  both  accuracy  and  noise  level  to  be  usad  for  tha  flight  director  display 
application.  However,  thla  system  waa  quite  camples,  which  made  It  difficult  and  coatly  to  maintain  and 
operate,  and  It  weighed  approximately  3 SO  kg  (800  lb). 


Lastly,  a system  using  a complementary  filtering  technique  was  usad  to  provide  accurate  poaltlon  and 
velocity  outputa  with  lowoolsa  content.  A detailed  description  of  this  system  and  Its  dcvelopatent  are 
presented  In  subsequent  sections  of  the  paper.  Briefly,  thla  system  featured  a second-order  complementary 
filter  with  inertial-acceleration  Inputs  as  well  as  the  radar-position  Inputs.  The  lnertlal-acceleratlon 
Inputs  provided  short-term  position  and  velocity  Information,  while  radar-position  Inputs  provided  the 
long-term  position  and  velocity  Information.  Onboard  sensors.  Including  attitude  reference  gyros  and  body- 
mounted  acceleroawters,  were  used  to  provide  the  Inertial  acceleration  Information.  Since  only  the  high- 
frequency  content  of  the  onboard  Inertial  acceleration  lnforaatlon  was  relied  on  in  this  application,  the 
relatively  crude  Inertial  Information  waa  adequate.  This  system  was  used  for  the  constant-attitude  decel- 
eration profile  tests  and  the  automatic  approach  tests,  also  described  In  Keference  3. 


THZOKETICAL  BACKGROUND 


Differentiation  of  Position  Information 


l 


There  are  Inherent  problems  In  differentiating  position  information  to  obtain  velocity  Information, 
because  of  signal  noise.  Of  course,  position  and  velocity  Information  which  la  co  be  used  In  display  or 
concrol  system  applications  must  be  practically  noise  free.  Figure  A shows  the  transfer  function  for 
approximate  differentiation.  Notice  that  approximate  differentiation  Inherently  introduces  a first-order 
lag  equal  to  the  time  -onstant,  T.  Since  rhe  effect  of  filtering  or  lagging  a signal  used  tn  a closed-loop 
control  system  is  to  reduce  the  stability  of  the  sysrem.  It  Is  desirable  to  keep  the  lag,  T,  as  small  as 
possible.  On  the  ocher  hand,  by  reference  to  the  time  response,  It  can  be  seen  that  high-frequency  noise 
on  the  Input  signal  will  be  amplified  by  a factor  of  1/t.  Thus,  from  this  standpoint.  It  Is  necessary 
that  T be  large,  preferably  greater  than  1.0,  In  order  to  reduce  the  noise  contained  by  the  Input  signal. 

A trade  off  has  to  be  made  between  lag  and  noise  level  but,  frequently,  an  acceptable  trade  off  cannot 
be  made.  Figure  3 Is  a plot  of  velocity  versus  position  which  waa  recorded  at  the  precision  Cracking  radar 
facility.  The  velocity  Information  was  derived  by  approximate  differentiation  of  the  radar's  position  signal 
using  a time  constant,  T,  of  0.5  second.  Since  this  computation  vas  performed  at  the  ground  station,  the 
position  signal  was  not  contaminated  with  telemetry  system  noise.  Even  so.  It  can  be  seen  from  Figure  S 
that  the  derived  velocity  signal  has  noise  with  a peak-to-peak  amplitude  on  the  order  of  3.0  to  6.0  m/sec 
(10  to  20  ft. sec).  Since  the  noise  on  the  derived  velocity  signal  varies  Inversely  with  T,  this  noise 
could  be  reduced  to  a minimum  of  1.3  to  3.0  m/sec  (3  to  10  ft/sec)  assuming  that  a time  constant  as  large 
as  1.0  second  could  be  tolerated,  but  even  this  level  of  noise  would  be  clearly  unacceptable.  As  Indicated 
by  this  example,  differentiation  of  position  information  alone  was  not  capable  of  providing  acceptable 
velocity  Information. 

Complementary  Filtering  Technique 

The  complementary  filtering  technique  combines  acceleration  with  position  data  to  determine  low-noise 
estimates  of  both  velocity  and  position.  The  coordinate  frames  of  reference  which  were  used  In  measuring 
aircraft  acceleration  and  position  are  depicted  in  Figure  6.  Figure  7 is  a block  diagram  representation  cf 
the  complementary  filter.  It  is  noted  that  the  form  of  the  filter  for  this  particular  estimation  problem  is 
Identical  to  that  of  a Kalman  filter.  The  part  of  the  system  drawn  with  solid  lines  (Fig.  7)  represents  the 
high-frequency  computation  of  velocity  and  position,  based  on  aircraft  acceleration.  Since  acceleration  is 

Integrated  directly  to  obtain  velocity  and  position,  there  la  no  lag.  Note  also  that  the  mix  filter  provides 

a position  estimate  as  well  as  a velocity  estimate.  As  drawn  vlth  dashed  lines  (Fig.  7),  the  difference 
between  the  estimated  position  and  the  position  measured  by  the  tracking  radar  is  fed  back  as  a correction 
to  both  the  velocity  estimate  and  the  acceleration  Input.  In  contrast  to  approximate  differentiation,  the 
velocity  estimate  la  the  output  of  an  Integrator  which  attenuates  the  noise  component  of  the  position  Input 
and  also  of  the  accelerometer  input.  For  additional  information.  Table  II  contains  transfer  functions  which 
Indicate  the  response  of  each  of  the  estimator  outputs  to  individual  acceleration  and  position  inputs. 

The  selection  of  the  complementary  filter  gains  was  based  on  the  general  steady-state  Kalman  filter 
solution  for  this  particular  estimation  problem.  Given  the  noise  properties  of  the  inputs,  the  Kalman  filter 
solution  provides  the  gains  for  an  optimal  estimator  in  the  sense  that  the  estimates  will  have  minimum  vari- 
ance noise.  The  results  of  the  general  solution  for  the  gains  for  this  particular  form  of  filter  are  dis- 
cussed here,  and  a more  detailed  treatment  of  the  solution  is  given  In  the  Appendix. 

The  gains  kj  and  k2  can  be  expressed  in  terms  of  the  familiar  second-order  parameters  C and  u,, 

as  and  k2  * The  damping  ratio  was  found  to  be  constant  and  the  undamped  natural  fre- 

quency was  jetermined  to  be  a function  only  of  the  ratio  of  accelerometer  noise  to  position  nclse 
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C - - 0.707 


It  Is  lmpocteat  ta  aota  that  tha  aalatloa  la  dapamdemt  oalf  aa  tba  relative  aolaa  betwaam  tha  Input  a aal 
act  aa  tha  abaolata  aolaa  levala.  It  la  poaalbla,  of  couraa,  that  If  tha  abaoluta  aolaa  lavala  wti 
aatraaaly  bisk,  tba  f 11 tar  muU  provlda  aatlaataa  ahlch  caaU  ha  umacceptably  molay. 

ru tan-TOT  talidatio*  or  axrunxTAir  mmiac  ststw 
igtg  Description 

A photograph  of  tha  eoapoaaata  of  tba  onboard  navigation  ayataa  which  used  cany laa antary  f 1 1 tar lrg  la 
aboaa  la  Flgmra  8.  Tba  onboard  aanaora  which  vara  uaad  included  tbraa  body  aountad  accelerometers,  a 
vortical  gyro  for  yltcb  and  roll  attitude,  and  a directional  gyro  for  beading.  Tbaaa  aonaoro  ware  part  of 
tba  raaaarch  aircraft  iaatruaentatiua  package  and  bad  prevloualy  been  uaad  for  recording  and  for  control 
ayataa  appllcatlona.  The  10-volt  analog  computer  which  waa  uaad  to  perfora  all  tba  nacaaaary  onboard  con- 
fute dona  waa  housed  la  a baa  which  normally  raaalnod  cloaed. 

Aa  aboaa  by  tba  block  dlagraa  of  the  ayataa  In  Figure  9.  the  c oa-ru  tat  Iona  Included  correcting  tba  body- 
aouated  accelerjOMtera  tur  the  effect  of  gravity  and  revolving  the  accelerationa  into  coaponenta  along  the 
runway  reference  coordinate*.  Several  approx lost Iona  wera  nade  to  minimize  coapntatlonal  requirements, 
baaed  on  the  aaetaptloa  of  aaell  pitch  and  roll  angles  during  the  final  approach  and  landing  ear  cover  for 
the  reaearch  tcata. 

Tha  body-mounted  longitudinal  and  lateral  ecceleroaet ere  wera  corrected  for  the  effect a of  gravity  by 
ualng  the  fine  of  pitch  and  roll  anglea  from  tha  onboard  vertical  gyro 

*h  ’ *«  ' « ,lB  9 
Th  - ay  e , aln  ♦ 

The  normal  accalaroaetar  waa  corrected  for  effect*  of  gravity  by  assuming  small  pitch  and  roll  anglea 
■ a^  - g coa  0 coa  p 

V -a  - « 

la  raaohrlnf  th*  accelerations  along  tha  body  axes  Into  tha  runway  reference  coordinate  franc.  It  was 
accused  that  the  aircraft  would  at  all  tlaes  be  approximately  In  a level  attitude  co  that 

T 5 ^ coa  (*  - *o)  - Th  tin  f*  - *o) 


T 5 ^ tin  (p  - *o)  Th  coa  (*  - *>o) 


The  horizontal  accelerationa  were  received  by  using  a sine-coeina  resolver  driven  by  a directional  gyro 
aynchro  output.  A differential  synchro  Input  waa  incorporated  to  permit  selection  of  any  desired  runway- 
reference  heeding  »0.  The  three  position  signals  X,  T,  and  Z were  obtained  from  the  precision  tracking 
radar,  aa  described  In  a previous  section.  The  10-volt  analog  computer  was  used  to  perform  all  Che  above 
computations  onboard  the  aircraft;  end  Figure  10,  Che  analog  computer  schematic,  shove  the  details  of  these 
computations  and  indicates  the  scaling  which  waa  used. 

It  is  noted  that  if  the  accelerometers  were  eleved  to  vertical  to  that  tha  longitudinal  and  lateral 
accelerometers  would  Indicate  true  horizontal  accelerations  and  the  normal  accelerometer  would  Indicate 
true  vertical  acceleration!,  then  the  need  to  correct  the  longitudinal  and  lateral  accelerometers  for  effects 
of  gravity  would  be  eliminated  and  would  make  the  rest  of  the  cosiputatlons  valid  for  other  than  small  pitch 
and  roll  angles.  This  wss  not  done,  however,  for  the  system  described  herein. 

The  complementary-filter  gains  which  were  used  corresponded  to  a natural  frequency  o!  a,  ■ 0.A5  rad/sec 
with  a settling  time  constant  of  12. j seconds,  based  on  the  time  to  settle  within  2 percent  of  steady  state. 
These  gains  were  selected  so  that  the  time  constant  would  be  long  enough  that  noise  from  the  radar  position 
signal  would  h«  satisfactorily  attenuated,  but  abort  enough  that  errors  which  would  result  frow  inaccuracies 
associated  with  the  acceleration  Information  wild  be  kept  small. 

Flight-Test  Results 

Aa  discussed  above,  the  complementary  filtering  eystrm  was  developed  for  use  In  a VTOL  instrument 
approach  and  landing  research  pregram.  The  modification  of  the  recording  system  that  was  necessary  to 
obtain  the  data  presented  here  was  restricted  in  order  that  the  data  could  be  obtained  in  a timely  manner, 
without  impeding  the  main  research  program.  For  this  reason,  data  were  obtained  for  only  X and  Y in  one 
Instance,  and  for  only  X In  another  Instance.  Nevertheless,  the  axes  that  were  selected  for  documentation 
were  the  axes  with  the  least  desirable  scale  factors  and,  consequently,  represent  the  worst  csre  rather  than 
the  beet. 
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rifcrM  XI  and  12  show  th«  inpat  aad  output  il|atl  mIn  cktractnittlct  for  tha  couyltflUry  f iltor- 
la«  systan.  These  data  wrt  recorded  separately  for  X aad  T daring  honoring  flight  aaar  tha  Landing 
aroa.  These  data  wara  obtained  by  ao  fX  magnetic  tapa  recording  system  aad  wra  la tar  sampled  at  a rate  of 
100  li  daring  tha  data-raductioa  procaaa.  Longitudinal  acceleration  uaa  aot  racordad  during  tbaaa  taata; 
lunar,  lta  signal  no  lea  character  lat  lea  ware  vary  alailar  ta  thoee  of  tha  lateral  accalaroaater.  Tha 
aolaa  aa  tha  poeltloa  output  uaa  greatly  reduced  conparad  to  tha  bo  lea  oa  the  poeltlon  Input  signal,  which 
had  a park- to- peak  aaplltude  of  approximately  30.5  a (100  ft).  Tha  aoiaa  oa  tha  poaitioa  input  aigaal  uaa 
aoetly  doe  to  talomstry  aolaa,  which  waa  nearly  1 percent  of  full  acale.  Tha  eccalaromatar  aigaal  aolaa, 
aaialy  due  to  aircraft  atructural  vibration,  waa  alao  eaaaotially  a 1 Inins  tad  by  toe  integration  procaaa 
within  the  filter,  aa  avid  roc  ad  by  tha  low- on  inn  velocity  eatlaata.  It  waa  determined  that  the  elgnal  aolaa 
contributed  by  tha  analog  computer  coapooenta  thaneelrea,  which  waa  related  to  computer  acallng,  reaulted  in 
approslaately  0.06  a/aac  (0.2  ft/eec)  peak- to- peak  nulaa  for  tha  velocity  eatlaata  for  X,  for  which  tha 
acallng  problem  waa  moat  aavara.  Thin  level  of  coaputar-gesaratad  nolae  therefore  accounted  for  nearly  all 
tha  aoiaa  obearved  on  tha  velocity  output;  hence,  tha  complementary  filter  eaaentlelly  eliainatad  tha  effect* 
of  both  acceleration  and  poaitioa  neaeurement  nolae. 

A cnaparfaon  in  accuracy  waa  aad*  in  flight  between  the  complementary  filtering  ay a tew  and  tha  inertial 
navigation  eye  tea  with  periodic  radar  poeltlon  updatea,  amt  lotted  in  a prevloua  aaction.  Baaaline  perform- 
ance data  oa  the  inertial  navigation  eyaten  are  contained  in  Xafaranea  6,  whereas  detalla  of  thla  eystea'a 
navigation  coapu tat  Ions,  including  tha  updata  logic,  are  described  in  kef  ereoc-  5.  Both  systens  railed  on 
tha  precision  tracking  radar  for  long-term  position  and  velocity  information;  tha  complementary  filtering 
system  received  continuous  position  information,  whereas  tha  aided  inertial  navigation  systea  received 
poaitioa  updates  at  1.0-second  interval*.  Without  updatea,  tha  po- 1 t ion-error  drift  rata  of  the  inertial 
navigation  system  was  approximately  2.0  nautical  alias  par  hour.  For  coaparlaon,  tho  position-error  drift 
rat*  of  the  complementary  filtering  system,  without  position  feedback,  waa  estlaated  to  be  on  tha  order  of 
100  to  200  nautical  Biles  par  hour.  This  high  drift  rata  waa  nalnly  dua  to  approximation*  which  were  aade 
in  resolving  tha  accelerations  and  also  waa  a result  of  coaputer  scaling  limitations.  However,  Figures  13 
and  16  show  tha  cloee  agreement  obtained  between  tha  outputs  of  tha  two  systems  during  a decelerating 
approach  to  hover  and  during  a hovering  maneuver , respectively.  From  Figure  14,  it  can  b*  seen  that  the 
velocity  outputs  agree  within  about  0.30  a/aac  (1.0  ft/sac). 

In  addition  to  tha  results  discussed  above,  tha  six  position  and  valoclty  outputs  of  the  coapleaentary 
filtering  ayatea  were  found  to  be  satisfactory  for  both  control  and  display  applications  in  the  VTOL  inat ru- 
men t approach  and  landing  raaearch  program  for  which  the  systea  waa  developed.  As  noted  previously,  displays 
driven  by  these  outputs  consisted  of  a flight  director  indicator,  a hot i zontal-situation  moving-map  display, 
Literal  and  vertical  flight-path  error  needles,  rising  runway  needle,  and  simulated  radar  altimeter.  Again, 
Flgura  2 Illustrates  the  display  panel  configuration  while  Table  I indicates  typical  display  sensitivities 
which  ware  used.  The  guidance  computer,  which  provided  pitch,  roll,  and  power  flight  director  display  com- 
mand a,  alao  provided  alailar  coasunda  to  tha  control  systea  in  the  automatic  approach  node.  The  VTOL  land- 
ing approach  task  in  these  tests  Involved  acquisition  of  the  runway  center  line,  capture  of  the  glide  path, 
deceleration  to  a hover,  vertical  descent,  and  touchdown.  The  entire  sequence  could  be  accoapllshed  either 
annually,  with  the  pilot  centering  the  flight  director  coaaunds,  or  automatically . Signal  noise  was  not 
apparent  either  in  the  display  movements  or,  while  in  the  automatic  node,  in  the  control  actuator  notions. 

The  accuracy  of  the  complementary  filtering  systea  enabled  tracking  of  the  approach  path  and  speed  profiles 
with  a high  degree  of  precision.  Figures  15  and  16,  fron  Reference  3,  show  manual  and  automatic  tracking 
performance,  respectively,  for  decelerating  instrument  approaches  along  a 6*  glide  path. 

COHCUJDIHC  REMARKS 

An  onboard  navigation  systea  employing  coapleaentary  filters  was  developed  for  use  In  a VTOL  approach 
and  landing  research  program  at  che  Langley  Research  Center.  The  systea  used  onboard  conventional  aircraft 
instrumentation  in  combination  with  landing  guidance  systea  signals  to  provide  acceptable  position  end 
velocity  Information  for  landing  approach  guidance.  Baaed  on  the  development  of  this  systea,  the  following 
conclusions  were  drawn: 

1.  Straightforward  differentiation  of  landing  guidance  system  signals,  alone,  did  not  provide  adequate 
velocity  information  for  use  in  either  controls  or  displays  since  differentiation  tended  to  amplify  the  noise. 

2.  The  complementary  filtering  system  was  effective  in  providing  estimates  of  aircraft  position  and 
velocity  state  information,  without  appreciable  noise  and  without  lag.  Flight  data  indicated  that  acceler- 
ometer and  radar  position  signal  noise,  approximately  1.2  a/sec^  (4  ft/sec^)  and  30.5  a (100  ft)  double- 
amplitude  noise,  respectively,  had  been  greatly  reduced  by  the  complementary  filter,  which  provided  a 
velocity  estimate  with  only  0.06  a/sec  (0.2  ft/sec)  double-amplitude  noise.  Furthermore,  an  in-flight 
comparison  of  signal  quality  and  accuracy  between  the  complementary  filtering  system  and  an  aided  inertial 
navigation  system  shoved  agreement  within  0.30  n/sec  (1.0  ft/sec)  for  the  velocity  outputs. 

3.  The  concept  of  combining  onboard  acceleration  information  with  telemetered  radar  position  informa- 
tion to  provide  useful  landing  guidance  system  signals  was  validated  through  the  use  of  such  a systea  in 
the  VTOL  approach  and  landiag  research  program  for  which  the  system  was  developed.  The  VTOL  approach  task 
Included  acquisition  of  the  runway  center  line,  capture  of  the  glide  path,  deceleration  to  a hover,  and  a 
vertical  descent  to  touchdown.  The  task  was  accomplished  both  manually,  with  the  pilot  centering  flight 
director  cusmsnds,  and  r.-onatically,  with  the  flight  director  comaid  signals  sent  directly  into  the 
controls. 
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Tbe  g— rsi  b!la  filter  solution,  okulMi  frea  Isfareac*  6,  la  out  1 load  below.  The  plant  dynamics 
sad  <ii 


vltb 


i - Ax  ♦ to 
ured  outputs 
• • CX  ♦ w 


The  Input  sad  output  Mssuraut  oolss  characteristics  era  specified  bp  the  correlation  Matrices  q and 
P,  respectively.  The  Hainan  filter  gala  matrix,  for  the  stationary  case,  la  found  turn 

t - xcV1 

o 

where  t„  la  the  steady-state  solution  of  the  matrix  liccatl  equation 

e T T “1  T 

1 - U 1 U - *Cf  Cl  ♦ 8QB 

For  the  complementary  filtering  problem,  as  shown  In  Figure  17,  the  acceleration  Input  la  retarded  aa 
a control  Input  sod , as  a single  input,  la  a scalar;  therefore,  the  B matrix  la  reduced  to  a column 
matrix  or  vector  t>.  Similarly,  thera  la  only  one  measured  output;  therefore,  the  C matrix  becomea  a 
row  matrix  cT. 


1 - Ax  + bu 


where  A 


where 


•N 

F " J 

r-0 


y ■ c 


2 2 

Tha  correlation  eat rices  Q and  P are  reduced  to  the  scalar  quantities  av  and  aw  . Tha  vatrlx 
Rlccatl  aquation,  tbarafora,  becoa^a 

■ - A1  ♦ «AT  - Be  cTB  + b bT 

The  steady-etete  solution  la  found  by  sotting  4*0.  Taking  aach  element  of  X, 

*U  ‘ ° ’ r21  + *12  ~ rll2 

*12  “ 0 ’ r22  " j rllrl2 
*21  “ ° ’ r22  ' (p)  r2lrll 

*22  - 0 ■ ' (fi}  r21r12  + 

By  using  the  fact  that  the  X matrix  is  symmetric  and  that  r^  • r^,  these  equations  can  be  reduced  to 
0 “ 2112  ' 

0 ’ r22  “ (jlj  r12rll 

Pro*  theaa  equations,  tha  ateady-atate  values  for  the  elements  of  R have  been  found  to  be 
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tad  result  la  k,  • \<f"  ^(o_/o  sad  k,  - a Jo  . ty  express  Ins  the  gains  as  h,  • 2 Cu  and  k,  • u 2,  It 

* ▼ W 10  * B 

May  be  shown  that  u » ^/a  to  tad  C « \2/i  • 0.707. 
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TABLE  I.  DISPLAY  INDICATOR  SENSITIVITIES 


Pitch  and  roll  flight  director  needles 


Full-scale  deflection 
Full-acale  values  for: 
Attitude  .... 
Velocity  .... 
Position  .... 


. . . ± 2.0  cm  (+  0.8  in.) 

...  + 0.35  rad 
+ 10.7  m/sec  (+  35  ft/sec) 
. . . + 85.5  m (+  280  ft) 


Power  flight  director  needle 


Full-acale  deflection 
Full-scale  values  for: 
Velocity  .... 
Position  .... 


Glide-slope  deviation  needle 


. . . + 1.3  cm  (+  0.5  in.) 

+ 5.2  m/sec  (+  17  ft/sec) 
. . . + 30.5  m (+  100  ft) 


Full-scale  deflection  .... 
Full-scale  value  for  position 


+ 1.8  cm  (+  0.7  in.) 
+ 30.5  m (+  100  ft) 


Lateral  deviation  needle 


Full-scale  deflection  . . . . 
Full-scale  value  for  position 


+ 1.4  cm  (+  0.55  in.) 
+ 45.7  m (+  150  ft) 


Rising  runway  needle 


Full-scale  deflection  . . . . 
Full-scale  value  for  position 


+ 1.4  cm  (+  0.55  in.) 
+ 30.5  m (+  100  ft) 


Radar  altimeter 


Instrument  diameter 7.6  cm  (3.0  in.) 

Needle  deflection  fr  a 0 to  30.5  m (100  ft) 110  deg 

Needle  deflection  from  30.5  m (100  ft)  to  366  m (1200  ft) 140  deg 


Moving-map  sensitivity 


Distance  from  touchdown  less  than  610  m (2000  ft) 12  m/cm  (100  ft/in.) 

Distance  from  touchdown  between  610  m (2000  ft)  and  2440  a (8000  ft) 36  m/cm  (300  ft/ln.) 

Distance  from  touchdown  greater  than  2440  m (8000  ft) 480  m/cm  (4000  ft/in.) 
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Figure  11.  Complementary  filtering  system  input  and  output  signal  noise 
characteristics.  X.  (Note  that  a^  was  not  recorded.) 
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12.  Complementary  filtering  system  input  and  output  signal  noiae 
characteristics,  Y.  (Note  that  a was  not  recorded.) 
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Pleura  U.  Coaparlaon  of  complementary  filtering  ayetem  and  an  aldad  Inertial 
navigation  eystem.  Decelerating  approach. 


Figure  14.  Comparison  cf  complementary  filtering  system  and  a»  aided  Inertial 
navigation  * ystem.  Hovering  flight. 
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Figure  IS.  Tracking  performance  for  manual  decelerating  approaches  along  a 
6*  glide  path.  Dashed  lines  indicate  desired  track. 
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Figure  16.  tracking  performance  for  automatic  decelerating  approaches  along  a 
6*  glide  path.  Dashed  lines  indicate  desired  track. 
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SENSORS  AND  FILTERING  TECHNIQUES  F OR 
FLIGHT  TESTING  THE  VAX  191  AND  VFV  Sl4  AIRCRAFT 

By 

Dr.  Warner  E.  Selbold 
Vrw-Tokk.r  GabH 
28  Bremen  1,  Hiinefeldatr.  1-5 


1.0  SUHMARI 

The  flow  of  tho  flight  toot  data  of  tho  VFV  6l4  (Fig  1-1  and  VAX  191B  (Fig  1-2)  Aircraft  froa 
tha  aenaor  through  tha  data  acquiaition,  aelectlon  and  preproeaaaing  proeaaa  la  deacribad  in 
ganaral.  An  overview  over  tha  aenaora  Included  in  tha  VFV  614  ia  given.  Two  laportant  aenaora 
for  Taka  Off  and  Landing  performance  arc  deacribad.  Tha  data  aaoothing  and  filtering  techniquea 
are  diacuaaad  whereby  apecial  eaphaaia  ia  given  to  a new  aiapla  and  powerful  digital  filter,  the 
Si  or  "Riedel  filter". 


Liat  of  Symbols 

f1  input  or  raw  data  atreaa  (tiaa  history) 
f ' output  or  aaoothed  data  atreaa  (tine  history) 
t‘  current  tine 

to  centre-tine  of  integration  lnterv.il 
T length  of  integration  intarval 

V frequency  of  weight  function  (Si-filter) 


2.0  INTRODUCTION 

2.1  GENERAL  REMARKS 

The  nethoda  and  techniquea  described  in  thia  paper  have  been  developed  to  aolve  the 
following  two  probleaa: 

a)  Get  a VTOL  all  craft  vertically  off  ihe  ground  and  through  the  tranaition  to  normal  airborne 
flight,  and 

b)  Get  tha  certification  for  a commercial  aircraft. 

Both  nine  do  not  aak  for  high  aophiaticated  methoda  to  get  ext.-eae  accuracy  but  they  aak  for 
reaaonable  and  cheap  nethoda  to  get  ailliona  of  data  proceaaed  and  reduced.  Therefore  a lot  of 
effort  wan  apent  to  get  a well  defined  and  efficient  overall  ayeten.  The  deaign  goal  waa  to  pre- 
aent  the  required  results  1,  final  graphical  fora  within  24  houra  after  flight.  In  caae  of  criti- 
cal teata  auch  aa  atall,  only  two  houra  were  available  for  the  whole  procesa.  Both  goala  could 
be  achieved  by  the  system  and  method  deacribed  below.  The  aircrafta  to  which  theae  nethoda  are 
applied  are  the  VFV  614,  a abort  haul  commercial  aircraft  ahown  in  Figure  1-1  and  the  VAK  191B, 
an  experimental  vertical  take-off  and  landing  aircraft,  ahown  in  Figure  1-2. 

2.2  The  VFW-Fokker  Flight  Teat  Data  Acquieltlon  and  Processing  Syaten  - An  Overview 

The  overall  data  flow  can  be  aubdivided  into  the  four  major  atepa:  (Fig  2-1) 

I.  Data  acquiaition,  recording  and/or  trasamitting  (onboard) 

II.  Teleaetry  reception  or  tape  playback,  quick  look  data  formatting  and  data  aelection  plus 
digital  tape  formatting  in  the  telemetry  ground  atation. 

III.  Data  preproeaaaing,  reduction  and  final  output  formatting  in  the  computation  lab. 

IV.  Data  and  reault  analyaia  by  engineera  and  acientiata.  Figure  2-1  ahowa  theae  atepa  in  a 
acbeaatic  manner. 

Thia  picture  only  ahowa  the  flow  of  the  main  data.  It  doea  not  ahow  the  flow  of  aupport  data 

auch  aa 

o Channel  identification 
o Calibration  data 

which  are  of  utaoat  importance  to  get  reaaonable  data  out  at  all.  The  four  atepa  mentioned 
above  are  in  more  detail  deacribed  aa  followa: 

Step  I.  (In  order  to  deacribe  a typical  VFV  data  acquiaition  ayatem  the  VAK  191B  Syatem  diagram 
(Figure  2-2)  ahall  be  uaed.  The  FVV  6l4  ia  very  similar.) 

Aa  you  can  aee,  it  ia  aubdivided  into  an  FH  and  a PCM  aystem.  The  PCM  ayatem  haa  normally  a 
aample  frequency  of  40,  50  or  60  cyclea.  (50  in  caae  of  VAK,  40  and  60  in  caae  of  VFV  6l4)  and 
can  ther .fore  easily  be  uaed  for  aignal  frequencies  up  to  10  Hz.  Super-commutation  ia  possible 
to  double  the  frequency  but  it  was  never  really  used.  Higher  frequencies  up  to  the  same  kHz 
auch  aa  flutter  and  jet  engine  vibration  are  handled  by  the  FM  system.  The  basic  philosophy  waa 
to  use  the  PCM  system  aa  far  aa  possible  and  to  use  the  FM  system  only  aa  an  exception  to  cover 
the  frequencies  mentioned  above.  The  VAK  system  haa  9 data  bits  per  word  (10  for  VFV  614).  In 
both  aircrafta  (VAK  191B  and  VFV  6l4)  more  than  450  sensors  are  installed,  out  of  which  250  can 
be  recorded  or  transmitted  by  the  corresponding  PCM  onboard  syatem.  In  caae  of  the  VAK  191B  for 
instance,  the  FM  ayatea  provides  10  charnels  with  subcarrier  oscillators  of  the  proportional 
and  constant  bandwidth  type.  The  resolution  ia  0.5%  for  the  PCM  and  2...}%  for  the  FM  syatem. 


Step  IX.  Ths  Telmavtry  Ground  station  which  provides  for: 
o Telemetry  signal  rocaptioa  and  recording 
o Taps  playback 

• Data  formatting  for  quick  look 
o Data  aalactloa  and  formatting  of  digital  tapa 
o Ganaratlon  and  updating  of  calibration  data  basa  (disk) 

is  aquippad  as  shown  in  Figura  2-5*  Ths  whola  station  is  nobila  and  it  was  usad  in  aaaaral  placas 

whara  it  producad  for  tha  flight  tast  craw  on-linm  graphical  tir>a  historian  (ganaratad  by  saana  of 
tha  8-channal  brush  racordars)  and  on-llna  data  tablas  whara  tha  data  ara  shown  in  anginaaring 
units  togathar  with  tisa  and  event  countar  inforaation  (ganaratad  raal  tiaa  by  naans  of  tha  lina 
printar  which  is  driven  by  tha  data  praprocasaing  coaputar  wiich  in  turn  gats  tha  data  raal  tiaa 
from  ths  data  handlar). 

iStap  III. 

Tha  data  praprocacsing,  raduction  and  final  output  formatting  is  dona  by  saana  of  a big 
ganaral  purposa  coaputar  (CDC  6500)  to  which  a graphical  display  and  a microfilm  rjeordar  arm 
hookad  up  (Fig  2-4).  Thasa  two  davlcas  plus  tha  standard  lina  printers  provide  us  with  tha  capa- 
bility to  adit  and  output  data  in  a way  directly  usable  for  anginaaring  analyals  and  reports. 

Examples  of  this  will  be  shown  later  on.  Tha  overall  functions  wa  have  to  perform  are: 
o Provide  tha  flight  trat  anginaaring  with 

a)  Cats  readouts  in  tabular  or  graphical  fora  which  need.*  no  or  only  vary  liaitad 
editorial  work. 

b)  A “plug-in-capability"  so  that  hla  special  (scientific)  coaputar  prograaa  can 
interface  easily  with  tha  data  stress.  This  aeana  that  his  prograa  has  to  have 
access  to  tha  aeasureaent  data  and  in  previous  steps  ganaratad  results  in  what- 
ever sampling  rata  and  engineering  units  ha  wants,  and  in  addition  ha  can  feed 
back  his  own  results  into  tha  systea  for  final  output  formatting  or  further 
processing. 

In  both  cases  tha  user  assumes  that  ganaral  functions  such  as 
o data  storage  and  ratriaval 
o calibration  (in  tha  units  ha  wants) 
o saoothing  anl  filtering  ire  performed  by  tha  systea. 

Figura  2-4  shows  tha  varioir  S/W  packages  and  their  major  modules  through  which  tha  flight  tast 
data  can  be  procasaad.  Especially  the  vary  right  one  ahall  be  mentioned  which  has  all  the  capa- 
bilities for  an  integrated  flight  tast  data  reduction  process,  whereas  tha  other  ones  are  special- 
ised to  do  specific  and  vary  often  naedad  functions  with  tha  highas  efficiency  possible  which 
never  can  be  reached  by  a generalised  system.  The  generalised  systea  is  called  Flight  Teat  Moni- 
tor (FTMT8)  or  Data  Pool  alternatively,  because  it  provides 

(.)  a aonitor  routine  which  can  be  asked  by  means  of  user  provided  control  cards  to  load  and 
execute  user  or  service  aodule*  provided  by  tha  systea  in  whatever  sequence  the  user  wants,  and 
b ) retrieves  tha  input  data  required  out  of  a data  pool  and  stores  the  output  data  provided  back 
into  it.  Tha  data  pool  conslats  esavntially  of  random  access  disk  files.  The  user  level 
"addressing''  ia  done  by  symbolic  parameter  identifier  and  the  "elapsed  test  tiaa".  The  user  also 
specifies  the  tiaa  increment  by  which  he  wants  to  proceed  and  the  engineering  units  in  which  the 
input  data  has  to  be  delivered  or  the  output  data  are  provided.  By  means  o)  a transformation 
table  the  proper  conversion  factor  can  be  defined.  By  this  the  user  ran  process  the  data  in  what- 
ever units  he  likes  to  without  any  harm  or  restrictions  for  pre-  or  postprocessors.  A data  com- 
pression method  is  used  in  order  to  minimize  storage  requirements  and  thu  time  needed  for  input/ 
output  operations.  A aeries  of  test  runs  with  real  flight  teat  data  was  made  in  order  to  find  the 
best  compression  method.  A zero  order  rxtrapolator  was  found  to  be  the  most  efficient  one  in 
terms  of  reduction  factor  achieved  and  processing  time  required.  Th»  tests  were  based  on  a study 
of  DFVLR  Braunschweig,  The  achievable  reduction  factor  depends  very  much  on  the  specified  ampli- 
tude tolerance  which  in  turn  defines  the  final  accuracy.  In  order  to  get  an  optiaua  between 
efficiency  and  accuracy  the  tolerance  can  be  defined  for  each  cnannel  separately. 

Step  IV. 


The  final  analyaia  and  Judgment  of  the  results  is  of  course  done  by  the  engineers  and 
scientists  who,  however,  can  use  the  Flight  Teat  Monitor  mentioned  above  for  further  iterations 
and  in  order  to  gain  better  understanding  of  their  problems.  For  instance  the  very  last  Figure 
(Figure  4-16)  was  generated  by  means  of  the  FTMTB  running  the  steps  shown  in  Figure  2-5. 

5.0  SENSORS 

5.1  GENERAL  overview 

Besides  a few  special  sensors,  we  used  fairly  normal  sensors  and  transducers  for  the 
different  measurement  problems  which  are  described  below  for  the  VFW  6l4  especially, 
o Rudder  and  Tap  positioning 

Inductive  angle  sensor  ID  56/45  E (was  introduced  with  respect  to  flutter  investigations), 
o All  other  "position  sensors" 

Fiia  potentiometer  CIC  155 
o Hydraulic  pressures 

F-essure  sensors  with  built  in  amplifier  CEO  495  fir  prototype  No.  1.  They  were  replaced 
duo  to  money  reasons  by  the  type  Gtatham  P„-822  ($000  psia,  '.000  psia). 
o Air  pressures  for  environmental  control  system: 

CEC  4-526/ ota  than  I'A-d22.  On  pressure  >5  psi ; PL  285TC,  P ’96 , P.I92  TC  and  F".  5~C ) . They  are 
very  sensitive  with  re: pec t to  accierations  ind  can  only  be  used  in  stationary  a/e  status, 
o Throughput : for  luel  and  hydraulic  system 

Cux  - turbine  - flow  meter  .output  signals  have  to  be  transformed  to  DC  voltage  which  is  done 
by  3 frequency  transformer  Typ  V224  Fa.  Braun  otuttgart). 
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• t»*wr»lami 

- fiaaistor  thtnoatUn  PT  100  (Hereavis,  Hanau) 

- Thermo  elements  CB/AL  used  for  many  purposes  la 

O Hydraulic 

o Fuel 

a Environmental  coatrol  subsystems 

o Accelerometers 

types:  CEC  WO?  aad  Statham  A<S9  TC 

Bangee:  -5  f,  -10  g,  - 25  g aad  ^50  g 
Deed  la:  Fuselage,  wings,  ruddara,  angina  pylon,  gaar 
o Jet  angina  aanaora 

Provided  by  Holla  Boyce 

Praaauraa:  SE  AO,  SE  42  (SE  Laboratories). 

Temperatures : Pt  100  and  tharaoalaaanta  CR/A1 
o Speed  and  Altltuda  (Static  and  Total  Praaaura) 

Noaa  booa  for  atatic  aad  total  praaaura  (aalf  adjusting).  Normal  (aarlaa)  pitot  aanaor  and 
atatic  holaa. 

For  battar  atatic  praaaura:  Trailing  coaa  ( Syatem  Douglaa)  Trailing  boab  (Syataa  MLB) 

Thaaa  ayataaa  wara  uaad  dapandlng  oa  tha  purpose  of  a specific  teat. 

Altltuda:  Tranadueara:  Boseaount,  Typ  840E,  and  for  low  altltuda  Type  1241 

apaad:  Roaaaount  Type  831  BD  aad  .for  low  apaad  PH  JIC  (Stathaa,  up  to  150  kta.) 

o Forces 

Strain  gaugaa 
o Attituda 
Gyroa 

O Optical  Information 

TV  and  othar  cameras  ara  uaad  to  gat  optical  iaforaation  about  atall  behaviour,  watar  aplaah 
taata,  ate. 

3.2  SPECIAL  SSNSOBS 

Tha  two  apacial  aanaora  which  ahall  ba  daaeribtd  harain  ara  tha  Noaa  Caaara  and  tha 
Inertial  Gyro  Platform.  Both  wara  uaad  firat  of  all  in  order  to  obtain  taka-off  and  landing 
performance  data.  The  principle  of  the  noaa  camera  ia  to  taka  picturaa  of  the  runway  at  rather 
high  frequency  (5  par  aacond).  Tha  known  gaoaatrical  relati  nahipa  batwaen  either  apacial  or 
noraal  aarkinga  (lighta)  along  tha  runway  on  tha  one  hand  aac  thair  appearance  in  1L,.  picturaa 
taken  by  tha  caaara  on  tha  othar  hand  allow  for  calculation  of  tha  trajectory  and  attitude  of  tha 
aircraft.  Tha  tlaa  diatancea  between  aaquantial  picturaa  allow  for  calculation  of  apaada  and 
accalarationa.  Tha  aethod  la  proven  and  allova  for  rather  high  accuracy,  however,  it  ia  axtreaaly 
tadioua  and  cuabaraoa  compared  to  PCM  data  because  film  development  and  data  readout  requirea 
apacial  davlcea  and  lengthy  aanual  processes,  \Juick  look  and  corraaponding  go/no-go  deciaion- 
for  specific  taata  cannot  at  all  be  provided  by  thia  aethod.  In  order  to  do  this  and  herewith  to 
Increase  the  efficiency  of  flight  testing  tha  VFV  6l4  especially  at  remote  test  bases  the  Inartial 
Gyro  Platfora  was  installed.  It  ia  shown  la  Figure  3-1  xn  its  general  layout.  By  aaana  of  this 
device  all  data  necessary  for  tha  task  aentioned  above  can  ba  acquired  and  transmitted  to  the 
Telemetry  Ground  Station,  for  quick  look  purposes.  The  platfora  basically  measures  accelerations, 
which  by  means  of  analog  integrators  can  ba  transformed  into  speed  and  length  (distance)  informa- 
tions. Tha  problaa  ia  the  accuracy  of  tha  acceleration  measurements  and  the  integration  process 
which  up  to  sow  restricts  the  applicability  of  the  platfora  to  quick  look  purposes.  There  is  no 
doubt  that  further  developaent  to  sufficient  accuracy  will  increase  tha  efficiency  of  taka-off 
and  landing  as  well  as  noise  investigation  tests  considerably.  Figure  3-2  shows  results  of  tha 
platfora. 

4.0  SMOOTHING  AND  FILTERING  - PROBLEMS  AND  T'SENI^DES 

Tha  filtering  techniques  which  ara  described  below  are  based  on  the  PCM  data  streaa 
rather  than  on  the  FM  data  streaa  (see  Figure  2-2).  (Problems  like  nonlinearlties  and  offsets  in 
sensor  or  amplifier  outputs  are  not  dealt  with  in  this  chapter  because  they  are  of  static  nature 
and  corrected  by  -eans  of  data  calibration  techniques.)  We  identified  in  this  data  streaa 
basically  four  different  types  of  dynamic  "trouble-makers:" 

o Spikes 
o Noise 

o Gap  in  data  streaa 
o Dynamic  components  in  signals 
being  expected  to  be  stationary 

as  they  are  shown  in  Figure  4-1. 

4.1  Methods 


One  can  basically  think  of  two  different  ways  to  get  rid  of  these  problems: 

A)  use  of  hardware  filters 

B)  use  ol  software  filters 

VFW-rokker  did  not  make  any  considerable  use  of  hardware  filters  onboard  of  the  aircrafts  due  to 
increased  complexity  of  the  beard  equipment  in  the  first  place.  In  spite  of  that  the  philosophy 
was  to  eample  and  record  the  data  at  fairly  high  rates  (40-60  Hz)  which  gives  a lot  of  built-in 
redundancy  because  the  normal  sensors  sampled  via  the  PCH  system  do  not  have  considerably  more 
than  .5  to  5 Hz  signal  frequency.  That  says  in  other  words  that  the  smoothing  and  filtering  task 
is  done  by  software  during  data  selection  and  preprocessing  rather  than  by  onboard  hardware. 

We  investigated  several  algorithms  to  do  this  filtering  with  the  basic  objectives  that 
o the  effort  to  implement  the  algorithm 

3 the  effort  or  cost  to  make  day  to  day  use  of  it  for  millions  of  data 


V 


and 


can  b*  covered  within  aircraft  tasting  tin*  and  budget  constraints. 

Tba  algorithaa  ws  Investigated  within  thia  framework  ara  tha  following: 

A)  Noraal  averaging  - Sum  over  H coneecutlve  eamplee  divided  by  N,  tha  naxt  aua  atarta  with 
tha  firat  aaaple  not  uaad  by  tha  previous  ona  (Step  3ize,JN) , Nuabar  of  output  aaaplaa 
raducrd  by  factors  of  N. 

Expressed  in  intagral  fora  it  ia: 


/SCtidt  ; tQ.l  

B)  Oliding  Avaraga  — Aa  above  but  tha  naxt  aua  atarta  with  aacond  aaapla  of  tha  previous  ona, 
nuabar  of  output  aaaplaa  • nuabar  of  inputa  samples. 

Tha  foraula  la: 


ylT 


Thia  jathod  ia  wall  known  and  in  coaaon  uca  bacauaa  it  ia  vary  aiapla  and  chaap.  Ita  aaln  dia- 
adaantaga  la  ita  poor  frequency  raaponaa. 


C)  Si-function  --  Aa  B,  but  tha  aua  ia  dona  with  waighted  samples. 
Tha  weight  function  ia  3i  (x)  * 3 j n*  (propoaad  by  Dr.  Riadal) 


Tha  foraula  la: 


u 


yi* 
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"hi a aathod  la  wary  proalaing  bacauaa  it  allowa  to  exactly  define  tha  charactarlatica  of  the 
filter  in  term a of  frequency  and  phaaa  raaponaa,  which  ia  poaaible  through  proper  aelection  ofW 
Cupper  frequency  liait)  and  T (integration  interval).  The  longer  T in  aalacted  the  better  the 
filter  charactarlatica  are.  In  addition  tha  method  ia  - from  the  programming  and  execution  time 
point  of  view  - efficient  enough  to  be  uaed  for  a reasonable  amount  of  data.  Cror  examples  aee 
figures  4-2  to  4-8.  Tha  phase  error  which  appears  on  tha  time  hletoriea  can  be  corrected  be- 
cause it  depends  only  on  tha  frequency  limit  and  not  on  the  signal  frequency.) 

D)  Gliding  least  square  fit  aathod  — For  a raatricted  number  of  consecutive  samples  (set)  tha 
laaat  square  fit  aathod  is  used.  (Tha  first  sample  of  the  next  set  is  the  second  one  of  the 
firat  set.)  This  method  ac*aa  to  ba  promising  too  but 

o tha  filter  characteristics  are  hard  to  define 

o the  computational  effort  is  far  beyond  that  of  the  Si-filter. 

(For  examples  see  figures  4-9  to  4-12). 


E)  In  addition  to  those  filters,  we  used  "valve  type  filters"  for  several  cases  such  as 
(a)  spike  recovery,  and  (b)  exclusion  of  dynamic  components  in  stationary  data. 

This  aathod  is  basically  the  same  in  both  cases  which  is  to  delete  those  data  totally  or  replace 
thea  by  artificial  ones,  which  exceed  certain  limits.  The  only  difference  between  the  two  methods 
is,  that  in  case  of  spike  recovery,  the  limits  are  derived  from  the  time  history  of  the  channel 
itself,  whereas  in  the  second  ease  another  channel  opens  or  closes  the  "software  valve."  For 
instance  in  case  of  steady  data  for  flight  mechanics  all  data  have  to  be  deleted  or  disregarded 
when  the  g-load  exceeds  1 *0.005g.  Thia  method  is  under  certain  circumstances  very  useful  and 
it  is  extremely  cheap. 


4.2  Application 

We  investigated  the  Si-function  and  the  gliding  least  square  Tit  method  theoritically 
to  some  extent  and  concluded  out  of  the  results  that  the  Si-function  is  the  more  promising  one. 

We  integrated  this  metSod  together  with  the  standard  average  and  the  gliding  average  in  the 
integrated  data  reduction  system  and  used  it  especially  for  speed  and  altitude  filtering  for  the 
VFW  614.  As  you  may  know,  the  transformation  from  Indicated  Air  Speed  \IAS)  via  Calibrated  Air 
Speed  (CAS)  to  True  Air  Speed  (TA5)  requires  derivatives  of  speed  and  altitude  which  is  numeri- 
cally very  difficult  when  the  signal  is  too  noisy.  We  got  good  resulto  with  a reasonable  effort 
as  soon  as  we  turned  down  tns  upper  frequ-ncy  limit  to  less  than  1 Hz  (Figure  4-14  and  4-15). 

We  used  the  "software  valve'  or  'separation''  method  to  get  steady  lift  coefficient  vs.  angle  of 
attack  out  of  stall  test  for  instance.  1> « calculated  both  valves  over  the  corresponding  time 
but  uaed  only  those  for  which  the  g-load  was  within  specified  limits  (1  10.0C5g'..  The  results  are 
shown  in  the  last  two  slides.  (Fig  4-i6,  rig  4-171.  An  even  better  picture  can  be  achieved  by 
selecting  a smaller  bandwidth. 


Prototype  flight  test  equipment 
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Fig.2-3  Mobile  telemetriestation 


Fig.2-5  Example  for  data  processing  by  flight  test  monitor 
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SUMURT 

Perf ormanc « and  stability  and  control  characteristic*  of  aircraft  can  be  estimated  fren  aeasure- 
■nti  in  on*  flight  teat  manoeuvre.  Thi*  require*  tha  aanoauvre  to  contain  quasi  steady  accelerating  part* 
and  non  steady  oscillating  parts.  Tha  first  elesMat  of  tha  manoeuvre  prorides  aainly  information  about  air- 
craft performance,  while  tha  oscillating  part  yields  information  about  stability  and  control  deriratires. 

A Boring  base  simulator  has  been  used  to  determine  the  problems  which  accompany  tha  manual  application 
of  tbs  required  elermtor  control  input  and  to  teach  tha  pilot  to  generate  the  signal  without  feedback. 
Results  of  this  eraluation  program  are  giren  and  ccopared  with  corresponding  results  of  the  actual  flight 
teats. 


1.  DKBCDUCTIOS 

The  determination  of  performance  or  stability  and  control  characteristics  from  non -stationary  flight- 
teste  has  been  subject  of  extensive  research  in  the  letherlanda . In  196b  a new  dimension  was  added  when 
a method  was  dereloped  which  made  it  possible  to  derire  longitudinal  performance  and  stability  and  control 
data  for  a large  flight  rare lope  from  on*  relatively  short  manoeuvre  (Ref.  1). 

Between  1966  and  1968  flight-trials  have  been  Made  on  the  DHC  Beaver  Laboratory  aircraft  of  the  Aero- 
nautical Department  of  the  Technological  University  of  Delft  to  further  develop  this  method  for  convention- 
al aircraft. 

The  required  characteristics  of  the  above-mentioned  manoeuvre  and  as  a consequence  the  shape  of  the 
input  signal  to  tha  elevator  control  has  been  analysed  in  references  1 and  2. 

In  the  trials  different  kinds  of  input  signals  of  various  degree  of  complexity  were  applied  and  in 
the  beginning  a programmed  autopilot  was  used  to  generate  the  correct  signals.  After  much  training  it  vas 
also  possible  to  apply  the  signals  manually  with  a sufficient  degree  of  repeatability. 

In  1970  preparations  started  to  further  validate  the  method  on  an  aircraft  equipped  vith  turbo  jet 
propulsion.  This  type  of  aircraft  was  suitable  to  investigate  e.g.  compressibility  effects  and  jet  engine 
influence  on  performance  and  stability  and  control  characteristics. 

The  Hawker  Siddeley  Hunter  MK7  laboratory  aircraft  of  the  Hational  Aerospace  Laboratory  in  the 
■ether lands  which  was  available  and  used  for  the  trials,  is  a medium  high-performance  aircraft.  It  it 
equipped  vith  special  test  equipment  such  as  a trailing  cone  and  a nose  boom  for  accurate  ambient  static 
pressure  measurements  and  pitot-etatic  tubes  in  the  jet  exhaust  pipe  to  enable  engine  thrust  calculation. 
Tour  underving  pylon*  are  provided  for  underwing  fuel  tanks.  During  the  above-mentioned  flight  trials  one 
of  these  positions  vas  taken  by  an  inatruaent  container. 

The  Hunter  project  of  which  the  flight  trials  have  been  flown  between  Hov ember  1973  and  May  197b  can 
roughly  be  divided  in  the  following  parts: 

- Instrumentation  of  the  aircraft 

- Preparation  and  execution  of  the  flight  trials 

- Processing  and  analyses  of  the  measured  data. 

The  instrumentation  system,  which  is  a further  development  of  the  system  used  in  the  Beaver  trials, 
is  discussed  in  detail  in  reference  3* 

Preliminary  results  of  the  analyses  - the  flight-path  reconstruction  in  acme  of  the  manoeuvres  - are 
given  in  reference  b. 

Tha  preparation  and  execution  of  the  flight  trials  form  the  main  part  of  this  paper-  In  sec '.ion  2 a 
qualitative  motivation  is  given  for  the  input  signal  to  the  elevator  control,  vhich  has  been  usee,  in  the 
trials.  Sc*e  peculiarities  of  the  aircraft  are  discussed.  In  section  3 crew  training  on  a moving  i>»se 
simulator  and  the  execution  of  the  flight  program  is  discussed.  Tn  section  b a summing  up  of  the  results 
of  the  trials  is  given.  In  section  5 acme  conclusions  are  presented  vhich  can  be  drawn  from  this  part  of 
the  program. 


2.  ELEVATOR  COHTROL  UFUTS  POR  H0H-STATI0HART  PLIGHT  TESTI5G 

2.1.  General  diacusaion  on  the  shape  of  the  desired  manoeuvre 

The  derivation  of  performance  as  well  aa  stability  and  control  characteristics  from  one  non-station- 
ary  flight  manoeuvre  puts  different  requirements  on  the  information  vhich  has  to  be  contained  in  the 
measured  aircraft  responses. 

Aircraft  performance,  such  as  climb  performance  and  aircraft  pclara  can  be  derived  from  measurements 
taken  in  quasi-eteady  accelerated  flights.  If  these  measurements  differ  too  much  frem  steady-state  condi- 
tions a correction  has  to  be  made  using  knowledge  of  the  aircraft  aerodynamic  model. 

Stability  and  control  characteristics  can  be  derived  if  the  aerodynamic  model  of  the  aircraft  is 
known.  This  model  can  be  estimated  from  measured  aircraft  responses, provided  sufficient  information  is 
contained  in  these  response*.  As  most  of  the  aerodynamic  derivatives  are  related  to  the  short  period 
oscillation, it  seen*  reasonable  to  assiae  that  oscillations  of  about  the  short  period  frequency  in  these 
response*  will  fulfil  the  requirement. 

If  these  two  type*  of  aircraft  responses  are  combined,  aircraft  performance  and  the  aerodynamic 
mcdel  can  be  determined  in  principle  from  one  manoeuvre  whereas  the  model  is  then  used  to  correct  the  per- 
formance measurements  to  steady-state  conditions  and  to  calculate  longitudinal  stability  and  control 

derivative*. 


2.2.  Design  of  a practical  al«rator  control  input  signal 

la  preliminary  triala  on  the  Hunter,  input  signals  bare  been  considered  of  various  degrees  of  complex- 
ity. It  soon  became  apparent  that  cn1  ' retry  simple  input  signals  could  be  applied  with  a reasonable 
repeatability.  The  eydraulic  control  system  of  the  aircraft  is  very  effective  ar<’  artificial  feel  is 
applied  independent  of  airspeed.  The  resulting  control  force  is  thus  proportional  to  control 
deflection  from  the  trim  position.  Therefore  the  for res  are  relatively  high  at  lov  speed  because  of  large 
required  control  deflections  and  very  lov  at  high  speeds.  The  application  of  a , rograaned  autopilot  could 
not  be  considered  because  no  provisions  vere  available  in  the  aircraft. 

A a a result  of  these  experiences  a practical  input  signal  was  defined  vhich  vould  generate  aircraft 
responses  reasonably  close  to  the  requirements  of  section  '.1  (fig.  2). 

Starting  at  a lov  spec a in  stationary  flight,  the  aircraft  vas  Bade  to  accelerate  in  level  flight 
through  the  whole  speed  envelope  without  pitch  oscillations,  except  every  30  seconds,  when  U block-type 
oscillations  vere  fed  into  the  elevator  control  in  basically  the  short  period  frequency.  Between  succes- 
sive series  of  oscillations  the  aircraft  accelerated  steadily.  In  general  U to  5 series  were  contained 
in  one  complete  manoeuvre.  The  target  "g"  levels  in  the  oscillations  were  set  at  0 and  +2  g. 

3.  PRKPARATIOH  ASD  EX2OITI0S  Of  THE  FLIGHT  TRIALS 

3.1.  General  aspects 

Tram  a pilot's  point  of  view  a substantial  difference  exists  between  stationary  and  non-stationary 
flight  testing  as  far  as  hi a control  actions  are  concerned. 

In  the  first  case  the  pilot  uses  his  controls  to  balance  the  forces  and  moments  on  the  aircraft. 

The  atabilization  of  the  aircraft  on  a target  speed  can  be  a rather  difficult  task,  especially  if  height 
coatraints  exist,  nevertheless  the  pilot  gets  sufficient  information  tract  the  outside  world  and  his  instru- 
aents  to  execute  the  required  task  and  to  check  his  performance.  In  most  cases  ample  time  is  available  to 
stabilize  the  aircraft  and  take  the  measurements. 

for  non-stationary  flight  testing  definite  input  signals  have  to  bo  specified  to  the  pilot.  These 
inputs  are  then  applied  to  the  controls.  In  most  cases  a programed  autopilot  ia  not  installed  in  the 
aircraft.  The  information  from  the  aircraft  response  ia  not  available  in  time  to  the  pilot  to  estimate 
the  difference  with  the  required  response  and  to  take  corrective  actions.  However,  with  experience  he  ia 
able  to  give  his  opinion  on  toe  quality  of  the  manoeuvre  and  to  try  and  improve  his  control  policy  in  the 
following  aanoeuvres.  Training  on  the  simulator  and  in  flight  will  irovide  him  with  this  experience  which 
will  ensure  a reasonable  repeatability  of  the  generated  input  signals. 

3.2.  Use  of  a moving  base  simulator 

The  three  degrees  of  freedom  moving  base  simulator  of  the  Aeronautical  Department  of  the  Technologi- 
cal University  of  Delft  has  been  used  extensively  for  ground  training. 

The  Hunter  simulation  has  been  based  on  available  aircraft  data,  supplemented  with  subjective  opinion 
of  pilots  with  ample  type  experience.  In  the  cockpit  the  original  control  column  and  throttle  quadrant 
were  replaced  by  Hunter  items.  Pitch  and  roll  information  was  displayed  on  a TT  vhich  was  flush-mounted 
in  the  instrument  panel.  The  visual  system  of  the  simulator  vas  used  to  displsy  a horizon  line. 

The  principal  aim  of  the  training  sessions  vas  to  leans  and  generate  the  elevator  input  signal,  given 
in  figure  2. 

Preliminary  results  with  all  subject  pilots  showed  an  overshoot  tendency  on  the  elevator  time  his- 
tories (rig.  3a  and  3b).  This  overshoot  tendency  could  be  lessened  by  training  and  wa3  eliminated  if 
the  rate  of  elevator  deflection  vas  decreased  sufficiently  (Fig.  3c  and  3d).  To  evaluate  the  influence  rf 
the  motion  system  on  the  performance,  several  trials  were  made  without  this  system.  The  opinion  was  that 
even  the  limited  motion  cues  which  were  generated,  aided  considerably  to  get  the  "feel"-of  the  manoeuvres 
and  to  restrict  the  "g"  excursions  between  the  limits  of  0 and  *2  g. 

3.3.  Execution  of  the  flight  program 

Surprisingly  the  initial  results  of  the  flight  trials  shoved  the  same  overshoot  tendency  on  the 
elevator  time  histories  as  during  the  ground  training  (Fig.  Ua  and  l»b).  Contrary  to  the  simulator  trials 
hardly  any  improvement  could  be  obtained  with  training.  Due  to  the  rather  violent  aircraft  motions  the 
control  stick  could  not  be  stopped  in  the  required  position. 

To  overcame  this  prohlem  a metal  bar  was  installed  in  the  cockpit  (Fig.  5a)  which  normally  slid  be- 
tween the  pilot's  fingers  and  the  cortrol  stick.  If  the  movement  of  the  hand  (with  the  stick)  had  to  be 
stopped,  the  pilot  pressed  the  bar  firmly  between  his  hand  and  the  control  stick  (Fig.  5b  and  5c).  After 
this  device  waa  installed,  performance  improved  considerably  although  it  was  never  possible  to  obtain  the 
sane  regular  shape  of  input  signal  as  in  the  simulator  trials  (Fig.  6),  The  use  of  buffers  to  limit  con- 
trol stick  movement  ia  not  practical  because  of  the  change  of  elevator  trim  position  and  deflection  with 
speed. 

The  amplitude  of  the  control  deflections  vhich  vould  result  in  the  t 1 g change  in  normal  accelera- 
tion could  ho  learned  relatively  easy  and  in  general  the  acceleration  level  remained  between  0 end  *2  g. 

It  could,  however,  not  always  be  prevented  that  same  asymmetric  motion  vas  induced  by  the  pilot  which 
could  not  easily  he  stopped.  It  can  be  expected  that  in  trials,  which  require  higher  load  factors,  the 
flying  precision  will  degrade. 

In  the  initial  flight  trials  some  problems  were  encountered  in  ending  the  pitching  oscillations  after 
the  block  signals  and  the  accelerating  part  of  the  manoeuvre  was  not  steady  enough.  After  some  training 
this  problem  waa  eliminated. 

1*.  RESULT3  OF  THE  FLIGHT  PROGRAM 

When  the  flight  trials  were  concluded  in  May  1S71*  a total  number  of  19  flights  had  been  made,  of 
which  1U  can  be  further  analysed. 

The  remaining  5 have  either  been  training  flights  or  flights  with  instrumental  nishappening  which 
precluded  further  utilization.  A total  of  about  50  manoeuvre^  flown  at  altitudes  of  10000,  20000  and 
30000  ft  are  further  processed  at  the  moment. 
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5.  COKXJBSXOBS 

ha  the  experiences  gained  is  the  trials  the  following  conclusions  css  be  drawn: 

- An  input  signal  for  non -eta-  ionary  flight  testing  should  be  as  siisple  as  possible,  unless  a progressed 
autopilot  is  available. 

- Training  is  advance  on  a sowing  base  simulator  can  iaprove  performance,  but  its  usefulness  should  not 
be  overestiaated. 

- Dm  use  of  sisple  aids  to  guide  the  pilot's  control  aowesents  can  iaprove  hit  performance  considerably. 

- In  non  stationary  flight  testing  flying  precision  will  degrade  rapidly  with  an  increase  of  g load  level. 

6.  EPmicja 

Analyse  van  een  sogalijke  sethode  too r hat  seten  van  prestaties  en  stebili- 
teits-  en  beaturingseigenschappen  van  een  vliegtuig  is  niet-etetioneire , 
sysmetriscoe  vlucbten. 

Techniache  Bogeschool  Delft , Vlicgtuigbouvkunds,  Rapport  VTH-117,  1961 
(with  faglish  sussary). 

The  detersinstion  of  stability  derivatives  and  perfomance  characteristics 
froa  dynamic  nanoeuvres.  Delft  University  of  Technology,  Department  of 
Aeronautical  bgineerlng.  Report  VTH-163,  1971. 

Advanced  flight  teat  instrusentatioo  design  and  calibration. 

Delft  University  of  Technology,  Department  of  Aeronautical  fiigineering. 
Memoranda  H-222,  1971. 

Estimation  of  tbs  aircraft  stats  in  non-staady  flight. 

Da lft  University  of  Technology,  Department  of  Aeronautical  tegineering. 
Memorandum  H-221,  1*7l. 


1.  Oerlach,  0.1. 

9.  Oerlach,  O.E. 

3.  Husain,  R.J.A.V. 
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5b  Forvard  control  stick  position 


5c  R-arvard  control  stick  position 


Fig.  5 Bar  to  control  the  movement  of  the  hand 
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SUMMARY 

Flva  analytical  techniques  In  stability  derivatives  estimation  were  compared.  In  cooperation  with  the  *E- 
Stalle  81  of  thn  RAF"  and  with  the  “OFVLR".  The  test  aircraft,  a G 91-T3,  was  equipped  with  a sophistica- 
ted Instrumentation  and  data  acquisition  system.  The  analytical  techniques:  manual  evaluation  of  special 
flight  maneuvers,  time  vector  method,  forced  oscillation  method,  analog  matching  and  regression  analy- 
sis ara  compared  In  relation  to  the  amount  of  time  and  equipment  for  the  flight  testing,  complication  of 
the  data  reduction  and  the  quality  of  the  results.  The  accuracy  of  the  data  aqulsition  13  the  most  Impor- 
tant problem.  Therefore  an  accurate  check  of  all  test  data  has  to  be  performed  before  sophisticated  eva- 
luation programs  are  used.  As  a result  It  can  be  summarized  that  in  general  several  measuring  and  eva- 
luation techniques  should  be  used  in  parallel. 


1.  INTRODUCTION 

Parameter  identification  from  flight  test  results  is  an  important  and  necessary  tasK  not  only  from  a re- 
search point  of  view  but  also  for  the  industrial  flight  testing.  After  the  begin  of  the  flight  testing  of 
a new  aircraft  the  manufacturer  has  to  Know  very  rapidly  the  actual  parameters  and  derivatives  in  compa- 
rison with  the  values  derived  from  theory  or  windtunnel  tests.  This  is  necessary  to  decide  whether  and 
what  type  of  modifications  of  the  aircraft  or  the  stability  augmentation  system  have  to  be  made.  For  the 
flight  testing  of  the  Airforce  test  departments  the  problems  are  similar.  Therefore  this  task  was  defined 
In  cooperation  with  the  "E-Stelle  51",  which  is  the  Gerr^n  Airforce  Flight  Test  Center,  and  the  "DFVLR", 
the  German  Aerospace  Research  Institution. 

The  aim  wa*»  to  get  some  practical  ideas  cf  the  application  of  5 different  analysing  methods,  which  seemed 
to  be  representative  for  the  broad  spectrum  of  the  well-known  methods  and  which  seemed  to  be  applicable  to 
a more  industrial  use.  Therefore  the  comparison  should  include  the  necessary  amount  of  data  aqui- 
sition  and  reduction  systems,  flight  test  time,  skill  of  the  pilot  and  the  evaluating  engineer  and  last 
not  least  the  quality  of  the  results. 

For  the  same  reasons  also  manual  evaluation  techniques  without  and  with  computer  aid  and  highly  automatic 
methods  for  a digital  computer  use  are  taken  into  account.  With  respect  to  the  aforementioned  reasons 
and  the  already  available  j-idtical  experience  from  the  Do-31  flight  testing  we  decided  to  choose  the  fol- 
lowing methods  *rom  the  manual  evaluation  techniques: 
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- •valuation  of  apodal  manauvara  from  analof  tract* 

- timo  voctor  (not hod 

* forced  oiclllatlon  method 

from  the  ‘Output  error’-methodi 

- analog  matching 

and  from  the  ‘Equation  of  motlon'-methods 

- regraeelon  analyale. 


2.  INSTRUMENTATION  SYSTEM 

A»  t**t  aircraft  a trainer  version  of  tha  Flat  G-91  was  used,  fig.  1.  The  trainer  version  has  the  advan- 
tage that  tha  flight  test  anglnaar  could  participate  at  tha  test  flights  and  could  Influence  the  pro- 
gram In  the  air.  If  necessary.  Tha  aircraft  was  equipped  by  a sophisticated  instrumentation  system 
which  was  especially  laid  out  for  this  task. 

As  tha  accuracy  of  the  sensors  Is  one  of  the  most  important  problems  in  the  field  of  flight  test  data 
analysis,  special  efforts  have  ueen  made  to  get  the  beat  possible  Input  data.  Therefore  for  Instance 
two  diffsrent  sensor -systems  for  angle  of  attack  and  sideslip,  a Cornier  flight  log  mounted  on  a sting 
In  front  of  the  aircraft  and  two  additional  sensors  at  the  fuselage  have  been  Installed.  The  attitude, 
rata  and  acceleration  sensors  have  been  mounted  on  a fran.j  of  cast  steel,  fig.  2.  This  frame  Is  ortho- 
gonal. heatable  to  compensate  temperature  effects  and  at  three  points  rigidly  fixed  to  the  structure 
of  tha  aircraft.  The  bearings  are  adjustable  to  guarantee  an  exact  alignment  of  the  sensor  axis  to  the 
axis  of  the  aircraft.  The  whole  platform  Is  isolated  by  damping  notarial  and  mounted  near  to  the  c.g.  of 
the  aircraft. 

Similar  efforts  have  been  made  to  improve  the  position  signals  of  the  control  surfaces.  Fig.  3 shows  an 
example  of  the  arrangement  for  the  rudder.  To  avoid  errors  by  backlash  and  elasticity  the  potentiometers 
h«/e  been  rigidly  mounted  as  near  as  possible  to  the  rodder  bearings  additionally  improved  by  a cog  wheel 
with  bias  springs. 

For  the  same  reasons  the  range  of  the  sensors  nas  been  chosen  as  *mall  as  possible  according  to  the 
task.  fig.  4.  You  see  the  range  of  the  different  sensor  types  and  the  attainable  accuracy  at  the  computer 
Input. 

Though  this  Instrumentation  system  Is  very  accurate,  there  are  of'er  erros,  which  also  have  to  be  ccm- 
pensu-ed  as  well  as  possible.  *wese  are  the  time  or  phase  erros.  They  occur  due  to  the  fact  that  the  sen- 
sor itself  has  a certain  time  lag  or  phase  error  due  to  Its  frequency  response  and  there  Is  an  additional 
time  lag  resulting  from  the  time  intervals  during  the  scanning  of  the  different  measuring  channels. 

Fig.  5 shews,  how  we  '>ave  triad  to  overcome  these  difficulties  in  the  first  step.  As  the  influence  of  the 
structure  vibrsMcns  "as  to  be  filtered  try  low  pass  filter  cC-nn. works,  the  tine  constants  of  these  net- 
works have  been  chosen  together  with  the  known  time  constats  of  the  sensors  so  that  all  signals  are  rela- 
ted to  a reference  “ime.  ~o  do  tni3  successfully  t^e  frequency  response  of  all  sensors  has  to  be  known. 
Therefore  special  test  crcgrams  -or  instance  for  the  angle  of  attack  and  sideslip  sensors  had  to  be  carried 
cut.  Though  these  time  lag  on  meet  ions  are  valid  only  for  the  actual  f 1 ight-,hechanical  frequencies  they 
considerably  improved  the  r^'-.ts  especially  of  t-e  automatic  methods. 


Today  thaaa  correction*  ara  part  of  a Kalman  flltar  computar  (."Ofram,  which  ahall  bo  uaad  In  combination 
with  tha  rogratalon  analysis.  Furhtsr  Information  will  ba  glv.i  In  Hr.  Frladrlch'a  papar. 

Tha  data  reduction  la  dona  In  tha  usual  mcnnar.  Wa  usa  an  on-board  magnatlc  tapa  racordar.  which  racorda 
tha  data  with  a fraouancy  of  42  Hz.  Thla  tapa  la  digitized,  tha  calibration  factors  and  all  tha  other 
Informations,  which  are  necessary  from  tha  flight  mechanics  point  of  vlsw,  ara  added.  From  this  basic 
‘computer  tapa*  tha  special  trpas  for  tha  different  methods  ara  produced. 


3.  MANUAL  EVALUATION  OF  SPECIAL  FLIGHT  MANEUVERS 

This  technique  Is  well-known  to  ovary  flight  test  engineer,  so  It  needs  no  largs  explanations.  Only  ana- 
log traces  are  necessary  for  tha  evaluation.  Fig,  6 gives  a short  summary  of  tha  procedures  which  are 
necessary  for  the  evaluation  of  tha  longitudinal  motion.  By  horizontal  flights  and  stsady  turns  with 
different  load  factors  tha  lift  coefficient  slope  over  tha  angle  of  attack  and  tha  horizontal  tall  ef- 
ficiency can  be  evaluated.  By  repeating  this  for  different  c.g.  positions  tha  neutral  and  tha  maneuver 

point  can  be  found,  which  leads  to  the  static  stability  terms  and  by  this  to  tha  value  of  Cm  . 

tt 

In  parallel  the  also  can  be  derived  from  tha  frequency  of  tha  short  period  oscillation  neglecting  tha 
damping  terms  or  taking  the  theoretical  values.  The  combination  of  the  damping  derivatives  are 

derived  from  the  damping  of  the  short  period.  In  detail  tha  time  to  half  amplitude  and  tha  already  evalu- 
ated ara  used  for  the  determination.  The  problem  of  analysing  the  short  period  motion  Is  the  normally 

high  damping  of  this  mods,  so  that  only  very  few  amplitudes  are  available  for  the  evaluation.  The  pilot 
task  Is  therefora  ‘to  feel”  tha  natural  frequency  and  try  to  excite  the  aircraft  with  It  by  a doublet-ele- 
vator Input. 

Tha  fig.  7 shows  the  maneuvers  and  the  procedure  which  have  to  be  done  for  tha  evaluation  of  the  lateral 
coefficients.  In  this  case  the  problem  Is  a little  more  complicated  as  some  maneuvers  have  to  be 
Interpreted  in  parallel.  So  the  pilot  has  to  fly  for  each  point  of  the  Interesting  flight  conditions 

- a roll  maneuver  with  a constant  ramp  aileron  Input  and  a load  factor  of 
1 as  long  as  a steady  roll  rate  has  built  up 

- a steady  sideslip  maneuver 

- a Dutch  Roll  excitation  by  rudder  pulse  or  doublet  inputs. 

The  last  two  maneuvers  can  also  be  combined.  It  Is  Important,  that  during  the  Dutch  Roll  oscillation  aile- 
ron and  rudder  should  be  kept  exactly  zero,  which  seems  to  be  no  easy  task  for  the  pilot. 

With  these  maneuvers  the  procedure  of  the  determination  begins  with  a first  approximation  of  the  roll-dam- 

ping coefficient  by  neglecting  the  influence  of  the  sideslip  angle  8.  using  the  roll  acceleration  during 
the  ramp  input  and  the  stationary  relation  of  roll  rate  and  aileron  deflection. 

The  second  step  is  the  interpretation  of  the  Dutch  Roll,  where  the  frequency  leads  directly  to  Cq.  and  the 

damping  directly  to  Cnr.  With  this  Cn^  and  tha  evaluated  roll/yew  ratio  including  the  phase  angle  between 

p and  6 Ci.  can  be  determined.  With  the  before  calculated  Ci  . and  the  aileron  effectiveness  Ci  a second 
D £>  s> 

approximation  of  the  C\ ^ is  done  including  the  sideslip  terms. 

Summarizing  the  experience  it  can  be  concluded:  With  a precise  instrumentation  system  the  main  parameters 
can  be  determined.  Though  the  accuracy  of  these  derivatives  is  not  high,  it  is  a good  check  for  rapid 
information  of  the  order  of  magnitude.  Also  the  instrumentation  equipment  can  be  checked  by  this  method. 
The  disadvantages  are  ths  necessary  high  skill  of  the  pilot,  the  large  experience  of  the  analysist 
and  the  large  amount  of  flying  time,  which  has  to  be  provided  for  this  method. 
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4.  TIME  VICTOR  METHOD 

Another  nearly  Mnua  1 technique  Is  the  time  vactor  Mthod.  Though  thla  method  glvaa  avan  laaa  valuae  than 
the  «/or—  motioned  It  It  of  importance  mainly  at  a check  Instrument  for  tha  flight  taat  data.  It  alto 
laada  to  tha  main  parameters  and  therefore  ahould  be  used  If  potable  to  check  the  reeulte  of  more  aophl- 
atlcated  methods . 

Thla  method  can  be  applied  to  tha  oscillating  modee  only.  In  practice  short  period  and  Dutch  Roll  motion. 
Tha  required  Input  data  are  frequency,  damping,  amplitude  ratios  and  phaee  relatione  of  the  Min  motion 
paras  stars.  Fig.  8 shows  how  these  values  can  be  received  by  an  evaluation  of  tha  peak  values  of  the 
oscillating  parameters  and  their  temporary  position.  This  procedure  was  dona  by  a computer  program 
which  gives  tha  results  by  weighting  the  different  parameters  according  to  thalr  deviation  and  taking 
tha  average  values  by  the  method  of  least  squares. 

As  I don't  know  whether  you  are  all  familiar  with  tha  tta  vector  philosophy  I first  shortly  repeat  tha 

Min  principles,  fig.  9.  The  phase  relation  between  a parameter  and  its  differentiation  la  an  angle  of 

90  degrees  plus  tha  damping  angle  c_.  and  the  amplitudes  differ  by  the  natural  frequency  ■ . With  these 

u o 

relations  an  equation  of  motion  can  be  represented  aa  closed  vector  diagram.  In  this  simple  case  of  an 
oscillation  with  damping  an  Isosceles  triangle. 

Fig,  10  shows  tha  typical  arrangement  of  tha  tlma  vector  polygons  for  tha  Dutch  Roll  mode.  With  soma 
experience  ch-s  derivatives  In  tha  form  of  vactor  lengths  can  be  reduced  from  tha  available  Input  data, 
though  some  assum,  .Ions  have  to  be  made.  In  this  case  for  Instance  cy8  corresponds  to  tha  theoretical 
value.  The  fig.  shows  the  difference  of  the  time  vector  diagrams  calculated  with  theoretical  values  and 
the  diagrams  which  have  been  constructed  with  fli-'t  teat  results. 

The  fig.  11  presents  the  corresponding  relations  for  the  short  period  mode.  In  this  case  we  used  the 
results  of  the  next  method,  the  farced  oscillation  method,  which  simplified  the  procedure,  as  enough 
amplitudes  have  teen  available  for  the  analysis.  In  this  case  the  assumption  has  to  be  made  that  the 
elevator  effectiveness  corresponds  to  the  theoretical  value. 

Now  I should  like  to  demonstrate  you  shortly,  how  this  checking  procedure  I mentioned  before  Is  working. 

fig.  12.  The  first  check  deals  with  the  phase  relations  of  differentiated  parameters,  which  should  be 

90  deg.  plus  Cp.  The  next  step  checks  the  amplitude  ratios  of  the  derived  differentiated  parameters, 

which  should  be  w . In  the  case  of  this  program  all  derivations  of  the  position  angles  have  bean 
a 

available  as  measuring  data  so  this  check  was  rsallstic.  The  third  and  fourth  check  came  from  the 
application  of  the  method  using  the  lift  equation  and  tha  kinematic  relation  and  can  easily  be  understood 
by  the  use  of  the  method. 

Fig.  13  explains  the  corresponding  check  procedure  for  the  lateral  motion.  In  this  casa,  too,  the  main 
check  Is  related  to  the  phase  relations  and  the  arplltide  ratio  of  differentiated  parameters.  In  addition 
to  that,  further  checks  of  the  yaw  parameter  f and  l*s  differentiations  are  possible  with  the  aid  of  the 
side  force  polygon  as  is  Indicated  on  the  fig.  The  results  of  these  checks  can  then  be  used  to  correct 
either  the  Input  Informations  for  this  or  for  other  methods. 

The  possibilities  of  a parameter  Identlf Icatlon  by  means  of  this  method  are  neverthaless  limited  as  will 
be  shown  In  the  fig.  is.  This  fig.  shows  the  effects  of  amplitude  and  phase  errors  of  the  mein  Input 
data.  An  amplitude  and  a phase  error  of  + 10  t was  assumed.  The  latter  Is  corresponding  to  a time  lag 
of  about  0,05  seconds.  It  can  be  seen  that  especially  the  phase  errors  lead  to  large  errors  of  the 
final  results.  This  fig.  Is  valid  for  tha  longitudinal  derivatives  ai-d  the  fig.  15  shows  the  correspon- 
ding situation  for  the  lateral  derivatives.  In  this  case,  too,  mainly  the  phase  errors  but  also  frequency 
errors  have  an  important  lnfluenca  on  the  evaluated  parameters. 


Finally,  tha  following  can  ba  concluded  for  thia  method.  It  1*  of  Importance  aa  a check-instrument 
and  wall  suitable  for  tha  main  paramatara.  Tha  disadvantages  ara  tha  nacaaaary  high  accuracy  of  tha 
taat  data  and  tha  nacaaaary  experience  of  tha  analyalat. 
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5.  FORCED  OSCILLATION  METHOD 

Though  thia  aathod  on  principle  balonga  to  tha  aanual  analysing  technlquee  tha  rain  work  waa  dona 
with  tha  aid  of  a digital  coaputar.  For  tha  application  of  thia  aathod  a alna-ganarator  hot  to  ba  ln- 
atallad  In  tha  aircraft  and  flttad  to  althar  tha  alavator  or  tha  ruddar.  In  our  cat a wa  only  uaa  tha 
alavator  aa  actuating  davlca  aa  It  waa  simpler  to  realize.  Tha  prlnclplaa  of  this  method  ara  explel- 
nad  In  fig.  16. 

Tha  motion  paramatara  which  hava  baan  excited  by  tha  alna-generator.  ara  oaclllatlng  with  tha  tana 
frequency  but  Individual  amplitude  and  phase  lags.  By  a Fourier  analysis  these  parameters  can  be  trans- 
formed Into  tins  and  cosine-parts.  If  wa  now  put  this  presentation  into  the  aquations  of  motion  endz 
separata  Into  slna  and  cosine-parts,  we  gat  two  sets  of  deflntng  aquations.  Tha  Fourier  coefficients  con 
ba  evaluated  from  the  traces  of  tha  motion  parameters  by  summation  formulas  Instead  of  tha  original 
Integrals.  To  get  tha  nacaaaary  sets  of  aquations  according  to  tha  number  of  unknowns  several  frequen- 
cies - In  practice  about  ten  - have  to  ba  provided,  whereby  tha  surplus  aquations  ara  used  to  Improve 
tha  results  tilth  statistical  methods. 

As  It  la  possible  to  do  the  summation  graphically  this  method  requires  no  computer  use.  and  even  In  our 
case,  where  a computer  program  was  available,  a manual  check  has  to  ba  done  before  tha  computation, 
fig.  17.  This  fig.  shows  tna  Influence  of  non-constant  periods  on  the  Fourier  coefficients. 

It  la  therefore  necessary  to  choose  only  thosa  parts  of  the  traces  where  the  oscillation  has  reached 
a stationary  state,  otherwise  the  errors  become  too  large. 

Of  course  the  latter  reduces  tha  practical  applicability  of  this  method  as  a lot  of  flying  time  has  to 
be  provided  regarding  also  the  high  numbers  of  frequencies  which  additionally  have  to  be  stationary. 

Also  tha  Installation  of  a sine-generator  will  not  always  be  easily  to  realize.  So  this  method  plays 
a certain  'outsider*  rale  within  this  comparison. 


6.  ANALOG  MATCHING 

This  technique  is  the  simplest  form  of  the  output -error  methods.  It  Is  we  11  known  for  many  yean,  and  in 
Germany  especially  the  OFVLR  has  a lot  of  experience  with  this  method.  So  within  this  cooperation  the 
application  of  this  technique  was  carried  out  by  tha  OFVLR. 

Fig.  18  explains  the  procedure.  From  an  analog  magnetic  taps  which  has  been  derived  from  tha  original 
'computer  tape'  the  flight  test  state  parameter  and  the  control  parameters  if  are  fitted  to  the 
computer.  Then  In  the  next  step  the  Initial  reference  conditions  for  the  model  are  computed  from  the 
differences  of  actual  values  and  the  computed  model  values.  With  these  corresponding  reference  condi- 
tions the  transients  of  model  and  flight  test  are  presented  one  upon  another  on  a four  channel  oscillo- 
graph, the  picture  of  which  can  be  photographed  by  a Polaroid  camera. 

With  this  equipment  the  operator  has  to  try  by  Iteratively  modifying  the  model  parameters  to  get  a good 
conformity  of  the  model  trace  with  the  flight  test  trace.  Fig.  19  shows  as  an  example  a comparison  be- 
fore and  after  the  adaption.  Though  the  Initial  discrepancy  between  flight  and  simulation  is  large, 
the  final  fit  Is  relatively  good. 
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The  problem  of  thle  method  ere  similar  to  those  of  the  tlma  vaetor  wet  hod  i 

- Only  tha  main  parameters  can  ba  determined 

- Thera  la  no  unique  solution.  Each  fit  can  ba  obtained  with  several  different 
seta  of  peraaietsra. 

- Tha  euccaa  of  tha  method  depends  highly  on  the  experience  of  the  operator. 

Nevertheless  It  should  be  mentioned  that  based  on  this  technique  in  combination  with  tha  philosophy  of 
tha  manual  evaluation  stethod  a further  improvement  seems  to  be  possible.  In  this  case  a digital  computer 
program  should  do  tha  calculations  and  fitting  Iterations  according  to  a procedure  which  should  Include 
the  flight  teat  meneuver  and  the  way  of  analysing  these  maneuvers. 


7.  REGRESSION  ANALYSIS 

Ihla  method  la  tha  most  sophisticated  of  this  comparison  regarding  tha  computing  effort,  and  the  simplest 
concerning  the  efforts  of  the  flight  tasting  and  evaluation.  As  this  technique  will  be  explained  In  de- 
tail by  tha  paper  of  Mr.  Friedrich  I only  shortly  discuss  the  main  principles. 

Tha  method  belongs  to  the  aquation  error  or  aquation  of  motion  methods.  It  Is  based  on  the  non  slnpll- 
flad  equations  of  motion,  fig.  20.  Tha  coefficients  on  the  left  side  have  to  be  calculated  from  the  acce- 
lerations, mess  and  moment  of  Inertia  terms.  Additionally  all  stata  and  control  paramatars  have 
to  be  measured.  With  these  values  each  observation  point,  and  thesa  are  42  per  second,  gives  a sat  of 
equations  for  all  coefficients  and  derivatives.  Tha  large  amount  of  equation  sats  during  a flight 
phase  between  two  and  five  minutes  Is  used  to  Improve  the  results  by  means  of  a statistical  method, 
the  regression  analysis.  The  mathematical  problem  la  ralatlvely  simple  as  tha  aquations  are  non- 
coupled. 

The  necessary  maneuvers  are  simple  but  uncomfortable  for  the  pilot,  fig.  21.  The  pilot  has  to  move  all 
control  surfaces  In  a random  matter  to  get  all  the  Interesting  relations.  Tha  fig.  shows  a typical  axampla 
for  thle  agitating  of  tha  controls. 

It  Is  obvious,  that  this  method  nam's  a sophisticated  lnstrvmentatlon  system  with  a very  high  accuracy, 
aapaclally  no  tlma  lag  arrors  should  occur.  But  sven  other  errors  of  course  have  a large  Influence  on 
the  results.  This  con  ba  saen  on  fig.  22.  Here  the  Influence  of  a c.g.  distance  correction  of  the  accele- 
ration tarms  on  tha  evaluated  CQ-volua  Is  shown. 

Uitll  now  the  advantages  of  the  matt  >1.  possible  determination  of  all  Interesting  coefficients  and  deri- 
vatives by  only  one  flight  maneuver  Is  connected  with  a partly  bad  accuracy  of  the  evaluated  results.  The 
check  with  a simulated  flight  test  showed  that  In  principle  it  Is  possible  to  reach  the  elm.  To  get  these 
excellent  results  In  flight,  too.  high  efforts  of  Improving  the  measuring  equipment  or  the  filtering 
techniques  have  to  be  made.  We  have  tried  this  now  by  the  use  of  e Kalman  filtering  technique  but  the 
results  arw  not  yet  available. 


8.  COMPARISON  OF  THE  METHODS 


At  first  a set  of  determined  coefficients  and  derivatives  Is  compared  In  relation  to  the  theoretical  va- 
lues. Fig.  23  shows  the  values  for  the  longitudinal  motion.  It  can  De  seen  that  only  the  regression  ana- 
lysis gives  all  tne  Interesting  values.  But  If  you  look  on  the  ninbers.  some  big  differences  are  found. 


Nevertheless  some  of  thsm  correspond  relatively  well  to  the  expected  ones,  f.l.  C^,  C^, 


CM*  CV  S arKj 


C^.  The  other  methods  show  a higher  number  of  "blanks',  but  the  remaining  data  are  relatively  good. 
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34  chow*  th.  r««ul’.t  of  tha  lat.ral  notion  d.rlv.tlv.i,  which  glv.»  • tlmil.r  picture.  In  thi* 
uh  th.  reaults  of  th.  regr.t.lon  analyala  ara  much  more  battar  than  In  tha  longitudinal  caaa,  which 
h..  ancour.gad  ua  to  contlnu.  with  thla  mat hod.  Tha  axpreaaton  ’poaalbla*  maana  that  thla  valua  can 
aaally  ba  conputad  from  tha  datarminad  momant  darlvatlvaa.  Alao  In  thla  caaa  tha  threa  ‘manual*  nwtroda 
giva  laaa  but  ralatlvaly  rw.ion.bl.  reiulta.  It  la  obvloua  that  further  lmprov.rn.nta  of  tha  data 
aqulsltlon  ayatan  will  alao  laad  to  battar  raaulta  for  thaao  tachnlquaa. 

fig.  35  finally  ahowa  tha  actual  canparlaon  of  tha  flva  evaluation  mathoda  dua  to  tha  crltarla  which 
hava  baan  mantlonad  at  tha  baginning  of  tha  papari 

Heat  equipment 

high  roqulramanta  for  a modarn  PCI  data  acqulaltlon  ayatam  ara  only  nacaaaary  for  tha  ragraaalon  analy- 
aia.  whlla  tha  othar  mathoda  can  alao  uaa  available  PAfl  ayatama.  Tha  accuracy  of  tha  aanaora  ahould  ba 
high  for  nearly  all  mathoda  but  phaaa  lag  correct Iona  ara  axtrnmely  nacaaaary  for  tha  ragraaalon  analy- 
ala.  Only  tha  forced  oaclllatlon  method  naada  a alne-generator  aa  additional  equipment  and  alao  tha  ne- 
caaaary  flight  tast  time  la  vary  large  ao  thla  method  la  not  uaeful  for  a routine  uaa  In  tha  flight  taat. 
On  tha  othar  hand  tha  nacaaaary  flight  taat  time  for  tha  ragraaalon  analyala  la  very  abort.  Pilot  aklll 
haa  to  ba  high  for  tha  manual  evaluation  tachnlquaa.  aapeclolly  If  ha  hae  to  axclta  exact  frequanclea. 

Evaluation  fffort 

Tha  nacaaaary  computer  ayatama  will  bo  available  at  all  flight  taat  centera.  Tha  required  analyalng 
time  la  high  for  tha  manual  method!  and  of  course  very  low  for  tha  automatically  working  methods.  Tha 
same  can  be  said  regarding  to  the  experience  of  tha  analyslst.  Tha  number  of  evaluable  coefficients  and 
derivatives  la  limited  for  tha  time  vector  method  and  tha  manual  evaluation.  Forced  oscillation  and 
analog  matching  lead  to  the  main  parameters,  whereas  by  tha  regression  analysis,  all  parameters  can 
ba  achieved  ba  Including  performance  coefficients.  The  quality  of  the  coefficients  and  derivatives 
la,  on  tha  other  hand,  relatively  sufficient  for  tha  first  methods  whereas  for  tha  regression  analysis 
It  Is  highly  depending  an  the  Instrumentation  and  measuring  accuracy. 


9.  CONCLUSION 

Though  the  evaluation  of  coefficients  and  derivatives  is  a hard  Job  and  needs  a lot  of  effort,  it  is  an 
important  and  a non  neglectable  task  also  for  an  industry  flight  test  program.  As  preconditions  for  s 
successful  work  in  thl3  difficult  field  we  found  the  following  items: 

the  main  attention  should  be  given  to  the  accuracy  of  the  sensors  and 
the  data  aquisition 

- each  set  of  test  data  haa  lu  be  checked  before  its  further  use 
the  parallel  use  of  at  least  two  different  methods  is  desirable 

- t goed  cooperation  of  test  pilot,  flight  test  engineer  and  analyslst 
is  important 

Targe  experience  of  tne  part icipat log  engineers  is  desirable,  too. 

Finally  the  choice  of  methods  which  should  be  applied,  depends  on  the  possibilities  of  the  Instru- 
mentation system,  as  the  simpler  methods  need  less  information  than  the  more  sophisticated  ones.  For 
an  industrial  use  especially  for  smaller  and  simpler  aircraft  the  simpler  evaluation  techniques  there- 
fore still  play  an  important  role  for  the  task  of  parameter  identificat ion. 
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SUMMARY 

The  prcaeai  paper  deal*  with  the  determination  of  the  parameter  of  linear  multivariable  systems 
asta;  input  and  output  measurements.  It  is  assumed  that  the  physical  system,  which  is  to  be  invest!- 
gated,  can  be  described  by  a set  of  linear  differential  equations  with  constant  coefficients.  These 
estimations  had  to  be  applied  to  the  derivation  of  active  control  parameters.  Tests  of  sell  known 
methods,  such  as  least  squares,  modulating  functions,  conjugate  gradients  and  analog  matching,  are 
developed.  Some  results  are  proposed  to  be  used  as  support  for  the  comparison  of  the  different  methods. 

cinq  mEthooes  ^identification  applique e$  a des  mesures  EN  VOL 

rEsumE 

Cette  communication  a trait  4 la  determination  des  param&rea  de  systtmes  linlaires  k pluaieura 
variables  k parti  r des  mesures  des  signaux  d*  entree  et  de  sortie  de  ces  sy  at  tines.  Le  processus  phy- 
sique k ttudier  eat  sup  post  pouvoir  ttre  dtcrit  par  un  ensemble  d'  Equations  difftrentieiles  lintairea 
k coefficients  cm  want  a.  Les  estimations  obtenues  aont  destinies  au  calcul  de  paramitres  de  contr&le 
actif.  Uae  coaparsison  de  mithodes  connues,  telles  les  moindres  carris,  les  fonctiona  modular  rices, 
lea  gradients  coojuguis  et  l'adaptation  analogique,  esc  diveloppie  k partir  des  quelques  risultats 
prisentis. 


L INTRODUCTION 

The  problem  is  to  calculate  the  flight  derivatives  of  air- 
craft using  flight  records  of  the  acceleration  of  the  center  of 
gravity,  of  die  angle  of  attack,  of  the  pitch  rate  and  of  the 
excitation  (deflection  of  elevators  or  airbrakes). 

For  each  method,  the  whole  measuring  time  has  been  used 
for  the  evaluation.  This  way,  disturbances  and  errors  in  nr>> 
surements,  which  are  statistically  independant  from  the  input 
signals,  can  be  eliminated. 

A theoretical  survey  is  developed  in  the  first  part  of  the 
paper,  then  results  and  comparisons  of  the  methods  are  exposed. 

2.  SURVEY  OF  IDENTIFICATION  TECHNIQUES 
2.L  General  considerations  on  system  identification 

Following  Rault  Cl],  we  will  distinguish  three  steps  in 
identification  : 

• characterization  : it  is  a qualitative  operation  that  defines 
the  structure  of  the  system,  i.e.  type  and  order  of  the  differen- 
tial equations  which  connect  inputs  and  oi.iputs  ; 

- identification  and  parameter  estimation  ; 

* checking  ; it  is  a necessary  step  where  one  checks  that 
the  estimated  parameters  have  a physical  meaning  and  that  the 
accuracy  of  the  estimation  is  good  enough. 

As  only  the  aerodynamic  coefficients  of  the  ugid  aircraft 
intervene  :a  the  calculation  of  gust  alleviation  laws  at  this  time 
with  the  ONERA  method,the  characterization  step  is  well  defined 
because  the  differential  equations  of  the  motion  are  well  known. 


All  the  data  collected  in  flight  on  analog  tapes  have  been 
sampled  before  being  analyzed  on  a digital  computer.  The  direct 
current  of  demodulator  bias,  time  constants  of  the  different 
circuits  of  the  analog  to  digital  converting  chain  have  to  be 
looked  at  very  carefully.  The  problems  introduced  by  noise  will 
be  recalled  for  each  method. 


2.2.  Least  squares  ( 1) 

Let  t^be  an(mW}  state  variable  vector  and 

anQt+43  ®casured  variable  vector  supposed  without  noise 
in  a first  step.  Let  £ be  the  function  connecting  and  X| 
and  the  unknown  parameters  vector  pTs£p^#|a^...Jjp^ 

One  can  write  : 


tiqa 


The  least  square  method  consists  in  minimizing  the  sum  of  the 
squared  errors. 

^ =iS  ( “ f PfJi-.n  ) 


which  yields  with  matrix  notation  : 


J=  (Y-F(X,„Pj/(Y.F(X,,P)j 

To  derive  che  minimum  of  J,  one  writes* 

.o 

Dp 

(!>  Tt  f(x»i,p)  s IE  .y 

Dp  Dp 


. i 


■ t 
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•Wn  ^ iiM  <« ittuot  at  p . 

Tkic  eqwMioa  tcccrdlgr  cxaiot  be  wived  txc.ux  F(r^p} 
i«  • wow  liwww/  fuciiot  at  p , »*  sill  mat  Iwtrr  iha<  ii  cu  be 
woj  f rd  b]r  iicrxitc  ctrhwiqwct. 

Amim  now  th«  F(X|,p)  iw  * linear  function  of  p, 

* ftp  i*  4)  niatrii 

- £ 
aP 

Equation  (1)  yielda  : 

& <P  p --<t>Y  = [<pT4>i[*fr'f 

Y.  F(X«,p)  - B thence  Y » 

p . J4  <PT(<$p  * 8) 

Let  ns  pro*-  no*  that  p is  a non  biaacii  solution,  i.r. 
that  if  E(  ) in  the  mean  operatot.E(p)  3 p . If  the 
coefficients  of  are  not  correlated  with  S and  if  ia  a 
rem  ate  an  aoiae  and  if  ia  a deterministic  nutria  : 

E(p)  = E[[  ;F*jV(*f»  ♦ BjJ 

E(P)  = [<P<r<rfr[*E(p)'E<»)] 

-m  E(p)  =[?’''*]"' t^p  = p 

le  have  assumed  that  the  noise  occurs  only  on  the  output, 
which  is  generally  true,  and  that  measurement  noise  and  sam- 
pling noise  built  a teroueM  process  uncorrelated  with  the 
system  output. 

The  secood  assumption  is  |enersl(y  not  so  obvious,  due  to 
the  fact  (hat  un predicted  inputs  generate  a non  neglecrible 
secondary  noise. 

It  has  been  supposed  chat 
was  deterministic, 

•3  was  a zero- me  an  noise. 

As  stated  in  Section  I,  all  the  recorded  parameters  have 
been  sampled  with  the  measurement  noise  and  also  with  the 
noise  added  by  the  use  of  the  analog  recorder  (amplifiers,..). 
If  follows  that  <£>  is  not  really  deterministic. 

In  the  saaMr  way, 25  is  generally  not  a zero-mean  noise.  It 
is  possible  to  avoid  this  problem  by  using  the  weighting  least 
squares  method  ( see  figure  2). 

Let  tff(fc)  be  a zero-mean  white  noise.  We  suppose  that  : 

b(t)=  kit)  * W(t) 
where  A(t)<s  * finite  order  filter. 

If  die  correlation  of  b and  V is  known,  the  function 
can  be  evaluated.  It  is  then  possible  to  filter  the  data  with  AT4 
and  to  apply  the  least  square  method  to  the  filtered  input 
and  output  signals. 

But  the  main  problem  is  the  evaluation  of  4.  . Iterative 
methods  have  been  proposed  by  Clarke  (I9A7).  It  is  the  purpose 
of  the  GLS  method. 

2.L  Integrated  least  squares 
Integration  helps  filtering  the  noise  that  appears  in  the 
recorded  signals.  The  integrated  least  square  method  consists 


in  applying  the  least  squares  method  to  the  integrated  equations. 

But  it  ia  very  difficult  to  define  the  zero  of  a mea su  ing 
device.  Instead  of  measuring  one  measures  i(i)e  A 

where  A »•  first  apptusimatii  a constant  value. 

This  method  ia  helpful!  for  high  frequency  noise  but  losses 
its  interest  when  a zero-shilt  may  occur. 

2.4.  Modulating  functions 

The  method  consists  in  expanding  the  output  and  input  si- 
gnals in  a set  of  functions.  Let  ( &0ix  d he  a set  of 

such  functions  and  he  the  inner  product  of 

and  . One  can  then  write,  if  46  is  one  output  of  the 
system  following  a differential  equation,  (he  coefficients  of 
which  are 

p.<~ , 

p.<£4  , <5>.  p,  <0,,  s>.  -•  &.<**>' * <**> 
?» <*->♦» 

= <€.<#>**> 

The  choice  of  (he  modulating  functions  eliminates  the 
difficulty  of  computing  (he  successive  derivatives  of  the  signals. 
For  instance  : 

<A  4>  >«  [£.<*, £ - [Vs.  &]%<£.$&> 

ia  chosen  such  that  : 

<£(0)r  (T)s  4(0)  = i(T) 
one  gets  * 

<*.<£>  = <<*.<&> 

There  are  no  differentiation,  which  increases  the  effects  of 
noise,  and  no  integration,  which  may  induce  errors  on  constants. 
One  has  only  to  solve  a linear  system  in  ( p*)^_  ^ - 

Let  us  note  (hat  this  method  has  to  be  carefully  applied 
because  the  modulating  functions  may  screen  some  informations 
in  the  signrl  and  generate  som#  others  which  were  not  existing. 

2.5.  C .V agate  gradients  : method  of 
Fietcher  and  Reeves  (2) 

The  main  advantage  of  (he  gradient  methods  is  to  allow 
identification  of  non  linear  problems  by  iterative  techniques. 

The  way  of  searching  the  variables  in  directions  chosen  as 
to  accelerate  the  process  changes  following  the  methods.  One 
uses  the  unit  directions  of  the  parameter  vectorial  space 
(Gaussian  method).  Others  are  using  the  opposite  gradient  ar 
the  previously  determined  point  of  the  parameter  space  (stee- 
pest descent). 

Let  J (x)  he  the  non-linear  cost  function  to  be  minimized. 

It  is  a function  of  n parameters  ( t ...  . Let  us 

assume  that  and  its  gradient  *re  available  at 

each  point  of  the  parameter  space  and  that  the  minimum  Xn** 
minimizing  JCZ)  sts.  One  can  expand  J(x)  in  Taylor's 
expansion  in  (he  neighbourhood  of  . 


0. 
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• J (x**4**)  (£■*.).  Ax 


dj.  A.d  j a O * V l > ^ 


+ Higher  order  (eras 


Huy  coefficient!  ere  equel  to  zero.  It  coaes  : 


5c!U  dda.  S C?  (oecesseryr  condition). 

A >•  the  Hessian  aaairix  of  J .It  is  definite  positive  sod 
sjraaetriesl  if  the  second  derivatives  are  continuous,  la  die 
neighbourhood  of  Sim,  the  gradient  is  given  by  : 


ts  J (*■».)  ♦ (itd 


with 


IWCSCH1 


?J  (*)  < A (7-3U*) 

The  variation  J(xtL«  ♦ Sat)  - J t*«le) 

zed  whew  its  derivation  is  equal  to  zero  : 

o’m  * A.AT 

where  JJ  is  so  approximation  of 

At?  - AT*  V J(*; ) 

The  step  ol  iteration  is  the*  defined  by  : 

■xte*  = XC  ♦ £*.  e *3;  — AT^^J(S) 

The  most  difficult  problem  is  the  evaluations  of  A* , i.e. 

A . because  the  evaluation  of  the  second  derivatives  cannot  be 
accurate  enough.  Indirect  a»e<hods  have  been  proposed  (Shah, 
Boehler  and  Kempthome  (1961),  Powell  (1962))that  use  geome- 
tric properties  of  surfaces. 

The  modification  of  Fletcher  and  Powell  (1963)  of  Davidon’s 
procedure  ( 1959)  proposes  ( see  ref.  2)  * 


<k  - -Hi^fjCxO 


This  yields  the  final  algorithm  : 

cVio»«n  d.=-^fr(2) 

~*l>4  = xi  ♦ elidC  

position  of  the  minimum  of  J(2)  on  the  line  passing  by  i* 
in  the  direction  at  . 

^ by  minimisation  of  JCXl*4!) 

yxT  , jl gj&M* 

B TJCv^Ii* 

J (X  i.s)  h/ic  <C  

until  jj t O 

Application  to  non  quadratic  problems 

The  convergence  depends  much  on  the  conjugaison  of  the 
generated  directions.  This  conjugaison  can  be  destroyed  by 
non  quadratic  terms  in  the  cost  function  and  this  difficulty  is 
combined  with  the  inaccuracy  of  the  minimization  of  J along 
the  last  direction. 

A partially  conjugate  gradients  method  (see  ref.  6)  can  be 
applied  to  decrease  the  length  of  conjugate  gradients  cycles 
for  the  purpose  of  minimizing  the  degradation  of  conjugaison 
of  the  successive  directions. 


and  calculated  as  to  minimize 

H..H Hn  is  a sequence  of  definite  positive  matrix. 

H#  is  generally  chosen  equal  to  the  unit  matrix.  This 
sequence  is  so  built  as  to  modify  Hi  each  step  of  iteration 
so  as  the  series  converges  towards  A”*  when  X;  nears  Xnu 
(see  ref.  5). 

MUz  = W;  ♦ T7.£  _ HiffifT. H; 

.i(h  3TAX  T?.W;.T 

= vjciT^)  _ v'j  c^) 

The  fastest  convergence  is  offered  by  the  steepest  descent 
method  but  it  becomes  less  accurate  in  the  neighbourhood  of  the 
minimum.  The  use  of  conjugate  directions  cl*  is  generally  pre- 
fe'ed  because  it  takes  into  account  the  local  behaviour  of  the 
function. 

The  idea  of  Fletcher  and  Reeves  was  to  look  for  cLfc  as  a 
linear  combination  of  the  opposite  gradient  at  the  considered 
point  Si  and  the  previously  determined  directions  id^4 

so  as  to  fit  the  orthogonality  condition. 


2.6.  Analog  matching 

This  method  makes  it  possible  to  get  rapidly  good  estima- 
tions of  the  parameters  and  co  introduce  them  as  initial  values 
in  an  iterative  method.  To  avoid  the  importance  of  the  operator 
estimation,  an  adaptative  control  of  the  coefficients  has  been 
derived  (see  ref.  3 and  4). 

One  must  remember  that  all  the  terras  of  the  equation  have 
not  the  same  weight.  It  is  then  recommended  to  evaluate,  with 
known  estimations  of  the  parameters  (for  instance,  wind  tunnel 
values)  the  frequency  bandwidth  where  the  system  offers  the 
best  sensitivity  to  a given  variable.  This  can  be  studied  in 
amplitude  Bode's  diagram  for  instance,  as  shown  later. 

Ler  J(gt}be  a cost  function.  Ve  want  it  to  be  alyrays 
decreasing  with  time.  Its  derivative  with  time  has  then  to  be 
non  positive 

VJCZyd*:  4,0- 
at 

This  is  always  verified  when  we  choose  the  law  of  varia- 
tions of  «ith  time: 

= _ VJ  C x)  , 


Foe  oowlioeaf  problem*  it  become*  very  difficult  *nd 
very  expansive  *l*o  to  develop  the  analog  system  because  of 
(he  rapidly  increasing  number  of  good  multipliers  which  are 
retired. 

5.  RESULTS  AND  COMPARISONS  OF  THE 
DIFFERENT  METHODS 
i.L  Fooaulstioo  of  the  problem 

Let  us  recall  the  formulation  of  the  equations  of  the  longi- 
tudinal motjou  of  a rigid  aircraft  which  is  used  in  the  different 
methods.  Let  £ be  the  acceleration  of  the  center  of  gravity 
the  pitch  race,  at  the  angle  of  attack  and  the  exci- 
tation. It  cornea  : 


i= 
fJ  = - 


All  d»e  results  are  compared  on  figure  7 sod  time  histories 
are  drawn  o«  figure  8 and  9 and  compared  with  the  measured 
functions. 

3.2.  Some  indications  on  the  different  methods 

a)  Modulating  functions 

This  method  has  been  tested  with  the  following  set  of 
functions  : 


1*  jUtfxi-  Tchebyshev's  polynoms  of 

second  kind  and  of  order  n. 

X:  Calf 


They  have  been  chosen  because  of  the  simplicity  of  the 
integration  by  the  Gaussian  method, 

S 22  tfy 

•Li  1m 


where  the  «*H  are  the  weights  and  X;  rhe  abscissas  of  the 
Gaussian  points.  And  : 


/ =_1L_  Ain*  (-HL-S 

V h+a  \ft+A  ) 


The  number  of  functions  has  been  chosen  equal  to  the 
(.umber  of  unknown  parameters  in  order  to  study  the  specific 
properties  of  this  method. 

b)  Analog  matching 

le  shall  detail  here  what  has  been  done  on  the  analog 
diagram  of  fi'.jre  3 snd  4.  Let  us  consider  the  lift  equat;on  of 
the  rigid  aircraft 


i-  kd* 


J*e**(A,ou 

dt  dLt  kaAioLt 

aH  O 

dt  ~ 


This  is  always  obtained  by  : 


Let  £ be  the  err  ’r  and  Ju  £*  the  cost  function  : 


4^1  = _ zlL- 

at  Oh* 

dLt 


1o  illustrate  the  note  esplained  in  Section  2.6  on  the  fre- 
quency range  of  the  input  signals,  we  can  look  at  figure  6.  It 
should  be  noted  that  the  ^ -parameter  is  always  much  smaller 
than  the  others.  This  explains  the  difficulty  encountered  for 
the  estimation  of  this  parameter. 

This  analog  method  has  also  been  tested  with  an  analog 
simulation  program  CSMP-IBM.  Some  results  are  shown  on 
figure  10. 

c)  Conjugate  gradients 

Nothing  to  explain  especially  out  of  the  minimization  of 
T(X;v 4)jn  itnc  passing  by  X*  in  the  direction  d;  for  J 

quad. at ic  (see  ref.  5).  Let  ij(d)  be  defined  by  : 

*$(*;  = JCT^aZ.) 

= <£T.  (Xi  + d cT;) 

Let  us  note  th  it 

1^(0)=  J (X*;) 

i£CO)= 

Let  be  the  value  of  e(  minimizing  J + *~Sl)  i 
Fletcher  and  Powell  propose,  being  an  estimate  of  the 
minimum  ; 

^=4- 


f if  o<t<4r 

I i3i 

] i j 

I - Z i.  ,, i otherwise 

i lii 


1J*  is  sissussd  st  die  points  tio,  X,  at  ,**, 

•here  %t  is  doubled  esch  time  sod  sihere  b is  the  first  of 
these  vslues  st  vhich  either  is  ooteriegstive  s if  has  not 
decreased.  Then  s cubic  interpolation  |irea  by  Davidoo  is 

used 


b - a 


vr*('5f-V«°JY<b9^ 


The  estimate  lf(of  s/Mis  : 


But  noise  is  sot  the  only  csuse  of  error  that  influences 
the  idestificstioo.  One  auiy  consider  too  other  causes  : 

. emirs  due  m the  assusiption  of  linearity, 

. errors  due  to  the  appro ai station  of  a coetinuoua  system  by 
s discrete  syst  eat. 

These  errors  ha«e  an  impact  on  : 

. characterization  step  lor  the  first  case, 

. sampling  rate,  the  choice  of  •hich  is  difficult.  One  has 
to  respect  the  Shannon  conditinu,  bat  the  cut-off  frequen- 
cy of  a signal  in  often  not  derived,  and  the  highest 
saapliag  rate  compatible  with  the  measurement  system 
is  used. 


» b - Pi )(b-a) 


If  neither  c^(c)  nor  lb)  is  less  then  ‘frUs)  , then  4C4 
is  accepted  as  the  estimate  of  0(m  . Otherwise,  according 
whether  is  positive  or  negative,  the  interpolation  is 

repeated  over  the  intervals  t>,  “.3  ft  Cfo , b3  respectively. 


3.5.  Comparisons  of  the  different  methods  and 
general  considerations  on  errors 

The  least  squares  method  can  lead  to  very  important  errors 
when  used  with  too  many  noise-affected  signals  cr  too  short 
samples.  These  samples  have  to  be  long  enough  to  allow  the 
assumption  that  the  noise  is  a zerornean  process  and  to  be 
short  enough  so  as  we  are  able  to  assume  that  the  time- 
dependent  parameters  are  constant. 

For  the  pitch  equation,  one  has  to  differentiate  the  mea- 
sured signal  9 10  *e<  ih*  pitch  acceleration,  and  the  effects 
of  noise  are  increased.  The  integrated  least  squares  have 
been  used  to  avoid  this  problem  but  they  need  a good  know- 
ledge of  the  initial  conditions.  Otherwise,  one  can  get  a good 
identity  of  the  measured  signal  and  the  calculated  signal, 
but  with  coefficients  which  have  no  physical  signification. 

More  important  errors  on  the  values  of  parameters  have  been 
noted  for  integrated  least  squares  than  for  ordinary  least 
squares. 

Filtering  eliminates  pan  of  the  information  in  the  useful 
ri  i.al  so  that  the  parameter  space  is  modified.  The  elimina- 
tion of  a high  frequency  noise  by  parallel  filtering  will  unsen- 
sitize terms  of  the  highest  degree  of  the  transfer  function, 
and  slows  down  their  identification. 

The  modulating  functions  method  avoids  the  determination 
of  the  :nitial  conditions  but  have  to  be  adapted  to  each  sort 
of  excitation  ! step,  random  signals,  ...)  to  keep  all  informa- 
tions contained  in  the  signal,  without  introducing  perturbations. 

The  method  which  seems  to  be  the  best  fitted  to  the  problem 
is  the  conjugate  gradients  method  because  it  allows  one  to 
build  very  stressing  cost  functions,  either  linear  o'  not,  and  it 
converges  rapidly  enough.  But  thr  disturbances  generated  by 
noise  always  exist  because  noise  modify  the  equi-cost  sur- 
faces of  the  parameter  space.  The  method  converges  then 
towards  a new  minimum  as  shown  on  figure  1 1. 

The  embarrassing  noise  for  identification  is  made  up  by 
the  secondary  inputs  of  the  system  fgusr  for  instance)  which 
appear  at  the  output  as  a correlated  noise.  It  is  then  possible 
to  modify  the  model  so  that  it  becomes  adapted  to  the  system. 


But  the  requirement*  which  one  want*  to  have  on  the  qua- 
lities of  a model  depend  on  what  one  looks  for.  It  should  be 
noted  that  parameters  which  are  well  excited  by  the  input 
signal  can  be  well  identified  whatever  the  method  may  be. 

There  are  inputs  which  are  called  "sphericicing"  (cf.  ref.  I) 
chat  divid  the  information  amongst  all  parameters  and  "sensi- 
tizing" inputs  which  focus  it  onto  a gi  .cn  parameter 

As  Rault  (see  ref.  1),  we  will  state  that  there  is  more  to 
win  with  the  determination  of  "sensitizing"  input  signals  then 
with  'he  amelioration  of  identification  methods.  A low  noise 
on  a little  significant  trial  can  brirg  a much  more  important 
error  then  a noise  with  a high  amplitude  applied  on  a very 
significant  test. 

4.  CONCLUSION 

Identification  is  a unavoidable  step  in  the  conception  of 
CCV  systems.  The  experience  collected  by  using  these  well 
known  methods  incites  us  on  the  one  hand  to  investigate 
possible  new  methods  and  on  the  other  haod  to  extend  identi- 
fication to  flexible  structures  with  a view  to  apply  to  them 
mode  control  processes. 
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ABSTRACT 

This  paper  presents  tom*  racanc  results  on  tha  design  ot  aircraft  loputa  (l.a.  elevator,  rudder  and 
aelerom  deflection  time  histories)  to  identify  aircraft  atablllty  and  control  derivatives  from  flight 
teat  data.  Tha  problem  it  first  reduced  to  an  optlalxatlon  problem  with  differential  and  Integral  con- 
straints. Tha  eriterl-.  need  are  either  expressed  In  tens  of  the  Craaar-ftao  lower  bound  on  tha  covariance 
matrix  of  tha  parame'.er  estimates  or  in  terns  of  tha  maxima  prediction  error  variance.  Both  time-domain 
and  frequency  domain  synthesis  procedures  are  discussed.  Niaarlcal  results  are  given  for  linearised 
longitudinal  and  lateral  dynamics  of  C-8  and  Jet  Scar  aircrafts  and  comparison  with  doublet  type  inputs  are 
made.  Outstanding  problems  and  areas  for  fuchar  research  are  also  discussed. 

1.  Introduction  end  Background 

Tha  determination  of  aircraft  stability  and  control  derivatives  Involves  three  Interrelated  problems 
of  input  design.  Instrumentation  and  derlvace  extraction.  Tha  Importance  of  choosing  appropriate  Inputs 
(l.a.,  control  surface  deflections)  for  exciting  specific  modes  of  an  aircraft  or  executing  specific 
maneuvers  during  flight  testing  has  been  recognized  for  a long  time,  but  a systematic  attempt  has  only 
been  made  recently  (1).  Several  considerations  which  enter  Into  the  selection  of  Inputs  for  an  aircraft 
are: 

1.  Pilot  Acceptability  - The  Inputs  should  be  capable  of  being  Implemented  easily  by  a pilot  and  tha 
resulting  response  of  the  aircraft  should  not  endanger  pilot  safety. 

2.  Parameter  Sensitivity  - Tha  measured  response  of  the  aircraft  should  be  sensitive  to  the  parameters 
that  are  being  identified.  This  la  necessary  for  obtaining  good  estimates  of  the  parasMtars  from 
tha  flltfittaat  data  during  tha  Inverse  computation  or  the  Identification  process. 

3.  Instrumentation  Limitations  - It?  dynamic  range  of  the  Instruments  and  their  slgnal-to-nolse 
characteristics  Impose  limitations  on  the  types  and  magnitudes  of  aircraft  maneuvers.  The  relation- 
ship between  Input  design  and  instrumentation  specification  has  been  emphasized  In  Ref.  [2]. 

A.  Derivative  Extraction  Method  - In  the  past,  the  choice  of  control  Inputs  has  often  been  dictated 

by  tha  desire  to  use  a particular  method  for  derivative  extraction.  For  example,  sinusoidal  Inputs 
were  used  Initially  to  obtain  tha  transfer  function  of  an  aircraft  at  specified  frequencies! JJ . 

However,  It  was  soon  realized  that  this  was  very  expensive  In  terns  of  the  total  flight  test  time 
required  to  obtain  the  aircraft  stability  and  control  derivatives.  (3)  Next,  the  step  and  the 
doublet  type  of  Inputs  were  used  and  specialized  methods  such  as  Prony'a  Method!*]  and  the  Time 
Vector  Method[3]  were  devised  to  extract  derivatives.  Vlth  the  more  powerful  digital  techniques 
available  today  such  as  the  Newton-Raphson (6,  35]  and  the  Maximum  Likelihood  Methods! 7],  arbitrary  Inputs 
can  be  handled  and  It  Is  no  longer  necessary  to  limit  the  inputs  fer  the  succsss  of  the  derivative 
extraction  method. 

5.  Modeling  Asswptlons  - The  eix-degree-of- freedom  equations  of  notion  and  the  nonlinear  aerodyanemlc 
model  for  an  aircraft  contain  a large  number  of  parameters  (over  200).  The  simultaneous  estimation 
of  all  these  parameters  from  a single  maneuver  Is  not  attempted  since  this  would  lead  to  nonunlque- 
nesa  and  identlfiblllty  problems.  Generally,  linearized  decoupled  equations  of  motion  are  used  for 
the  extraction  of  longitudinal  and  lateral  stability  and  control  derivatives.  The  Inputs  selected 
for  exciting  these  modes  should  be  such  that  the  assumptions  of  linearity  and  decoupling  are  not 
violated.  The  Inpute  currently  In  use  are  mostly  of  the  doublet  type.  The  resulting  aircraft 
response  In  an  Impulse-type  of  response  about  a given  trim  condition.  Generally  no  attempt  Is  made 
to  optimize  the  frequency,  the  shape,  or  the  timing  of  the  lzqiulses  in  order  to  make  the  aircraft 
response  sensitive  to  the  parameters  that  are  being  Identified. 

6.  Dee  of  Stability  and  Control  Derivatives  - The  accuracy  requirements  for  stability  and  control 
derivatives  are  dictated  by  their  final  use  In  response  prediction,  control  system  design,  wind 
tunnel  correlations,  etc.  The  relative  Importance  of  the  parameters  nay  vary  from  one  use  to  the 
other,  thus  changing  the  requirements  for  parameter  accuracies.  It  Is  desirable  to  select  those 
Inputs  that  are  optimal  vlth  respect  to  different  criteria  rstner  than  just  one  criterion  function. 

The  Importance  of  these  considerations  will  be  brought  out  in  the  next  section  where  different 
criteria  would  be  examined. 
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Me  now  give  a brief  historical  account  of  Input  design  for  aircraft  parameter  identification. 

The  firat  systematic  attempt  aaeaa  to  b«  that  of  Cerlach  IB,  9),  who  using  Intuitive  arguments 
selected  Input a for  damped  aecond  order  systems.  Cerlach’a  analysis  la  baaed  on  the  frequency  tranfer 
functloa  af  tha  ayatea  and  lea  aenaltlvlty  to  frequency  and  to  the  parameter  valuea.  for  Identifying 
three  paraaetera  of  tha  ayatea  Gerlech  aelecta  two  frequenciea  la  tha  ratio  of  ll3  brackettlng  tha 
aatural  frequency  of  the  ayatea.  Mo  atteapt  la  aade  to  allocate  energy  optlaally  between  the  two 
frequencies,  but  a low  peaa  (ala  wt/wtl  filter  la  uaed  to  eltalnate  high frequenciea  froa  the  lpput 
algnal.  Theae  lnputa  were  uaed  by  Cerlach(9]  in  nonateedy  flight  teatlng.  A coapartaoa  of  theae 
laputa  with  the  optlaal  lnputa  dlacuaa  In  aectlon  5 raveala  tha  aoundoeaa  of  Cerlach'a  Intuitive 
argiaaata. 

Our  latereat  la  Input  dealgn  atrated  with  aoae  alaulatlon  oxperlenca  with  X-22  data  (7)  where 
a aultlatep  elevator  Input  waa  found  to  give  an  order  of  Magnitude  better  eatlaatea  of  the  paraaMtera 
than  a alagla  atep  Input.  A aatheaatlcal  atateaent  of  tha  problea  atartlng  Initially  with  a acalar 
param*;er  ahowed  Chat  the  Input  dealgn  problea  could  be  foraulated  aa  a linear  quadratic  control 
, rob lea  of  thw  aaxlalaatloa  type  (1).  The  eolutione  to  thla  problea  were  found  to  be  related  to  the 
Sturm- Llouvllle  problea  and  to  the  eigenvalue  problea  for  fredhola  Integral  equatlona  [ 1 ] . The  exteoalon 
to aultlparaaeter  problea  turned  out  to  be  auch  aora  coapllcated  than  originally  expected  alnca  a 
larga  nuabar  of  criteria  baaed  on  different  norma  of  the  Fisher  Inforaatlon  Matrix*  can  ba  uaed.  Only 
tha  elapla  aad  weighted  tracaa  of  the  inforaatlon  aatrlx  could  be  handled  by  atralghtforward  extensions 
and  their  appllabillty  to  aircraft  paraaeter  Identification  waa  dlacueacd  (n  Kef.  (10),  where  tha 
importance  of  chooalng  the  weighting  aatrlx  properly  waa  eaphaaUed.  Tha  trace  of  tha  Criaer-Keo  lower 
bound  waa  uaed  by  Mahl  (11),  Goodwin  (12)  and  Raid  {11),  but  only  locally  optlaal  nuaerlcal  reaulte 
were  obtained  ualng  gradient-type  aethode.  A aora  aatlafactory  approach  .rt  the  problea  wee  needed  and 
a firat  hint  of  sue  i an  approach  caae  froa  Vlort  (14)  and  Mehra  (11),  who  foraulated  the  input  dealgn 
problaa  la  tha  frequency  doaein  and  uaed  the  laportanc  work  of  Kiefer  and  Uolfowltx  (16,  17,  18]  In 
atatlatlcal  experimental  dealgn.  Thla  approach  haa  now  been  extended  to  tlae-doaaln  Input  dealgn  for 
a large  claaa  of  ayeteau  (19,  20)  and  will  be  the  aubject  of  aubaequent  aectlona  of  thla  paper. 

Recently,  Chen  (21)  haa  given  a formulation  of  the  input  dealgn  problea  aa  a tine— optimal  control  problea, 
but  tha  optlaal  eolutlon  to  thla  problaa  auffera  froa  the  aame  nuaerlcal  dlfflcultlea  aa  faced  aarller 
by  Mahl  (12)  and  Goodwin  (13).  An  approximate  eolutlon  given  by  Chen  (21)  ualng  Ualah  function  expenelona 
lecke  optimality  propertlea. 

Me  dlgreaa  at  thla  point  to  preaent  b»elc  ldeaa  of  tha  Kiafer-Wolfowlrz  [16,  17,  18)  approach  to 
experimental  dealgn  In  regreaalon  probleaa.  In  the  aequel,  we  will  ahow  how  theae  reaulta  extend  to  the 
dealgn  of  lnputa  for  dynaaic  ayateaa,  both  in  frequency  and  tlae-doauln.  Conalder  Che  problaa  of  chooalng 
valuea  of  the  Independent  varlablea  x from  a given  aet  X,  In  fitting  a regreaalon  model  between  y and  x 
of  the  following  type 

y - fT(x)8  ♦ v (1) 

where  f(x)  la  aa  nxl  vector  of  regreaalon  functlona  (e.g.,  x,  x2,  «5,  ...,  In  polynonlnal  tegraaalon),  8 

la  anti  vector  of  unknown  tegreealon  coefflclenta  and  v_ie  a random  error  with  xero  aean  end  variance  a2. 

The  covariance  aatrlx  of  the  leaat  aquarea  eatlmator  3 la  K-*  where  M,  the  information  aatrlx,  la  given  by 

M - *4  i f(x)fT(x)((dx)  (2) 

o 1 X 

aad  ((dtx)  la  a probability  aeaaura  defined  over  the  eel  X.  If  N values  of  x xra  uaed  In  rcgreaslon,  then 
NC(dx)  reprexenta  tha  fraction  of  maaaurementa  aada  be  twee-  • and  x + dx.  Klafar  and  Wolfowltx  [17J  ahow 
that  tha  probability  aeaaura  ((dx)  can  ba  choxcn  to  ba  purely  dlacrete,  l.a.,  oonxero  for  a finite  number 
of  x values.  In  other  words,  the  optimal  design  can  be  chosen  to  be  of  the  fora 

k 

(*(x)  - (Cj,  x1;  (2,  x.:  ...;  x^  I “ 1) 

which  coocencratee  maaaurementa  at  x^,  at  x^  and  so  on.  Furthermore,  tha  optimal  daaign  (*(x)  la 

auch  that  it  It  alnlaliee  | M ^ | , then  It  also  nlnlmlias  the  axxlmaa  reaponee  prediction  error  variance, 
viz. 

a ex  (fT(x)M_1(()f(x)). 

xcl 

The  quantity  in  brackets  can  be  easily  teen  to  be  the  variance  of  y * fT(x)8  for  e given  x.  Karlin  and 
Studden  (22)  glva  a fane-theoretic  Interpretation  of  theae  reaulta  and  Fedorov  (23)  dlecueaee  a number 
of  Inter  .sting  examples  and  applications. 

The  organization  of  this  paper  le  ae  follows.  In  section  2,  wa  formulate  tha  input  dealgn  problea 
aethaaatlcallly  and  discuss  several  criteria  for  optimization.  Tha  solution  procedures  are  described 
in  section  3 and  analytical  examples  are  discussed  In  aectlon  4.  Nuaerlcal  results  ere  discussed  In 
aectlon  5.  The  last  two  aectlona  (6  end  7)  ere  devoted  to  the  discussion  of  outstanding  probleaa  and 
conclusions. 


*The  Inverse  of  the  Fleher  Information  Matrix  la  the  Craaer-Rao  lwrer  bound  on  the  covariance  of  an  unbiased 
estimator  of  the  parameters. 


ComUm  th«  linaarlaad  equation.  of  motion  of  an  olreroft  la  otata  roc  tor  fora 
^ »(t)  * Fs(t)  ♦ Cu(t) 


y(t)  - «*(t)  ♦ v(t), 
«(0)  - 0 


0 < t < T 


whmre  x{t)  la  sal  atata  roctor  of  poaltloo  and  velocity  varlablaa  (both  linear  and  angular),  u(t)  la  qxl 
roc tor  of  Input  varlablaa  (alavator > rudder,  aelarona,  ate.),  y(t)  la  pal  vector  of  output  aeaauraaeata 
(anglaa,  volocltlee,  and  accelaratlone,  ate.)  and  v(t)  la  a pal  vector  of  random  veaauramant  arrora. 

Tba  natrlcaa  F,C  and  ■ contain  atablllty  and  control  darlvatlvaa  and  all  other  unknown  paraaatera.  The 
arrora  v(t)  ara  aaataed  to  be  (auaslan  and  white  via 


«(v(t)J  - 0, 


«(v(t)v‘(T)J  - Id. 


The  unknown  but  conatant  paranatera  la  F,  G,  8 and  I ara  denoted  by  9 (nxl  vector}.  Ha  eatlaate 
9 fron  tba  knowladga  of  (y(t),  u(t),  0 < t £ T)  ualng  an  unb lea ad  efficient  aatlnator  9 with  covariance 

if1,  where  H la  the  f labor  info met loo  natrla  (23] . It  la  required  to  aelact  a daalgn  for  Input 
u(t)  C ouch  that  a auitable  criterion  function  related  to  the  objectlvea  of  the  Identification 
experiment  la  optlnlaed. 


Aircraft  eetlnaclon  la  done  for  one  or  aora  of  the  following  objectlvea:  (a)  accurate  determination 

of  atablllty  and  control  darlvatlvaa  for  wind-tunnel  correlatlona  and  for  uee  In  alaulatora,  (b)  reaponae 
prediction,  (c)  flight  control  ayaten  daalgn,  (d)  handling  qualltlea  and  aircraft  certification. 

Vary  often,  the  reaulta  of  an  identification  experiment  are  treed  for  all  of  the  above  objectlvea, 
but  for  Input  daalgn  purpoeea,  a elngle  criterion  la  to  be  chnaen.  Since  control  ayaten  daalgn  and 
handling  qualltlea  involve  further  conalderatlona,  we  would  nalnly  be  concerned  here  with  criteria  (a) 
and  (b)  which  will  be  called,  reepectlvely,  the  Paranater  Space  and  Prediction  Error  criteria.  It 
will  be  ahown  that  one  may  obtain  daelgna  that  ara  alaniltaneoualy  optimal  for  theae  two  criteria. 

Parameter  Space  Criteria 

The  goodneaa  of  parameter  eatlmatea  la  moat  covanlantly  expreaaed  In  terma  of  the  blaa  and  the 
covariance  propertlea  of  the  eatlmatea.  For  Input  daalgn  purpoeea,  one  aaaumea  that  an  unblaaed  and 
efficient  (a. g. maximum  likelihood  (7])  aatlnator  la  uaed  ao  that  the  optimal  Input  dealgn  can  be 
carried  out  Independent  of  the  aatlnator  uaed.  Thla  leada  to  a great  alnpllf icatlon  alnce  the  mlnlnun 
variance  given  by  the  Cramcr-Rao  lower  bound  can  be  eaally  computed  In  a number  of  eatlmatlon  problema, 
even  though  the  exact  covariance  matrix  of  a particular  aatlnator  la  very  difficult  to  obtain. 

Moat  nf  the  work  In  Input  daalgn  la  baaed  on  the  aaawptlon  of  an  a priori  eetlnate  9q  for  the 

paranatera  9.  In  aircraft  Input  dealgn,  auch  an  eatlaate  la  available  frgm  wind-tunned  teata.  The 
Cramer-Iao  Inter  bound,  K~l,  for  the  covariance  of  an  unblaaed  aatlnator  9 la  given  aa 


where  T denotea  the  eat  of  obeervaclona  (y(t),  0 < c < T)  and  the  expectation  in  (5)  la  taken  over 
he  aample  apace  CL  of  obeervatlone*.  An  expreealon  for  M will  be  derived  In  the  next  eectlon,  but 
1 _ | 
conalder  flrat  varloua  acalar  neaaurea  of  /erforaance  baaed  on  M and  M . 


Tr(M  ),  l.e.,  minlnlze  the  average  variance  of  the  paranetera. 


(II)  E-ontlnallty:  MIil^  A (M  ^)  where  A la  the  naxlnun  eigenvalue  of  H 1 . 

(III)  P-optlnallty:  Minlnlze  the  determinant  or  the  generalized  variance  Thla  la  equivalent  to 

minimizing  the  volume  of  Che  uncertainty  elllpzolda  alnce 


K"1|"/2 4/2  f •*'  f “P  {‘  2 1 1®-®!  I *_1>*,01  ••• 


Also , log  |M  | is  related  Co  chs  mutual  information  between  0 and  Y,  as  shown  by  Arlaoto  »nd  Klaura  [25] . 


If  the  a uriori  estimate  8 Is  regarded  as  random  with  a priori  probability  distribution,  Eo.  (5)  would 
o 

also  involve  expectations  with  respect  to  this  probability  distribution.  For  details,  see  Ref.  [24]. 
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Aa  Important  WruU|i  of  D-opcl»allty  lo  Chat  It  la  Invariant  titular  scale  changes  la  tba  pa re- 
aatara  aa4  linear  transformations  of  tha  output  [IS],  vhareas  A-optlaallty  and  I-optlmallty  aro 
affected  hy  thaoa  tr ana  format  Iona.  Another  advantage  of  D-opt  lnallty.  to  ha  shown  latar,  la  that 
it  Implies,  > optimality.  a prediction  arror  crltar too  discuaeed  balow.  Figure  1 shows  tha  shorn 
criterion  la  two  dimensions. 


„ It  la  poaslhla  to  Imbed  criteria  (1)- (111)  la  a aora  general  naasura  of  matrix  non  used  hp 
Muller  and  Haber  [2*]. 


- [1/m  Tr  K*]17*. 

a * 0 

(7) 

shown  that 

ltoa.  - | H J 
e-*0  * 

(») 

m_1  - a/Tr  H-1 

(9) 

“I  "a  ‘ ‘.in™ 

1 1 

(10) 

a > a If 

•l  •, 

*1  ~ *2 

(U) 

Kaaarki  Aokl  and  Staley  [27],  Mahra  [1],  lahl  and  Kapjua  [28],  and  nany  other  authors  have  used 
Tr(M)  or  Tr(HM)  aa  a criterion.  This  criterion  leade  to  a quadratic  optimization  problen  which  Is 
easy  to  solve.  Sue  it  can  result  la  a singular  H and  should  bo  used  only  to  obtain  start-up  Inputs  for 
optimising  with  respect  to  one  of  tha  above  criteria. 

Information  Matrix:  In  this  section,  wo  derive  an  expression  for  the  Plahor  Information  Matrix  M using 

gq.  (}).  Tha  log-likelihood  function  for  tha  systaa  (3)-{4)  Is 

L(9.«)  - - | | (y(t)-H(e)x(t.8))V1(y(t)-H(9)x(t.9))dt  - \ log  |t|  + constant  (12) 

Taking  partial  derlvatlvss  with  respect  to  eleawnts  of  6 and  t. 


^ - J* <T<t) ' H(9)*(t,9))T,'1<!f|'  *(t,9)  + h(9)  lli£i5i)dt 

"ij  ' “ Jo  *<t,9)  + 8(9>  *(t-9)  * H(9) 

f^-y  - f (y(t)  - H(e)a(t,e))V1  |t—  «"l(|j{-  *(t.9>  * b»)  |*(*»9*)dt 

3rki9j  Jo  3ru  39  J 39j 


8(?"!-9-)  - 0 
3rkl9j 

Thus  the  Information  matrix  for  9 and  k may  be  written  as 


"99  0 


"ml  J 


(13) 


(14) 


(15) 

(16) 


(17) 


where  the  1,  jth  element  of  le  given  by  tq.  (14)  and  does  not  depend  on  the  Input  u(t). 
Therefore,  fro*  now  on,  we  will  denote  by  M and  remove  from  futher  conslderetlon. 


The  sensitivity  function  equations  ere  easily  obtained  from  Eq.  (3)  end  (4)  as 


_d 

dt 


'59 


r IsiEl  + lL. 

39i  39i 


X ( t ) + 


ic 

39. 


u(t) 


(18) 


1*122 

39 


0 


(19) 
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Prediction  Irror  Criterion 

Let  aa  aaataa  that  after  tba  eexleun  likelihood  paraaatar  aatiaata  8 baa  baaa  obtained,  It  la 
required  to  predict  tba  respooee  of  tba  aircraft  ta  a given  Input  {u  (t),  0 < t < T}.  Doing  tba 
» P — “ 

equation.  of  notion  with  0,  wa  obtain  tba  Milan  likelihood  prediction  aa 

f(t.  ty3)  - «x(t.  up.  5)  (20) 


Tba  prediction  error 

a(t,  u ) » y(t,  n » 6)  - 9(t.  u . 0)  • 0(6)x(t,  a , 0)  - H(9)x(t,  u , 0)  ♦ v(t)  (21) 

P P P P P 

Expanding  1(9)  and  x(t,  u . 0)  to  flrat  order  around  0 and  neglecting  higher  order  teres  In  (8-0), 

wa  gat  p 

a(t,  up)  (H(0)«(t,  up.  0)}^  (0-1)  ♦ e(t)  (22) 

Tba  covariance  of  prediction  error  la.  therefore, 

«(a(t.  op)eT(t.  up))  - j|  {H(9)x(t , up,  0))^  M(u)’1  {0(0).(t,  up.  8)*)^  ♦ 1 (23) 

Denote  by 

fT  T -1 

J(u,  u ) • l(a  (t.  u )I  e(ta  u ))dt,  the  no realized  total  naan  square  prediction 
P J0  P P 

error  for  Input  (u  (t),  0 < t < T). 

p — 

Using  Iq.  (23) 

J(u,  u ) - Tr{M_1(u)M(u  )}  + T (24) 

P P 


■otlca  u la  the  design  Input  employed  during  parameter  estimation  and  up  la  tba  Input  used  for  response 
evaluation.  Wo  now  define  the  input  dealgn  criterion  as  a elnlxax  criterion  la  which  u t is  chosen 
to  minimize  the  maximum  prediction  error  l.a. 

J(u)  - max  J(u,  u ) (23) 
u rQ  9 


Xt  1*  clear  that  for  input  design  purposes  only  the  quantity  Tr(M  (u)M(u  ) } Is  important.  In  the  next 

9 

section,  we  show  that  the  prediction  error  criterion  (also  called  G-optlmallty)  and  the  determinant 
criterion  (I>-optlmallty)  leed  to  similar  input  designs. 

3.  Optimal  Input  Designs 

In  this  section, three  methods  for  Input  design  ere  considered.  The  first  method  produces  noo- 
randomised  or  deterministic  time- dome  In  Inputs  maximising  locally  a norm  m#  (see  Eq.  (7)-(ll))  of  the 

Information  matrix  M.  The  second  method  considers  a larger  class  of  inputs  vis.  randomized  or 
stochastic  time-domain  inputs  and  produces  globally  optimal  inputs  with  rcapect  to  the  ebove  criteria. 
The  third  technique  synthesizes  frequency  domain  inputs  for  the  stationary  csss  and  la  computationally 
much  more  efficient  than  the  time-domain  techniques. 


We  first  express  the  Information  matrix  M (Eq.  14)  In  terms  of  u(t)  alone  using  Eqs.  (3),  (18),  and 
(19).  It  la  convenient  to  use  the  transition  matrix  $(t,t)  defined  as 


^ ♦ (t , t)  - F 9(t,T) 


♦ (T.T) 


Then  x(t)  • 


r ♦(!. 

Jn 


T)Gu(T)dT 


(26) 

(27) 

(28) 


^ - f (H-  (t.T)Cu(T)  + *(1.1)  If-  u(T)]dT  - ['  A.(t,T)u(T)dT 

1 >0  391  39i  Jo  1 


MO. 

36 


(29) 
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Using  tqa.  (M)  and  (37) 


iri*]  * * C l JL  iX  ^s,u(T-)*k(T)’i(')vidTd‘  ■ jx  <&  i <*-  *«•  <j7» 

The  equality  la  attained  when  u(a)  • »(•),  tha  eigenfunction  corresponding  to  ( _■ 

Ha  now  prove  the  aala  thaoraa  for  tha  design  of  tlno-donaln  aonrandoalsed  Inputs. 

3.1  Tlaa  Donaln  Honrandonl ted  Input a: 

Thaoraa  1:  A aat  of  necessary  conditions  for  aa  Input  (u*(t),  t c (0,T))  to  aaxlalxa  a.  , k < 0 locally 

ft  k 


aubj  act  to  tha  constraint 


f u(t)u 

Jo 


(t)dt  £ 1 are 


(1)  u*(t)u*(t)dt  - 1 
J0 


(11)  u*(.)  alnlaltaa  tha  aarlaua  eigenvalue  of  tha  nonlinear  homogenous  Fradhola  Integral  aquation 


I >(T,ai 

Jo 


u)u(T)dr  - £u(a) 


whsra  M(T,a;u)  “ J p* .1(u)W  (r.a)  la  a jyaaatrle  kernel  and  pk  1 la  tha  (l,j)th  alaaant  of  H*  1 

l.J-1 

(111)  (tax(l(t,a!u*»  - Tr(I^(u*)l  (43) 

(lv)  u*(.)  la  aa  alganfuactlon  of  Eq.  (42)  corresponding  to 

Proof:  (1)  follows  aaslly  fraa  tha  fact  that  M la  scaled  by  a when  the  norm  of  u la  scaled  by  a.  Thus 

the  sax  lane  n^  la  attained  for  aailaia  non  of  u(.)  l.e.  Eq.  (41). 

Ve  now  define  the  Lag rang lan  function 

t(u,l)  -a.  (u)  - Iff  uT(t)u(t)dt-lJ  (44) 

“ J0 

where  1 > 0 la  aa  unknown  scalar  Lagrange  Multiplier.  A set  of  necessary  conditions  for  u*  to  be  a local 
aarlntaa  are  that  L(u,X)  be  stationary  at  u*  and  L(u*,X)  be  elnlaiied  with  respect  to  1. 

He  use  s calculus  of  variations  approach  to  derive  the  statlonarlty  condition  for  L(u,l).  Consider 
an  a<hilsslble  variation  4u  In  u and  define  the  change  in  L to  flrat  order  in  6u  as. 

4L  • L(u+4u.A)  - L(u,l)  " tr (M^(ue<5u)  - - 2A  I u*(t)4u(t)dt  (45) 

kase^  JO 

low  to  flrat  order  In  4u, 

Mjjfuhdu)  “ Tr  | | V^(T,e)[u(T)u*(a)  u(t)4uT(s)  + 4u(t)u*(s)  + 4u(t)4uT(s) (dtls 

- Mxj (u)  + (r)  + DJt(T)]4u(T)d  (46) 

where 

D1J(T)  " j0  (47) 

Djjt(T)  - | uI(a)HJ1(T.a)da  - j uT(a)  ^ (s.T)ds  (48) 

Define  en  *xe  metric  <5V  with  elements 


* in  ‘D« 


(T)  + D (T)]«u(T)d 


Then  M(u+4u)  - M(u)  + 4W 


trtM^u+du)  - M^u))  - ktrtM^'^SU] 
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Item  Eq.  (45), 


it  - — bl  - 2A  [T  uT(c)4u(t )dt  • 2 fT  ^ I P^V.W  - tuT(T)14u(T)dt 

'0  '0  1 i.j-X  iJ 

(52) 

For  optimality  <5L  ahould  be  i«ro  for  all  adelaalble  variation!  4u  from  the  optimum  u* , which  implies 


I ^lil°n<T)  V r t (O.TJ 

1,1-1  * 


(53) 


Substituting  (or  D^(T)  f row  Eq.  (47) 


f u*T(a)  I ..(T.s)de  - «mVlAu*T<T> 

>0  l.j-l  ‘ 

[ I P^,1V1,(«.T)u*(a)da  • mm)|"*lAu*(T) 

J0  i,j-t  * 


(54) 


which  la  tha  eame  aa  Eq.  (42)  with 

C - m£l\ 

Sow  wa  maximize  L(u*,X)  over  X.  To  avaluate  X,  preaultiply  Eq.  (54)  on  both  aldea  by  u**(T)  and 
Integrate  over  T Iroa  0 to  T.  Thia  glvea,  ualng  Eq.  (41) 


(55) 


X - — tr(M*) 

■% 

L(u*,A)  - A 


(56) 


(57) 


He  thua  chooae  the  smallest  A that  aatlaflea  Eq.  (54).  Since,  In  thla  eaae,  g - mAk  and  k < 0,  thla 
lnpllaa  chooalng  the  aailaie  eigenvalue  for  determining  u*.  Also  - trfM*)  which  from  Lana  1 

la  the  smallast  value  of  g . From  thia,  thaorca  1 follow  laaaadiataly. 

2«ark:  Conaldar  the  prediction  error  criterion  J(u,u  ) - Tr{H~l(u)M(u  )),  which  la  maxlmlxad  with  reepect 

to  Up,  and  alnlelzed  with  reapect  to  u both  be ingcona trained  to  be  of  uiiit  nona.  It  la  caally  aeen  that 


where 


■ fT  rT 

J(u,u  ) - l PiVu)Mn(u„)  ” u (T)N  (u,T,a)u  (a)drda 

p i.J-1  p J0  J0  p ° p 

■ 

■ (u.r.a)  - l p (u)l'  (T.a) 

° 1,1-1  1J  1J 


(58) 


Thua,  Hut  J(u,u  ) - g (H  (u,T,a)) 

l|upl|-l  ? “ ° 


(59) 


Th«  optimal  Input  u(.)  minimizing  is,  therefore*  the  same  as  the  input  u*(.)  maximizing 

*0  • |M(u)^.  Thua  the,  G-opclmal  end  D-optlaal  inputs  are  the  saae.  Furt'iermore, 

(W  (u*,T,s>)  - Tr(II  - a 

Algor it  ha  1:  The  input  u*(t)  maximizing  |M(u)|  aay  be  computed  as  follows. 

(a)  Start  "with  any  Input  u such  chat  W(u  ) is  nonalngular.  Let  k«0. 

o o 

a 

(b)  Coapute  N(u^,r.s)  * ^ Pjj  (u^)W^  (? , a) , and  find  its  maximum  eigenvalue  - eigenvector  (normalized) 

P*lr  (£  -*  ) *uch  chat  <uv»  * 1 0-  A method  for  computing  (£*  , ) using  Riccati 

Equation  la  given  In  Ref.  (IJ. 

(c)  If  C - a,  atop.  Otherwise  go  to  (d). 


(d)  Lee  uk+1  - ((l-5)uk  + 3 r^)/||u 


V+\ 


(60) 
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Cboomm  8 by  a one  ti—ilflul  March  to  maximize  | or  any  othor  8 t (0;  11  to  ooaura 

that  I — l"<“k)  I • thla  can  always  bo  dona  mray  from  tba  optima  a Inca 

4 **  |"(vi>Ib-o  * <v  ’L*  <4i> 

(a)  Co  hack  to  (b). 

la  laaanl,  If  tha  8^-aaquaaca 

would  comrmrga  to  a local  maxima  of 

3.2  Tima  Dcaala  landomlzed  Inguta 

If  tha  Identification  experiment  la  rapaatad  several  tlaaa,  va  may  do  batter  by  changing  inputa 
according  to  soma  probability  law.  Tha  dealgn  problaa,  than,  la  to  chooaa  tha  probability  dlatrlbutloo 
function,  f (u)  ao  aa  to  aaxlalxa  tha  randoaiiiad  information  matrix 

M(f)  - f M(u)f (du)  (62) 

JQo 

It  la  shows  la  *af.  [19]  that  only  dlacrata  dlatrlbutloo  functlona  with  at  Boat  a “ m(atl)/2 

IS 

points  no ad  ba  conaldarad  ao  that 
“» 

h(f)  - l M(u  )f  . 

1-1  1 1 

da  Input  design  consists  of  {f^,  u^,  1-1,  ny) 

Since  M(f)  la  linear  in  f s.  the  determinant  |M(f)|  will  ba  a concave  function  of  f^'e.  Thus  tba 

Cuhn-Tuckar  theorem  gives  necessary  and  sufficient  conditions  for  a global  maximum.  Tha  following  result 
la  proved  In  Saf.  [19]. 

Theorem  2:  Tha  following  are  equivalent 

(I)  t*  maximizes  |H(f)| 

(II)  f*  minimises  max  Tr{M_1(f)M(u  ) } 

u cfl  p 

p u 

(III)  max  Tr{H-1<f*)M(u  ))  - a.  (63) 

u efl  p 

p u 

dll  designs  satisfying  (1)  - (111)  and  their  linear  combinations  have  the  asms  Information  matrix  H(f*). 

laatrkal  In  general  |M(f*)|  > |M(u*)|.  with  equality  in  those  cases  where  f*  consists  of  only  one 
point  l.a.  ’•  1.  Thus,  tendon  lied  inputs  may  be  used  to  obtain  lower  bounds  and  approximations  to 

u*. 


Is  each  that 
|M(u)|. 


V 8.  - * and  11a  8.-0,  tha  above  iteration 
k-0  t—  * 


3.3  Frequency- J^ma in  Synthesis  of  Optimal  Inputs 

If  the  aystM  described  by  Eqa.  (3 )—  (4)  is  (1)  atabla  and  time-invariant,  (11)  data  length  T la 
large*  and  (111)  tha  noise  processes  are  stationary,  one  may  compute  the  optimal  Inputs  much  more 
efficiently  by  using  frequency-domain  techniques.  The  basic  simpllf icatJona  cones  from  three  facts: 
a)  The  Fourier  transformation  la  an  orthogonallzlng  transformation  in  the  sense  that  the  Fourier  series 
components  of  a stationary  process  ara  orthogonal  to  each  other.  Alternatively,  the  Fourier  transforma- 
tion diagonalizes  the  covariance  matrix  of  a stationary  process,  b)  The  set  of  all  stationary  Inputs 

Is  characterized  by  the  q x q spectral  density  matrix  5 (w)  with  the  frequency  variable  u e (-  -,“> 

uu  „ 

This  should  bs  contrasted  vith  tha  time  domain  representation  of  D as  a vector  in  c)  The 

optimal  input  can  be  chosen  to  be  non  randomized  or  deterministic  in  the  stationary  case  (see  Theorem  4), 

Ve  now  state  the  relevant  results  for  frequency  domain  synthesis  of  optimal  Inputs.  For  proofs 
of  these  results,  see  Refs.  [IS,  29). 


THEOREM  3:  The  asymptotic  per 

system  (3)-(4)  has  the  elements 


aple  Fisher  information  matrix  (a 


£t"ij 


1J 


Tr(B  (itfdF^Cw)) 


a)  for  parameter  set  9 of  the 
(M) 


where  ka  denotes  raal  part,  fuu(“)  i»  the  spectral  distribution  function  of  u(t)  and 


In  practice,  it  has  been  found  that  data  lengths  more  than  three  tines  the  largest  time-period  are 
adequate  for  using  the  frequency  domain  method.  (See  Section  5.1.2.) 


1M0 


v» 


3T(u) 
38 


(*  denotes  complex  conjugate  end  transpose) 
T(u)  - B(wl  - ♦)-1C 


(66) 


(li) 


S (u)  is  the  spectral  density  of  neasureaient  noise 

W 

THEOUM  *i  (1)  The  lnformetlon  matrix  M is  a reel, 

The  set  of  liforaatlon  matrlcee  N corresponding  to 

l/2v  Tr  dF  (u)  • 1)  Is  convex  end  closed. 

I _ uu 


»(t). 

sysssetrlc,  nonnegative  definite  metrlx. 
all  normalized  designs  (l.e.» 


(ill)  For  any  nonsallaed  Input  dealgn  Fj  with  nixed  epecerua,  another  design  Fj  with  a purely  point 
spectnas  of  less  than  (m(»+t)/2+lJ  points  can  be  found  auch  that  S(P^)  - M(F2). 

Comment:  1)  Voice  that  In  the  frequency  domain,  the  role  of  the  probability  neaaure  f la  played 

by  the  spectral  denslcy  function.  Part  (ill)  of  Theorea  4 Implies  chat  a suitably  chosen  deterministic 
Input  will  provide  ae  aiuch  Information  as  a stochastic  Input  In  the  stationary  case.  Ue  will  therefore 
restrict  the  seerch  for  an  optimal  Input  to  that  containing  a finite  number  of  frequencies. 

D-ooc Inal  design  In  frequency  domain:  We  now  maximize  |m|  with  respect  to  (Fuu(u),  <*>  E(-‘",a>)} 

subject  to  che  constraint 


dF  (u)  < 1 
uu  — 


(67) 


The  opclstel  Input  spectrum  f will  be  shown  to  have  Che  following  characteristics. 

THEOBDi  5:  For  che  optlaul  input  spectrum 

rr;  Tr  | dF  (u)  - 1 
2n  uu 

and  Che  following  are  equivalent 
(1)  F maximizes  |S| 

UU 

<u>  ruu  *lnlJ>lzlt#  ^ 

vtiara  *p^j  la  tha  (i.J)th  element  of  M * end  *mJU  1*  the  maximum  eigenvalue  of  qxq  matrix  inside  the 

parentheses. 

(ill)  mex  X (He  " T 0*11  (,j)  1 * * (68) 

u»  i.J-l  J J 


The  Information  matrices  of  all  normalized  designs  satisfying  conditions  (i)-(ill)  are  Identical 
and  any  linear  combination  of  these  designs  also  satisfy  (l)-(lil). 

Algorithm  2:  (a)  Start  with  any  design  F^  such  that  M(Fg)  Is  nonsingular.  Let  k * 0. 

a 

(b)  Compute  D * *e  £ p (F  )B  (u) 
l.J-1  J J 

v * 

and  find  Its  maximum  eigenvalue  (iz)  . Find  e by  a one  dimensional  search  so  that 


X (u.  ) > X (to) 

max  k — max 


Also  compute  the  eigenvector  P 


(c) 


(69) 


(70) 


stop.  Otherwise  proceed  tc  (d). 


In  most  of  the  practical  problems  the  search  for  u can  be  confined  to  a set  of  reasonable  frequency 

values,  e.g.  (— - !. 

■ a 


I 


/ 


(d)  Update  tha  design  a*  follow*: 

WM  - <l-V\ 4 V(V  <71> 

whars  F(u^)  1*  a design  with  a single  point  at  u - of  alia  (t^>w)T.  Chooaa  0 < £ 1 althar 

bp  a onm-dlaar.slonal  anarch  or  any  sequence  auch  that 


l^l  > 


(a)  Co  back  to  (b). 


I m> 

k-0  * 


Igarka  I 1)  A coapariaon  of  tha  abova  algorltha  with  tha  corresponding  tlas-domain  algorltha  1 
ravaala  it*  appealing  coaputatlonal  slapllcity.  In  tha  single-input  case',  tha  saarch  for  the  computa- 
tional simplicity.  In  tha  single-input  case,  tha  aaarch  for  tha  maximum  In  step  b)  la  a one-dimensional 
saarch  ovar  tha  ranga (-ufes  Mi)-  In  the  aulti-lnput  caaa»  alganvalues  and  eigenvectors  of  only  a qxq  aatrix 
have  to  ba  computed.  The  tlae-doaaln  approach,  on  tha  other  hand,  require*  coaputatlon  of  eigenvector* 
and  eigenvalue*  of  Hq  x Nq  aatrlcea. 

2)  Tha  [>-optlaal  frequency  doaaln  synthesis  problea  haa  a simple  gaae-theoretle  interpretation. 

Tha  nature  (aaalalxer)  pick*  the  frequency  u and  eigenvector  direction  and  the  designer  picks  tha 


Input  spactrua.  The  payoff  function  is 


scalar  non:  of  tha  transfer  function  co.arlanc*  aatrix. 


3)  It  Is  not  necessary  to  use  sinusoidal  Inputs  to  achieve  the  desired  spactrua.  Van  dar  Bos  [30] 
show*  how  a desired  spectrua  aay  ba  achieved  using  binary  valued  periodic  inputs  and  Papoulls  [31] 
shows  how  it  aay  be  obtained  using  the  Arcsine  law. 

4.  Analytical  Example* 

In  this  saction,  we  discuss  a few  selected  analytical  exaaples  to  Indicate  the  general  nature  of 
the  results. 

*•1  First  Order  Systeas  with  Unknown  Cain  ([32],  (1J) 

Consider  a scalar  systea 

x(t)  - — x(t)  ♦ 6u(t)  (73) 


with  measurements 


y(t)  - x ( t ) + v(t) 


t E [ 0. T ] 


where  v(t)  Is  stationary  exponentially  correlated  noise 


B(v(e)v(t) ] - ce” 


Using  results  froa  Section  3,  the  optimal  input  for  estimating  9 is: 
u*(t)  - A sin  (ut  + ♦) 


$ • tan 


and  iii  la  a root  of  the  transcendental  equation 


can(<JT  ♦ ♦)  ■ u/a  (78) 

The  frequency  u la  chosen  to  maximize  the  eigenvalue  A of  the  Fredholm  Eq.  (42),  which  can  be  shown  to  be 


It  can  be  seen  that  for  wlde-band  noise  (a  >1),  the  maximum  of  X Is  attained  by  the  smallest  u that 
satisfies  (7fi).  On  the  other  hand.  If  the  noise  Is  narrow  band  (a^  < 1),  the  maximum  of  A is  achieved 
for  the  highest  possible  frequency  w.  Thus  the  system  is  excited  at  those  frequencies  where  highest 
signal  to  noise  ratio  at  the  output  Is  obtained. 

4.2  Second  Order  System  with  Unknown  Frequency  [20] 

X + x + fx  * u (80) 


Assume  9 > 1/4  so  that  the  system  Is  oscillatory.  Using  results  of  Theor»ms  4 and  5,  it  can  be  shown 
that  the  optimal  input  for  the  asymptotic  or  steady  strte  case  Is  a sinusoid  at  t requency  u*  where 


e - 1/2 


e > 1/2 


(Low  damping) 


0 


1/4  < 0 < 1/2  (High  dawping) 


(82) 


5 . Nome r lc  a l He n alt* 


This  ssctlon  presents  optimal  elevator  Input  to  Identify  parameters  In  tha  short  parlod  mode  and 
the  rudder  and  aeleron  Inputs  to  estimate  stability  and  control  derivatives  in  ths  lateral  actions  of 
tl*  aircraft.  The  Input  signals  are  designed  for  the  planned  flight  test  duration,  using  available 
inacruaents  and  their  accuracies  and  the  best  a priori  estimates  of  unknown  parameter  values,  both 
Clae  domain  and  frequencies  domain  fachnlques  arc  used. 

Aircraft  notions  are  slaulated  to  evaluate  the  optimal  Inputs  relatlvs  Co  conventional  Inputs  ind 
are  tested  under  a variety  of  off-design  parameter  values.  The  accelerations  and  velocities  srs  also 
determined  to  ensure  that  the  inputs  are  safe  and  lmplementable. 


5. 1 Longitudinal  Systems 


The  longitudinal  perturbation  motions  of  s Buffalo  C-8  aircraft  a’.out  a steady  trl*  condition  obey 
the  following  differential  equations  (units:  meters,  deg,  sac). 


"u~ 

“.02 

-.171 

.001 

.179  “ 

u 

’ 0.0 

e 

0 

0 

1 

0 

0 

0.0 

dt 

q 

.0984 

0 

-1.588 

-.562 

q 

♦ 

-1.66 

a 

-.131 

0 

1 

-.737 

a 

.005 

— __ 

“*  ' " 

(6  5) 


where 


u is  forward  speed, 
0 Is  pitch  angle, 
q Is  pitch  rate. 


a is  angle-of-attack,  and 


(5  Is  stahllator  deflection. 

9 

The  poles  of  this  system  are  at 

u * -1.6  4*  .62J  (short  period  mode)  and  w . • -.015]  ♦ .0H8j  (phugoid  mode) 
sp  - ph 

The  first  pair  of  complex  roots  corresponds  to  the  fast,  highly  damped,  short  period  mode  and  the  second 
to  Che  slow,  weakly  damped,  phugoid  mode. 


It  is  assumed  that  there  are  five  unknown  parameters,  all  in  the  short  period  mode  (underlined). 
It  Is  well  known  that  the  two  state  (pitch  rate  and  angie-of-attack)  model  of  an  aircraft  Is  a good 
representat Ion  of  the  short  period  motion.  This  approximation  Is  used  to  compute  the  optimal  elevator 
deflection  time  history.  The  equations  of  motion  become 


q 

. 

-1.588 

-.562 

q 

♦ 

-1.66 

a 

1 

-.  737 

n 

.005 

_ 

J 

_ _ 

- 

The  noisy  measurements  of  q and  i arc 


6 

s 


yj  i 0 q 


V 


<1 


L.  a. 


(84) 


(85) 


The  measurement  noise  is  assumed  white.  The  root  mean  square  errors  in  the  measurements  of  q and  i are 
.70  deg  sec*  ^ and  1.0  deg,  respectively,  and  the  sampling  rate  is  25  per  second. 


5.1.1  Time  Domain  Optimal  Inputs 

A doublet  input,  is  used,  conventionally,  to  identify  the  above  five  parameters.  Starting  from  this 
doublet,  the  Input  design  program  is  used  to  determine  the  optimal  input  for  a 6 sec  long  experiment 
with  100  de sec  total  Input  energy.  The  performance  index  is  the  trace  of  the  dispersion  matrix.  The 
input  at  the  end  of  each  interation  step  Is  shown  in  Figure  2.  /airly  good  convergence  ts  obtained  in 
tnree  steps.  Table  1 shows  the  standard  deviation  in  parameter  estimates  for  each  of  these 


IJ-IJ 


Impute . * Um  ehowm  U the  velum  at  8 which  dtUnlui  the  eoafoaut  of  oow  input  iddal  to  tho  old 
input  (non  Soctloa  ],  Algorithm  1)> 0 won  taken  to  bo  ooo  It  tho  docraoM  la  Tr(B) , D-K"1  waa  aora 
than  SOX.  It  la  claar  tram  Tabla  1 that  tba  optlaal  Input  |i*ao  auch  battar  perimeter  aatlaataa 
(e.g. , smeller  ataadard  dovlatlona)  than  tba  conventional  doublet  Input. 

Aooroalaatloa  to  Ootlaal  Input 

Tho  optlaal  input  of  Figure  2 la  approximated  bp  a eequenes  of  four  atapa  with  tho  aaaa  total 
aaargp.  Tho  approxlaatad  Input  la  ehovn  bp  the  brokaa  line  la  Figure  3.  Thia  Input  la  uaad  on  the 
two  a Cato,  abort  period  approximation  of  tba  longitudinal  equations  of  notion  (equation  (IS).  Tabla 
2 coop area  pa r am* tar  dlapar Jlona  r vaulting  Iron  tha  optlaal  and  the  approxlaatad  (auboptlaal)  laputa. 
loae  paraaetara  have  battar  aatlaataa  while  other  have  poorer  eetlMtes,  with  tha  average  variance 
lacroaalag  bp  about  13X. 

Off-Oaalxn  Faraaater  Taluce;  Since  tha  Input  daalga  la  baaed  on  a one  a priori  paraaater  valuee  (a.g. 
wind  tunnel  valuee)  It  la  Important  to  atudp  tha  affect  of  uaing  theee  Inputa  for  difference  true  para- 
aatar  valuee  When  all  five  paraaetara  In  the  abort  period  nodal  are  lncraaaed  bp  SOX  of  tbelr  Initial 
valuao,  tha  reeult  la  a apstan  with  a natural  frequencp  of  1.86  rad/aec  and  a damping  ratio  of  .96. 

It  la  aora  difficult  to  ldentlfp  paraaetara  of  thia  apataa  with  the  a am*  Input  enorgp  becauee  of 
lncraaaed  demplng.  Table  3 ahowa  ataadard  davlatlona  of  paraaater  aatlaataa  when  tho  approxlaatad 
Input  la  ueed  oo  thia  ayatea  with  off-dealgn  paraaater  valuee.  There  la  an  inc reave  In  eatlnatloa 
error#  from  deelgn  coodltloaa,  but  the  approxlaatad  optlaal  Input  la  atill  much  better  than  tha  doublet, 
■ext.  the  paraaetara  of  the  apataa  are  halved,  reducing  the  natural  frequencp  to  .76  rad/aec  aud  the 
damping  ration  to  .77.  The  paraaetara  In  thia  ayatea  are  eaaler  to  Identify,  but  atill  the  approxlaatad 
Input  coaparea  favorably  with  the  conventional  doublat  Input. 

Fourth  Order  Model 


The  approximation  tr  optimal  Inputa,  obtained  uaing  tha  two  atata  approximation,  la  alaulated 
oa  the  fourt  atata  longitudinal  equations  of  notion  (Fquatlon  (83)),  with  aeaaureaenta  of  q and  a 
only.  The  maaeureaent  error  and  tha  aaapling  rate  are  tha  aaaa  aa  before.  Tabla  6 la  a coaparlaoa 
of  the  atandard  davlatlona  an  aatlaataa  of  C , C , C , C , and  C with  tha  assumption  that 

“q  *»  “i  Za  & 

’ a a 

the  raaalng  paraaetara  in  the  ayatea  are  known.  The  aatlaataa  predicted  by  the  four  atata  model  are 
allghtlp  better  tnan  the  eatlmatea  predicted  bp  the  two  state  nodal.  This  la  because  there  la  aa 
additional  excitation  of  the  abort  period  node  from  variations  In  forward  speed. 

Aircraft  teaponae  to  Optimal  and  Conventional  Inputa 

I:  la  necessary  that  the  optimal  inputs,  designed  for  Identification,  neither  produce  excessive 
accelerations  for  pilot  andalrfraae  safety  nor  Involve  large  excursions  in  aircraft  atatea  for  the 
linearization  assumptions  to  hold.  The  optimal  elevator  Input  of  Figure  2 la  used  with  the  aircraft 
model  to  determine  the  acceleration  and  atata  time  histories.  Tha  variation  of  pitch  rate,  angle- 
of-sttack,  vertical  acceleration  and  pitch  acceleration  are  shown  In  Figurea  4a-4d.  The  peak 
accelerations  for  the  optlaal  input  and  the  doublet  are  comparable.  However,  when  tha  optimal  Input 
la  applied  larger  accelerations  persist  for  a longer  period  of  time.  Tha  optimal  Input  results  In 
about  the  aaaa  pitch  race  as  the  doublet  but  a higher  variation  In  angle-of-attack.  The  pitch  rate, 
angle-uf-atcack  and  accelerations  are  however  reasonable  so  that  the  optimal  elevator  input  la 
lmplemen table. 

5.1.2  Frequency  Domain  Optimal  Inputs 

Aa  aatn toned  In  section  3,  the  frequency  iuaalu  synthesis  Is  computationally  much  aora  efficient 
and  produces  globally  optimal  results  In  Che  stationary  case.  Its  applicability  to  short  time 
periods  is  examined  here.  Furthermore,  It  provides  a very  good  starting  Input  for  tlme-d'-r-l^ 
synthesis. 

Optimal  elevator  Input  speetna  la  determined  to  Identify  five  parameters,  Z , M , M . Z,  and 

oi  qi  a o 

e 

Mg  in  the  short  period,  mode  of  the  C-8  aircraft.  The  equations  of  motions  and  the  set  of  available 

e 

measurement  for  this  aircraft  are  ss  given  below.  Two  criteria  of  optimality  are  used  viz:  (a) 

(a)  Min  | D I and  (b)  Min  Tr(D),  where  Now  since  there  are  five  parameters  and  two  outputs, 

Che  xlnlaum  number  of  'requencles  for  a nondegenerate  design  Is  two  and  the  maximum  number  of 

5x6 

frequencies  required  In  an  optimal  design  is  l.e.  fifteen  (see  Theorem  4). 

To  minimize  the  determinant  of  the  dispersion  matrix,  the  initial  input  is  selected  to  have  two 
frequencies  at  0 cps  and  at  .125  cps  with  equal  power.  Figure  5 shows  the  spectrua  of  the  elevator 
deflection  input  after  each  Iteration.  Notice  that  during  some  Iteration  steps,  the  prograai  puts 
sore  power  at  already  chosen  frequencies.  After  eight  iterations,  the  change  in  the  determinant  of 
the  dlspersloa  matrix  la  less  than  .12  frae  the  previous  step.  There  Is  a total  of  seven  frequencies 


The  standard  deviation  format  of  Table  1 is  used  through.  These  quantities  sre  the  squsre  roots  of 
the  diagonal  elements  of  the  Cramer-Rao  lower  bound  and  represent  the  lowest  possible  value  of  the 
parameter  estimate  standard  deviations  which  can  be  attained  using  an  unbiased  and  efficient  parameter 
ideneif 1 cat  ion  procedure.  These  lower  bounds  rather  than  parameter  estimates  based  on  individual  runs 
are  a meaningful  comparison  of  different  inputs,  a better  input  giving  a smaller  lower  bound.  The 
rwxainal  parameter  values  are  given  for  reference.  Computation  of  actual  parameter  variances  requires 
■once  carlo  runs  and  is  found  to  sgrec  closely  with  the  lower  bounds  ss  shown  in  Ref.  (10],  • 


la  tha  flaal  Input  spoctna. 


Thlm  Input  ham  Interesting  chat  ac  tar  lac  tea.  The  spectrum  la  divided  lota  two  parcel  A low 
froquamey  Input  to  Identify  gains  and  a high  frequency  Input  to  Identify  natural  frequency  and 
dating,  ate.  The  higher  frequency  Input  oceure  around  the  natural  frequency,  which  la  reaaonebla. 

Tahle  3 ehowa  the  acaodard  davlatlona  (lower  bound)  on  paraaetar  eatlnatea  for  aa  average  12  aec 
long  experiment  when  the  ayaraa  la  la  ateady  acate  and  the  energy  la  Input  le  200  deg*  sac . Also 
a hows  are  the  trace  and  deteralnanc  of  the  Information  matrix  and  the  trace  of  the  dlaperaloo  aatrU. 
■eat,  the  frequenclea  cloee  to  each  other  are  xunped  and  onee  with  negligible  power  . ra  dropped  to 
gee  the  spectrum  of  figure  4.  The  standard  deviations  on  paraoMtar  estlaatee  for  this  simplified 
design  la  steady  scats  for  cha  seas  experiment  duration  end  Input  energy  are  also  shown  la  Tabla  S. 

Than  has  been  aa  laprovaaanc  la  the  determinant  of  M end  trees  of  0,  showing  the  value  of  Cha 
simplification. 

The  frequency  danata  Inputs  are  designed  with  the  eeeunptlon  of  steady  state.  If  the  flight 
testing  tine  le  short,  the  aircraft  does  not  reach  a steady  state.  To  find  the  true  Information 
matrix  for  a 12  aec  long  test  starting  from  xero  Initial  conditions,  a tins  domain  input  baead  on 
the  frequency  spectrum  and  same  average  power  le  generated  end  Is  shown  In  Figure  7.  This  time 
domain  Input  la  not  unique  since  the  Initial  pheaa  relationship  between  the  sinusoidal  Inputs  la 
arbitrary.  Tabla  5 gives  the  parameter  standard  devlatlrne  and  trace  end  determinant  of  Information 
aad  dlaperaloo  matrices  when  Initial  phases  are  chosen  at  random.  The  parameter  standard  deviations 
deteriorate  by  32  to  13X.  A better  result  could  be  obtelned  by  optlmlxlng  the  initial  phases. 

Equivalent  results  with  Tr(D)  aa  the  criterion  are  given  In  Eef.  (20).  The  difference  in  Input 
spectrum  la  vary  small. 

Effect  of  Data  length 

If  the  syecea  eterte  from  xero  lnlctsl  conditions,  Che  perforaance  of  an  Input  of  finite  length  la 
poorsr  chan  predicted  on  the  eeeumption  of  ateady  atate.  To  datarmlna  tha  duration  of  tha  experiment 
when  this  approximation  becomes  serious,  rims  traces  at  alavecor  deflections  4 to  12  aec  long  are  obtained 
based  oa  tha  simplified  spectrum  of  tha  Tr(D)  criterion.  Each  of  these  inputa  Is  used  with  the  etate 
and  measurement  equations  and  tha  resulting  Information  and  dieparelon  matrices  are  determined.  Table  6 
gives  the  redo  of  standard  deviations  of  parameter  estlaatee  for  cheae  finite  Inputs  (with  the  ayatea 
starting  from  xero  Initial  conditions)  to  the  standard  deviations  In  steady  etate  (for  the  seme 
average  Input  power  end  experlemenC  duration).  Trace  end  determinant  of  the  Information  and  dispersion 
matrices  are  also  compered  using  simulated  data.  The  asymptotic  value  of  these  ratios  for  long 
experiments  la  one.  For  axparlments  shorter  than  8 sec,  the  deterioration  la  atrloua.  The  Inputa  art 
good  for  experiments  longer  than  10  aec.  This  corresponds  to  above  two  cycles  of  the  natural  short 
period  mode. 

Aircraft  Eesponaa  to  the  frequency  Domain  Optimal  Inputs 

The  root -mean- square  (RMS)  state  deviations  ara  coaputad  for  tha  frequency  domain  Inputs.  For  an 
avarage  Input  powar  of  16.67  deg2,  cha  RMS  arete  values  are  shown  in  Table  7. 

3.1.3  Comparison  of  frequency  Domain  Inputa  with  Conventional  and  flpclmel  Time  Domain  Inputs 

Table  8 shows  a comparison  of  atendard  deviations  on  parameter  eatlnatea  for  the  frequency  domain 
Input,  the  optimal  time  domain  Input,  and  the  doublet,  Tf.  nieady  state  frequency  domain  value  la  a 
lower  limit  on  Tr(D)  for  an  Input  with  100  deg2  sec  Input  energy  In  a 6 sec  long  flight  test.  The 
time  domain  Input  la  opclmlied  for  a 6 aec  long  experiment  and  gives  302  better  result  than  the  rime 
trace  from  the  frequency  domain  Input.  Nevertheless,  the  Input  resulting  from  the  ftequency  domain 
approach  le  superior  to  a doublet.  Aa  mentioned  earlier,  this  would  be  an  excellent  flrxt  pea a at  tha 
optima]  Input  and  le  useful  for  starting  the  time  domain  program. 


5. 2 Inputa  for  the  Lateral  System 

The  equations  of  motion  for  lateral  motlona  of  one  version  of  a Jet  Star  flying  at  573.7  aeters/sec. 
at  6,096  meters  sre  (331  (all  In  units  of  deg,  sec.) 
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where  8 la  sideslip  angle,  y la  roll  angle,  and  p and  r are  roll  and  yaw  rates,  respectively.  Aileron 
and  rudder  are  two  control  Inputa.  Noisy  measurements  of  the  four  states  3,  t,  p and  r are  available. 


The  noise  In  measurements  Is  white  and  Causalan  with  root-aean-square  values  of  1 deg  (8),  .5  deg(5). 
.71  deg  sec'2(p)  and  .71  deg  sec  (r). 


The  sampling  rate  le  25  per  second.  The  poles  of  the  system  are  st 

-.0511  + 1.78  } (Dutch  roll),  -1.12  (Roll)  and  -.00667  (Spiral) 

The  Inputs  see  designed  to  Identify  the  parameters  which  predominantly  affect  the  Dutch-roll  mode 
(underlined  In  Eq.  (86)). 
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J.2. 1 tuddar  Input  (Tl'wt-Dowaln) 

The  oftlasl  rudder  input  to  alnialxs  the  eua  of  varies c.e  of  the  five  parauatara  la  determined 
•ad  la  » Noun  It  Figure  8.  The  duration  of  the  alawiatad  teat  la  8 ace.  and  the  la put  energy  la 
100  dcg^aec.  '.lie  comparison  of  etandard  deviation#  on  pataaetert  resulting  fron  the  opt  Inal  Input  and 
the  doublet  la  given  In  Table  4.  The  optlsal  Input  raaulta  In  batter  parameter  eetlaatea  than  the 
doublet,  baaed  on  coaiparlng  the  atandard  devlationa. 

Simultaneous  judder  and  Aileron  Input# 

hew  alaultat  eoua  rudder  and  aileron  Input#  are  dealgned  to  Identify  later.ll  paranetera.  The  lnputa 
with  conbined  eneigy  of  100  deg2  aec  are  ahown  In  Figure  9.  The  aileron  Input  aaplltude  la  very  eaall. 

The  eetlaatea  reau.tlng  fron  thla  alaultaneoua  Input  are  preeented  In  Table  9.  There  la  a very  eaall 
lnprovenent  over  the  alngla  rudder  Input  case,  aa  would  be  expected  alnce  the  rudder  Input  la  aucb  wore 
affective  la  estimating  t.ieae  five  paranetera  than  the  aileron  Input.  Larger  aileron  deflectlona  can 
be  obtained  by  placing  aeparata  energy  constraints  on  the  aileron  and  the  rudder. 

5.2.2  Frequency  Donali  lateral  Input# 

The  lateral  ayaten  of  Seciim  4.1  with  unknown  C , C,  , C , C and  C la  ueed  aa  the  exanple 

1 a 6 "8  “r  °4r 

to  deternlne  the  optlaul  rudder  Input  apectrta  to  alnlnixe  the  trace  of  the  dleperalon  matrix.  The 
optlaua  input  apectrun  haa  two  frequenciea:  at  0 epa  with  12X  of  total  Input  power  and  at  .285  epe 
with  88X  of  Input  power.  The  accond  frequency  la  very  close  to  the  natural  frequency  of  the  Dutch- 
roll  atde.  Since  the  Dutch-roll  node  for  thla  aircraft  haa  low  damping,  thla  Input  would  produce 
large  atata  excuralona  In  ateady  atata.  Thla  o'.cura  because  there  are  r.o  constraint#  on  the  state 
variables. 

Table  10  show#  a comparison  of  standard  deviations  for  this  frequency  doaaln  Input  and  the  tine 
domain  Input  for  an  8 sec  long  alnulated  flight  taat.  Because  of  low  damping,  the  ayaten  la  far  fron 
steady  state  for  the  duration  of  the  experiment.  Standard  deviations  on  parameter  estimates  predicted 
on  the  asaunptioo  of  steady  state  are  too  optimistic. 

5. 2 Considerations  of  Primary/Secondary  Derivative* 

In  many  aircraft  identification  problems  of  Interest,  It  la  necessary  to  obtain  accurate  estlmace  of 
only  a subset  of  all  unknown  parameters.  The  parameter?  whose  estimates  are  required  are  called 
primary  and  the  remaining  unknown  parameters  are  called  secondary.  There  la  no  direct  Incentive  to 
obtain  good  estimates  of  the  secondard  parameters.  The  inputs  should  be  designed  such  that  the  secondary 
parasMters  are  estimated  only  to  the  extent  that  they  keep  reduce  uncertainty  In  primary  parameters 
resulting  fron  errors  In  secondary  parameters.  The  Input  design  technique  presented  previously  can 
be  used  to  determine  control  slngala  to  Identify  only  the  primary  parameter. 

The  Buffalo  C-8  aircraft,  whose  equations  of  notion  era  given  In  Eq.  (83)  la  ueed  as  an  example. 

It  is  assumed  that  the  Input  la  to  be  designed  to  provide  thu  beat  estimate  of  , while  in  addition 

9 

to  C four  other  parameters,  C , C , C , and  C are  also  unknown.  The  starting  Input  Is  the  optimal 

"q  a ua  z4  *4 

• • 

input  when  all  parameters  arc  equally  important.  Tha  Input  ifter  on«  Iteration  is  shown  in  Figure  10. 

It  looks  quite  similar  to  the  Input  when  all  parameters  are  weighted  equally.  The  standard  deviations 
of  parameter  estimates  for  these  two  Inputs  are  compared  In  Ttble  11.  The  standard  deviations  of  C 

"q 

and  C decrease  by  sbout  3Z  while  those  of  other  psrameters  inc c*e*c  This  showe  that  to  get  s good 

■4 

s 

estimate  of  C it  la  necessary  to  have  a good  estimate  of  C also.  Sines  C Is  sn  Important 

"4  "4,  “q 

parameter  in  the  system,  even  when  all  the  parameters  are  to  be  Identified,  good  estlmace  of  C la  obtained 

q 

The  considerations  of  primary  and  secondary  parameters  may  bs  more  useful  when  the  two  sets  of  parameters 
affect  different  modes. 

6.  Outstanding  Problems  In  Input  Design  for  Stability  and  Control  Testing 
6. 1 Bon linear  Dynamics  and  Aerodynamics 

The  Input  design  technique  presented  In  Section  3 uses  llnesr  perturbation  equations  of  motion  about 
s trim  condition.  Substantial  nonlinear  aerodynamic  effects  are  present,  however,  in  the  high  angie-of- 
attack  flight  regime  for  a conventional  aircraft  and  In  the  transition  regime  for  a vertical  take-off 
and  landing  aircraft.  In  addition,  large  angular  motions,  encounteied  in  certain  maneuvers,  introduce 
nonlinear  dynamical  effects.  In  such  circumstances,  a perturbation  model  is  inadequate  and  the  complete 
nonlinear  model  must  be  considered  for  Input  design. 

An  Initial  attempt  at  input  design  for  the  high  sngle-of-attack  regime  was  made  by  Hall,  Gupta, 
and  Srlth  [34].  Considerable  further  work  la  required  before  a practical  technique  la  developed.  A 
general  theoretical  approach  for  solving  this  problem  Is  given  in  Ref.  [19].  It  would  probably  be  more 
fruitful  to  restrict  the  class  of  Inputs  In  such  s way  that  the  resulting  input  design  is  simplified. 

For  example, the  Input  may  be  represented  as  a finite  sum  of  harmonic  or  Walsh  functions. 
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».2  Uxi  cgttitntat  w Cwmal.  lam 

Tbara  ut  oftan  constraint*  oa  tha  maximum  Input  amplitude  either  bacauaa  of  mechanical  1 lmi  t a oo 
stick  or  control  surface  deflection  or  tho  actuation  of  llaaar  control  affactlvaoaaa-  Tbaoa  coaatralata 
can  bn  satisfied  by  scaling  down  tha  Input  toarty.  Thia  technique,  however,  doaa  not  naka  full  uaa  of 
tha  available  input  amplitude.  Tha  criterion  fuactixt  (a.g.  weighted  traca  or  determinant  of  tha 
dlaparaloa  natria)  auat  ba  aialnixad  directly  under  .ha  conetrelnt. 

|«t(t)|  < at  1*1.2.  -.-I 

for  each  of  tha  q input  a.  Tha  optimal  lnputa  era  of  .ha  hang-bang  type  and  nay  ba  calculatad  using 
Algorithm  1 by  solving  a quadratic  programming  problem  curia*  each  Iteration  (19). 

6.1  Input  Oaalan  in  tha  Presence  of  Wind  Guate 

Often  thara  nay  ba  wind  gust*  or  turbulence  praaant  during  tha  flight  teat.  Theee  guata  have  two 
aajor  af facta  on  paranatar  aatlaatlon.  First,  they  cai  la  additional  aaritatlon  of  tha  aircraft  which 
eohaacea  paranatar  Identification  accuracy.  Second.  •<  nd  guac  produce  uncartalnitiaa  in  atata 
aatlmataa  thua  reducing  tha  accuracy  with  which  tha  p raneter  can  ba  dataralnad.  Analytically  tha 
effect  of  tha  proceaa  nolae  on  optimal  Input  can  ha  ( .an  in.o  account  with  aone  additional  tana  aa 
ahown  in  Safa.  (19.  29]. 

6.4  State  Conatralnta 


T 

Quadratic  atata  conatralnta  of  tha  type  a (c)A».  . < c can  ba  handled  via  control  tranaforma- 

J0 

t Iona  aa  ahown  In  tef.  (24],  It  stay  ba  iaportant  to  incorporate  thaaa  conatralnta  in  aircraft  input 
dealgn  It  excessive  valocltlaa  or  accaiaratlona  era  produce  1 by  unconstrained  daalgna. 

7.  Conclusions 

A conprahanalva  account  of  input  design  theory  and  raaulta  for  estimating  aircraft  stability  and 
control  darlvatlvea  la  provided  in  thia  pepar.  It  la  ahown  by  nuawrlcal  cxaaplaa  how  optimally  designed 
lnputa  provida  amallar  varlancaa  on  tha  parameter  aatlmacaa  aa  compared  to  convantlonal  lnputa.  Both 
t lae-domaln  and  frequency  domain  aynthaala  techniques  for  conputlng  datarnlnlstlc  aa  wall  aa  atochaatlr 
lnputa  era  presented  and  their  applicability  to  tha  aircraft  probltn  la  discussed.  It  would  seen  that  che 
next  logical  seep  would  ba  tows  chess  inputs  during  flight  testa  In  order  to  verify  tha  theoretical 
results  presented  In  this  paper. 
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INPUT  DESIGN  FOR  AIRCRAFT  PARAMETER  IDENTIFICATION: 
USING  TDC-OPTIHAL  CONTROL  FORMULATION* 

Robert  T.N.  Chen 
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Flight  Research  Department 
Calspan  Corporation 
Buffalo,  New  York 


ABSTRACT 


This  paper  presents  a new  formulation  end  a practical  and  useful  solution  to  the  input  design  for  iden- 
tification of  aircraft  stability  and  control  parameters.  The  new  fonsulation  directly  addresses  the  follow- 
ing question:  for  a given  aeasureaent  systea  and  with  prescribed  constraints  on  the  input  and  output  magni- 
tudes, what  should  the  input  functions  be  and  for  how  long  should  the  data  record  be  taken  to  enable  identi- 
fication of  systea  parameters  to  specified  accuracy?  Tiae  optimal  control  theory  is  used  in  the  formulation 
of  this  important  problea.  Necessary  conditions  and  the  structure  of  the  optiaal  control  input  are  dis- 
cussed By  using  Walsh  functions  and  calculating  the  Craaer-Rao  lower  bounds  recursively,  a practical  ar** 
useful  design  procedure  is  then  presented.  Application  of  the  new  approach  are  then  made  to  the  design  of 
flight  test  inputs  for  identification  of  stability  and  control  parameters  of  several  types  of  aircraft. 

1.0  INTRODUCTION 


In  gathering  flight  test  data  using  the  available  aeasureaent  systea  for  identification  of  aircraft 
stability  and  control  paraaeters,  there  are  two  important  questions  to  be  answered:  (i)  what  should  the 
inpur  function  be  so  that  the  aircraft  may  be  properly  excited,  and  (ii)  for  how  long  should  the  data  record 
be  taken  to  enable  identification  of  the  parameters  to  a desired  level  of  accuracy? 


In  the  past,  the  input  design  problea  has  been  formulated  to  address  only  the  first  question  by  speci- 
fying a priori  the  length  of  the  data  record  to  be  taken.  The  input  design  problem  formulated  in  this  way 
becoaes,  as  it  is  now  well  known,  a typical  fixed-time-interval  optimal  control  problem  for  which  an 
"optimal"  input  function  within  the  specified  time  interval  is  to  be  obtained  by  maximizing  some  function 
of  Fisher's  information  matrix1'6  or  minimizing  some  function  of  the  error  covariance  matrix7-8  as  the  index 
of  performance.  When  the  number  of  parameters  to  be  identified  is  more  than  one  (as  is  usually  the  case  in 
practice)  the  use  of  a proper  index  of  performance  for  the  fixed-time-interval  optimal  input  design  becomes 
less  obvious;  weighting  factors  must  now  bo  introduced  to  produce  a compromise  for  the  relative  accuracy 
requirement  of  the  parameters  to  be  identified.  Indeed,  the  choice  of  a suitable  index  of  performance  has 
been  and  still  is  a debated  issue. 5-7-9 


More  importantly,  with  the  fixed-time-interval  input  design  formulation,  the  important  second  question 
mentioned  earlier  cannot  be  effectively  answered,  because  the  time  interval  for  optimization  is  fixed  a pri- 
ori and  the  parameter  accuracy  achievable,  which  is  the  end  product  of  real  interest,  is  not  directly 
considered  in  the  input  design. 

To  overcome  the  above  inherent  difficulties  with  the  existing  formulation  based  on  fixed-time-interval 
ootimizat ion,  the  problem  has  recently  been  formulated  as  a time-optimal  control  problem  addressing  the 
above  two  questions  directly  and  simultaneously.  I11)  In  aircraft  flight  test  applications,  for  example, 
this  new  formulation  can  mean  less  flight  time  for  data  gathering  and  less  time  and  money  required  for  pro- 
cessing the  flight  test  data  and  identifying  the  stability  and  control  parameters.  Furthermore,  with  this 
new  formulation,  a meaningful  trade-off  study  can  be  performed,  as  illustrated  in  this  paper,  to  assist 
preflight  planning  concerning  requirements  of  instrumentation  accuracy,  type  and  redundancy,  and  permissible 
control  authority  for  test  inputs,  etc. 

The  remainder  of  the  paper  is  organized  as  follows:  Section  2 presents  the  new  formulation  and  discusses 
the  necessary  conditions  and  the  control  structure  for  the  optimal  input.  Section  3 presents  a practical 
and  useful  design  procedure  using  Walsh  functions  and  converting  the  calculation  of  the  Cramer-Rao  lower 
bounds  from  a "batch  process"  into  a recursive  process.  Applications  of  this  approach  to  the  design  of 
input  for  identification  of  stability  and  control  derivatives  of  several  types  of  aircraft  are  given  in 
Section  4. 


2.0  TIME-OPTIMAL  INPUT  DESIGN  FORMULATION 

Consider  the  following  nonlinear  dynamic  system  and  associated  measurement  system: 


f (x,  -p . u.), 

x(o).  z0 

(D 

h (x,  p,  u)  f 

v(t) 

(2) 

•This  work  was  supported  partially  by  Calspan  internal  research  and  partially  by  Contract  No.  N00019-73-C- 
0504. 
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where  * i*  the  state  vector  (n-vector);  p Is  the  unknown  parameter  vector  (q-vector);  it  Is  the  input 
vector  (r- vector);  y Is  the  output  vector  (m-vector);  and  v , an  e-vector,  is  Gaussian  white  noise  with 
zero  aeaa  and  covariance  function. 


' | v(t)  friz)  J - RS(t-r) 


with  B being  a diagonal  constant  ma'rix.  Fisher's  information  aatrix  M is  given  by 

b 


Define  the  aatrix  C to  be 


r- 

s* 

3h 

3* 

3h 

9 « ' 

*p 

3% 

3p\  * 

9* 

3*. 

> 

9tt 

3p 

at 


c-m-'  &{c{Jj 


(3) 


(4) 


(5) 


Then  the  diagonal  terns  of  the  aatrix  C are  the  Criaer-Rao  lower  bounds,  which  are  the  theoretical  lower 
bounds  of  the  variances  of  any  unbiased  estiaates  of  the  initial  state  *.  and  the  paraaeter  vector  yo.14 
The  ldentifiability  of  these  paraaeter?  is  equivalent  to  the  invariability  of  the  aatrix  M .*  Thus,  if 
these  paraaeter?  are  assuaed  to  be  identifiable,  then  C and  M ars  positive  definite  synaetrical  aatrices. 

3v  9* 

In  Eq.  (4),  the  sensitivity  functions  z — and  — — are  integrated  using  the  following  sensitivity 
tions:  '*•  ** 


equations: 


T-  «»  “ I* 
ex.  ” 


at 


(0)-0 

along  with  Eq.  (1).  The  physical  constants  on  the  input  and  the  state  are 

| aft)  | * u 

where  O and  X are  constant  vectors.  Notice  that  the  contraint,  Eq.  (9),  is  required  for  the  equation  of 
notion,  Eq.  (1),  to  remain  valid  and/or  to  keep  the  output  y within  the  limits  of  the  sensors. 

The  problem  of  designing  optimal  inputs  for  paraaeter  identification  is  now  formulated  as  follows: 
find  the  optimal  control  that  minimizes  the  final  tine  tf  , i.e.: 


(6) 

(7) 

(8) 
(9) 


f-f* 


subject  to  the  contraints,  Eq.  (1),  (2),  (8)  given  earlier*  and  Eq.  (11)  below: 
0 < C;i  4 a/  , t - /,  2,3 rt  * q 


(10) 


(11) 


where  g-  are  given  positive  constants  signifying  maximum  standard  deviation  allowable  for  the  identification 
of  initial  state  variables  x0  and  the  unknown  parameters  p using  an  efficient  estimator  (i.e.  an  unbiased 
minimum  variance  estimator). 


The  time-optimal  control  problem  formulated  above  belongs  to  a special  class  of  time-optimal  intercept 
problem,  in  which  the  target  set  is  stationary . 15  p0  see  this,  consider  Eq.  (4)  and  (5).  Let  the  integrand 
in  Eq.  (4)  be  denoted  by  STtt’,S,  i.e.: 


5 * 


3% 

S*o 


1 3h  ^ 9h 

i dp  3% 


(12) 


Then  a differentiation  of  Eq.  (4)  and  (S)  yields  the  following  nonlinear  matrix  differential  equation 


I 

i 

i 

I 


C • - CSr SC  (13) 

which,  together  with  the  dynamic  system,  Eq.  (1)  and  (2),  and  the  sensitivity  system,  Eq.  (6)  and  (7), 
governs  the  time-evolution  of  the  error  covariance  matrix  C . Notice  that  since  the  parameters  XD  and  p 
are  assumed  to  be  identifiable,  C -3  symmetrical  and  positive  definite  at  each  time  instant.  Thus,  there 
are  a total  of  only  j state  variables  of  interest  in  Eq.  (13). 


State  variable  constraints  Eq.  (9)  will  be  discussed  later. 
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Hi*  Initial  condition  C(d)  is  tha  covariance  matrix  associated  with  the  nominal  values  of  V,  and  p 
used  in  the  input  design*  (the  first  iteration  in  the  sequential  improvement  iaplied  in  the  input  design 
for  parameter  identification).  This  is  a Bayesian  interpretation;  and  the  aatrix  M in  Eq.  (4)  is  to  be 
considered  as  added  information.  For  the  non-Bayesian  case,  -*•  oo  , and  a large  positive  ..umber,  say 
10**,  may  be  used  for  the  diagonal  terms  of  C(O)  , with  zeros  for  the  cff-diagonal  terms.  Now,  the  con- 
straints, Eq.  (11),  thus  form  a "stationary  target  set",  which  is  an  dimensional  rectangular 

region  composed  of 


cii(tty>0,  i-  1,2,..., 


(14) 


For  example,  for  the  region  is  a rectangle  as  shown  i'.i  Figure  1. 

The  problem  formulated  at  the  beginning  of  this  section  is  seen  to  have  been  converted  into  the  fol- 
lowing time-optimal  control  to  a stationary  target  set.  Find  the  control  U* (*) . which  controls  the  system 

of  order  | * l)  composed  of 

(a)  original  dynamic  system  (1)  - n equations 

(b)  sensitivity  system  (6)  and  (7)  - nfa'f)  equations 

(c)  error  covariance  equations  (13)  - ^ (*>''$)  (n * ? * 0 equations 

to  the  target  set,  Eq.  (14),  in  minimum  time  subject  to  c.ie  inequality  constraints  of  the  control  variable, 
Eq.  (8). 

It  is  useful  to  give  a geometrical  Interpretation  of  this  problem  parallel  to  that  for  the  time-optimal 
Intercept  problem.  1^  Let  Sj  be  the  augmented  state  ti  ce  of  dimension  t)  which  corresponds 

to  the  target  set  defined  by  (14).  Let  Xf{  be  reachable  augmented  state  space  at  tine  t{-  using 
the  control  u (t)  within  the  constraints,  Eq.  (S);  and  K;  Y (,•  be  the  corresponding  reachable  spaces  in 
the  target  space.  Figures  1 and  2 show  a geometrical  interpretation  of  the  time-optimal  solution  for  a two- 
parameter  case  (i.e.,»'j‘2). 

From  Figure  1,  it  is  seen  that  since  C,, • are  monotonical ly  decreasing  with  time  as  is  evident  from 

Eq.  (4),  (S),  or  (13),  the  time-optimal  control  will  occur  at  the  boundary  of  the  target  region  . 

From  these  observations,  consideration  may  therefore  be  given  to  replacing  the  inequality  constraints  of 
Eq.  (14)  with  the  equality  constraint 


OS) 

one  at  a time  and  test  the  conditions 

Cjj  (tf)  < ff-2  (16) 


for  all  j 4 t . By  using  this  procedure  for  all  i - /,  2,  . . . , V * q , candidate  solutions  and  her.ee 
the  tioe-optiaal  control  may  be  obtained. 

Secessary  Conditions  for  Optimal  Control 

We  now  discuss  the  necessary  conditions.  Let  the  augmented  system  of  order  j + e f)  discussed 

above  be  aescribed  by 


i - i(o)  = i0  (i7) 

where  * « (cr,  , 5p  , %r (18) 

with  c being  the  ■-  ^rtu^JO.flv^-vector,  which  is  composed  of  the  upper  triangular  elements  of  the  matrix 
C , i-e. 

C * VC’t  ’ C>2  ’ C >3  ’ ■ ■ ■ cfn-,p  ’ C ii  ’ C13  ’ ■ ■ -)T 

S*0  * (V.  $z>  ■■■5n)r  (19) 

^-.[s,.s,....s,]  •»> 


The  input  design  problem  discussed  here  assumes  that  there  exists  some  a apriori  knowledge  of  the  parameter 
values  either  from  other  independent  sources  or  from  identification  using  non-optiaal  inputs.  Sequential 
improvement  is  implied  here. 


“ (3w./  • S»*q) 


Th«  Huiltoniin  is 


H - / # lJ$ 


Beginning  with  i » / in  Eq.  (IS),  th«  nccttiary  conditions  are1 


X - ? (%,  u)  , x (0)  *•  Xg  givt* 


i - - * e%  . c„  ( tf ) - a*,  Xz  (tf)  - l3  (tf)-.. . - o 


0 • X ta  , ( r*  - optiaality  conditions  for 

“ control  input  u It)  ) 


-<  -Wt.t'  ♦ 


Now,  for  < «2  , all  the  equations  are  the  saae  is  listed  above,  but  the  boundary  conditions  for  X(tf) 
becoae 


<3* a “ a*  , l,  (if)  “ Ofy)  * X. (ty) * • • • « 0 

x * fx  , X.  , • ■ - X,  ) 

* i(tl  + Sn)(7t*qt  r)' 


For  s'  <■  3,*,...,  n*q  , similar  results  follow. 
Optimal  Control  Structure 


In  many  practical  situations,  the  control  u (t)  enters  into  the  dynamic  system,  Eq.  (1),  in  a linear 
fashion,  e.g. 

/(»,  /),  u.)  « /,  (x,p)*  8(x)u,  (28) 

and  and  are  independent  of  cl. 


In  this  case,  Eq.  (17)  becomes 


f(*,u)  - ?t  (*)+  B(x)u 


and  the  conditions  for  the  time-optimal  control,  Eq.  (26)  become 


U * - U sgn  j^8  (x)As'j 


where  5Kn  3 lif  ic  > 0 


* -1  if  X 4.  0 

which  indicates  that  the  optimal  control  is  bang-bang. 

The  above  necessary  conditions  nay  te  extended  to  the  case  when  the  constraints  on  the  state  variables 
of  Fq.  (9)  are  considered;  an  approach  such  as  chat  described  in  Reference  16  (page  117)  nay  be  employed. 

We  will  not  repeat  it  here. 

As  shown  previously  in  the  simple  il’ustrative  example  the  necessary  conditions,  Eq.  (2*)  - (27), 
are  fairly  complicated.  Computer  implementations  for  the  solution  of  this  type  of  problem  are  rather  in- 
vol \ ed  as  Jiscussed  in  many  standard  texts  (c.g.,  Reference  IS).  Because  of  budgetary  limitation,  no 
attempts  have  been  made  to  try  to  implement  a time-optimal  control  algorithm,  based  on  the  above  necessary 
conditions,  on  a computer  (although  we  strongly  recommend  it  he  done).  Instead,  use  has  been  made  of  the 
structure  of  the  optimal  input  in  developing  a practical  and  economical  search  routine  for  input  design  as 
discussed  in  the  next  section. 
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3.0  A SUBOPTIMAL  INPUT  DESIGN  USING  MALSH  FUNCTIONS 


A prxcticxlly  useful  xuboptlaal  solution  to  the  time -optiaal  control  formulation  for  th*  input  design 
problem  is  presented  In  this  section.  The  solution  is  obtained  by  using  an  efficient  direct  aearch  proce- 
dure which  Bakes  use  of  the  bang-bang  structure  of  the  optiaal  input  discussed  in  the  preceding  section  and 
calculates  the  error  covariance  autrix  in  a recursive  Banner. 

First,  the  error  covariance  aatrlx  calculated  in  the  "batch  process"  of  Eq.  (I)  was  converted  into  a 
recursive  algorltha.  This  operation  Bakes  it  possible  to  deteneine  the  length  of  the  data  record  required 
to  aeet  the  desired  level  of  paraaeter  identification  accuracy,  it  also  peraits  various  xuboptlaal  input 
design  scheaes  to  be  devised  using  the  tine  rate  of  change  of  the  error  variance. 

Secondly,  to  help  deteraine  the  proper  switching  tine  in  the  bang-bang  structure  of  the  optiaal  input, 
the  Malsh  functions  were  selected  as  a candidate  faaily  of  functions  froa  which  to  choose  tl.e  suboptiaal 
control  input.  Aside  froa  the  bang-bang  structure  of  the  Malsh  functions,  they  are  easy  to  iapleswnt  and 
their  orthogonal  characteristics  are  very  desirable  for  use  in  aulti-input  systeas. 

Recursive  Calculation  of  the  Error  Covariance  Matrix 


For  digital  coaputatlon  with  integration  step  size  At  , the  error  covariance  aatrlx  of  Eq.  (S)  nay  be 
calculated  using 


o,  ■ (£  [s;^]]" 


(31) 


where  G,  *nd  5,-  ^ ‘'It* tit  **  the  solution  of  the  dynaalc  systea,  Eq.  (1),  (2),  and  the  sensitivity 

systra,  tq.  (6)  and  (7],  at  ( » *&t  . 

Using  the  Matrix  Inversion  Lemma*)*  *2,  Eq.  (31)  may  be  converted  into  the  following  desired  recursive 
relationship. 
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This  relationship  will  be  used  in  conjunction  with  the  use  of  Malsh  functions  to  design  a suboptiaal  input. 
Malsh  Function  Generation 

The  Malsh  functions,  which  assume  the  values  of  ♦!  or  -1  in  an  alternative  manner,  are  a complete  set 
of  orthonormal  basis  functions  over  some  interval,  say  (O.T).  Extensive  discussions  on  the  generation  of 
Malsh  functions  have  been  given  by  Malsh1®,  Harmuth1^,  and  Swick1*,  A sample  set  of  Malsh  functions 
UJol  ....  7 is  shown  in  Figure  3. 

Using  symmetric  and  skew- symmetric  properties  of  the  Malsh  functions,  Swlck1^  has  developed  a syste- 
matic way  of  independently  generating  each  individual  Malsh  function.  His  procedure  was  implemented  on 
a computer  to  independently  generate  any  one  Malsh  function  with  index  i from  a set  (0,  1,  2,  •••,  31) 
for  suboptimal  input  design  applications.  To  call  for  a specific  Malsh  function,  it  is  necessary  only  to 
specify  three  parameters  in  this  computer  routine:  (a)  orthogonrl  interval,  (b)  the  Malsh  function  index, 
and  (c)  the  amplitude. 

Computational  Steps  for  Suboptimal  Input  Design 

The  direct-search  input  design  procedure  uses  the  following  basic  computational  steps  in  each  design 
stage: 


Step  1 
Step  2 

Step  3 
Step  4 


Step  S 


Select  a large  time  internal  T (second),  beyond  which  all  computation  will  stop. 

Begin  with  a with  » A/  , sufficiently  large  so  that  the  system  response  will  be  small 

and  well  within  the  constraints  on  the  magnitude  of  the  state  variables  (if  imposed). 

Calculate  the  error  covariance  matrix  C recursively  by  Eq.  (32).* 

At  each  computing  point  t K • K&t  , test  to  see  if 

where  cry  are  the  parameter-accuracy  speci fications.  If  yes,  record  tf  . Let  t * i - ! 
and  go  to  Step  2.  If  no,  continue. 

At  each  switching  instant  t„  compute  AC;i**  (t„)  - , W 


•The  conditions  were  discussed  previ  .sly.  cor  non- Bayesian  case,  the  initial  condition  cay  also 

be  taken  at  the  value  when  the  full  rank  *.  fq  131)  is  reached. 


IJ-ft 


and  t*>t  th#  sffsctivsnaas  of  th#  previous  twitching* 

* Car,  . W 

whars  C <<  I , it  i poiltivt  number,  t.g.  0.0S.  If  yaa,  continue;  if  no,  tot  i*i-t 
(or  reducing  the  twitching  frequency  iv  t factor  of  2)  and  go  the  Step  2. 

Step  6 The  retulti  of  the  preceding  ttepa  wii.  be  a tubtet  of  Keith  function!  oJ&L  f(»  T)  which 

aeetf  the  parameter-accuracy  tpecification  with  corresponding  final  tiae  t/(  ; and 
the  auboptiaal  input  it  the  one  w.th  the  taallett  t/j  if  the  constraints  on  the 
magnitude  of  the  state  variables  are  not  lapoted.  If  these  contraints  are  iaposed,  the 

suboptimal  input  of  interest  will  be  that  with  the  taallett  t/  aaong  those  that 

satisfy  the  state  aagnitude  constraints. 

For  multi-input  cases  (i.e.,  u (t)  is  a r-veetor),  the  preceding  procedure  is  the  seat  with  the 
esception  that  Step  2 is  now  replaced  by  a set  of  r nuabert,  i.e. 

i « V,  V*  /,  ....  a/-  re  / 


for  each  corresponding  control  input. 

It  should  be  noted  that  the  above  basic  coaputational  steps  are  for  each  design  stage,  which  yields  a 
single  desirable  Kalsh  function.  Should  a aulti-stage  design  be  required,  the  basic  steps  listed  above  nay 
be  used  repeatedly.  When  the  number  of  parameters  to  be  identified  is  large  and  the  accuracy  specification 
for  the  parameter  identification  is  high,  it  uy  not  be  possible  to  complete  the  design  in  a single  stage; 
in  this  case,  a aulti-stage  design  will  be  required  to  complete  the  design  as  will  be  illustrated  in  the 
next  section.  If  it  is  impossible  to  complete  the  design  in  a single  stage,  the  accuracy  requirements 
corresponding  to  the  group  of  parameters,  which  consistently  failed  the  accuracy  test  (Step  4),  aay  be 
judiciously  relaxed.  Complete  the  first  stage  design  with  the  relaxed  specification  and  then  proceed  to  the 
second  stage  design  by  restoring  the  accuracy  specification  and  reducing  the  value  of  G in  Step  S.  This 
procedure  is  permissible,  because  the  error  covariance  siatrix  is  calculated  recursively  as  shown  in  Eq.  (32). 
As  such,  the  error  covariance  matrix  calculated  at  the  rad  of  the  first  stage  can  be  used  as  the  initial 
condition  for  the  second  stage  design  and  so  on.  The  following  figure  illustrates  the  case  in  which  the 
design  is  completed  in  two  stages. 

First  stage  input  design 


First  stage  design  using 
some  relaxed  specification. 


Second  stage  input  design 


Second  stage  design  using 
the  result  of  1st  stage  design 
and  original  specification. 


Combined  suboptimal  input 


Time 


Unlike  a single  stage  design  in  which  the  above  procedure  yields  a unique  design,  a multi-stage  design  will 
in  general  result  in  nonuni que  design;  and  the  final  selection  of  a suitable  multi-stage  design  could,  for 
instance,  be  determined  from  the  ease  with  which  the  flight  test  implementation  may  be  achieved. 

4.0  APPLICATIONS 

The  suboptimal  input  design  scheme  described  in  the  previous  section  was  applied  to  several  examples 
described  below. 

4 . 1 An  lllustrat i ve  Example  (Comparison  with  Goodwin's  Optimal  Input*) 

As  an  illustrative  example,  consider  the  following  fiist  order  system  previously  studied  by  Goodwin-. 

V m a.  r - bu  , %(o)‘0,  I&  I * ' 


U - r * v 

•Inclusion  of  a test  f- - .or re  lot i on  coefficients  has  recently  been  suggested  by  J.V.  Labacqt. 
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after*  the  aeaaureaent  nolx*  v (t)  ii  ahlte,  Gauaiian  aith  £ { vM } • 0 end  E { trft ) trfc)]  mf(l-T).  The  par- 
ameter* it  and  b , to  be  Identified,  are  known  to  have  noninai  veluet  of  -1 , and  1 retpectively.  Coodain'l 
input  function  obtained  by  ainlaiting  the  trace  of  the  error  covariance  matrix  C aith  a fixed  tine  interval 
of  10  second*  it  shown  in  Table  I,  For  an  Integration  step-site  Af  • O.OS  second,  the  o,'  and  trC 
are  also  shown  in  the  table.  Using  these  as  the  parameter-accuracy  specification,  the  results  of  apply- 
ing the  suboptlnal  input  design  schens  discussed  in  Section  3 are  shown  in  tha  last  coluaai.  The  design  was 
completed  in  a single  stage.  It  is  seen  tha*  the  results  are  somewhat  better  than  Coodwin's. 

In  an  attempt  to  see  the  difference  in  effectiveness  between  the  two  input  functions  geometrically, 
the  propagation  of  at-  as  illustrated  earlier  in  Figure  I was  plotted  on  Figure  4 for  the  two  ir.put  functions 
together  with  some  input  function*  generated  by  perturbing  slightly  the  switching  tines.  The  difference  in 
the  effectiveness  is  readily  seen  from  this  figure.  Recall  that  Goodwin  used  the  fixed-tine-interval  of 
10  seconds  and  the  performance  index  it  the  trace  of  C eatrix,  which  is  a circle  in  the  o4-  Og  plan*  with 
origin  at  e,.#,  •<>  in  this  case  (if  a weighted  trace  of  C had  been  used,  it  would  have  been  a ellipse 
instead).  The  input  is  seen  to  generate  the  trajectory  to  touch  a smallest  circle  in  plan* 

in  10  seconds;  and  as  a result  of  this  formulation,  the  desired  accuracy  may  not  be  achieved.  On  the  other 
hand,  we  used  here  the  least  tine  to  touch  the  accuracy  target  as  the  criterion,  and  the  resulting  input 
guaranteed  that  the  desired  accuracy  was  obtained. 

4.2  Input  Design  to  Identify  Aircraft  Longitudinal  Short-Period  Paraaeters 


Consider  the  identification  of  the  stability  and  control  derivatives  for  the  longitudinal  short-period 
aquation*  of  rotion  of  a conventional  aircraft. 6 The  equations  of  notion  and  the  measurements  are  given  by; 


* m[\)  " (-Mn) 


Assim  that  the  measurement  noise  vector  v " ( V,  , Vx  ) 
mean  and  covariance  function 


is  independent,  Gaussian  white  noise  with  zero 


[v(t)vr(T)  J - °'°Z  ° S(t- T) 

1 ' ]_  0 0.04  _ 


and  that  the  nominal  values  of  the  derivatives  are  assumed  to  be 


Afi  • -1 .66 


■ -0.737 
• -0.00S 


Using  a fixed-tine  interval  if  • 4 sec,  and  using  the  input  energy  constraint, 

a 

/ ul(t)dt  --  VO, 

0 

a maximisation  of  the  trM  leads  n the  results6  shown  in  the  "optimal  input"  of  Table  II.  For  Che  sake  of 
facilitating  a direct  comparison  with  the  result  obtained  earlier  in  Reference  6,  it  was  assumed  that  the 
level  of  accuracy  desired  was  the  sane  as  that  produced  from  that  input.  The  control  excursion  permissible 
is  limited  to  only  * 8.792  degrees  (for  which  the  energy  is  less  than  310  for  4 seconds  with  bang-bang  input 
structure.  The  next  column  in  Table  II  shows  the  suboptimal  input  design  results.  To  achieve  or  exceed 
the  basic  specification,  it  requires  only  3.96  seconds  of  data  record  with  less  input  energy  than  that  for 
the  "optimal  input"  of  Reference  6 as  shown  in  the  third  column.  Note  that,  although  the  accuracy  (or  ) 
of  Af*  just  achieves  the  specificat ion,  the  remaining  four  parameters  considerably  exceed  the  accuracy 
speci fication.  Furthermore,  as  shown  in  Figure  5,  the  control  excursion  is  smaller  and  the  aircraft  motion 
is  smaller  for  the  suboptimal  input,  which  is  also  easier  to  implement  in  flight  testing.  The  last  column 
in  Table  II  shows  the  results  for  meeting  a 25#  more  accurate  criterion  than  the  basic  specification.  In 
this  example,  the  design  was  again  completed  in  a single  stage. 

4 . 3 X- 22 A Aircraft  Application 

The  suboptimal  input  design  scheme  was  also  used  to  design  control  surface  inputs  for  the  identifica- 
tion of  the  X-22A  aircraft  longitudinal  stability  and  control  parameters  at  certain  fixed  operating  points. 
The  data  used  for  the  input  design  are  shown  in  Table  III.  The  results  for  the  basic  design  are  shown  in 
Table  IV.  Because  the  desired  level  of  accuracy  was  not  very  high  in  this  example  (<rf-  desired  ranged 
from  )0  to  "C.  of  their  parameter  values)  the  design  was  again  carried  out  in  a single  st3ge  3S  was  done 
in  the  previous  two  examples.  It  interesting  to  point  out  that  the  "characteristic"  switching  frequency 

of  the  input  was  1.12  rad/sec,  which  lay  in  the  frequency  range  of  the  short  period,  2.19  rad/sec,  and  the 
phugoid,  A.  2"  rad/sec  of  the  aircraft  as  calculated  using  the  parameter  values  used  for  the  input  design. 


C„ er  runs  *ere  also  made  to  asses*  the  effects  of  changes  of  control  excursions  and  the  measure- 
ment r-i'C  le: el.  The  Je*igr.  results  are  shown  in  *h  last  two  columns  of  Table  IV,  designated  as  cases 
2 and  *,  re«- ect  i ■.  e i y.  Py  c — raring  these  two  case*  with  Case  1,  it  is  seen  that  an  increase  in  the  control 
author: tv  ;-;'reases  the  switching  frequency  and  shortens  the  data  length.  A decrease  m the  measurement 
nc,;«e  : * el  r,y  i fict^r  of  2 factor  of  4 for  R1  results  in  a variible  switching  frequency  and  as  night 
i.,:,.  ;■  t eu . shorten*  the  data  length  required  to  meet  the  same  desired  level  of  accuracy  . 


1 
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4.4  Application  to  a Medium  Transport  Aircraft 

Th«  purpose  of  thla  application  was  to  design  an  elevator  input  function  for  tha  idantlficatlon  of 
aight  longitudinal  stability  and  control  derivatives  of  a medium  transport  aircraft  to  within  10%  accuracy 
(in  tana  of  9)  for  all  the  aight  derivatives  shown  in  Table  V.  In  this  case  tha  dasign  was  completed  in 
two  stages,  because  the  level  of  accuracy  desired  for  all  the  paraaeters'  was  relatively  high.  In  the  ini- 
tial  attempts  to  coapleta  the  design  in  a single  stage,  it  was  observed  that  the  parameter  lgt  consistently 

failed  its  accuracy  test,  and  hence  the  necessity  for  aulti-stage  design  becaae  apparent.  As  shown  in 

Table  V,  the  first  stage  design  was  accomplished  by  relaxing  the  accuracy  for  tg  fron  10%  to  20%.  The 
length  of  the  data  record  required  to  aeet  this  relaxed  specification  was  12. OS  seconds. 

The  2nd  stage  design  was  performed  by  restoring  the  accuracy  for  ?/a  back  to  10%  and  reducing  the  value 

of  C in  Step  S froa  0.01  to  0.001.  Also,  in  an  attempt  to  reduce  t , , the  tiae  duration  required  to  aeet 
the  specification,  peraissible  control  authority  was  doubled  froa  * 1.5*  to  a 3*,  Figure  6 shows  the  re- 
sponses of  the  aircraft  to  the  coabined  subopt iaal  input.  It  is  interesting  to  note  that  the  two  character- 
istic frequencies  of  the  designed  input  again  lie  between  the  short  period  and  phugoid  frequencies  of  the 
aircraft. 

4.3  Application  to  a Large  Aircraft 


I 


The  objective  of  this  application  was  to  design  a better  flight  test  rudder  input  for  identification  of  I 

the  lateral-directional  stability  derivatives  and  rudder  control  derivatives  of  a large  aircraft  to  within 
a desired  level  of  accuracy.  The  data  used  in  the  input  design  are  shown  below.  They  include  the  equations 
of  notion,  initial  parameter  estimate  and  the  desired  accuracy  of  the  parameter  identification,  estimated  j 

error  of  the  response  variables  measured,  and  the  permissible  control  excursion. 


(a)  Equations  of  Motion 


(b) 


Initial  Parameters  Estimate  and  Desired  Accuracy  (c) 


Para. 

Actual 

Para. 

Initial 
Para.  Est. 

Desired 

Accuracy 

Unit 

L 

Values 
- 1.719 

Value 
- 1.375 

(a) 

0.138 

sec*1 

+ 

Lr 

1. 164 

1.397 

0.419 

sec'1 

V 

-31.49 

-2S.192 

7.558 

sec*1 

-1 

Lsr 

0.443 

0. 354 

0. 106 

sec 

-1 

*4> 

- 0.0078 

- 0.006 

0.003 

sec 

-1 

Vr 

- 0.3 

- 0.360 

0.036 

sec 

sec’1 

sec'1 

,V, 

3.686 

2.949 

0.295 

% 

- 0.679 

- 0.315 

0.082 

(y <£)*«. 

0.0194 

0.023 

0.006 

— 

(yrA Q-t 

- 0.9939 

- 1.193 

0.238 

— 

yy. 

- 0.161 

- 0.138 

0.041 

sec*1 

-1 

sec 

0.0135 

0.010 

0.005 

L'f 

’r 

P 

0 

i f 
. 1 

0 

d> 

0 

r 

0 

N i i 

*0 

ft 

0 

i 

i 

-/ 

_ *r_ 

10 

J 

, •< 

: 1 

(c)  Estimate  Measurement  Error  ( j 

: ! 

Me  as. 
Variables 

Unit 

Error 

(a) 

■P 

f 

deg/sec  0.02  j 

4 

deg 

0.02 

r 

deg/sec  0.02 

fl 

deg 

0.03 

deg 

0.007 

(d) 


Permissible  Control  Excursion 

\Srf>j  * 1 inch 

(8r  ) * 3.25  inch 

v rp'm*x 


As  can  be  seen  in  these  data,  the  initial  parameter  values  used  for  the  input  design  are  not  the  actual 
values;  they  are  about  201,  off  the  actual.  The  desired  accuracy  specifications  as  expressed  in  terms  of  <T 
are  approximately  10  to  30\  of  the  initial  parameter  values.  The  designed  input  is  shown  in  Table  VI  in 
which  the  effectiveness  of  the  subootimal  input  is  compared  with  that  of  the  conventional  rudder  doublet 
(with  its  "frequency**  approximately  equal  to  the  Dutch  roll  frequency).  Significant  improvement  of  the 
designed  input  over  the  conventional  input  is  clearly  shown. 

Table  VII  shows  the  sensitivity  of  the  designed  input  with  the  variation  in  the  control  excursion  (or 
authority)  permissible  and  the  level  of  the  measurement  noise.  Note  that  as  the  control  authority  enlarges, 
the  "switching  frequency"  increases  and,  of  course,  the  time  to  meet  the  identification  accuracy  specifica- 
tion ts  is  shortened.  Increasing  the  measurement  noise  level  slows  down  the  switching  frequency  and  in- 
creases . 


j 
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An  altamata  lit  of  Initial  pararatar  estimates,  desired  accuracy,  and  measurement  nolta  (ilgnlficintly 
hi|har  than  that  pravloualy  uaad)  aa  shown  below  was  alao  triad  for  rudder  Input  design.  The  initial  parar 
atar  aatiaata  waa  obtainad  froa  actual  idantiflcatlon  of  tha  paraaatara  froa  coaputar  generated  data  uaing 
a doublat  Input  and  including  aiaulatad  procaaa  and  aaaauraawnt  noiaaa.  Thla  axarciaa  waa  deaigned  to 
alaulata  tha  caaa  in  which  tha  initial  paraaatar  valua  uaad  for  tha  input  daaign  waa  obtainad  froa  a non- 
optiaal  input. 

(fe)'  Initial  Paraaatar  Catlaata  and  Daairad  Accuracy  (c)'  Eatiaatad  Maaauraaant  Error 


Actual 

Initial 

Daslrad 

Fan. 

Para. 

Para.  Ext. 

Accuracy 

Unit  Maasurad 

Error 

Values 

Valua 

Variablas 

Unit 

- 1.719 

- 1.31 

0.131 

sac'*  p 

deg/sac 

0.2 

A r 

1.164 

3.17 

0.774 

sac'1  0 

dag 

0.08 

-31.49 

-28 

5.6 

sac*1  r 

deg/sac 

0.04 

L*r 

0.443 

1.17 

0.234 

sac'1  fi 

deg 

0.04 

- 0.0071 

- o.afo* 

0.00608 

sac'  Sr 

dag 

0.007 

Nr 

- 0.J 

- 0.444 

0.0444 

sec"* 

"A 

3.686 

3.45 

0.345 

sec’* 

% 

- 0.679 

- 0.7 

0.7 

sec"* 

0.0194 

0.0204 

0.0041 

- 

fc/«H 

- 0.9930 

• 0.9886 

0.1977 

— 

V1 i 

- 0.161 

- 0.163 

0.0326 

sec"* 

Vx./Vf 

0.013S 

0.0128 

0.0026 

sec"* 

The  results  of  tha  input  design  are  shown  in  Table  VIII.  In  this  cast,  a two-stage  design  was  required 
to  aeet  the  specification.  The  first  stage  design  was  performed  by  relaxing  the  specifications  of  fJp  ,Y^/ , 
and  Yjr/vi  as  indicated  in  the  table.  The  designed  input  is  again  significantly  better  than  the  conventional 
rudder  doublet  input.  Aircraft  responses  to  the  subu|  t»— input  were  only  slightly  larger  than  those 
to  tht  -onventional  rudder  doublet  and  were  within  the  permitted  ranges. 

5.0  CONCLUSIONS 

The  following  conclusions  are  evident  froei  the  development  given  in  the  preceding  sections: 

(i)  The  time-optimal  control  formulation  proposed  in  this  paper  provides  a direct  answer  to  the  ques- 
tion of  the  length  of  data  record  and  the  corresponding  control  input  required  to  meet  the  par- 
axwter-accuracy  specification.  This  formulation  is  equally  applicable  to  linear  and  nonlinear 
flight  regimes. 

(ii)  This  new  formulation  removes  the  inherent  difficulty  associated  with  the  selection  of  a suitable 
index  of  performance  for  the  fixed  time- interva  1 formulation  of  input  design  in  the  identifica- 
tion of  aircraft  parameters. 

(lii)  This  new  formulation  can  mean  less  flight  time  for  data  gathering  and  less  time  and  money  for 

data  processing.  It  also  permits  a meaningful  trade-off  study  of  requirements  for  instrumentation 
accuracy  and  permissible  control  surface  excursions. 

(iv)  The  recursive  computation  of  the  error  covariance  matrix  is  a'useful  tool  to  determine  from  the 
existing  data  record  the  adequacy  and  the  lergth  of  the  data  record  required  to  meet  the  desired 
level  of  accuracy  of  the  parameter  identification.  It  also  permits  various  suboptimal  input 
designs  schemes  to  be  devised  using  the  time  rate  of  change  of  the  error  variances. 

(v)  The  suboptimal  input  design  scheme  proposed  in  this  paper  has  been  shown  to  give  better  results 
than  have  been  obtained  heretofore  using  the  fixed  time- interval  formulations.  It  gives  an 
input  function  which  is  effecti"e  and  easy  to  implement  for  flight  testing. 
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Figure  1 Target  Set  and  Time-Optimal  Trajectory 


Figure  2 Augmented  State  Spcce  and 
Time-Optimal  Trajectory 


Figure  4 Comparison  of  Two  Different  Inputs  on  Plane 
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Table  III 

X-22A  Aircraft  Data  for  Input  Design 
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DETERMINATION  OF  AERODYNAMIC  DERIVATIVES  FROM  TRANSIENT  RESPONSES  IN  MANOEUVRING  FLIGHT 

by 

A*  J**n  Rots 

Roys  I Aircraft  Establishment 
Fambo rough,  England 


SUMMARY 

Tha  papar  describes  some  of  the  work  done  in  aircraft  parameter  identification  at  RAE  Farnborough, 
at  the  Cranfield  Institute  of  Technology  under  UK  Government  sponsorship,  and  at  the  British  Aircraft 
Corporation  (Warton  Division). 

The  RAE  computer  programs  are  based  on  the  method  of  differential  corrections,  and  the  lateral 
program  is  being  applied  to  the  analysis  of  Dutch  roll  oscillations  of  aircraft  performing  high-g 
manoeuvres,  to  obtain  aerodynamic  derivatives  up  to  angles  oi  attack  near  the  onset  of  wing  rock. 

The  CIT  computer  program  includes  four  progressively  more  complicated  estimation  methods,  and 
reaulta  are  presented  for  the  longitudinal  response  of  the  slender  wing  research  aircraft  (HP  115).  Non- 
linear aerodynamics  s.a  shown  to  have  significant  effects  st  the  higher  angles  of  attack. 

Tha  BAC  computer  program  uses  a type  of  hill-climbing  technique,  and  has  been  used  to  obtain  deriva- 
tives from  latarsl  responses,  both  rapid  rolls  and  wing  rock. 


1 . INTRODUCTION 

The  art  of  obtaining  aarodynamic  derivatives  from  flight  records  has  bean  studied  and  practiced  in 
the  UK  uaing  varioua  methods  in  the  past  (time  vector,  Shinbrot,  analogue  matching  etc.),  but  application 
of  optimisation  techniques  has  only  received  serious  attention  comparatively  recently.  Computer  programs 
using  such  digital  methods,  which  have  been  successfully  implemented  at  the  Royal  Aircraft  Establishment, 
Cranfield  Institute  of  Technology  and  British  Aircra: t Corporation  (Warton  Division),  are  briefly  described 
in  this  paper  and  some  of  the  results  pertaining  to  aircraft  flying  at  high  angles  of  attack  are  presented. 

The  need  for  analysis  methods  which  could  be  used  for  nonlinear  equations  of  motion  became  apparent 
in  Aerodynamics  Department,  RAE  in  1968,  when  free-flight  model  tests  of  slender  aircraft  under  lifting 
conditions  exhibited  strong  coupling  between  longitudinal  and  lateral  responses.  Digital  computer  programs 
originally  developed  for  trajectory  and  response  analysis  of  rockets,  based  l the  Nevton-Raphson  technique, 
were  successfully  adapted*  to  the  transient  equations  of  motion  with  five  degrees  of  freedom,  and  the  same 
basic  analysis  method  is  now  being  used^  for  the  analysis  of  responses  of  full-scale  aircraft  (section  2). 

In  parallel.  Avionics  Department  at  RAE  developed  an  optimisation  method-*,  based  on  a hill-climbing  tech- 
nique, for  use  on  a hybrid  computer,  but  the  computer  time  required  for  convergence  has  proved  rather 
lengthy,  and  so  the  method  is  not  being  used  extensively. 

More  basic  research  into  the  development  and  use  of  computer  techniques  for  parametei  identification 
is  being  done  by  Dr.  Klein4  at  CIT,  under  research  contract  with  the  Procurement  Executive  of  the  Ministry 
of  Defence,  in  close  collaboration  with  Aerodynamics  Department  at  RAE.  The  analysis  methods  included  in 
the  current  ptogram  are  described  in  section  3,  and  are  extensions  of  the  Newton-Raphson  technique, 
yielding  and  making  more  use  of  statistical  information  than  the  current  RAE  programs. 

The  aim  of  the  Flight  Test  and  Aerodynamics  Departments  at  BAC  (Warton)  has  been  to  obtain,  in 
collaboration  with  their  Mathematics  Division,  a computer  program^  which  can  be  used  on  a routine  basis 
to  analyse  flight  records  almost  'on-line*  (section  3).  The  optimisation  technique  used  is  similar  to 
hill-climbing,  and  thus  differs  from  the  method  used  at  RAE  and  CIT,  but  as  yet  there  has  not  been  oppor- 
tunity to  compare  the  results  obtained  with  the  three  programs. 

Each  team  has  experience  of  analysing  the  classic  types  of  responses,  longitudinal  short-period,  and 
lateral  Dutch  roll  oscillations,  and  each  has  been  applying  the  methods  to  responses  which  cannot  be 
analysed  using  linear  techniques,  in  particular  to  lateral  responses  for  various  aircraft  at  high  angle 
of  attack  and  high  subsonic  Mach  number.  Results  for  two  aircraft  are  presented  in  the  descriptions  of  the 
work  at  RAE  and  BAC  (sections  2 and  4)  and  the  latter  also  includes  analysis  of  rapid-roll  manoeuvres. 

The  variation  of  some  of  the  derivatives  with  angle  of  attack  is  presented,  and  compared  with  tunnel  and 
estimated  values  where  available.  For  both  aircraft  considered,  the  trends  indicate  that  the  Dutch-roll 
oscillation  becomes  dynamically  unstable  as  angle  of  attack  is  increased,  so  that  the  uncotmnanded  wing- 
rock  oscillation  can  be  identified  with  a negatively  damped  Dutch-roll  type  of  motion. 

The  example  chosen^  from  the  analysis  done  at  CIT  (section  3.3)  is  the  highly-damped,  nonlinear 
longitudinal  response  to  elevator  pulse  of  the  HP  115  slender-wing  research  aircraft  throughout  its  angle 
of  attack  range.  In  this  case,  the  response  measurements  had  not  yielded  anv  quantitative  aerodynamic 
data  using  analysis  Lecnniques  available  when  the  measurements  were  obtained^.  The  effects  of  second- 
order  aerodynamic  derivatives  are  shown  to  be  significant  in  obtaining  a good  fit  to  the  response  data, 
but  their  values  cannot  be  derived  from  the  responses  available  for  analysis. 

The  fourth  parts  of  each  of  sections  2,  3 and  4 describe  briefly  the  possible  future  development  of 
the  three  computer  programs,  and  the  types  of  problem  likely  to  be  studied. 
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2. 

2.1  O**cription  of  xnxlyxix  ■•ttvxi 

Th»  computer  progrjao  currently  in  uxa  in  A«rodynimie,  Department,  RAX,  nri  developed*  for  tha 
analysis  of  tha  coup'ed  longitudinal  and  lateral  oacillationa  of  frea-flight  aodals  of  aircraft.  A digital 
aathod  of  analysis  became  necessary  when  aodals  were  flown  at  non-iero  lift  (on  a barrel-roll  trajectory), 
as  the  disturbances  applied  by  email  pulse  rockets  caused  significant  response  in  the  longitudinal  short- 
period  moJe  when  attempting  Co  excite  the  lateral  Dutch-roll  oscillation.  The  aerodynamic  derivatives 
were  obtained  successful ly®,  using  a Newton-Raphson  technique  to  give  an  iterative  optiaisation  procedure. 
The  same  basic  coaputer  progra  has  been  adapted^  for  a alysis  of  responses  of  full-scale  aircraft,  one 
(or  longitudinal  action,  and  one  for  lateral  notion  in  the  presence  of  longitudinal  disturbances.  The 
prograaa  have  also  been  aade  sore  versatile  than  the  original,  as  tha  parae.ers  to  be  identified  may  now 
be  specified  in  tha  data,  without  changing  the  program. 

The  cost  function  is  the  sea  of  the  squares  of  the  weighted  difference:  between  the  computed  instru- 
ment readings  and  Che  actual  recorded  readings,  and  the  unknown  parameters  ar •»  the  aerodynamic  derivaci-.es, 
the  initial  conditions,  and  the  instruaent  offset  errors.  The  corrections  required  for  the  updating  of 
the  paraaeters  at  each  iteration  are  obtained  from  Che  partial  derivatives  ' the  equations  of  motion  with 

respect  to  the  parameters.  Statistically  the  simplest  output  error  method  is  used,  with  no  process  noise 

assumed,  and  1 pr-jri  values  are  not  set  for  the  parameters.  The  relative  weighting*  applied  to  the 
instrtaMnC  readings  are  usually  chosen  according  to  the  magnitudes  of  the  responses. 

The  equations  of  motion  are  those  for  the  perturbations  in  the  response  variables  about  a trim 
state,  which  need  not  be  steady  level  flight,  and  at  present  only  linear  aerodj laoic  derivatives  are 
included.  In  the  program  for  Che  analysis  of  lateral  responses,  the  meisured  angle  of  attack  and  rate  of 
pitch  are  used  as  known  disturbance  inputs.  For  example,  tha  sideforce  equatiot  is  written  as 

v’  - y„v*  ♦ ypp*  ♦ yrr’  ♦ y,t’  * y^'  - V(r’  ♦ r^)  ♦ w(p'  ♦ pe> 

♦ ♦ i cos  sin  » , 

vh«rt  ' denotes  the  perturbation  fro«  the  trim  state,  denoted  by  the  suffix  's'.  The  steady  trim  value 

«w(  is  included  to  allow  the  total  measured  angle  of  attack  (w  » V sin  a)  to  be  used  in  the  pw  term,  and 
tne  total  computed  angle  of  bank  in  the  gravity  term. 

The  computed  instruaent  readings  are  obtained  from  the  steady  state  and  the  perturbations,  e.g.  the 

sideslip  vane  angle  at  x , x relative  to  the  centre  of  gravity  is  given  by 
a o 

B°  . i?°  jv'  ♦ ve  ♦ Xj (r1  ♦ r()  - *8(p'  ♦ p,)}/v  ♦ ES  , 
where  E?  is  the  offset  error  of  the  vane. 

The  complete  sets  of  equations  for  the  longitudinal  and  lateral  programs  are  give*  in  Ref. 2. 

2.2  Application  of  programs 

The  longitudinal  and  lateral  derivatives  of  the  Hunter  Mk.12  aircraft  in  l-g  flight  art  currently 
being  determined,  to  give  data  needed  for  fhe  next  phases  of  the  research  progmnne  on  manoeuvre-demand 
systems.  The  opportunity  is  being  taken  to  compare  results  from  the  responses  due  to  the  usual  control 
inputs  to  excite  short-period  and  Dutch  roll  oscillations  (elevator  doublet  and  rudder  pulse  respectively), 
and  from  responses  due  to  sequences  of  arbitrary  control  inputs. 

The  lateral  program  is  also  being  used  in  the  study  of  the  wing-rock  phenomenon*,  as  it  appeared 
f2w.j*  theoretical  estimates  that,  for  the  f»n.*t  Trainer  aircraft,  the  Dutch  roll  becomes  unstable  at  high 
angles  of  attack  and  high  subsonic  Mach  nmber.  A flight  test  programme  is  almost  complete,  in  which 
ranges  of  Mach  number  at  three  different  heights  are  covered,  throughout  the  angle  of  attack  range  from 
l-g  flight  up  to  and  including  the  onset  of  wing-rock.  The  test  procedure  for  the  pilot  is,  at  given 
Mach  mxnber  and  initial  height,  to 

(i)  increase  angle  of  attack,  in  a diving  banket  turn  until  buffet  and  subsequently  wing-rock 
occur* , 

(ii)  decrease  angle  of  attack  to  well  below  buffet,  and  excite  Dutch  roU  oscillation  with  a rudder 
pulse , 

(iii)  increase  angle  of  attack  to  near  buffet  onset,  and  excite  Dutch  roll  oscillation, 

fiv)  increase  angle  of  attack  further,  and  if  possible,  excite  Dutch  roll  oscillation  in  buffet, 

(v)  increase  angle  of  attack  until  onset  of  wing-rock. 

At  ?ach  test  poii*,  fi)  to  fv),  the  pilot  aims  to  maintaia  constant  angle  of  attack  and  Mach  ntr'ber. 
although  this  condi  »''n  is  very  difficult  to  achieve  at  the  higher  angles. 


* 'Wing-ro-k'  is  used  in  the  sense  of  gn  un  conn. -,n«ied  lateral  osc  i 1 1 at  i m ot  either  diverging  or  ste.i.fv 

amp  1 i tude . 
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The  analysis  began  with  the  raaponaa*  obtained  at  tha  lower  anglea  of  attack,  and  then  proceeded  to 
■elected  re l pomes  at  Che  higher  anglea  of  attack,  choaen  on  the  baaia  of  snail  variationa  in  a and  K . 
At  preaent,  tha  wing-rock  reaponaea  are  being  analysed  uaing  tha  equations  of  notion  with  linear  dcriva- 
tivea,  and  ao  divergent  and  steady  aaplltuda  oacillationa  are  treated  in  aeperate  portiona. 

Definition  of  the  steady  state  has  caused  difficulty,  aa  the  offset  arrora  of  the  race  gyros  appear 
to  vary  with  flight  condition,  and  bank  angle  cannot  be  recorded  with  the  instrumentation  available.  The 
equations  for  a ateady  co-ordinated  turn  have  bean  used  to  evaluate  p(,  q^,  r(,  aaauaing  that 

aero  errors  in  recorded  angle  of  attack  and  normal  acceleration  are  negligible. 

2.3  Keaulta  for  Dutch  roll  analyaia  (Cnat  aircraft) 

An  example  of  tha  measured  and  confuted  Dutch  roll  reaponaea  obtained  at  law  angle  of  attack  ia 
shown  in  Fly  I,  together  with  the  aileron  input  and  angle  of  attack  variation.  Corresponding  results  at 
higher  angle  of  attack  for  a Dutch  roll  in  buffet,  Fig. 2,  indicate  that  the  fit  obtained  ia  not  ao  cloae, 
but  ia  acceptable. 

The  preliminary  results  for  some  of  the  derivatives  are  shown  in  Fig. 3,  up  to  anglea  of  attack  just 
below  the  onset  of  wing-rock,  and  covering  the  Mach  number  range  0.72  to  0.82.  The  derivatives  and 

r 

C were  not  determined, but  kept  constant  at  their  estimated  values.  It  may  be  seen  that  the  values  of 
"p 

C are  cloae  to  the  tunnel  results,  and  maintain  a near-constant  level.  Tha  computed  values  of  C 
nB  *8 

irt  generally  larger  in  magnitude  than  the  tunnel  reeults,  but  may  indicate  a lose  in  C.  at  the  higher 

B 

angles  of  attack*  The  daoping-in-roll  derivative,  , has  greater  scatter  than  the  derivatives  due  to 

P 

sideslip,  but  the  mean  level  is  at  a lover  magnitude  than  the  estimated  variation.  It  does  not  appear 
possible  to  determine  the  damping- in-yaw  derivative,  C - C , aa  two  distinct  lavels  are  indicated 

“r  nS 

(with  large  cxpecced  errors)  at  the  higher  anglea  of  attack.  Currently,  acme  of  the  responses  are  being 

tested  to  ace  if  C can  ba  determined  instead,  aa  theoretical  work  hat  indicated  that  C may  have  a 

» n 

P P 

greater  influence  on  the  overall  damping  of  the  lateral  oscillation  than  C - C 

nr  n8 

2.4  Future  work 

The  analysis  of  wing-rock  oscillations  is  continuing,  the  aim  being  to  establish  the  adequacy  or 
otherwise  of  linear  aerodynamics  to  define  the  transient  flight  behaviour. 

In  addition  a projected  research  programme  on  a transport  aircraft  calls  for  the  identification  of 
aerodynamic  derivatives,  and  so  preliminary  consideration  is  being  given  to  the  representation  and 
analysis  of  a large  flexible  aircraft  for  which  the  rigid-body  and  bending  modes  may  interact  significantly. 


3.  WORK  AT  CRANFIELD  INSTITUTE  OF  TECHNOLOGY 


3.1  Description  of  analysis  methods 

The  research  on  aircraft  parameter  identification  at  Cranfield  Institute  of  Technology  is  supported 
by  MOD(PE)  contract,  and  has  been  directed  towards  analysis  of  responses  expected  to  be  difficult,  for 
example,  heavily  damped  oscillations,  rapid  rolling,  and  nonlinear  problems.  Some  of  the  work  has  been 
reported  elsewhere,  and  the  following  description  is  taken  mainly  from  Ref. 4. 

The  computer  program  developed  incorporates  four  methods  of  estimating  the  parameters,  and  is 
applicable  to  linear  and  nonlinear  problems,  The  four  methods  are  summarised  in  Table  1,  which  illustrates 
the  progressively  more  complicated  cost  functions  and  updating  used.  The  equation  error  method  is  only 
used  as  l start-up  procedure  for  the  output  error  methods  if  initial  guesses  for  the  parameters  are  not 
otherwise  available. 

The  weighted  least  squares  method  provides  unbiased  estimates  of  the  unknown  parameters  provided 
that  the  mathematical  model  of  the  notion  is  correct  and  there  is  no  noise  on  the  measured  inputs.  The 
weighting  matrix,  Wj  , applied  to  the  instrument  readings  is  kept  constant  throughout  the  iterations. 

The  maximum  likelihood  method  assumes  that  the  error  distribution  of  instrument  readings  ia  known, 
and  in  practice  is  taken  to  be  Gaussian.  The  weighting  matrix  Wj  is  updated  iteratively  as  the  inverse 
of  the  covariance  matrix  of  the  measurement  noise,  Wj  ■ Rj  * . This  method  usually  requires  more 
iterations  and  better  starting  estimates  than  for  weighted  least  squares,  and  so  it  is  useful  to  have  both 
methods  in  the  same  computer  program,  with  control  switched  as  the  iteration  proceeds. 

In  the  Bayesian  method  of  estimation,  the  unknown  parameters  are  treated  as  random  variables.  If 
Gaussian  distributions  are  assumed,  then  the  weighting  applied  to  the  parameter  corrections  is  obtained 
from  the  covariance  matrix  of  the  a priori  known  parameters.  Again,  it  is  profitable  to  progress  from 
maximum  likelihood  to  Bayesian  methods. 

The  nonlinear  problems  are  covered  by  the  same  computing  algorithm  used  for  the  linear  equations  of 
motion,  by  introducing  the  augmented  input  vector,  which  includes  the  nonlinear  terms  with  the  input 
variables.  The  basic  program  contains  the  linear  aerodynamic  derivatives,  either  for  longitudinal  or 
lateral  responses,  and  a separate  subroutine  is  prepared  for  each  nonlinear  problem  considered. 


{ 
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Thn  iaatrumancation  uauatd  conalata  of  tha  u.iual  accalaromatari,  rata  gyro.  and  incidanca  probaa. 
corractad  for  eranaducar  poaitiona  and  tha  raapoaaaa  to  ba  flttad  ara  aalaetad  according  to  tba  actual 
flight  inatnaMStatioa. 

Tha  achaaa  haa  baan  iaplaaancad  at  C1T  oa  a aaall  computar  using  aa  intarmadiata  laval  intarpratativa 
laaguaga  which  waa  daaignad  spacif ically  for  axparlaantal  data  analysis  applications,  as  daacribad  by  its 
originator  in  Haf.10.  Tha  laaguaga  offers  conaidarabla  operational  flaxibility,  enabling  acquisition, 
scaling,  transformation  and  procaasing  rt  data  to  taka  placa  without  intarnadiata  storage,  and  allowing 
'hands  on'  control  even,  under  soma  circias tenets , during  program  asacution.  Tha  consequences  of  this 
last  feature  ara  that  wayward  runs  can  often  ba  'rescued'  without  tha  need  for  restarting  tha  entire 
process,  and  that  tha  general  progra  can  ba  incorporated,  without  modification,  into  a epecial  purpose 
program  to  enable  data  to  ba  input  and  output  in  a user-orienttd  format.  The  disadvantage  of  tha  language 
is  tha  relative  slowness  of  execution  due  to  its  intarpratativa  nature.  FORTRAN  versions  of  tha  program 
ara  to  ba  prepared,  for  general  usa  on  other  computers. 

3.2  Application  of  programs 

Tha  longitudinal  responses  obtained  on  the  Bassett  variable  stability  aircraft**  for  'extreme* 
characteristics  have  been  analysed,  altering  tha  derivatives  C , C and  C to  give  negative  static 

*a  ®o  ®q 

margin,  and  low  and  high  values  of  damping.  In  all  cases  tha  fit  between  measured  and  computed  responses 
is  satisfactory,  and  the  derivatives  obtained  with  acceptable  accuracy.  The  lateral  responses  vere  used 
to  study  tha  effects  of  making  large  changes  in  individual  derivatives.  The  results  showed  that  changes 
in  mode  characteristics  and  no  appropriate  changes  in  control  input  resulted  in  strong  correlation  between 
parameter  estimates,  causing  decreased  identifiability  for  some  parameters. 

The  MS 760  Paris  aircraft  has  also  been  used  for  parameter  identification  studies,  both  for  longitudinal 
and  lateral  responses,  and  a study  waa  made  of  different  input  forma.  Simulated  rapid  rolling  responses 
(using  North  American  F-100  data)  have  been  analysed,  fitting  the  lateral  responses  in  the  presence  of 
'measured*  longitudinal  responses.  The  results  of  these  three  computational  experiments  are  reported  in 
Kef. 4. 

The  computer  program  has  also  been  used  to  analyse**  tha  highly-damped  longitudinal  response  of  tha 
HP  IIS  slander-wing  research  aircraft  throughout  its  angle  of  attack  range.  Although  strictly  this 
example  is  not  in  the  category  of  'manoeuvring  flight'  (the  tests  being  carried  out  at  nominally  l-g 
conditions),  the  large  angles  of  attack  achieved  make  it  non-standard  as  regards  usual  identification 
problems,  and  so  the  results  are  included  in  this  Report  (section  3.3). 

As  expected  in  a research  programs  which  it  deliberstely  aimed  at  difficult  caaea,  a number  of 
problems  have  arisen,  some  of  which  have  yet  to  be  solved  (section  3.4).  The  problems  of  including  non- 
linearities  in  'he  mathematical  model  hat  been  overcome,  from  a computational  point  of  view,  by  considering 
the  nonlinear  terms  to  be  additional  inputs  to  the  system,  as  mentioned  previously.  The  problem  of 
modelling  a complicated  system  raises  the  fundamental  question  of  how  complex  the  model  should  be,  the 
best  relationship  between  complexity  and  measurement  information  not  being  clear.  If  too  many  unknown 
parameters  are  sought  for  a limited  amount  of  data  then  a reduced  reliability  of  evaluated  parameters  can 
be  expected,  or  attempts  to  identify  all  parameters  might  fail.  Allied  with  this  uncertainty  is  the 
choice  of  input  form,  which  is  being  studied  as  opportunity  arises.  Divergence  only  occurs  rarely,  due 
to  the  progressive  nature  of  the  fitting  process;  however,  difficulty  arises  in  deciding  whether  the 
estimated  values  of  the  parameters  are  meaningful,  and  whether  the  optimum  set  of  parameters  have  been 
chosen  for  analysis.  Criteria  for  assessment  are  being  tested,  but  no  recommendations  are  possible  as  yet. 

3.3  Results  for  longitudinal  responsa  analysis  (HP  115  aircraft) 

The  experimental  data  haa  been  taken  from  flight  measurement!  of  the  longitudinal  ahort-period 
oscillation  of  a slender-ving  research  aircraft,  excited  from  straight  and  level  steady  flight  by  elevator 
deflections,  at  different  airspeeds  between  70  and  160  kn.  The  resulting  airspeed  changes  during  the 
transient  motion  were  negligible.  The  response  variables  analysed  were  rate  of  pitch  and  normal  accelera- 
tion, with  elevator  angle  as  the  control  input.  The  angle  of  attack  measurements  vere  found  to  be  suspect, 
due  probably  to  vane  stiction,  and  so  were  not  included  in  the  analysis. 

On  che  basis  of  wind-tunnel  tests  and  preliminary  flight  measurements,  the  normal  force  and  pitching 
moaent  were  assumed  Co  have  derivatives  with  respect  Co  a,  q,  n,  q,  a ‘ , qa  and  qa  . It  was  found  chat, 
at  the  lower  angles  of  attack,  a good  fit  could  be  obtained  using  zero  values  for  all  the  second  order 
derivatives,  and  for  C and  C (Fig. 4).  For  most  responses,  C and  C had  Co  be  fixed  at 
n n q n 

values  measured  in  the  wind-tunnel  and  in  steady  flight  respectively.  The  vclues  of  the  parameters  were 
compared  with  those  obtained  from  (i)  application  of  the  maximum  likelihood  technique  in  the  frequency 
domain,  and  (ii)  the  nonlinear  model,  with  a priori  values  assigned  to  the  analysed  derivatives.  The 
three  sets  of  values  agreed  well,  usually  within  the  indicated  errors,  but  the  fit  obtained  for  the  normal 
acceleration  was  significantly  better  with  the  nonlinear  model. 

At  high  angles  of  attack,  the  linear  model  was  found  to  be  inadequate,  *he  mismatch  in  normal 
acceleration  being  observable  in  Fig. 5.  The  introduction  of  the  nonlinear  terms  reduces  this  error,  and 
the  resulting  autocovariance  function  is  quite  close  to  that  of  white  noise  (see  Fig. 5).  The  use  of  the 

nonlinear  model  also  had  a significant  effect  on  the  damping-in-pitch  derviative,  C ♦ C , which  was 

m m* 

q a 

strongly  correlated  with  C tor  the  linear  model.  The  remaining  derivatives  did  not  differ  significant ly 

a 

from  chose  derived  with  the  linear  model. 
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Tka  ratulcin,  variation  of  tha  tatlaacad  derivative.  vith  angle  of  attack  la  ahovn  in  Flge.Ta  and  b, 
together  with  rvaulta  iron  wind-tunnal  and  atcady  flight  taatl  whara  availabla.  Tha  tranda  of  C and 

12  ® 

Ca  with  incraaalng  angla  of  attack  agraa  wall  with  tha  tunnal  multi  , although  tha  ganaral  laval  of 

n 

is  clossr  co  chs  results  fro«  sttady-ststs  flight  tests,  Ac  ths  higher  ingles  of  sttsck  Che  values  of 

n 

and  ♦ C depart  slightly  fro»  the  tunnel  results  (those  for  darping-in-picch  derivative  being 

a q a 

taken  fro*  a slsnder-wing  model  of  similar  planform). 

Comparisons  were  also  made  between  results  obtained  from  responses  due  to  different  types  of 
elevator  input:  stick-forward  pulse  and  square  pulse,  and  stick-back  sharp  pulse.  The  letter  was  not  so 
effective  in  exciting  good  responses  for  analysis,  one  set  of  parameters  demonstrating  this  being  the 
average  values  of  the  partial  derivatives,  3q/3C  , 3n  /3C  etc.,  which  were  numerically  smaller.  The 

a a 

responses  vith  effective  inputs  were  analysed,  using  the  nonlinear  model  to  give  reeulta  for  C , C end 

2n  zn 

Ca<  , shown  in  Fig. 7b.  Preliminary  examination  of  the  flight  records  had  indicated  the  possible  presence 
n 

of  lift  and  moment  due  to  rate  of  application  of  elevator  control,  and  the  degree  of  consistency  through- 
out the  angle  of  attack  range  seems  to  substantiate  the  existence  of  significantly  large  values  of  C 

n 

and  for  slender  aircraft  with  trailing  edge  controls. 

n 

3.4  Future  work 

It  ia  envisaged  that  the  tests  currently  being  flown  using  the  Folland  Gnat  aircraft  in  the  RAK  wing- 
rock  investigation  will  be  analysed  at  Cranfield,  to  supplement  the  parameter  identification  results  being 
obtained  at  the  RAE  (section  2).  In  parallel  vith  this  work,  the  theoretical  background  and  computational 
implementation  of  methods  to  analyse  flight  responses  containing  inputs  from  atmospheric  turbulence  are 
being  studied,  and  further  nonlinear  responses,  in  particular  helicopter  data,  are  to  be  analysed. 

4.  WORK  AT  BRITISH  AIRCRAFT  CORPORATION  (WARTON) 


4.1  Description  of  analysis  method 

The  Flight  Test  and  Aerodynamics  Departments  at  BAC  (Warton)  have  used  various  methods  in  the 
analysis  of  flight  records  of  military  aircraft,  for  example.  Lightning,  TSR2,  Jaguar15***,  to  obtain  both 
performance  and  handling  parameters,  and  aerodynamic  derivatives.  Experience  is  now  being  gained  in  using 
a digital  computer  program5  based  on  a least-squares  technique,  to  obtain  aerodynamic  derivatives  needed 
to  establish  handling  boundaries  for  flight  clearance. 

The  error  between  measured  and  computed  response  time  histories  is  expressed  as  a sum  of  squares  and 
to  this  is  added  a similar  term  for  the  a priori  weighting  to  give  the  cost  function 
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The  responses  z.^  measured  at  time  points  are  matched  to  the  computed  response  z.  . . 

The  unual  number  of  responses  is  five,  namely  sideslip,  roll  rate,  pitch  rate,  yaw  rate  and  normal  accel- 
erate ( n factor.  Oj  ia  the  standard  deviation  of  the  noise  assumed  on  response  'j*,  and  is  usually  chosen 

to  b'  the  accuracy  to  which  the  appropriate  instrumentation  can  measure,  although  the  value  may  subsequently 
be  updated  (but  not  automatically)  on  the  basis  of  results  obtained. 

A total  of  Nc  derivatives  are  variable,  and  are  to  be  found,  c;  being  the  current  value  of  the 
ith  derivative,  and  cq.  being  its  a priori  value,  u.  is  the  ’uncertainty'  of  variable  'i',  and 
represents  the  confidence  level  of  the  value  c . , i.e.  it  is  b ' ieved  that  the  correct  value  of  c. 

. . oi  i 

lies  m the  region  cq^  ± u.  . The  values  of  have  usually  to  be  chosen  on  past  experience. 

The  scaling  factor  K affects  the  relative  weightings  between  the  response  part  of  the  cost  function 
and  the  a priori  part.  K is  normally  set  to  unity,  although  sometimes  a value  of  zero  is  used  to  obtain 
the  best  possible  fit,  ignoring  a priori  values. 

The  cost  function  is  minimised  using  Powell's  method1^  for  minimising  a sum  of  squares  without 
calculating  derivatives,  and  so  differs  from  the  techniques  used  in  the  RAE  and  CIT  programs.  The  varia- 
tion of  responses  with  the  derivatives  is  obtained  by  a purely  numerical  process. 


The  mathematical  model  of  the  equations  of  motion  contains  the  five  degrees  of  freedom  a,  8,  p,  q, 
r,  in  terms  of  their  increments  An  etc.  from  the  initial  trimmed  state.  The  aerodynamic  forces  and 
moments  are  expressed  as  the  usual  derivatives,  together  with  second  order  derivatives  with  respect  to 
angle  of  attack,  and  control  defections.  Also  included  are  engine  gyroscopic  contributions.  The  attitude 
of  the  aircraft  is  represented  by  the  direction  consines  of  the  body-fixed  axis  system  relative  to  earth. 
The  computed  instrument  readings  for  a,  8 and  az  are  corrected  for  transducer  positions  relative  to 
the  eg. 
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4.2  Application  of  the  propria 

Tha  ala  ia  to  protaaa  and  analyse  flight  data  la  parallal  with  tha  fllght-taat  programa,  and  ao 
tha  analysis  program  baa  baaa  aada  compatible  with  othar  conputar  prograaa  and  data  stores,  to  giva 
accptabla  turn-round  tinaa  between  flight  experiment  and  tha  obtaining  of  analysed  raaulta.  Tha  flight 
data  ia  taken  fro a tha  conputar  fila  atoring  all  tha  ralavant  flight  taat  runa,  and  tha  initial  catiaataa 
of  tha  derivatives  an  intarpolatad  from  tha  data  in  tba  derivative  fila  atom.  Thaaa  latter  may  ha 
ovarwrittan  by  aithar  arithnatic  or  algebraic  valuaa  obtained  froc  othar  aourcaa. 

Results  have  bean  obtained  fron  raaponaaa  due  to  atick  jarka  and  alee*  rudder  doubleta  in  level 
flight,  (exciting  tha  longitudinal  abort  period  and  lateral  Dutch  roll  oacillationa  reapectivaly) , fron 
Dutch  rolla  excited  during  high-g  turna,  and  fron  rapid  roll  raaponaaa,  again  at  high-g.  Tha  latter 
amoeuvre  la  defined  by  tha  control  aequanca:  elevator  to  giva  required  g-lavel  in  turn,  then  atap  input 
to  aileron  (or  roll  control),  with  elevator  and  rudder  held  nominally  conetant.  Mo  attempt  haa  been  node 
to  modify  thaaa  atandard  taat  techniquea,  aa  they  uaually  yield  aufficient  information  for  flight  clearance. 
Inatead,  tha  advantage  of  the  preaent  analyaia  method  ia  tha  ability  to  uae  more  of  the  flight  recorda  ao 
obtained,  in  tame  of  including  tranaient  motion  due  to  control  inputa  exciting  tha  reaponae,  without 
recourea  to  handmatching.  To  data,  over  200  rapid  roll  raaponaea  have  been  matched,  half  of  them  requir- 
ing little  effort  from  tha  analyata,  but  202  requiring  conaiderable  effort  to  achieve  a good  amteh.  In 
addition,  about  60  raaponaaa  at  high  angle  of  attack,  mainly  wing  rock,  have  been  conaidered.  152  of 
thaaa  bad  to  be  abandoned,  due  to  limitationa  in  tha  preaent  matheemtical  model  which  only  includea  linear 
variation  of  tha  lateral  darivativaa  with  angle  of  attack,  and  tha  remaining  reaponaea  required  aome  effort 
to  analyea. 

Tha  raaponaaa  in  rapid  rolling  have  bean  uaed  to  obtain  darivativaa  at  relatively  high  anglea  of 
attack,  including  tha  derivativa  CQ  , yawing  moment  due  to  rata  of  roll,  and  to  obtain  aignificant  croes- 

P 

coupling  darivativaa.  The  need  to  aatablieh  quickly  tha  trenda  of  darivativaa  with  increaaing  angle  of 
attack  and  Mach  number,  in  order  to  define  tha  conditione  for  tha  next  flight  teat  in  tha  aeriea,  haa 
been  tha  main  impatua  in  developing  tha  preaent  coaqmtar  program. 

Moat  of  tha  problem  encountered  in  uaing  tha  program  have  been  related  to  the  experimenta  at  high 
anglea  of  attack.  Originally  tha  computer  program  required  analyaia  to  atart  from  a trimmed  atate,  but 
haa  now  been  modified  to  allow  for  initial  accelerationa,  ao  that  more  flight  recorda  may  be  analyaed. 

Tha  dattac  ahifta  (zero  errora)  on  tha  instrumentation  are  currently  eatimated  from  flight  recorda  taken 
during  trimmed  flight,  which  nay  lead  to  earn*  underteinty.  Aa  in  the  work  at  RAE,  it  ia  not  eaay  to 
obtain  recorda  of  wing-rock  for  relatively  ateady  valuea  of  angle  of  attack  and  Mach  number,  ao  that  the 
choice  of  time  hiatoriea  to  be  analyaed  neada  to  be  made  by  an  experienced  flight  analyat.  In  fact,  there 
ia  general  agreement  among  reaearch  workera  in  the  United  Kingdom  that  an  important  factor  in  making 
efficient  uae  of  the  analyaia  programa  auch  aa  thora  deacribed  in  thia  Report  ia  the  active  collaboration 
of  both  Flight  Teat  end  Flight  Dynamic a teame,  to  monitor  the  vork  being  done.  Experience  ia  being  gained 
in  interpreting  the  varioua  error  parametera  available  from  the  computer  output,  in  particular  the  eenai- 
tivitiaa  of  reaponae  variablea  to  tha  parametera,  and  tre  errora  in  the  reaponaea. 

4.3  Results  for  rapid  rolling  and  wing-rock  (confcat  aircraft) 

The  HAC  raaulta  preaented  hare  were  obtained  from  matching  the  lateral  reaponaea  of  a fighter-atrike 
aircraft,  at  high  anglea  of  attack. 

The  aircraft  exhibita  wing-rock  and  a departure  termed  'yaw  off'  by  the  pilota,  but  both  character- 
ietice  have  been  ahown  to  be  identified  with  dynamic  inatability  of  the  Dutch  roll  oacillation,  that  ia, 
loaa  of  damping.  Soma  rapid  roll  reaponaea  were  alao  analyaed,  and  a ample  of  the  reaulta  ere  preaented 
here.  Figa.S  and  9 ahow  the  meaeured  and  computed  reaponaea  obtained  in  rapid  rolla  and  ving-rock 
reapectivaly,  and  variatione  of  tha  derivativea  with  angle  of  attack  are  given  in  Fig. 10.  Some  eetimates 
of  the  derivativea  have  alao  been  made,  baaed  on  tunnel  teata  and  trenda  in  the  calculated  Dutch  roll 
characteristics,  and  are  ahown  for  cocg>ariaon.  In  thia  analyaia  of  the  flight  data,  the  derivativea  due 
to  rate  of  yaw  were  kept  conetant  at  their  a priori  veluea. 

The  yawing  moment  due  to  aidealip  becomea  negative  at  tha  higher  anglea  of  attack,  but  the  rolling 
moment,  C , ia  aufficiently  large  and  negative  to  maintain  the  Dutch  roll  mode  aa  an  oacillation.  The 
8 

trenda  of  the  derivativea  due  to  rate  of  roll  with  increaaing  angle  of  actack  both  have  adverse  effects 
on  Dutch  roll  damping,  the  rolling  moment  decaying  tovards  zero,  and  the  yawing  moment  becoming  significantly 
negative.  The  decay  in  Ct  had  been  anticipated  in  the  estimate,  but  the  marked  variation  of  C was 
unexpected.  p p 

Analyaia  of  flight  recorda  of  other  configurations  of  the  aircraft  has  shown  that  the  rolling  moment 
due  to  aidealip  ia  highly  dependent  on  the  type  of  store  load,  although  the  other  derivatives  were  not  so 
sensitive.  (With  stores,  C ia  of  course  less  positive.) 

8 

4.4  Future  work 

The  computer  progrmn  ia  currently  being  streamlined  further  for  use  on  a routine  basis,  and  a study 
is  being  made  of  the  effects  of  choice  of  confidence  limits  in  Che  a priori  values  of  derivatives  in  order 
to  obtain  a simplified  guide.  The  uae  of  the  correlation  matrix  to  decide  on  parameters  to  include  in  the 
analysis  ia  also  to  be  investigated. 

Possible  extensions  to  the  progr®  are  to  account  for  variations  in  forward  speed  (six  degrees  of 
freedom),  end  to  include  further  nonlinear  aerodynamics,  probably  by  combining  linear  increments  with 
given  forma  of  variation  with  angles  of  attack  and  aidealip. 
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s.  concurs  ions 

Tba  digital  computer  program  davalopad  in  thraa  eantras  in  tha  UK  ara  thawing  themselves  to  ba 
capable  of  identifying  tha  taro dynamic  darivativat  from  ratponaaa  obtainad  ia  manocvuree  at  high  aagla  of 
attack,  although  cara  and  judgaaant  ara  naadad  in  aaaataing  tha  raaultt. 

At  UI  and  C1T  tha  availabla  computer  pregrame  ara  proving  to  ba  valuabla  toola  in  tha  raaaarch  work 
on  wing-rock,  tha  flight  msaaurementa  of  ratpontat  being  uaad  to  obtain  valuta  of  darivativea  which  can 
halp  idantify  tha  baaic  aarodynaaica  of  tha  phenomenon.  Tha  Cranfiald  program  haa  alto  been  applied 
aucceaafully  to  tha  analyaia  of  longitudinal  reapcnaea  dua  to  nonlinaar  aerodynamic  forcaa  and  moomnte. 

In  an  aircraft  firm,  auch  aa  SAC,  tha  eophatia  must  ba  on  having  mat hod a of  analyaia  which  giva  quick 
and  reaaonably  accurata  reaulta  for  aerodynamic  darivativea,  to  ba  uaed  aa  background  information  in  the 
aaaeaamant  of  flying  qua'itiaa  of  an  aircraft  in  ita  varioua  conf igurationa  and  throughout  ita  flight 
anvalopaa.  Application  of  tha  analyaia  program  to  meaaurementa  at  tha  extremes  of  tha  flight  envelopa  haa 
given  aerodynamic  derivative  data  which  ia  currently  not  availabla  from  wind-tunnel  teata. 
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ADVANCEMENT  IN  PARAMETER  IDENTIFICATION  AND  AIRCRAFT  FLIGHT  TESTING 
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SUMMARY 

This  paper  presents  results  from  an  ongoing  program  at  the  Naval  Air  Test  Center 
to  develop  parameter  identification  technology  with  specific  emphasis  placed  on  studies 
conducted  in  parameter  identif iability  and  "optimal"  control  inputs  for  parameter  esti- 
mation. Navy  applications  for  parameter  identification  technology  are  discussed  with 
specific  areas  in  aircraft  stability  and  control  testing  outlined.  Specific  criteria 
required  for  defining  optimal  control  inputs  and  establishing  parameter  identif iability 
are  discussed.  Parameter  identification  results  from  the  analysis  of  flight  test  data 
are  presented  which  establish  the  need  for  considering  input  design  in  planning  tests 
for  extracting  aerodynamic  coefficients  from  flight  test  data.  Parameter  identif iability 
results  for  specific  control  inputs  used  are  presented.  In  cases  where  identif iability 
problems  are  shown  to  exist  the  use  of  a rank  deficient  solution  to  improve  parameter 
identifiability  is  demonstrated. 
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SYMBOLS 

acceleration  in  Z axis 
lateral  acceleration 
acceleration  due  to  gravity 

distance  from  center  of  gravity  to  angle  of  attack  vane 
distance  from  center  of  gravity  to  sideslip  vane 
Dutch  roll  root  residue 
steady  state  gain 

root  locus  gain  for  the  roll  rate  to  aileron  transfer  function 

angle  of  attack  vane  scale  factor 

sideslip  vane  scale  factor 

pitching  moment 

pitching  moment  derivative 

yawing  moment 

yawing  moment  derivative 

transfer  function  numerator  polynomial  for  the  x to  y transfer 
function 

normal  acceleration 
random  white  noise 
rolling  moment 
rolling  moment  derivative 
roll  rate 
pitch  rate 

measurement  noise  covariance  matrix 
yaw  rate 

laplace  operator 

transpose 
cost  function 
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longitudinal  airspeed 
longitudinal  trim  airspeed 
eigenvector 
longitudinal  force 
longitudinal  force  derivative 

side  force  * 

side  force  derivative 

vertical  force 

vertical  force  derivative 

angle  of  attacx 

gust  angle  of  attack 

sideslip  angle 

gust  sideslip  angle 

characteristic  equation 

aileron  position 

elevator  position 

rudder  position 

damping  ratio 

pitch  angle 

eigenvalue 

standard  deviation  of  the  x calculated  response  with  respect  to 
the  x measured  response 

roll  mode  time  constant 

spiral  mode  time  constant 

roll  "angle 

gust  break  frequency 
natural  frequency 

index 
measured 
short  period 


INTRODUCTION 

The  Naval  Air  Test  Center  (NATC)  is  conducting  a research  program  to  develop  air- 
frame parameter  identification  technology  for  use  in  flight  testing  Navy  aircraft.  This 
program  was  initiated  in  1971  between  the  Naval  Air  Systems  Command  (NAVAIR)  and  NATC. 
During  this  same  time  period  the  Office  of  Naval  Research  (ONR)  issued  a contract  to 
Systems  Control,  Inc.  (SCI)  to  advance  the  state-of-the-art  in  parameter  identification 
methods.  In  1973  a concentrated  effort  was  conducted  by  the  Navy  to  continue  the 
development  of  this  new  technology  by  forming  a joint  program  between  NATC,  NAVAIR,  ONR 
and  SCI.  This  paper  will  present  the  results  of  this  joint  program  to  date  including  a 
discussion  of  Navy  applications  for  parameter  identification  and  flight  test  results. 

BACKGROUND 

Many  flight  test  applications  of  airframe  parameter  identification  techniques  have 
surfaced  in  recent  years  as  the  technology  in  this  field  has  continuously  increased. 

For  example,  the  determination  of  the  compliance  of  an  aircraft's  flying  qualities  with 
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th«  requirements  of  military  specification  MIL-F-8785B  (reference  (1))  has  long  been  a 
costly,  time  consuming  facet  of  aircraft  flight  testing.  However,  it  now  appears 
possible  that  a considerable  portion  of  the  flight  test  program  can  be  eliminated  through 
use  of  airframe  parameter  identification.  This  recent  technology  would  be  employed  to 
extract  the  aircraft  stability  and  control  derivatives  from  data  obtained  through  a 
limited  number  of  flight  tests.  These  derivatives  in  turn,  would  be  used  to  verify  the 
aircraft's  compliance  with  the  military  specification  requirements.  In  addition,  the 
steady  growth  in  the  complexities  of  these  aircraft  specification  requirements  and 
automatic  landing  systems  have  changed  the  complexion  of  the  requirements  set  upon  the 
flight  test  community  for  data  accuracy  and  evaluation  techniques.  These  new  require- 
ments for  improved  data  accuracy  and  more  complicated  evaluation  techniques  can  be  ful- 
filled by  using  this  new  airframe  identification  technology.  Thus  the  desire  to  reduce 
the  amount  of  flight  time  spent  on  specification  testing  and  the  increased  complexity  of 
aircraft  systems  and  specification  requirements  has  prompted  the  development  of  airframe 
parameter  identification  technology  at  NATO. 

SCOPE  OF  INVESTIGATION 

During  the  parameter  identification  program  at  NATC  beginning  in  1971,  both  classical 
and  advanced  airframe  parameter  identification  methods  have  been  studied.  This  approach 
was  taken  in  order  to  develop  a wide  spectrum  of  experience  in  parameter  estimation  theory 
and  applications.  Classical  methods  that  were  programmed  during  this  period  are  analog 
matching,  least  squares,  z-transform,  Fourier  transform,  and  Newton- Raphson . (Results 
from  these  earlier  programs  are  published  in  references  2 and  3.)  The  advanced  statisti- 
cal method  that  has  been  programmed  is  the  maximum  likelihood  approach  to  parameter 
identification.  This  later  effort  is  the  topic  of  this  paper  with  emphasis  placed  on 
parameter  identif iability  studies  conducted.  The  major  efforts  in  this  area  have  been 
in  establishing  criteria  for  the  dete  nination  of  "optimal"  inputs  for  parameter  esti- 
mation and  identifiability  of  system  parameters. 

A flight  test  program  was  conducted  in  support  of  the  development  of  the  maximum 
likelihood  parameter  identification  algorithm.  The  purpose  of  this  flight  test  program 
was  to  gather  data  to  exercise  the  parameter  identification  algorithms  programmed  apd 
to  determine  the  proper  data  gathering  procedures.  This  later  task  is  the  major  effort 
in  this  program  and  its  objective  is  to  determine  the  effects  of  control  system  inputs 
parameter  identification  estimates.  The  determination  of  the  proper  data  gathering 
procedures  is  basically  an  experimental  study  to  solve  the  parameter  identifiability 
problem  by  determining  an  "optimal"  control  input  that  will  result  in  the  "best"  parameter 
estimates.  The  types  of  control  inputs  that  are  being  used  to  generate  data  in  the 
longitudinal  axis  are  pulse,  step,  doublet,  sine  wave,  variable  frequency  sine  wave,  and 
random.  Aileron  pulse,  aileron  step,  aileron  doublet,  rudder  doublet,  aileron-rudder 
doublet,  aileron  sine  wave,  rudder  sine  wave,  and  aileron-rudder  sine  wave  inputs  are 
being  used  to  excite  the  airplane  motion  in  the  lateral-directional  axes.  The  F-14A 
airplane  BuNo  157987  was  the  flying  test  bed  for  this  program  and  during  the  period 
May  1974  to  September  1974  eight  flights  were  flown  to  obtain  flight  test  data.  During 
these  flights,  195  maneuvers  (inputs)  were  performed  to  collect  data  for  the  input  design 
experiments.  Tests  were  conducted  in  the  cruise  and  power  approach  configurations  at 
flight  conditions  of  approximately  0.6  Mach  at  15,000  an.’  30,000  feet  altitude. 

FLIGHT  TEST  APPLICATIONS 

Navy  applications  for  airframe  parameter  identification  technology  include  stability 
and  control  testing,  system  simulation,  establishment  of  a data  base  for  operational 
flight  trainers,  and  the  determination  of  aircraft  frequency  response  for  evaluation  of 
automatic  carrier  landing  systems.  The  basic  procedure  used  is  to  first  estimate  the 
aircraft  parameters  of  interest  over  the  required  flight  envelope.  These  estimated 
parameters  are  then  used  to  determine  aircraft  stability  and  control  characteristics, 
operational  flight  trainer  data  base,  or  frequency  response.  The  following  section  will 
be  limited  to  a discussion  of  the  Navy  applications  of  parameter  identification  to 
aircraft  stability  and  control  testing. 

Flying  Qualities  Specification  Compliance 

The  new  flying  qualities  specification  (reference  1)  has  many  new  parametric  require- 
ments which  require  the  use  of  an  advanced  airframe  parameter  identification  technique 
for  determination  of  specification  compliance.  In  the  longitudinal  axis  the  new  require- 
ments of  interest  are  short  period  damping  (tSp),  frequency  (wngp)  ar>d  acceleration 
sensitivity  ,n2..  The  requirements  for  .n^.  are  given  in  graphical  form  in  figure  1. 

'a-'  'a  ' 

There  are  several  flight  test  procedures  which  have  been  proposed  for  determining  ^nz^ 
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including  short  period  free  response  to  a doublet  input,  wind  up  turns,  steady  pull  ups, 
and  frequency  response  to  sinusoidal  inputs.  A mathematical  expression  for  steady 

a 

-Ma  + M5eZa 

-Mq  + u0M{e 


state  is  given  by: 


m i 

a I ss 


(1) 


15-4 

The  primary  difference  in  these  test  procedures  for  determining  nz  is  the  tail  lift 

(o*> 

term  Zj^.  The  short  period  free  response  to  a doublet  does  not  consider  this  term  (the 
value  obtained  for . n-  is  for  the  untrimmed  lift  curve  slope).  The  windup  turn  and 

steady  pull-up  maneuvers  give  the  value  for  ^n^  under  steady  state  (low  frequency 

conditions)  assuming  that  pitch  rate  effects  on  Z4  are  small.  The  correct  value  for 
R*  will  obtained  from  sinusoidal  inputs  in  that  this  value  contains  the  tail  lift 
'a  ' 

term  at  the  frequency  at  which  the  airplane  normally  responds  to  control  inputs.  This 
correct  value  of  nj  can  be  determined  using  estimated  aircraft  stability  and  control 
Co  ) 

derivatives  to  calculate  the  transfer  function  parameters  of  the  pitch  rate  to  elevator 
,8  and  angle  of  attack  to  elevator  ,a  , transfer  functions. 
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where  N,  , N?  are  the  transfer  function  numerator  polynomials  and  A is  the  character- 
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istic  equation  of  the  system.  An  analytical  expression  for  nz  can  be  formed  using  the 


linear  relationship  for  normal  acceleration 
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The  normal  acceleration  sensitivity  nz  is  calculated  from  equation  (5)  by  substituting 
jw  for  s and  evaluating  the  expression  at  the  short  period  frequency  (w^^). 

Another  new  longitudinal  requirement  of  MIL-F-878S3  is  the  specification  of  a 
maximum  value  of  damping  ratio  (C)  now  specified  for  the  short  period  mode.  In  general, 
classical  hand  measurement  techniques  are  not  successful  in  accurately  predicting  the 
damping  ratio  for  heavily  damped  systems  which  characterize  modern  Navy  aircraft  with  a 
stability  augmentation  mode  engaged.  Thus  airframe  parameter  identification  techniques 
can  be  used  to  fulfill  this  new  data  requirement,  since  the  damping  ratio  can  be 
expressed  as  a combination  of  stability  derivatives.  Thus  in  the  longitudinal  axis  if 
the  transfer  function  parameters  or  stability  derivatives  can  be  estimated,  the 
specification  requirements  that  can  be  determined  are  unsp>  n?.  > Csp>  u>n  and  Cp- 


In  the  lateral-directional  axis,  MIL-F-87853  sets  new  requirements  for  Dutch  roll 
damping  (;d)  and  frequency  (uind).  spiral  mode  vl/ts),  roll  mode  (1/tr),  and  roll  rate 

specifications.  In  addition  to  the  updated  military  specif ication  requirements  in  the 
lateral-directional  axes,  there  are  also  new  parametric  requirements  in  the  detail 
specifications  for  the  S-3A  (reference  4)  and  F-14A  (reference  5)  airplanes.  These  new 
requirements  are  in  the  form  of  the  Dutch  roll  coupling  parameter  (wn  ) and  the  Dutch 

i_ 

“"d 

roll  excitation  parameter  (Kd  ).  These  new  specification  requirements  in  the  lateral- 

Kss 

directional  axes  are  difficult  to  determine  accurately  because  the  effects  of  the  sriral, 
roll  and  Dutch  roll  modes  cannot  be  easily  separated  using  conventional  techniques. 
However,  these  new  lateral-directional  requirements  can  easily  be  determined  if  the  roll 
rate  to  aileron  transfer  function  is  calculated  using  estimated  stability  and  control 
derivat ives . 
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The  specification  requirements  which  can  be  determined  from  the  matched  transfer  function 
parameters  are  un^,  Cd>  Ts»  TR’  and  Kd  • In  order  to  determine  Kd  from  this  data, 

Mnd  ^ss  ^ss 

the  matched  transfer  function  poles  and  zeros  are  plotted  on  an  S-plane  as  shown  in 
figure  2. 

The  term  Kd  is  then  determined  as  the  residue  measured  from  the  Dutch  roll  pole  and 
is  given  by: 


K<bucch  = _i_L_ 
Roll  eundud 
Residue 


(7) 


The  term  K*.s  is  the  steady  state  residue  and  is  measured  from  the  origin,  assuming 


that  1/ts  * 0. 
K 


Jn<t2*R 


Thus  Kd/'r 


s Steady  

State  wn  2 
Residue  d 

is  determined  as  the  ratio  of  equations  (7)  and  (8). 

STATUS  OF  NAVY  PARAMETER  IDENTIFICATION  CAPABILITY 


(8) 


Successful  completion  of  the  joint  program  among  NATC,  NAVAIR,  ONR  and  SCI  has 
resulted  in  the  development  of  an  advanced  state-of-the-art  maximum  likelihood  identi- 
fication computer  program  called  SCIDNT.  This  computer  program  was  implemented  cn  the 
NATC  Real  Time  Data  Processing  System  (RTPS)  in  August,  1274  and  has  subsequently  been 
successfully  used  to  identify  aircraft  stability  and  control  parameters  from  flight  test 
data.  This  identification  algorithm  is  programmed  in  a general  format  to  provide  the 
capability  for  identifying  linear  and  nonlinear  aircraft  models  and  easily  modifying  the 
equations  of  motion  and  instrumentation  equations.  SCIDNT  contains  many  advanced 
features  which  enable  it  to  more  readily  handle  the  flight  test  data  analysis  problem. 
These  capabilities  and  options  of  SCIDNT  are  outlined  in  Table  I.  In  its  present  form 
SCIDNT  can  determine  the  stability  and  control  derivatives  for  the  linearized,  uncoupled 
longitudinal  and  lateral  aircraft  equations  of  motion  in  the  presence  of  wind  gusts  and 
measurement  errors.  These  equations  of  motion  and  measurement  equations  are  presented 
below : 


Longitudinal  Equations  of  Motion: 
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Longitudinal  Measurement  Equations: 
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Lateral  Equations  of  Motion: 
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Lateral  Measurement  Equations: 
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One  of  the  more  important  data  analysis  problems  that  is  addressed  in  SCIDfJT  is  the 
identifiability  problem  associated  with  accurately  extracting  stability  and  control 
derivatives  from  flight  test  data.  This  identifiability  problem  is  related  to  the  degree 
of  excitation  of  the  modes  of  a system  by  a pirticular  incut  and  the  corresponding  ability 
to  identify  the  parameters  of  the  system  (reference  6).  In  other  words,  in  order  to 
identify  a mode  (or  parameters)  of  a system  that  particular  mode  must  be  excited  by  the 
input.  This  parameter  identifiability  problem  also  relates  to  whether  a parameter  can 
be  identified  by  itself  or  whether  it  is  identifiable  only  as  part  of  a linear  combination 
of  several  parameters  (reference  6).  Parameter  identifiability  problems  usually  manifest 
themselves  in  the  identification  procedure  as  either  physically  nonrealizable  parameter 
estimates,  largo  parameter  error  covariances,  or  problems  in  inverting  the  information 
matrix.  SCIuNT  uses  three  different  approaches  to  alleviate  parameter  identifiability 
problems : 

a.  Parameters  may  be  fixed  or  constrained  to  be  within  certain  bounds. 

b.  A priori  weighing  may  be  placed  on  parameters  estimates. 

c.  A rank  deficient  solution  may  be  used  to  compute  the  inverse  of  the  information 
matrix. 

These  three  techniques  can  be  used  separately  or  in  conjunction  with  each  other  in  SCIDNT 
to  alleviate  the  parameter  identifiability  problems.  Parameter  fixing  or  constraining 
and  a priori  weighing  are  subjective  techniques  and  their  use  is  well  documented  in  the 
literature.  Since  these  two  techniques  require  a high  degree  of  operator  skill  for 
successful  implementation,  a more  generalized  method  (automatic  or  black  box  procedure) 
is  desirable  for  use  by  the  practicing  flight  test  engineer.  The  technique  implemented 
in  SCXDNT  to  solve  this  problem  is  the  use  of  a rank  deficient  solution  to  handle  the 
numerical  problems  (identifiability  problems)  associated  with  inverting  the  information 
matrix  and  obtaining  accurate  parameter  estimates  and  error  covariances.  These  numeri- 
cal problems  can  be  related  to  the  spread  in  the  eigenvalues  of  the  information  matrix 
(reference  6).  For  example,  neglecting  computer  round-off  ana  other  computational 
errors,  a perfect  dependency  among  parameters  would  result  in  a zero  eigenvalue  and  a 
subsequent  difficulty  in  inverting  the  information  matrix.  Thus  for  this  case,  a rank 
deficient  solution  can  be  used  in  SCIDHT  to  calculate  the  inverse  of  the  information 
matrix.  In  actual  analysis  of  flight  test  data,  computational  errors  restrict  the 
existence  of  an  actual  zero  eigenvalue  and  thus  the  spread  between  the  smallest  and 
largest  eigenvalues  will  be  many  orders  of  magnitude  with  the  smallest  eigenvalue  being 
non-zero.  When  the  spread  in  the  eigenvalues  is  large,  the  smaller  eigenvalues  can  be 
related  to  singular  directions  in  parameter  space  and  indicate  parameters  or  combinations 
of  parameters  which  cannot  be  identified.  It  has  been  demonstrated  by  using  the  rank 
deficient  solution  option  of  SCID.'JT  that  numerical  convergence  can  be  achieved  (with 
reasonable  parameter  estimates)  in  cases  where  previous  computer  runs  did  not  converge. 

The  utilization  of  the  rank  deficient  analysis  in  SCIDNT  will  be  discussed  in  the  Flight 
Test  Results  Sections. 


PLIGHT  TEST  RESULTS 

This  section  presents.  representative  data  from  the  input  design  experiments  to 
demonstrate  the  feasibiltiy  of  using  an  "optimal"  control  input  to  improve  parameter 
identifiability.  The  criteria  used  to  quantita cively  establish  improvement  in  para- 
meter identifiability  were  comparisons  of: 
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maneuvers  from  19  aircraft  over  the  past  8 years.  The  method  was  used  routinely  - 
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a.  Stability  and  control  derivative  estimates. 

b.  Standard  deviation  of  parameter  estimate  error  (confidence  bounds). 

c.  Eigenvalue  spread  of  the  information  matrix. 

d.  Parameter  step  size  (convergence  characteristics). 

e.  Cost  function  variation. 

f.  Standard  deviation  of  the  computed  time  history  with  respect  to  the  measured 
response  (ox)- 

g.  Estimates  of  transfer  function  parameters  (stability  and  control  specification 
requirements)  computed  from  parameter  estimates. 

h.  Aircraft  response  prediction. 

Normally  the  "true  value"  of  the  parameters  (stability  and  control  derivatives)  is  not 
known;  however  a priori  knowledge  of  the  values  of  the  transfer  function  parameters 
(damping,  frequency  and  time  constants)  does  exist  based  on  classical  hand  measurement 
techniques.  Thus  comparisons  between  the  transfer  function  parameters  based  on  classical 
hand  measurement  techniques  and  those  computed  from  SCIDNT  parameter  estimates  will 
indicate  the  relative  accuracy  of  the  estimated  stability  and  control  derivatives. 

Longitudinal  Parameter  Identif iability 

The  longitudinal  analysis  was  conducted  using  the  short  period  approximation  :o  the 
longitudinal  dynamics  of  the  airplane.  This  was  accomplished  by  setting  the  derivatives 
X x > X-,  X,  , Mu>  and  Zu  in  equations  9,  10,  and  11  equal  to  zero.  The  process  noise 
o*  u q 

option  wc.3  not  used  in  this  case  and  pitch  rate  corrections  to  angle  of  attack  were  not 
made.  A time  history  match  for  the  response  to  a doublet  input  is  presented  in  figure  3. 
This  comparison  of  time  histories  shows  only  a fair  match  between  the  flight  test  data 
and  computed  response  from  SCIDNT  and  in  practice  would  not  be  acceptable  for  use  in 
satisfying  flight  test  data  requirements.  The  estimated  stability  and  control  derviatives 
for  this  run  are  presented  in  Table  II.  The  matched  response  for  a sine  wave  input  is 
presented  in  figure  4.  The  estimated  stability  ana  control  derivatives  for  this  run  are 
presented  in  Table  III.  A comparison  between  figures  3 and  4 shows  that  the  time  history 
match  for  the  sine  wave  input  is  considerably  better  than  that  achieved  using  the  doublet 
input.  Refering  to  Table  II,  it  is  seen  that  the  term  Zje  did  not  converge  using  a 

doublet  input  (high  standard  deviation  and  large  parameter  step  size)  whereas  in  Table 
III  Zj  did  converge  for  the  response  generated  using  a sine  wave  input.  In  fact,  compari- 
sons of  Tables  II  and  III  show  that  for  all  but  one  parameter  the  standard  deviation  of 
the  estimate  error  and  the  parameter  step  size  decreased  when  going  from  a doublet  to  a 
sine  wave  input.  Corresponding  decreases  in  the  cost  function  variation  and  the  standard 
deviation  of  the  computed  time  history  with  respect  to  the  measured  response  (cjx)  were 
also  observed;  however,  the  eigenvalue  spread  of  the  information  matrix  was  larger  for 
the  sine  wave  input  than  it  was  for  the  doublet  input.  Thus  for  this  case  using  a more 
complicated  input  did  not  decrease  the  eigenvalue  spread;  however,  an  improvement  in 
parameter  identifiability  was  observed  using  the  sine  wave  input  as  indicated  by  the 
variation  in  the  other  criteria  used  for  this  analysis.  This  improvement  in  parameter 
identifiability  and  the  accuracy  of  the  estimated  parameters  is  also  indicated  by  the 
comparison  of  short  period  damping,  frequency  and  normal  acceleration  sensitivity  (nz/a) 
presented  in  Table  IV  for  classical  analysis  and  identification  results.  The  classical 
analysis  results  were  computed  using  hand  measurement  techniques  for  damping  (peak  to 
peak  method),  frequency  (measured  period  of  oscillation)  and  (nz)  (ratio  of  the  envelope 

a 

of  the  nz  and  a responses  to  a sine  wave  input  at  the  short  period  frequency).  As  shown, 
both  the  doublet  and  sine  wave  results  represent  reasonable  estimates  of  these  para- 
meters; however,  in  all  cases  the  results  from  the  sine  wave  input  are  closer  to  the 
classical  analysis  values.  Since  a reasonable  amount  of  confidence  is  placed  on  the 
classical  results  for  this  case,  this  comparisons  indicates  that  the  use  of  a sine  wave 
input  as  compared  to  a doublet  input  does  improve  the  identifiability  and  thus  the 
accuracy  of  the  longitudinal  stability  and  control  derivative  estimates.  It  should  be 
emphasized  that  these  results  are  only  a small  sample  from  the  total  longitudinal  data 
being  analyzed  and  that  one  cannot  conclude  from  these  limited  results  that  a elevator 
sine  wave  as  compared  to  a elevator  doublet  is  a better  input  for  parameter  estimation. 

Another  criteria  often  used  to  demonstrate  the  accuracy  of  estimated  stability  and 
control  derivatives  is  aircraft  response  prediction.  This  technique  is  illustrated  in 
figure  5.  In  this  case  a doublet  input  (input  1)  was  used  to  excite  the  aircraft  re- 
sponse at  one  flight  condition  and  then  SCIDNT  was  used  to  identify  the  stability  and 
control  derivatives.  A second  input  (sine  wave)  was  then  used  to  excite  the  airplane  at 
the  same  flight  condition.  The  idertified  model  from  the  doublet  input  was  then  used 
in  conjunction  with  the  sine  wave  input  to  determine  if  the  identified  model  would  predict 
the  aircraft  response  for  the  different  input.  The  results  from  these  tests  are  pre- 
sented in  figure  6.  As  shown,  the  identified  model  was  successful  in  predicting  the 
aircraft  response  giving  a good  indication  of  the  accuracy  of  the  identified  stability 
and  control  derivatives. 
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Lateral-Directional  Parameter  Identifiability 

The  lateral-directional  parameter  identifiability  study  was  conducted  using  equations 
19  through  28.  The  process  noise  option  of  SCIDNT  was  not  used  during  this  analysis 
and  yaw  rate  corrections  to  sideslip  angle  were  not  made  (Ka*0).  Parameters  were 
estimated  in  three  distinct  steps  using  six  iterations  of  tne  computer  program.  Initially 
least  squares  start  up  values  were  used  and  the  K and  Y derivatives  were  estimated  hold- 
ing the  L derivatives  constant.  Next  the  L derivatives  were  estimated  holding  the  N and 
Y derivatives  from  Step  (1)  constant.  The  final  step  ir.  the  procedure  was  to  fine  tune 
the  parameter  estimates  by  estimating  all  of  the  derivatives  (N,Y,L)  at  once  using  as 
start  up  values  the  results  from  Steps  (1)  and  (2).  Typical  results  for  rudder  doublet, 
aileron-rudder  doublets  and  aileron-rudder  sine  waves  are  presented  in  Tables  V through 
IX  and  a time  history  match  for  an  ailaron-rudder  doublet  is  presented  in  figure  7. 

The  parameter  estimates  for  these  maneuvers  (Table  V)  show  that  the  aileron  rudder  doublet 
and  sine  wave  inputs  gave  reasonable  estimates  of  the  stability  and  control  derivatives 
whereas  the  rudder  input  resulted  in  estimates  that  for  some  parameters  were  of  the  wrong 
sign  (Ng,Lr).  In  addition,  the  estimates  for  the  rudder  input  case  are  several  orders 

of  magnitude  different  than  those  observed  from  the  aileron- rudder  inputs.  Comparison  of 
the  parameter  step  sizes  (Table  VI)  and  standard  deviations  (Table  VII)  shows  that  SCIDNT 
had  better  convergence  properties  and  lower  standard  deviations  for  the  aileron-rudder 
inputs  as  compared  to  the  rudder  only  doublet.  A comparison  of  the  eigenvalue  separation 
and  the  standard  deviations  of  the  time  history  fits  resulting  from  these  three  inputs 
are  presented  in  Table  VIII.  As  shown,  the  aileron-rudder  doublet  resulted  in  the 
lowest  eigenvalue  separation  and  the  best  overall  time  history  matches.  All  three  inputs 
resulted  in  reasonable  estimates  of  aircraft  Dutch  roll  frequency  and  damping  character- 
istics as  compared  to  classical  analysis  results;  however,  the  rudder  doublet  input  did 
not  give  good  estimates  of  roll  and  spiral  mode  time  constants.  These  comparisons  indicate 
that  by  using  a combination  aileron-rudH-r  input  parameter  identifiabill tv  i3  improved 
over  that  obtained  using  rudder  only  inputs  (similar  results  were  obtained  using  aileron 
only  inputs).  This  improvement  in  parameter  identif iability  was  obtained  not  only  for 
the  rolling  derivatives  (rudder  only  inputs  primarily  excite  the  yaw  and  side  force 
derivatives)  but  for  the  yaw  and  side  force  derivatives  as  well.  This  can  be  attributed 
in  part  to  the  ability  to  obtain  better  estimates  of  the  coupling  derivatives  (due  to 
better  excitation  of  aircraft  response)  which  in  turn  result  in  better  estimates  of  the 
non-coupling  derivatives.  These  examples  clearly  demonstrate  from  a practical  viewpoint 
that  the  accuracy  of  parameter  estimates  and  the  ability  to  identify  aircraft  parameters 
is  input  dependent.  The  data  presented  here  for  the  lateral-directional  parameter 
identif iability  study  is  limited  in  scope  and  does  not  represent  a complete  data  base 
at  thi3  time  for  specifying  the  "optimal"  control  input.  However,  a case  has  been  made 
for  the  need  to  consider  the  parameter  identif iability/input  design  problem  in  planning 
flight  tests.  In  fact,  many  factors  have  been  observed  during  these  tests  which  will 
lead  to  the  establishment  of  criteria  for  "optimal"  control  inputs.  Such  factors  as 
input  frequency,  input  energy  and  amplitude  of  aircraft  response  have  been  observed  to 
have  a significant  influence  on  parameter  identifiability  as  well  as  the  type  of  input 
used.  These  factors  are  currently  being  investigated  as  well  as  those  discussed  in 
items  a through  g of  this  section  to  establish  the  criteria  for  determining  the  "optimal" 
input. 

Advanced  concepts  which  give  a more  concise  description  of  the  total  information 
about  all  parameters  in  the  system  are  also  under  consideration.  For  example  the 
information  matrix  (Ml  or  dispersion  matrix  (H-I)  could  be  used  to  determine  the 
identifiability  of  system  parameter  from  a given  set  of  flight  iita  (reference  7).  The 
dispersion  matrix  represents  a lower  bound  on  parameter  error  covariances  and  thus  the 
trace  of  this  matrix  would  give  the  sum  of  the  parameter  error  covariances.  Small  values 
of  the  trace  would  indicate  a good  set  of  data  whereas  large  values  would  indicate 
identifiability  problems.  The  determinate  of  the  dispersion  matrix  could  also  be  used 
for  this  purpose,  since  it3  value  would  represent  the  product  of  the  covariances  in  the 
principle  directions  in  parameter  space. 

Rank  Deficient  Solution 


In  cases  where  parameter  identifiability  problems  are  observed  the  rank  deficient 
solution  of  SCIDNT  can  be  used  to  improve  parameter  estimates  and  algorithm  convergence 
characteristics.  The  estimation  results  from  the  analysis  of  the  rudder  doublet  input 
data  presented  in  Tables  V through  IX  show  that  a parameter  identifiability  problem 
exists  for  this  set  of  data.  Parameter  estimates  for  this  input  were  characterized  by 
incorrect  signs,  large  parameter  step  sizes,  and  large  parameter  error  standard 
deviations.  This  parameter  identifiability  problem  was  solved  in  the  past  by  a priori 
weighting  and  fixing  parameters;  however,  by  using  the  rank  deficient  solution  it  is  no 
longer  necessary  to  subjectively  weight  and  fix  various  parameters  but  instead  the  rank 
deficient  solution  fixes  combinations  of  parameters  corresponding  to  nearly  zero  eigen- 
values. Each  of  these  smo1!  eigenvalues  represent  a singular  direction  in  parameter 
space  and  a combination  of  parameters  that  cannot  be  uniquely  identified.  The  imple- 
mentation o;  the  rank  deficient  solution  can  be  illustrated  by  considering  the  nxn 
information  matrix  (M)  in  terms  of  its  eigenvalues  and  eigenvectors  (reference  6). 

M = Z (29) 

i = 1 

where  A and  V represent  the  eigenvalues  and  eigenvectors,  respectively.  The  inverse  of 
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th«  information  matrix  it  given  by: 
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The  parameter  step  (A9)  in  the  numerical  optimization  procedure  is: 


A9  « M"1  ,3J.T 

<T5) 

where  9 represents  the  vector  of  parameters  to  be  identified.  The  rank  deficient 
solution  in  concept  neglects  any  eigenvalues  below  a predetermined  threshold  k in 
computing  the  inverse  of  the  information  matrix. 


(31) 


M-1 


n- 1 
£ 1 
i«l  XI 


ViVj 


where  the  relationship  for  the  cutoff  threshold  is  given  by: 


(32) 


Xi  < k Xhax  (33) 

Thus  all  eigenvalues  less  than  k’^max  would  be  discarded.  In  the  example  given  in 
equation  (32)  t of  the  n eigenvalues  would  be  discarded  in  compiling  the  inverse  of 
the  information  matrix.  The  practical  limitations  of  utilizing  the  rank  deficient 
solution  are  that  the  parameter  step  sizes  will  oe  small  (slow  convergence)  and  good 
start  up  values  are  required. 


Thus  in  trying  to  improve  the  identifiability  of  the  rudder  doublet  data  the  eigen- 
value threshold  was  set  to  k = 10-4.  The  results  from  this  rank  deficient  solution  are 
compared  with  the  previous  rudder  doublet  data  in  Table  X.  As  shown,  improvements  in 
parameter  identifiability  were  obtained  as  indicated  by  more  realistic  parameter 
estimates  (Ng  and  1^.  now  have  the  correct  sigr.)  and  reduced  parameter  estimate  error 
standard  deviations  and  step  sizes.  Time  history  matches  were  considei’ed  good  for  this 
case  and  were  better  than  those  achieved  for  sideslip  and  lateral  acceleration  without 
the  rank  deficient  solution.  This  example  illustrates  that  the  rank  deficient  solution 
can  be  successfully  used  to  correct  parameter  identifiability  problems  and  represents 
an  advancement  in  the  state-of-the-art  when  compared  to  previous  methods  for  improving 
identification  algorithm  convergence  characteristics. 


CONCLUDING  REMARKS 


The  parameter  identifiability  investigations  conducted  have  established  the  need 
for  considering  input  design  in  planning  tests  for  extracting  aerodynamic  coefficients 
from  flight  test  data.  Using  an  elevator  sine  wave  input  to  generate  aircraft  responses 
in  the  longitudinal  axis  improved  parameter  identifiability  as  compared  to  using  a more 
simple  elevator  doublet  input.  Laterau-directional  tests  using  aileron  pulses,  rudder 
doublets,  aileron-rudder  doublets  and  aileron-rudder  sine  wave  inputs  showed  that  the 
combination  aileron-rudder  inputs  resulted  in  improved  parameter  identifiability.  Para- 
meter identifiability  is  the  interaction  of  many  criteria  and  cannot  for  example  be 
stated  simply  in  terms  of  eigenvalue  separation.  The  information  content  in  a set  of 
data  containing  the  system  parameters  is  affected  by  input  type,  input  frequency,  input 
energy  and  amplitude  of  aircraft  response.  These  factors  have  been  observed  to  influence 
parameter  identifiability  criteria  such  as  eigenvalue  spread,  parameter  error  standard 
deviation,  parameter  convergence,  time  history  matches,  cost  function  variation,  and 
accuracy  of  estimates.  In  cases  where  parameter  identifiability  problems  exist  a rank 
deficient  solution  can  be  used  to  improve  the  quality  of  parameter  estimates. 

The  results  from  the  current  program  in  parameter  identifiability  will  be  used  in 
a research  effort  in  1975-76  to  develop  a real  time  data  quality  analysis  algorithm  for 
on-line  verification  of  parameter  identifiability.  Additional  research  programs  that 
will  be  conducted  during  this  time  frame  include  development  of  input  design  and  model 
structure  determination  algorithms,  implementation  of  SCIDNT  nonlinear  analysis  capability, 
and  the  implementation  of  a helicopter  analysis  program. 
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TABLE  I ! J 

SCIDNT  Capabilities  and  Options  ! , 


NUMBER 

DESCRIPTION 

1. 

Any  parameter  may  be  fixed  or  constrained  to  be 
within  certain  bounds. 

2. 

\ Priori  weighting  may  be  placed  on  parameter 
estimates. 

3. 

Standard  deviations  of  parameter  estimation 
errors  are  computed. 

4. 

Biases  and  random  noise  errors  in  instruments 
are  computed. 

5. 

Process  noise  may  be  included  and  its  magni- 
tude and  break  frequency  identified. 

6. 

Process  noise  effects  may  be  included  but  not 
identified. 

7. 

Measurements  from  failed  instruments  may  be 
deleted. 

8. 

States  may  be  deleted  which  do  not  signifi- 
cantly enter  the  aircraft  modes  of  the 
particular  data  record  considered. 

9. 

Rank  deficient  solution  may  be  used  to  compute 
the  inverse  of  the  information  matrix. 

TABLE  II 

SCIDNT  Estimates  of  Longitudinal  Short  Period  Stability  and 
Control  Derivatives  Using  a Doublet  Input 


Derivatives 

2a 

«a 

Mq 

Z«e 

H* 

°e 

Esimate 

-C.S53 

-2.076 

-0.670 

-0.03$ 

-4.621 

Standard  Deviation 

0.0038 

0.0082 

0 . 0071 

0. 005$ 

0.023 

Parameter  Step  Size 

0.004$ 

0.012 

0.004 

0.018 

-0.016 

Eigenvalue  Spread 

0.609  x 102 

Cost  Function  Value 

-2.84  x 103 

Time  History  Matches 

L ...  . 

Oa  = . 00276  c 8 - .0102 

<jq  = .0086  odz  = 2.9$ 

I 


TABLE  III 

SCIDNT  Estimates  of  Longitudinal  Short  Period  Stability  Using  a Sine  Wave  Input 
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Derivatives 

za 

«a 

2*. 

M*e 

Estimate 

-0.501 

-2.13 

-0.711 

-0.167 

-5.075 

Standard  Deviation 

0.0028 

0.0068 

0.0064 

0.006 

0.021 

Parameter  Step  Size 

0.002 

0.006 

0.003 

0.008 

-0.023 

Eigenvalue 

0.225  x 103 

Cost  Function  Variation 

-2.80  x 103 

Time  History  Matches 

oa  * .0060  08  - .0100 

aq  » .0046  - 2*56 

TA6LE  IV 

Comparison  of  Longitudinal 
Short  Period  Characteristics 


Description 

Damping 

Ratio 

(Cap) 

Frequency 

<“nsp> 

(rad/sec) 

^z 

a 

(g/rad) 

Classical 

0.31 

1.58 

10.3 

SCIDNT- Doublet 

0.42 

1.  599 

11.62 

SCIDNT-SINE 

0.384 

1.592 

10.06 

TABLE  V 

Lateral-Directional  Parameter  Estimates 


Parameter 

Innut 

Rudder 

Doublet 

Aileron^ 

Rudder 

Doublet 

Aileron^ 3,3 

Rudder 

Sine 

-7.799 

-2.402 

-2.612 

-3.126 

1.474 

2.292 

Ls 

-25.29 

-8.352 

-7.789 

Np 

-3.381 

-0.0270 

-0.0225 

Nr 

-3.450 

-0.632 

-0.459 

-7.929 

2.12 

1.969 

Ya 

-0.0876 

-0.0813 

-0.0832 

L«a 

9.57° 

11.34 

10.189 

N«a 

0.24° 

0 . 24c 

0 . 24c 

Y«a 

0C 

0C 

0° 

l6r 

-2.954 

-2.476 

-4.738 

m5r 

.785 

1.816 

1.614 

y«r 

-0.0267° 

-0 . 0267c 



-0.0267° 

Note : 


(1)  The  superscript  c indicates  that  the  parameter  was  held 
constant  during  the  estimation  procedure. 


TABLE  VI 

Lateral-Directional  Parameter  Step  Size 


Parameter 

Input 

Rudder 

Doublet 

Aileron 

Rudder 

Doublet 

Aileron 

Rudder 

Sine 

Lp 

-0.128 

-0.0145 

0.135 

Lr 

-1.048 

-0.0384 

0.0539 

L8 

-2.204 

-0.0365 

0.637 

Np 

4.S8E 

-0.0022 

-0.00038 

Nr 

3.662 

0.0142 

-0.00057 

*8 

13.32 

-0.0026 

0.00821 

V8 

-0.0016 

-0.000063 

0.00131 

- 

0.0662 

-0.561 

N«a 

- 

- 

- 

y4a 

- 

- 

- 

l4r 

-0.541 

0.0363 

-0.178 

n«r 

0.731 

-0.0129 

0.0409 

Y«r 

- 

- 

TABLE  VII 

Lateral-Direction  Parameter  Error 
Standard  Deviation 


Parameter 


Input 

Rudder 

Aileron 

Aileron 

Doublet 

Rudder 

Doublet 

Rudder 

Sine 

7.978 

0.0657 

0.116 

7.145 

0.1056 

0.111 

24.14 

0.193 

0.319 

2.596 

0.0064 

0.0042 

2.326 

0.0097 

0.00467 

7.851 

0.0194 

0.0134 

0.00103 

0.0011 

0.00062 

- 

0.269 

0.410 

- 

- 

- 

- 

- 

- 

1.749 

0.0729 

0.154 

0.568 

0.0179 

0.0163 

- 

- 

- 

/ ' \ 
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TABLE  VIII 

Additional  Lateral-Directional  Parameter 
Identif lability  Characteristics 


Parameter 

Inout 

Rudder^) 

Doublet 

Aileron1 

Rudder 

Doublet 

Aileron^ 

Rudder 

Sine 

Eigenvalue 

Separation 

-0.121xl07 

0.107x10® 

o.moxio7 

Cost  Function 
Value 

-0.273xl04 

-0.305xl04 

-0 . 513xl04 

°P 

0 . 0 3 + 8 

0.0301 

0.0486 

°r 

0.0132 

0.0177 

0.0198 

0.019 

0.01S6 

0.0163 

0.0626 

0.0204 

0.0892 

ay 

0.732 

0.892 

0.616 

Note:  (1)  Smallest  eigenvalue  is  negative. 

(2)  All  eigenvalues  are  positive. 


TABLE  IX 

Lateral-Directional  Modal  Characteristics 


Parameter 

Conventional 

Analysis 

Input 

Rudder 

Doublet 

Aileron 

Rudder 

Doublet 

Aileron 

Rudder 

Sine 

1/TS 

*0 

-0.124 

-0.0188 

0.00831 

1/tr 

2.4  to  2.6 

10.69 

2.48 

2.673 

«d 

0.1 

0.171 

0.201 

0.166 

TJ 

C 

3 

1.53 

1.54 

1.523 

1.480 

■ ■ I— IsHir.  ***irnm  m ■Hill  fcttwn.,  mM 


TABLE  X 

Parameter  Identification  Results  Using  A Rank  Deficient  Solution 
For  Rudder  Doublet  Data(l) 


Derivative 


Estimate 


Standard 

Deviation 


Parameter 
Step  Size 


Cost  Function 
Value 


Time  History 
Hatches 


50  2.412 

99  j(-3 . 126 


0.248  0.186  0.SS5  0.0l7  0.019  0.037 

<7.978)  (7.145)  (24.14)  (2.596)  (2.326)  (7.851) 


;R 

1. 

936 

(0. 

785) 

0. 

.034 

(0. 

.568) 

-0.228  x 104 


<jp  * 0.099  (0.0348) 


(-0.273  x 104) 


* 0.139  (0.0626) 


O . * 0.630  (0.732) 

ay 


or  * 0.0262  (0.0132)  og  * 0.0089  (0.019) 


Notes:  (1)  The  values  in  parenthesis  are  from  Tables  V - IX  for  the  rudder  doublet 

results  without  the  rank  deficient  solution. 
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FIGURE  I 

N1L-F-8735B  SHORT  PERIOD  FREQUENCY  AND  ACCEL- 
ERATION SENSITIVITY  REQUIREMENTS 


FIGURE  1 

5-PLANE  PLOT  OF  THE  ROLL  RATE  TO  AILERON 
TRANSFER  FUNCTION 


SYMBOL 


DEFINITION 
COMPUTED  RESPONSE 
FLIGHT  DATA 


SYMBOL  DEFINITION 

- - - COMPUTED  RESPONSE 

♦ ♦ * FLIGHT  DATA 
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FIGURE  3 

TIME  HISTORY  MATCH  FOR  AIRCRAFT  RESPONSE 
TO  AN  ELEVATOR  DOUBLET  LNPUT 


FIGURE  A 

TIME  HISTORY  MATCH  FOR  AIRCRAFT  RESPONSE 
TO  AN  ELEVATOR  SINE  WAVE  INPUT 
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SYMBOL 


FIGURE  5 

PREDICTION  TECHNIQUE  FOR  DETERMINING 
ACCURACY  OF  PARAMETER  ESTIMATES 


DEFINITION 

PREDICTED  RESPONSE  USING 
MODEL  DERIVED  FROM  INPUT  I 
(DOUBLET) 

FLIGHT  DATA  FROM  INPUT  2 
(SINE  WAVE) 


FIGURE  6 

COMPARISON  OF  MEASURED  RESPONSE  BASED  ON  A 
SINE  WAVE  INPUT  AND  PREDICTED  RESPONSE  BASED 
ON  ESTIMATED  PARAMETERS  USING  A DOUBLET  INPUT 


SYMBOL 


DEFINITION 


COMPUTED  RESPONSE 

+ + + FLIGHT  DATA 
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FIGURE  7 

TIME  HISTORY  MATCH  FOR  AIRCRAFT 
RESPONSE  TO  AN  AILERON-RUDDER 
DOUBLET  INPUT 


PRACTICAL  ASPECTS  OF  USING  A MAXIMUM  LIKELIHOOD  ESTIMATOR 


i6»: 


Kenneth  W.  Illff 
Aerospace  Engineer 

and 

Richard  E.  Maine 
Aerospace  Engineer 
NASA  Flight  Research  Center 
P.  0.  Box  273 
Edwards,  California  93523 
USA 


SUMMARY 

It  has  been  known  for  several  years  that  stability  and  control  deriva- 
tives can  be  obtained  from  flight  data  by  using  nonlinear  minimiration 
techniques.  The  maximum  likelihood  estimator  method  (sometimes  referred 
to  as  the  Newton-Raphson  method)  has  been  one  of  the  more  popular  methods 
for  this  type  of  analysis. 

Soma  investigators  maintain  that  although  the  maximum  likelihood  esti- 
mator method  should  be  adequate  in  theory,  it  is  not  practical  for  routine 
use  on  a large  quantity  of  flight  data.  This  paper  discusses  the  application 
of  a maximum  likelihood  estimator  to  flight  data  and  proposes  procedures  to 
facilitate  routine  analysis  of  a large  amount  of  flight  data.  Flight  data  are 
used  to  demonstrate  the  proposed  procedures. 

Modeling  considerations  for  the  system  to  be  identified,  including 
linear  aerodynamics,  instrumentation,  and  data  time  shifts,  and  aerodynamic 
biases  for  the  specific  types  of  maneuvers  to  be  analyzed  are  discussed. 

Data  editing  to  eliminate  common  data  acquisition  problems,  and  a method 
of  identifying  other  problems  are  considered.  The  need  for  careful  selection 
of  the  maneuver  or  portions  of  the  maneuver  to  be  analyzed  is  pointed  out. 
Uncertainty  levels  (analogous  to  Cramer-Rao  bounds)  are  discussed  as  a way 
of  recognizing  significant  new  information. 


A 


c 


G 


SYMBOLS 

stability  matrix 
normal  acceleration , g 

longitudinal  acceleration,  g 
lateral  acceleration . g 
control  matrix 

coefficient  of  drag  at  trim  condition 
coefficient  of  lift  at  trim  condition 

coefficient  of  partial  derivative  of  yawing  moment  with  respect  to  roll  rate 

coefficient  of  partial  derivative  of  side  force  with  respect  to  sideslip  angle 

coefficient  of  partial  derivative  of  "normal"  force  with  respect  to  angle  of  attack 

vector  of  unknown  coefficients 

vector  of  a priori  estimates  of  unknown  coefficients 

weighting  matrix  for  observation  vector 

weighting  matrix  for  a priori  estimate  vector 

partition  of  matrix  relating  state  vector  to  observation  vector 
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Subscript: 

b 

Superscripts: 


acceleration  due  to  gravity,  m/sec*  (ft/sec* ) 

partition  of  natrix  relating  control  vector  to  observation  vector 

identity  matrix 

moment  of  inertia  about  roll  axis,  kg-m*  (slug-ft* ) 

cross  moment  of  inertia  between  roll  and  yaw  axis,  kg-m1  (slug-ft*) 

moment  of  inertia  about  pitch  axis , kg-m’  (slug-ft* ) 

moment  of  inertia  about  yaw  axis,  kg-m’  (slug-ft*) 

cost  functional 

scale  weighting  factor  for  a priori  weighting  matrix 

Gaussian  white  noise  vector 

roll  rate,  deg/sec  or  rad/sec 

pitch  rate,  deg/sec  or  rad /sec 

acceleration  transformation  matrix 

yaw  rate,  deg/sec  or  rad /sec 

total  observation  time , sec 

intermediate  or  incremental  time,  sec 

control  vector 

velocity,  m/sec  (ft/sec) 

variable  bias  vector  for  nonstate  measurements 

state  vector 

observation  veo,or 

measurement  of  observation  vector 

angle  of  attack , deg  or  rad 

angle  of  sideslip,  deg  or  rad 

aileron  deflection , deg  or  rad 

elevator  deflection  , deg  or  rad 
rudds  r deflection , deg  or  rad 

pitch  angle,  deg  or  rad 
bank  or  roll  angle,  deg  or  rad 
null  matrix 

with  respect  to  body  axis 

matrix  transpose 
derivative  with  respect  to  time 


INTRODUCTION 

Extraction  of  stability  and  control  derivatives  from  flight  daia  has  been  of  interest  for  many  years.  In  1966 
the  NASA  Flight  Research  Center  started  the  development  of  a nonlinear  minimization  digital  program  for  the 
extraction  of  these  derivatives.  The  maximum  likelihood  estimator  mefhod  (sometimes  referred  to  as  the  Newton- 
Raphson  method,  as  in  refs.  1 and  2)  which  resulted  from  that  study  has  been  applied  to  more  than  1500 
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maneuvers  from  19  aircraft  over  the  pest  8 years.  The  method  was  uaed  routinely  on  moat  of  these  maneuvera. 
This  paper  discusses  the  Flight  Research  Center  experience,  particularly  in  derivative  extraction  in  a batch 
processing  mode. 

Some  investig-tora  maintain  that  the  maximum  likelihood  estimator  method  ia  not  practical  for  routine  use  on 
a large  quantity  of  flight  data.  With  certain  qualifications , we  have  found  that  most  of  the  difficulties  have  arisen 
from  modeling  or  data  problems.  •*' a point  out  how  these  difficulties  can  be  isolated  and,  in  some  instances, 
accounted  for.  Although  this  paper  deals  specifically  with  the  digital  computer  program  developed  at  the 
Flight  Research  Center , much  of  the  discussion  applies  to  any  maximum  likelihood  estimator  program  with 
essentially  the  time  options. 

MAXIMUM  LIKELIHOOD  ESTIMATOR  METHOD 

The  maximum  likelihood  estimator  method  la  one  mean*  of  estimating  aircraft  atability  and  control  derivativea 
from  flight  maneuvera. 

The  equations  that  are  used  to  describe  the  aircraft  system  in  the  maximum  likelihood  estimator  method  are 
as  follows: 


where 


Rr(t)  = Ax(t>  ♦ Buff)  ' 

y(t)  * [-j  -]x(t)  ♦[-£-]  u<i)  ♦[-*-] 

*(t)  = y(t)  ♦ n(t)  , 


x(t)  state  vector 

u(t)  control  vector 

y(t)  calculated  response  vector 

lit)  measured  response  vector 

n(t)  measured  noise  vector 

v Instrument  bias  vector 


(1) 


and  the  unknown  coefficients  of  the  system  appear  in  the  A . B , G . and  H matrices  and  the  v and  x (0)  vectors. 
All  the  unknown  coefficients  form  a vector  c,  thus  the  unknown  stability  and  control  derivatives  are  contained 
in  the  vector  c . 


The  maximum  likelihood  estimator  method  is  defined  as  the  minimum  of  the  following  cost  functional  with 
respect  to  the  vector  of  unknown  coefficients,  c: 


J = 


z(t)  - y<»]  * Dt  [z(0  - y(0]  dt 


(2) 


where  T is  the  total  observation  time  of  the  maneuver . and  Dj  is  the  inverse  of  the  measurement  covariance 
matrix.  The  controls  are  assumed  to  be  known  and  noiseless. 


Independent  estimates  of  the  unknown  coefficients  are  often  available  from  wind-tunnel  data,  previously 
obtained  flight  data,  or  calculated  estimates.  It  is  desirable  to  use  this  a priori  information  in  conjunction  with 
the  maximum  likelihood  estimator  so  that  all  the  information  avi  liable  is  used  to  obtain  the  estimates  and  no 
change  is  made  in  the  derivatives  from  the  a priori  values  unless  there  is  sufficient  information  in  the  flight  data 
to  justify  a change.  The  cost  functional  is  expanded  to  include  a penalty  for  a departure  from  ihe  a priori  values. 
This  is  referred  to  as  the  modilied  maximum  likelihood  estimati  .'  method  and  is  implemented  by  minimizing  the 
following  cost  functional  with  respect  to  the  vector  of  unknown  coefficients,  c: 


J = 


y(t)  j * Dj  [zfO  - y(t)]  | dt  * (c  - C(J)*  KD2  (c  - cQ) 


(3) 


where  cg  ia  the  vector  of  a priori  estimates  of  the  vector  c and  KD 2 !s  the  weighting  matrix  for  the  a prforf 

information.  This  cost  functional  can  be  derived  ir  the  same  way  as  that  for  the  maximum  likelihood  estimator  by 
using  the  joint  probability  p(z.c)  instead  of  the  conditional  probability  p(z/c) . A more  detailed  discussion  of 
the  modified  maximum  likelihood  estimator  method  is  presented  in  references  1 and  2. 

DESCRIPTION  OF  NASA  FLIGHT  RESEARCH  CENTER  COMPUTER  PROGRAM 


The  NASA  Flight  Research  Center  uses  a series  of  three  FORTRAN  programs  to  automatically  extract  stability 
and  control  derivatives  from  flight  data  using  the  maximum  likelihood  estimator  method.  The  first  program 
(SETUP;  preconditions  the  data  to  be  used;  the  second  program  (MMLE)  contains  the  maximum  ’ikelihood 
estimator  algorithm,  as  described  in  references  1 and  2;  and  the  third  program  (SUMARY)  provides  a means 
of  displaying  and  summarizing  the  results.  The  function  of  these  programs  and  the  various  options  we  have 
found  to  be  necessary  are  described  briefly  in  this  section. 

The  first  program,  SETUP,  automatically  determines  the  flight  condition  and  the  necessary  startup  values 
from  the  flight  data  for  use  in  the  second  program.  The  SETUP  program  punches  a startup  card  deck  and  creates 
a file  containing  the  flight  time  history.  Any  of  these  automatic  features  can  be  overridden.  Only  the  following 


information  ia  absolutely  required  for  a maneuver  to  b*  analyxed: 

(1)  The  atart  and  atop  time  for  each  maneuver. 

(])  A digitized  file  with  the  pertinent  quantities  required  for  each  maneuver,  including  the  Right  condition. 

(3)  The  geometric  characteristics  of  the  vehicle,  including  instrument  locations.  , 

(4)  A complete  set  of  nondimenslonal  a priori  derivatives. 

(5)  An  indication  of  which  controls  move  independently  during  each  maneuver. 

The  second  program,  MMLE,  provides  estimates  of  the  unknown  coefficients  of  Eqs.  (1).  These  equations 
are  written  with  respect  to  arbitrary  accelerometer  locations.  To  use  the  MMLE  program,  the  Dj  and 

matrices  of  Eq.  (3)  need  to  be  known . Usually  the  matrices  are  determined  from  maneuver  data  that  agree  with 
data  based  on  the  mathematical  model , and  the  matrices  should  remain  fixed  until  some  major  change  in  instru- 
mentation occurs.  The  program  has  a mode  that  determines  either  the  Dj  or  matrix,  or  both.  The  Dj  matrix 

(assumed  to  be  diagonal)  ia  determined  such  that  the  weighted  error  on  each  measurement  is  approximately  unity. 
This  ia  achieved  by  letting  the  algorithm  converge  io  a solution,  adjusting  the  Dj  matrix  elements  appropriately, 

and  then , with  this  new  D j matrix , letting  the  algorithm  converge . This  procedure  is  automatically  repeated 
until  the  weighted  error  of  ecch  measurement  is  within  somo  tolerance  of  unity.  Once  the  Dj  matrix  has  been 
determined . the  elements  of  the  Dg  mat-ix  can  be  specified . The  Dj  matrix  (assumed  to  be  diagonal)  is  obtained 
by  allowing  the  algorithm  to  converge  for  a fixed  Dj  matrix  with  various  values  of  K (Eq.  (3)) . Then  plots  are 
provided  for  each  converged  estimate  as  a function  of  K . The  elements  of  the  matrix  can  be  adjusted  so  that 

all  the  coefficients  start  to  deviate  from  the  a priori  estimates  at  approximately  the  same  value  of  K.  The  D,  and 
Dg  matrix  determination  is  discussed  in  more  detail  in  reference  2 . 

Three  aids  are  available  in  the  MMLE  program  with  which  the  input  data  can  be  modified  either  to  correct  the 
data  or  to  specify  changes  to  the  model  being  used.  These  are  as  follows: 

(1)  Any  of  the  input  signals  can  be  biased,  corrected  for  instrument  position,  or  multiplied  by  a constant. 

(2)  Extra  inputs  are  allowed  for  inputting  information  needed  to  correct  the  model. 

(3)  Multiple  time  histories  can  be  analy;  ed  as  one  case  for  maneuvers  made  at  approximately  the  same  flight 
condition . 

Three  means  of  identifying  data  deficiencies  or  modeling  errors  are  also  available.  These  are  discussed  in 
the  DATA  EDITING  section  (p.  8)  . 

The  third  program,  SUMARY,  provides  plots  of  the  estimated  derivatives  and  uncertainty  levels  (Cramer-Rao 
bounds  of  ref.  2)  from  the  punched  card  output  of  the  MMLE  program.  These  derivatives  are  plotted  as  a func- 
tion of  angle  of  attack.  Various  symbols  can  be  used  to  represent  Mach  number,  configuration,  or  any  other 
parameter  of  interest.  A priori  estimates  (or  any  other  estimates)  can  be  included  on  this  plot. 

NASA  FLIGHT  RESEARCH  CENTER  EXPERIENCE 

The  NASA  Flight  Research  Center  has  been  using  the  maximum  likelihood  estimator  method  to  extract  stabil- 
ity and  control  derivatives  from  flight  data  for  8 years.  More  than  1500  maneuvers  from  19  aircraft  nave  been 
analyzed.  The  flight  conditions  have  included  Mach  numbers  up  to  5 and  altitudes  to  30,700  meters  (100,000  feet), 
angles  of  attack  from  -20°  to  40°.  and  elevated  normal  acceleration  maneuvers  up  to  4g.  Virtually  all  derivative 
extraction  at  the  NASA  Flight  Research  Center  is  done  with  the  modified  maximum  likelihood  estimator  program 
discussed  in  this  paper. 

The  Flight  Research  Center's  experience  is  summarized  in  the  following  table: 


Aircraft 

Maneuvers 

analyzed 

X 15 

Unknown 

XB  70 

Unknown 

M2F2 

Unknown 

HL-10 

Unknown 

M2-F3 

ISS 

X-24A 

Unknown 

P-  MIA 

Unknown 

CV-990 

90 

F-9  (supercritical  wing) 

320 

YF-12 

30 

F *C 

1 1 

JetStar 

26S 

F-1IIA  TACT  (baaeline) 

mi 

X-  24B 

103 

F-  IS  (wubacate  model) 

139 

TACT 

192 

PA  30 

qs 

Yf  2B 

15 

FIS 

33  i 

Maneuver* 

auccessful'y 

analyzed 


i 


Rounded  to  the  nearest  5. 
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As  shown,  for  ths  mors  conventional  aircraft,  nearly  200  percent  of  the  maneuvers  were  analyzed  successfully . 

For  the  experimental  aircraft,  with  which  it  is  more  difficult  to  maintain  an  exact  flight  condition,  the  successful 
analyses  are  as  low  as  70  percent.  Overall,  87  percent  of  the  maneuvers  were  successfully  analyzed.  Most  of 
the  M2-F3  lifting  body  maneuvers  that  were  not  successfully  analyzed  were  thoee  on  which  unsteady  transonic 
flow  occurred.  The  low  utilization  percentage  for  the  F-111A  airplane  is  attributed  to  the  lateral-directional 
motion  which  occurred  during  more  than  half  of  the  longitudinal  maneuvers  performed  at  high  normal  acceleration. 
The  lateral-directional  variables  were  not  recorded;  therefore,  the  cross  coupling  effect  on  the  longitudinal  mc  le 
could  not  be  corrected  for.  The  F-15  remotely  piloted  subscsle  model  experienced  bufTet  st  angles  of  attack  be- 
tween 20s  and  35®.  which  accounts  for  most  of  the  unsuccessfully  analyzed  maneuvers.  For  a maneuver  of  aver- 
age length.  20  seconds  of  computer  time  are  required  per  submittal  for  t longitudinal  maneuver  and  40  seconds 
for  a lateral-directional  maneuver.  In  this  context,  a submittal  refers  to  submitt.ng  t maneuver  for  proceaaing 
or  to  resubmitting  a maneuver  once  any  desired  changes  have  been  made  to  the  data  to  improve  the  derivative 
extraction  proceas . 

In  general,  the  maximum  likelihood  estimator  method  has  been  extremely  useful  in  derivative  extraction. 

Moat  of  the  resulting  fits  have  been  "nearly"  perfect,  particularly  when  the  percentage  of  utilization  was  high. 
Recently,  86  maneuvers  performed  during  a PA-30  flight,  with  the  airplane  in  three  different  configurations, 
were  analyzed  in  the  batch  processing  mode.  The  maneuvers  were  considerably  longer  than  an  average  maneu- 
ver. After  the  flight,  the  data  were  stripped  out  on  a Sanborn  recorder  and  the  maneuver  times  were  read  off. 

The  raw  data  was  in  PCM  form  in  engineering  units.  The  e ..re  derivative  extraction  proceas,  including  the 
creation  ot  the  original  data  files  and  the  final  summary  plots  of  the  derivatives  for  the  three  PA-30  configurations 
throughout  the  sngle-of-sttack  rsnge.  required  only  12  engineering  hours  and  I 3/4  hours  of  CDC  6500  computer 
time.  Eighty-five  of  the  86  maneuvers  were  successfully  analyzed;  therefore,  each  maneuver  required  less 
than  9 minutes  of  engineering  time  and  approximately  1 1/4  minutes  of  computer  time.  These  results  are  typical 
for  maneuvers  analyzed  under  ideal  conditions . 

For  "good"  data,  such  as  those  for  the  PA-30  airplane,  the  average  maneuver  required  fewer  than  1.2  sub- 
mittals per  maneuver.  For  data  obtained  when  the  flight  condition  was  difficult  ‘o  maintain,  such  as  the  F-111A 
elevated  normal  acceleration  maneuvers,  2.3  submittals  per  maneuver  were  required.  For  analysis  of  extremely 
marginal  maneuvers,  when  the  derivative  estimates  are  important  because  w';'  cne  maneuver  is  available  or  the 
estimates  are  needed  before  further  flight  envelope  expansion,  five  or  six  submittals  may  be  appropriate. 

Although  the  use  of  the  maximum  likelihood  estimator  method  has  been  successful  at  the  NASA  Flight 
Research  Center,  difficulties  have  been  encountered  in  10  percent  to  15  percent  of  th-*  maneuvers  analyzed  which 
necessitated  more  in-depth  analysis  before  good  estimates  of  the  stability  and  control  derivatives  could  be 
obtained.  The  next  three  sections  discuss  mesns  of  Improving  the  quality  of  the  estimates,  major  error  sources, 
and  data  editing  techniques  that  we  have  found  to  be  valuable  in  using  the  maximum  likelihood  estimator  method 
in  the  batch  processing  mode. 

IMPROVING  QUALITY  OF  ESTIMATES 

Sometimes  no  estimates,  or  only  poor  estimates,  of  the  unknown  coefficients  can  be  obtained.  This  can 
result  from  applying  the  maximum  likelihood  estimator  carelessly  even  when  the  standard  model  is  valid.  If 
certain  situations  are  avoided  or  identified,  the  estimation  process  can  proceed  routinely. 

Dependent  Variaolet 

One  type  of  poor  estimate  results  from  not  having  a completely  independent  set  of  unknown  coefficients. 

This  occurs  most  commonly  in  determining  aerodynamic  and  instrument  biases.  If  the  two  sets  of  biases  are  not 
linearly  independent,  the  resulting  estimates  of  these  biases  sre  obviously  meaningless.  Usually  this  problem 
has  little  effect  on  the  estimates  of  the  stability  snd  control  derivatives,  but  it  can  slow  the  convergence  of  the 
algorithm.  When  dealing  with  both  aerodynamic  and  instrument  biases,  the  aerodynamic  biases  should  be 
permitted  to  vary  for  each  state  being  fit  and  the  instrument  biases  to  vary  only  for  the  nonstste  measurements, 
such  as  an  s<.  elerometer  measurement.  This  ensures  a linearly  independent  set  of  biases. 

Still  other  types  of  linear  dependence  can  occur  when  a vehicle  is  operating  with  the  stability  augmentation 
system  on  and  no  independent  control  Inputs  are  made  by  one  or  more  of  the  controls  being  used  in  the  augmen- 
tation system.  An  independent  input  is  always  preferable,  but  if  this  requirement  is  not  met.  it  is  still  possible 
to  obtain  useful  result;..  The  stability  augmentation  results  in  one  of  the  control  variables  being  nearly  indis- 
tinguishable from  the  state  variable  being  fed  back.  This  can  be  overcome  by  not  allowing  the  derivatives  of  the 
control  in  question  to  vary.  In  reality,  of  course,  the  control  is  only  "nearly"  dependent  on  the  state,  because 
several  electrical  and  mechanical  devices  are  engaged  before  the  state  measurement  affects  the  control.  Usually 
this  near  dependence  is  enough  to  result  in  poor  estimates  of  several  of  the  derivatives. 

Another  kind  of  near  dependence  may  occur  when  two  controls,  such  as  an  interconnected  aileron  and 
spoiler,  move  together  throughout  most  of  the  command  range.  Usually  this  is  best  dealt  with  by  using  the 
average  deflection  of  the  two  controls  and  estimating  one  set  of  control  derivatives  for  the  two  controls.  Some- 
times the  effect  of  one  of  the  controls  is  much  larger  than  that  of  the  other.  In  this  instance,  the  more  effective 
control  should  be  used  for  the  estimated  derivatives,  and  the  derivatives  of  the  other  control  should  be  fixed. 

When  linear  independence  or  near  linear  dependence  has  occurred,  one  method  that  has  been  used  with  some 
success  is  a priori  weighting,  with  the  weighting  somewhat  higher  on  the  nearly  dependent  variables  than  on 
the  Independent  variables.  This  approach  can  sometimes  be  successful  in  apportioning  the  values  of  the  depen- 
dent derivatives,  particularly  when  stability  augmentation  is  used.  In  this  instance  o priori  weighting  should 
be  done  carefully,  because  meaningless  estimates  may  result. 

Structural  Noise 

All  aircraft  have  observable  structuial  modes  which  usually  cause  no  problem  because  their  frequencies 
are  high  compared  to  the  aerodynamic  frequencies.  Generally,  if  the  structural  frequencies  are  more  than  a 
factor  of  5 or  10  higher  than  the  highest  aerodynamic  frequency,  they  can  be  neglected  unless  they  interfere  with 
the  control  position  measurements.  The  estimates  of  the  derivatives  usually  are  unaffected  by  high-frequency 
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structural  noiaa.  However,  If  tha  structural  frequency  la  near  the  aerodynamic  frequency,  two  approaches  uin 
be  taken.  Tha  structural  modes  can  be  treated  as  known  and  their  effect  subtracted  from  the  data  before  the 
derivatives  are  extracted . The  second  and  more  difficult  approach  is  to  model  the  structural  modes  as  well  as 
the  aerodynamic  modes  and  then  estimate  the  unknown  coefficients  for  all  the  modes.  This  would  require 
significant  modifications  to  the  maximum  likelihood  estimator  program  being  discussed. 

At  noted , significant  structural  vibration  that  affects  control  measurements  can  cause  problems  in  the 
application  of  the  maximum  likelihood  estimator.  The  power  spectra  of  the  control  measurement  can  be  determined, 
and  the  frequency  of  the  structural  vibration  can  then  be  identified.  A notch  digital  filter  can  be  used  to  filter 
out  that  structural  frequency  from  the  raw  data,  if  it  is  much  higher  then  the  aerodynamic  frequencies.  It  is 
usually  desirable  to  filter  all  the  metsurementa  with  the  same  fitter . It  la  important  to  exclude  structural  vibra- 
tion from  the  control  measurement,  because  the  maximum  likelihood  estimator  method  is  based  on  the  assumption 
of  a noiseless  control  input . 

Drift 

Drift  in  the  states  is  another  possible  problem . This  drift  is  caused  by  smalt  vehicle  nonlinearities , which 
may  result  from  unsteady  aerodynamics  or  s variation  of  the  flight  condition . Usually  the  drift  causes  no  partic- 
ular problem,  since  the  maneuver  need  only  be  shortened  to  improve  the  analysis.  However,  when  more  than 
one  sharp  control  input  occurs , the  drift  has  a significant  adverse  effect.  This  can  be  seen  in  figure  1 , which 
compares  the  measured  data  for  aileron  and  rudder  control  inputs  with  the  data  computed  from  the  estimated 
derivatives.  As  shown , a significant  amount  of  drift  occurred  before  any  rudder  input  was  made.  The  algorithm 
attempts  to  match  the  time  history  during  tha  rudder  input , but  is  unable  to  compensate  for  the  drift , resulting 
in  poor  rudder  derivatives.  The  problem  can  be  overcome  by  reinitializing  the  algorithm  before  the  rudder 
input  occurs,  which  is  referred  to  as  analyzing  multiple  maneuvers.  This  results  in  no  significant  error  in  the 
states  at  the  time  of  the  input.  Figure  2 shows  the  fit  obtained  from  the  multiple  maneuver  analysis.  As  can  be 
seen,  the  fit  is  now  excellent,  resulting  in  good  rudder  derivatives.  This  procedure  can  also  decresse  the  time 
during  which  negligible  motion  occurs  between  pulses.  The  use  of  the  multiple  maneuver  approach  can  also 
enhance  the  data  analysis  by  providing  only  one  set  of  estimates  for  several  maneuvers  made  at  the  same  flight 
condition . 

Uncertainty  Level » 

Errors  in  the  estimated  coefficients  can  be  found  by  using  uncertainty  levels.  Uncertainty  levels  are  propor- 
tional to  the  approximation  of  the  Cramer-Rao  bounds  described  in  reference  2 and  are  analogous  to  standard 
deviations  of  the  estimatea.  The  larger  the  uncertainty  level,  the  greater  the  uncertainty.  Therefore,  by 
comparing  the  uncertainty  level?  for  the  same  coefficient  obtained  from  different  maneuvers . one  estimate  may  be 
found  to  be  more  valid  than  another . By  using  these  levels , additional  information  about  the  estimate  is  obtained . 
For  example,  if  a coefficient  agrees  with  the  a priori  estimate  and  has  a small  uncertainty  level,  independent 
information  from  the  maneuver  agrees  with  the  a priori  estimate.  If  the  coefficient  has  a large  uncertainty  level, 
little  new  information  was  obtained  from  the  maneuver  and  the  a priori  estimate  is  still  the  best  estimate.  Some- 
times the  a priori  weighting  is  not  sufficient  to  force  the  coefficient  to  the  a priori  value,  and  there  is  a good  deal 
of  scatter  In  the  estimates.  In  this  instance,  the  uncertainty  levels  can  show  the  best  estimates,  that  is,  the 
estimates  having  the  smallest  uncertainty  levels,  and  permit  an  accurate  fairing  of  the  data.  For  example, 
figure  3(a)  shows  a large  amount  of  scatter  in  the  Cn  estimate  for  three  flap  settings.  Therefore,  we  can 

P 

conclude  that  little  information  about  Cn  was  obtained  from  the  analysis  that  yielded  these  data . If  the  data  of 

P 

figure  3(a)  are  supplemented  with  the  uncertainty  levels  associated  with  each  data  point,  as  in  figure  3(b),  it 
becomes  evident  that  the  data  with  *he  small  uncertainty  levels  define  a consistent  trend  with  angle  of  attack  as 
is  shown  by  the  fairing.  It  Is  of  interest  that  the  data  with  the  small  uncertainty  levels  were  obtained  from 
maneuvers  in  which  all  inputs  were  made  with  the  aileron  control.  The  other  data  were  from  maneuvers  in 
which  all  inputs  were  made  by  the  rudder  control.  The  aileron  and  rudder  control  data  are  shown  separately 
in  figure  4(a).  The  fairing  in  the  plot  of  aileron  maneuver  data  is  the  same  fairing  as  shown  in  figure  3(b) 
based  on  the  uncertainty  levels.  As  pointed  out  previously,  the  use  of  multiple  maneuver  analysis  enhances  the 
analysis  of  data  by  providing  only  one  estimate  of  several  maneuvers  at  the  same  flight  condition.  Thus,  because 
the  rudder  data  provided  poor  estimates  and  the  aileron  data  gave  good  estimates,  it  seems  reasonable  to  combine 
the  data  for  the  aileron  and  rudder  inputs  made  at  the  s;me  flight  condition  and  use  the  multiple  maneuver 
approach.  The  results  of  this  approach  are  shown  it,  figure  4(b)  for  the  data  presented  in  figure  3(b) . The 
fairing  is  that  shown  in  figure  3(b)  based  on  the  uncertainty  level  analysis  and  agrees  well  with  the  data  obtained 
from  the  multiple  maneuver  analysis.  In  this  instance  the  uncertainty  levels  were  not  needed  in  the  multiple 
maneuver  analysis  because  all  the  spurious  points  disappeared,  but  this  usually  cannot  be  counted  on.  There- 
fore. uncertainty  levels  as  well  as  multiple  maneuver  analysis  "an  be  used  to  improve  the  quality  of  estimated 
coefficients. 

MAJOR  ERROR  SOURCES 

In  any  stability  and  control  flight-test  program,  difficulties  with  data  or  modeling  should  not  be  unt  rpected. 
Frequently  these  problems,  such  as  data  spikes,  can  be  observed  by  a cursory  look  a!  the  initial  flight  results; 
however,  other  less  obvious  problems  should  also  be  expected.  Two  of  the  most  common  major  error  sources 
are  the  improoer  specification  of  the  instrumentation  and  data  acquisition  system  and  inaccurate  modeling. 

These  error  sources  and  the  procedures  that  can  be  used  to  determine  when  errors  occur  are  discussed  in  this 
section . 

Instrumentation  and  Data  Acquisition  System 

Basic  to  the  accuracy  of  any  instrumentation  system  is  the  proper  specification  of  corrections.  These 
corrections  for  aircraft  stability  and  control  analysis  must  include  instrument  calibration,  accelerometer  location 
correction,  and  angle-of-attack-  and  angle-of-sideslip-vane  corrections.  The  instruments  must  be  carefully 
positioned  to  avoid  measuring  structural  vibration  and  undesirable  flow  effects.  As  an  example,  one  simple 
consideration  is  that  the  location  of  some  of  the  instruments  has  not  been  properly  accounted  for.  This  is 
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particularly  Important  for  vanea  and  accelerometer* . The*#  two  correctiona  can  be  readily  specified  in  the 
MULE  program . If  correctiona  are  not  mads  to  the  data  for  the  vane  locations . the  fit  of  the  data  is  poor . partic- 
ularly when  angut  :•  rat*a  are  high.  If  the  accelerometer  position  la  not  correctly  accounted  for,  some  of  the 
estimated  derivati  os  (C„  and  C.  , in  particular)  will  be  affected.  It  usually  becomes  evident  that  this  correc- 
ts 

tion  has  not  been  made  by  comparing  tha  measured  and  the  computed  data. 

The  resolution  and  accuracy  of  the  instrumentation  muat  be  taken  into  account,  if  measurement  noise  is 
small , fairly  low  resolution  can  be  tolerated  on  any  non-control  meaaurement , although  the  lower  the  resolution 
the  poorer  the  estimates.  Low  resolution  of  the  control  messurement  can  be  Intolerable,  because  most  motions 
are  derived  from  control  movement . if  the  control  position  is  not  accurately  defined  on  a sampled  time  history , 
tha  predicted  motion  will  not  be  acceptable.  If  the  predicted  motion  is  Incorrect,  the  estimates  of  the  derivatives, 
particularly  the  control  derivatives,  will  be  severely  degraded . For  very  low  resolution  of  the  control  meaaure- 
ment, the  movement  of  the  control  could  be  missed  completely. 

The  sample  rate  chosen  for  the  dab.  can  also  have  a marked  effect  on  the  quality  of  the  estimated  derivatives. 

In  most  aircraft  stability  and  control  analyses,  the  determining  factor  is  the  accurate  definition  of  the  control 
motion.  Rapid  excursions  are  caused  by  rapid  control  inputs . thus  dictating  the  required  sample  rate.  For  a 
low  sample  rate,  the  initial  motion  of  the  control  would  be  missed  and  the  vehicle  could  appear  to  respond  before 
tha  control  motion  began.  As  pointed  out,  the  resulting  control  time  hlatory  would  result  in  unacceptable  pre- 
dicted motion,  thus  degrading  the  estimated  derivatives.  For  most  aircraft,  20  samples  per  second  is  acceptable, 
but  SO  samples  per  second  la  more  desirable . For  very  slow  control  motion* , lest  than  20  samples  per  second 
might  prove  to  be  acceptable. 

For  considerations  other  than  control  motion  requirements , a sample  rate  of  10  samples  per  cycle  has  been 
found  to  be  desirable.  In  phugotd  mode  analysia,  for  example , 10  sample*  per  cycle  may  result  in  very  low 
sample  rates.  It  should  be  noted  that  the  integration  routine  used  in  the  maximum  likelihood  estimator  method 
may  need  to  be  modified  if  the  sample  rates  are  very  low . 

Time,  or  phase,  shifts  must  also  be  considered.  Time  shifts  can  occur  when  continuous  data  is  sampled 
sequentially . Particularly  where  the  sample  interval  is  large , the  time  shift  between  a measurement  sampled  at 
the  beginning  of  the  interval  and  a measurement  sampled  at  the  end  of  the  interval  becomes  significant.  Because 
the  maximum  likelihood  estimator  algorithm  assumes  that  all  samples  occur  simultaneously , this  would  cause 
errors  in  the  measurement  data.  Once  again  this  becomes  particularly  Important  when  the  control  input  is  sampled 
at  a significantly  different  time  than  one  or  more  nf  the  other  measurements.  If  the  instrumentation  system  cannot 
otherwise  meet  the  minimum  sample  rate  requirement , thia  effect  can  be  compensated  for  in  the  data  before  the 
analysis  begins  by  time  shifting  the  appropriate  signals. 

A phase  shift  due  to  instrumentation  filters  can  cause  a similar  problem . All  filter  rolloff  frequencies  should 
be  kept  much  higher  than  the  aerodynamic  frequencies  of  interest.  If  a filter  is  unavoidable,  all  the  measure- 
ments should  be  filtered  with  the  same  filter  or  a phase  shift  correction  should  be  applied  to  the  raw  data  for  all 
the  filtered  measurements , 

Modeling  Problems 

Aa  used  here,  modeling  problems  refer  to  considerations  that  the  analyst  must  take  into  account  to  obtain 
the  best  possible  estimates.  These  considerations  are  viewed  with  regard  to  the  standard  linear  model,  which 
assumes  that  all  motion  occurs  in  either  the  longitudinal  or  the  laterai-directionsl  mode.  That  is.  the  standard 
model  ia  valid  for  level  flight,  a steep  descent,  a steady  turn  (elevated  normal  acceleration) , or  a spiral  descent. 
However,  refinement  to  the  standard  linear  model  is  sometimes  necessary.  Modeling  problems  can  be  placed  in 
one  of  the  following  categories: 

(1)  The  linear  model  may  no  longer  adequately  approximate  the  aircraft,  but  a known  nonlinear  model  is 
available. 

(2)  The  aircraft  may  be  subjected  to  unknown  external  inputs. 

(3)  No  known  model  may  exist  for  some  phenomenon  effecting  the  aircraft. 

Typical  problems  for  each  of  these  categories  will  be  discussed  when  meaningful  results  can  be  obtained  by 
either  modifyirg  the  maximum  likelihood  estimator  algorithm  or  the  model  itself. 

Known  Linear  Model 

The  simplest  type  of  modeling  problems  occur  when  the  model  is  known  to  be  nonlinear  but  can  be  modified 
to  be  linear  with  additional  known  inputs.  Mode  coupling  between  the  lateral-directional  and  the  longitudinal 
modes  is  an  example  of  a nonlinear  model  of  this  type.  Coupling  usually  occurs  when  the  vehicle  cannot  be 
completely  stabilized  while  3tability  and  control  maneuvers  are  being  performed.  This  occurs  frequently  during 
steady  turns  or  high-angle-of-attack  maneuvers,  if  it  is  assumed  that  the  measurements  of  the  motions  in  the 
modes  not  being  analyzed  are  sufficiently  accurate,  these  measurements  can  be  treated  as  known.  Thus  the 
coupling  terms  appear  as  known  external  inputs  to  the  mode  under  investigation.  The  model  is  once  again 
linear,  and  the  maximum  likelihood  estimator  of  Eqs.  (2)  or  (3)  can  be  applied  and  the  additional  terms  treated 
as  extra  controls. 

Figure  5 is  a time  history  of  a longitudinal  maneuver  in  which  significant  lateral-directional  motions  were 
experienced . The  fit  of  the  flight  and  estimated  data  is  not  particularly  good  because  the  aircraft  was  at  an 
extreme  angle  of  attack  and  was  difficult  to  stabilize  in  the  lateral-directional  mode.  If  the  refinements  and 
additions  listed  in  the  table  on  the  following  page  were  made  to  the  longitudinal  equations  of  motion,  the  fit 
would  be  that  shown  in  figure  6. 
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This  fit  is  considered  exceptionally  good  for  a high-angle-of-attack  maneuver,  and  the  resulting  derivatives  were 
in  good  agreement  with  derivatives  for  maneuvers  performed  at  the  same  flight  condition  but  with  little  lateral- 
directional  motion . 

Another  modeling  problem  occurs  when  the  linear  model  of  the  aircraft  breaks  down  and  the  nonlinear  model 
is  known  but  cannot  be  put  into  linear  form . An  example  of  this  is  the  need  to  include  the  drag  polar  in  the 
model.  The  cost  functional  tc  be  minimirad  is  an  extension  of  Eq . (2).  The  algorithm  is  essentially  the  same  as 
that  for  the  maximum  likelihood  estimator  used  to  minimize  Eq.  (2) , but  the  state  equations  are  no  longer  linear. 
Figure  7 is  a comparison  of  longitudinal  maneuver  data  that  require  a nonlinear  model  and  the  computed  data 
based  on  the  estimates  from  the  algorithm  just  discussed.  The  fit  is  excellent.  The  drag  polar  obtained  from  this 
maneuver  is  compared  in  figure  8 with  wind-tunnel  estimates  of  the  drag  polar.  The  agreement  is  relatively  good. 

Unknown  External  Disturbances 

Modeling  problems  caused  by  unknown  external  disturbances  are  encountered  when  an  aircraft  flies  through 
a wake  vortex  or  in  atmospheric  turbulence.  Figure  9 is  a comparison  of  flight  data  obtained  in  atmospheric 
turbulence  with  data  obtained  with  the  maximum  likelihood  estimator  of  Eq.  (2) . As  can  be  seen,  the  fit  is 
unacceptable.  A maximum  likelihood  estimator  derived  by  Balakrishnan  can  be  applied  to  data  obtained  in 
atmospheric  turbulence  if  the  Dryden  model  of  turbulence  is  used.  The  method  (ref.  3)  estimates  the  turbulence 
as  a function  of  time  in  addition  to  the  unknown  coefficients.  The  data  shown  in  figure  9 were  analyzed  in  refer- 
ence 4 using  Balakrishan's  maximum  likelihood  estimator.  As  shown  in  figure  10,  the  resulting  fit  is  now 
virtually  perfect. 

Unknown  Model 

The  tnird  type  of  model  breakdown  for  which  no  known  model  exists  cannot  generally  be  handled.  Many 
nonlinear  models  can  be  approximated  easily  by  a power  scries  expansion,  but  this  type  of  analysis  yields  mean- 
ingless results  in  that  the  coefficients  extracted  have  little  physical  meaning.  An  example  of  model  breakdown, 
for  which  even  a power  series  expansion  does  not  approximate  the  nonlinearity , occurs  during  aerodynamic 
separation.  Although  many  causes  of  aerodynamic  separation  are  known,  the  time  at  which  the  separation 
occurs  and  the  frequency  with  which  it  occurs  are  random.  Thus  little  can  be  done  to  extract  meaningful  stabil- 
ity and  control  derivatives  unless  the  separation  is  mild  enough  that  a known  model  can  adequately  approximate 
the  overall  resulting  motion.  Figure  11  shows  data  obtained  in  a flight  region  where  aerodynamic  separation  was 
known  to  exist . These  data  are  compared  with  data  computed  from  the  maximum  likelihood  estimates  obtained  by 
using  Eq.  (2) . The  fit,  although  sometimes  poor,  indicates  that  the  computed  data  approximate  the  flight  data. 
Therefore,  a fairly  good  linear  approximation  was  obtained  to  the  data  showing  aerodynamic  separation,  and  the 
resulting  estimated  coefficients  agreed  well  with  those  obtained  where  aerodynamic  separation  was  not  evident. 

DATA  EDITING 

Data  editing  problems  that  may  be  rectified  fall  into  two  categories:  (1)  problems  with  the  measurements,  and 

(2)  problems  caused  by  inconsistencies  in  the  model,  which  may  be  the  result  of  something  as  simple  as  the  wrong 
values  of  some  geometric  constants  being  used.  Both  types  of  problems  are  usually  found  by  looking  at  the  raw 
data  or  by  using  the  MMLE  or  SUMARY  programs  to  find  any  inconsistencies.  The  MMLE  program  will  point  out 
all  of  these  problems,  unless  a flight  condition  is  incorrectly  identified,  but  will  require  a computer  submittal. 
Means  of  identifying  data  problems  can  be  summarized  as  follows  (parenthetical  notations  are  referred  to  in  the 
table  on  page  9): 

• Although  inspection  of  raw  data  plots  is  always  the  easiest  approach,  frequently  the  problem  cannot  be 
detected  in  this  way.  (Raw  data) 

The  following  features  of  the  MMLE  program  can  be  extremely  helpful  in  detecting  data  problems: 

• If  the  weighted  error  (value  of  cost  functional)  exceeds  a given  error,  a time  history  of  the  measured  data  is 
printed  out.  This  usually  indicates  a major  problem  in  the  measured  data.  (MMLE-1) 

• The  program  can  be  submitted  to  obtain  a plot  that  compares  the  computed  data  based  on  the  startup  values 
with  the  measured  data.  (MMLE-2) 

• A time  history  plot  comparing  the  computed  data  , based  on  the  values  of  the  converged  estimated  derivatives, 
with  the  measured  data  can  be  obtained.  This  feature  c in  frequently  be  made  more  usehil  by  increasing  the 

a priori  weighting  when  a converged  solution  cannot  otherwise  be  obtained.  (MMLE-3) 

• The  SUMARY  program  presents  all  the  estimated  coefficients  as  well  as  the  uncertainty  levels  plus  any 

a priori  coefficients  that  are  available.  Many  types  of  data  problems  are  indicated  by  comparing  the  individual 
estimates  and  the  corresponding  uncertainty  levels.  (SUMARY) 


Common  daft  or  modeling  problem*  are  Hated  in  the  following  table.  Mean*  of  identifying  the  problem* 
(keyed  to  the  preceding  discussion)  are  indicated  in  the  order  of  their  effectiveness , baaed  on  the  amount 
of  effort  required. 


Problem 

To  identify  origin  of 
problem  us*  - 

Data  *plk*s 

Raw  data,  MMLE-1,  MMLE-2.  MMLE-3 

Tim*  dropout* 

Raw  data,  MMLE-1 , MMLE-2,  MMLE-3 

Data  dropout* 

Raw  data,  MMLE-1,  MMLE-2.  MMLE-3 

Improper  time  increment  for  maneuver 

Raw  data,  MMLE-1.  MMLE-2,  MMLE-3 

Coupling  between  mode* 

Raw  data,  MMLE-3,  MMLE-1 

Wrong  magnitudes  or  sign*  on  measurement* 

MMLE-1,  MMLE-2.  MMLE-1 

Data  nonlinear 

MMLE-1,  MMLE-2.  MMLE-1 

Wrong  sample  rate 

MMLE-3,  MMLE-2,  MMLE-1 

Wrong  mode*  being  analyzed 

MMLE-1,  MMLE-2,  MMLE-3 

Low  resolution  on  measurements 

MMLE-1,  MMLE-2,  MMLE-3 

Noise  on  controls 

MMLE-1,  MMLE-2,  MMLE-3 

Maneuver  needs  to  be  shortened 

MMLE-1,  MMLE-2,  MMLE-3 

Phase  or  time  shift  in  signals 

MMLE-3 

Different  frequency  and  damping  on  differ- 
ent signal* 

MMLE-3 

Turbulence  or  wind  shear  during  maneuver 

MMLE-3 

Needs  to  be  broken  into  several  maneuvers 

MMLE-3 

Low  resolution  on  controls 

MMLE-1,  MMLE-2,  MMLE-3.  SUMARY 

Control  derivatives  varying  but  control  fixed 

MMLE-3.  SUMARY.  MMLE-1 

Velocity,  dynamic  pressure,  or  geometric 
constant  wrong 

SUMARY,  MMLE-1 

Stability  augmentation  system  on  (no 
independent  control  motion) 

MMLE-3.  SUMARY 

Wrong  center  of  gravity  or  accelerometer 
position 

MMLE-3,  SUMARY 

Wrong  weighting  matrix 

MMLE-3,  SUMARY 

Wrong  flight  condition 

SUMARY 

CONCLUDING  REMARKS 

A maximum  likelihood  estimator  computer  program  has  been  used  at  the  NASA  Flight  Research  Center  for  the 
past  8 years  to  extract  stability  and  control  derivatives  from  flight  data.  The  program,  together  with  two  assoc- 
iated programs,  has  been  effective  in  analyzing  87  percent  of  the  aircraft  stability  and  control  maneuvers 
attempted.  More  than  1500  maneuvers  from  IS  different  aircraft  have  been  successfully  analyzed.  For  maneuvers 
analyzed  under  ideal  conditions,  each  successful  analysis  required  less  than  9 minutes  of  engineering  time  and 
1 1/4  minutes  of  CDC  6500  computer  time  per  maneuver;  fewer  than  1 2 submittals  per  maneuver  were  needed. 
Maneuvers  that  were  not  successfully  analyzed  in  a routine  manner  were  often  salvaged  by  more  extensive 
analysis. 
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Figure  1.  Comparison  of  flight  and  estimated  data  showing  significant  measurement 
drift  at  time  of  rudder  control  input. 
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Figure  2.  Comparison  of  fligh 
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Figure  3.  Variation  of  Cn  with  angle  of  attack  showing  the  advantage  of  using  uncertainty  levels. 
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(a)  Single  maneuver  analysis. 


(b)  Multiple  maneuver  analysis. 


Figure  4.  Variation  of  Cn  with  angle  of  attack  for  single  and  multiple  maneuver  analysis. 
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Figure  5.  Time  history  of  longitudinal  maneuver  Figure  6.  Tima  history  of  longitudinal  maneuver 

thawing  the  effect  ignoring  lateral-directional  showing  Imprwement  In  data  of  figure  5 after 

coupling  tarms  In  high-angle -of-attack  data.  Inclusion  of  latiral-dlrectlonal  coupling  terms. 
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Figure  7.  Comparison  of  flight  and  estimated  data  using  a nonlinear  model. 
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Summary 

The  paper  reviews  the  experiences  at  DFVLR  Research  Center  Braunschweig  in  the  estimation  of 
aircraft  parameters  by  means  of  three  identification  methods:  Frequency  response,  maximum-likelihood, 
and  model  with  automatic  parameter  adjustment.  Results  using  flight  test  data  from  the  Dot27  and 
HFB-320  aircraft  are  presented.  The  effects  of  including  nonlinear  terms  and  turbulence  in  the  model 
are  also  discussed. 

Furthermore,  the  model  with  automatic  parameter  adjustment  method  was  used  for  studying  the 
problems  of  derivative  identification  for  rotorcraft  type  vehicles.  Preliminary  results  obtained 
when  evaluating  simulated  Sikorsky  S-61  flight  data  with  various  input  signals  are  given. 

Finally,  some  aspects  of  designing  input  signals  for  flight  tests  are  discussed.  In  this  subject, 
a method  is  described  for  the  design  of  short-time  signals  which  allow  a good  identification  of  the 
system  parameters  and  are  still  easily  flown  by  the  pilot. 


1.  Introduction 

This  paper  shall  give  an  insight  into  the  activities  of  the  DFVLR-Institute  for  Flight  Mechanics  in 
*he  field  of  system  identification  of  fixed  wing  aircraft  and  helicopters.  So  far,  emphasis  has  been 
placed  on  the  development  and  application  of  the  following  three  methods: 

- Frequency  response 

- Maximum-likelihood  with  liewton-Raphson  iteration 

- Model  with  automatic  parameter  adjustment. 

This  solution  methods  differ  primarily  in  the  following  major  ways: 

Time  domain  - versus  - frequency  domain 
Digital  evaluation  - versus  - hybrid  evaluation 
Equation  error  criterion  - versus  - output  error  criterion 
Off-line  evaluation  - versus  - on-line  evaluation 

Having  all  three  methods  available,  ic  it  therefore  possible  to  obtain  the  results  of  an  identification  by 
using  several  different  techniques. 

The  development  and  application  of  identification  methods  described  above  is  only  one  part  of  the 
work  which  is  necessary  for  a successful  parameter  determination.  The  other  part  consists  of  a thorough 
theoretical  preparation  for  actual  flight  tests.  In  this  respect,  the  following  tasks  are  required: 

- Determination  of  the  correct  model  structure 

- Investigation  of  the  influence  and,  therefore,  the  ability  to  identify 
the  coefficients  of  the  chosen  model 

- Design  of  appropriate  inputs  to  the  model. 

All  of  those  tasks  are  also  being  conducted  in  the  DFVLR. 
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The  methods  described  above  are  not  only  applied  to  fixed  wing  aircraft  but  also  to  helicopters.  In 
order  to  investigate  the .problems  of  parameter  identification  of  unstable  helicopters,  simulations  are 
being  performed  at  present  in  which  the  model  structures,  test  signals  and  evaluation  methods  are  being 
investigated.  Some  of  the  results  obtained  will  be  discussed  in  more  detail  in  tnis  paper. 

Finally,  work  for  optimization  of  input  signals  shall  be  mentioned.  Emphasis  is  placed  on  such 
signals  which  can  be  simply  flown  by  the  pilot.  For  instance,  as  will  be  also  described  in  detail  later, 
sequences  of  step  functions,,  similar  to  the  binary  random  functions,  are  optimized. 
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longitudinal  and  vertical  accelerations  at  center  of  gravity 

nondimens ional  longitudinal  force  and  normal-force  derivatives 

nondimensional  pitching  moment  derivative 

frequency  response  function 

roll  rate 

pitch  rate 

correlation  function 

spectral  density  function 

longitudinal  velocity  component 

vertical  velocity  component 

angle  of  attack 

angle  of  sideslip 

flight  path  angle 

control  deflection 

aileron  and  elevator  deflections 

equation  error 

pitch  attitude 

lateral  control  deflection 

pitch  attitude  of  rotor  tip  plane 

standard  deviation 

roll  angle 

roll  angle  of  rotor  tip  plane 
frequency 


3.  Methods  for  Parameter  Identification 
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3.1  Frequency  response  methods 

The  method  for  the  determination  of  the  frequency  response  values  has  been  known  for  some  time  and 
often  employed  in  the  past.  However,  a systematic  evaluation  of  the  frequency  response  values  has  rarely 
been  performed.  It  was  therefore  the  aim  of  our  efforts  to  develop  methods  and  computer  programs  for  the 
analytic  presentation  of  the  transfer  functions  and  the  identification  of  the  system  parameters  from  the 
frequency  response  values.  Figure  1 shows  that  two  ways  in  which  this  is  possible.  In  this  paper,  only  the 
method  for  determining  the  equation  coefficients  for  the  frequency  response  method  shall  be  discussed 
while, thereafter,  the  transfer  functions  and  their  poles  and  zeros  can  also  be  determined  (ref.  1). 


Basic  concepts  of  the  frequency  response  method  are  shown  in  Figure  2.  In  this  method,  the  frequency 
responses  are  first  calculated  from  the  flight  test  data.  Figure  3 shows  the  necessary  numerical  operations 
and,  in  parallel,  the  corresponding  transformations  of  the  equations  of  motion  into  the  frequency  domain. 
After  the  transformations,  the  transformed  equations  have  the  same  coefficients  as  the  original  equations 


and  the  corresponding  estimated  values  of  the  frequency  response  (e.g.,  F 


F ,)  have  taken  the  place  of 


a6 

the  time  histories  of  signals  (e.g.  a,,,  a,  6).  Thus,  as  an  example,  the  simplified  2-equation  in  the  time 
domain  is  written 
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«2<t)  * Zfl  a(t)  ♦ Z4  4( t ) ♦ ... 

while, according  to  Figure  3, it  is  written  in  the  frequency  domain  as 

(«)  s z r ,(w)  ♦ z.  ♦ ... 

a at  t 

Since  the  coefficients  are  the  same,  we  have  the  possibility  to  determine  these  equation  coefficients 
by  applying  an  equation  error  method  on  the  frequency  domain  equations.  Figure  4 presents  such  a method. 

The  criterion  results  from  the  maximization  of  the  likelihood  function  of  the  equation  errors.  The 
statistical  characteristics  of  the  frequency  response  errors,  which  has  been  treated  in  former  paper,are 
used  to  determine  the  variances  of  the  equation  errors  (refs.  2 and  3).  As  estimated  values  of  the  unknown 
coefficients  are  also  required  for  the  calculation  of  the  variances,  the  method  is  an  iterative  one.  The 
method  converges  very  rapidly,  so  that  four  iteration  steps  are  sufficient  if  no  a-priori  information  on 
the  sys-em  parameters  is  used. 

Beside  the  quick  convergence,  the  method  has  two  other  advantages  which  result  from  the  use  of 
correlation  technique: 

1.  The  amount  of  data  to  be  evaluated  with  the  iterative  method  is  essentially  lower  than  the  number  of 
measured  values.  Therefore,  little  computing  time  is  necessary  after  the  initial  correlation  calculation 
fchich  must  be  performed  only  once?.  In  addition,  if  c.  greater  number  of  evaluations  with  different  models 
is  to  be  performed,  the  initial  correlation  calculation  need  not  be  repeated. 

2.  Noise  which  is  independent  of  the  input  is  largely  suppressed  by  the  correlation  of  the  signals  with  the 
input  signal,  lhis  leads  to  a reduction  of  the  systematic  errors  in  the  parameters  as  compared  to  those 
obtained  when  applying  the  equation-error-method  in  the  cime  domain. 

The  essential  disadvantages  of  this  method  are  that  it  does  not  provide  the  initial  values  of  the 
state  variables  which  are  required  for  a comparison  of  the  model  output  with  the  test  data,  and  that,  when 
nonlinear  terms  in  the  model  are  taken  into  account,  the  reference  values  of  the  state  variables  and  the 
bias  errors  of  the  measurements  nu3t  be  known.  Therefore,  a state  estimation  program  is  additionally 
required  in  the  case  of  nonlinear  models.  This  program  must  estimate  the  initial  values  of  the  state 
variables  and  the  bias  errors  of  the  measurements. 

Figure  5 shows  a comparison  of  Do-27  flight  data  with  *he  model  outputs  using  this  solution  technique. 
Results  from  flight  tests  with  HFB-320  using  this  solution  technique  are  treated  in  connection  with  the 
maximum-likelihood  identification  presented  in  the  following  section. 


V 


3.2  Maximum-Likelihood  nethod 

For  the  evaluation  of  flight  tests,  a maximum-likelihood  method  was  employed  in  addition  to  the 
frequency  response  method.  This  method  is  known  as  Newton-Faphson  method  or  method  of  quasilinearization 
and  needs  no  further  explanation  (refs.  4 and  5).  In  this  paper,  some  results  are  presented  which  were 
obtained  using  this  nethod.  A 12  second  portion  of  a flight  test  with  HF3-320  serves  as  example.  Different 
mathematical  models  were  investigated  including:  a linear  model,  a nonlinear  model  with  a quadratic 
influence  of  the  angle  of  attack  on  the  X- force,  and  a model  with  turbulence  influence  included. 

Figure  6 shows  a comparison  of  the  results  between  using  a linear  and  a nonlinear  model.  As  the  two 
. . 2 

models  used  differed  only  in  the  C^2  a term  in  the  X-equation,  an  essential  difference  in  curve  fitting 
results  only  at  the  a -signal.  The  figure  shows , there fore, that  a better  fitting  of  the  a -curve  will  be 
achieved  with  the  quadratic  model.  This  is  further  confirmation  of  the  fact  that  the  quadratic  term  of  a 
must  not  be  neglected  in  the  X-equation  as  already  reported  in  other  papers  (refs.  6 and  7). 

Figure  7 compares  the  measured  output  signals  with  the  outputs  obtained  using  the  nonlinear  model.  ' 
For  a comparison,  it  further  shows  the  result  of  an  identification  using  the  previously  discussed  frequency 
response  method.  As  the  evaluation  with  the  frequency  response  method  was  made  on  the  basil  of  a linear 
model,  the  curve  fitting  in  the  case  of  the  a^-signal  is  not  ideal.  Both  methods  show  some  deviation  during 
the  time  history  of  the  angle  of  attack.  This  deviation  was  attributed  to  turbulence  effect. 
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Tor  this  ratios,  a H-L  Identification  was  parformsd  with  a model  lncludi ng  turbulsncs.  Kara,  a 
further  improvement  of  the  fitting  in  tha  case  of  the  Sj-signsl  could  ba  obaervad,  aa  is  shown  in  figure  t. 
In  tha  case  of  tha  other  signals,  no  major  improvement  could  ba  obtained  which  is  probably  due  to 
■sasurtosnt  noise.  Therefore,  it  seems  reasonable  to  conclude  that  an  extended  modal  which  takas  measure- 
ment noise  as  -rail  as  turbulence  at  the  angle  of  attack  into  account  should  be  used.  This  corresponds  to 
ref.  (. 


figure  9 presents  a comparison  of  tha  parameters  identified 
sources:  wlndtunnel  data,  frequency  response  method  solution,  and 
with  turbulence  solutions  with  the  H-L  method,  it  should  be  noted 
the  linear  models  since  it  is  a nonlinear  term  and  that  tha  value 
influence  in  the  equations. 


for  the  HfB-320  aircraft  from  five 
tha  linear,  nonlinear,  and  nonlinear 
that  there  is  no  solution  for  0^2  for 
of  C_  varies  because  the  term  has  little 


3.3  Model  with  automatic  parameter  adjustment 

figure  10  shows  tha  block  diagram  of  the  model  with  automatic  parameter  adjustment  method.  The  model 
has  tha  structure  of  the  equations  of  motion  and  provides  tha  equation  errors  which  result  from  the  input 
and  output  signals  and  the  estimated  model  coefficients.  Ths  gradient  of  the  parameters  to  be  adjusted  in 
calculated  by  means  of  a cost  function.  The  final  estlmatas  of  tha  parameters  are  determined  by  means  of 
integration.  This  method  ie  described  in  ref.  6 in  more  detail,  flgui-a  11  presents  some  results  using  this 
method  with  Do-27  aircraft  flight  data. 

It  is  possible  with  this  method  to  investigate  and  to  nak"  visible  the  Influence  of  changes  in  the 
model  structure.  Coefficients  which  adjust  themselves  very  slowly  or  not  at  all  to  a final  value  have 
little  influence  in  the  model  and  can  be  considered  as  unessential,  further,  a completion  of  the  model, 
for  instance,  by  means  of  nonlinear  tarms,  provides  better  time  histories  of  the  coefficients.  This  can  be 
shown  by  means  of  examples  of  modjls  with  and  without  (figure  12).  Using  the  linear  model,  an 

equation  error  -0^2  a2  appears.  The  circuitry  tries  to  compensate  thin  error  by  s continuous  variation  of 
the  coefficient  C^.  This  becomes  evident  from  the  comparison  of  the  time  histories  for  of  the  linear 
to  the  nonlinear  model. 

Owing  to  the  possibility  of  using  a hybrid  computer,  a further  development  of  the  procedure  was 
possible.  With  this  computer,  a repetitive  playback  of  the  digitally  stored  measured  values  becomes 
possible.  Figure  13  shows  that  extremely  short  flight  times  can  also  be  evaluated  using  this  method. 

In  the  non-iterative  case  it  may  occur  that  the  adjustment  process  of  the  parameters  Is  not  yet 
concluded  at  the  end  of  the  test  time,  as  shown  in  the  center  of  the  figure.  In  this  case  the  measured 
data  may  be  fed  to  the  model  again  in  an  iterative  method  as  presented  at  the  bottom  of  the  figure. 
Maneuvers  elown  at  different  times  can  be  evaluated  using  the  same  technique  by  placing  one  immediately 
after  another. 

At  present,  this  technique  of  repetitive  calculation  is  being  used  for  fundamental  investigations 
into  identification  of  heliconter  parameters.  This  is  required  because  the  helicopter  instability  allows 
only  very  short  test  times.  An  additional  difficulty  is  encountered  with  the  high-frequency  rotor 
dynamics.  The  work,  therefore,  has  the  following  objectives: 

1.  Determine  if  the  reduced  so-called  quasistationary  model  (which  results  from  neglecting 
inertia  and  damping  of  the  rotor  disc  in  the  complete  model)  is  applicable  for  this 
solution  technique. 

2.  Determine  how  readily  the  required  derivatives  can  be  identified. 

3.  Choose  and  optimize  the  appropriate  test  signals. 

Reference  3 reports  the  first  results  of  these  studies. 


As  an  example  of  sn  application  of  tht  method,  a linear  model  of  tha  Sikorsky  S-Cl  faalicoptar  was 
siaulatsd  and  than  anilizsd.  Ths  simulatlou  had  aix  dagrsas-of-frsadoa  which  consistad  on  four  dagraas-of- 
fraadca  of  tha  fuselage  motion  and  two  dagraas-of-fraadoa  of  tha  rotor  tip  plana  (u,  v,  4,  e,  4R,  0R).  On 
tha  othar  hand,  for  thia  casa  tha  analysis  was  basad  on  naglwuting  tha  darivationa  of  4R  und  9R  giving  a 
reduced  system  of  only  four  degrees -of-freedoo  (u,  v,  4,  0).  Figure  14  shows  that  tha  raducad  model  ovar  a 
wida  frequency  domain  corresponds  vary  wall  to  tha  original  modal.  Deviations  only  occur  at  high 
frequencies  where  tha  dynamics  of  the  rotor  disc  ploys  a significant  role. 

figure  IS  shows  two  input  signals  used  for  this  method  and  their  spectra.  As  signal  1 shown  at  tha 
top  of  tha  figure  contains  too  little  information  in  tha  low  frequency  domain,  an  additional  test  with 
signal  2 shown  at  tha  bottom  of  tha  figure  was  conducted.  Subsequently,  tha  time  histories  of  both  tasts 
ware  arranged  one  after  another  for  tha  evaluation.  Tha  evaluation  with  tast  signal  1 alone  showed  poor 
agreement  in  the  lower  frequency  domain,  whereas  the  evaluation  with  both  signals  showed  good  agreement  as 
shown  in  Figure  IS.  In  the  case  of  very  high  frequencies,  deviations  from  the  6-degrees-of-freedoo  model 
ware  contributed  to  tha  rotor  dynamics  as  previously  described.  On  tha  other  hand,  tha  identifications 
found  in  this  high  frequency  domain  correspond  very  wall  to  tha  raducad  4-degrees-of-freedom  model 
presented  in  Figure  14.  In  the  time  history  plot,  shown  in  Figure  17,  the  difficiency  of  the  single  input 
solution  is  not  so  evident  as  in  the  frequency  response  plots  of  Figure  16.  This  arises  because  tha  time 
histories  contain  less  information  on  tha  low-frequency  behaviour  dua  to  the  short  test  time  than  tha 
corresponding  frequency-response  curves.  Finally,  using  both  signals,  Figure  18  shows  that  tha  model  could 
be  well  identified. 

4.  Optimization  of  Input  Signals 

The  results  of  the  helicopter  simulation  have  shown  that  the  quality  of  the  identified  model 
essentially  depends  on  the  choice  of  input  signals.  Methods  for  the  optimization  of  input  signals  have 
already  been  published  , e.g.  in  ref.  10.  Such  methods  which  provide  continuous  signals,  make  great 

demands  on  the  ability  of  the  pilot  to  steer  exactly  the  prescribed  signal.  With  respect  to  the  pilot,  it 

is  more  favorable  to  optimize  a sequence  of  easily  controllable  signals,  for  instance,  step  functions.  A 
first  step  in  this  direction  is  the  use  of  binary  random  processes  as  a signal  generator.  As  such 
processes  have  a known  performance  spectrum,  the  information  contents  of  the  signal  can  be  easily  judged 
and  Influenced.  Such  signals  were  applied  with  good  success  in  the  Do-27  and  HFB-320  flight  test. 

However,  Figure  15  showed  that,  in  the  case  of  short  flight  times,  signals  of  this  type  still  do  not  show 
an  Ideal  power  spectrum  curve.  The  spectrum  of  the  random  process  cannot  be  realized  within  the  short  time 
of  20  seconds,  therefore,  sharp  peaks  and  breaks  will  result.  For  this  reason  a method  was  developed  that 
optimized  the  sequence  of  the  step  functions  for  a prescribed  total  time,  length  of  interval,  and  step 
' height.  The  criterion  used  to  make  this  determination  is  the  approach  of  the  signal  spectrum  to  the 

spectrum  of  the  corresponding  random  process.  First  results  are  shown  in  Figure  19  which  shows  namely  two 

optimized  input  signals  of  a time  curation  of  only  7 seconds  each.  These  signals  have,  in  spite  of  the 
short  test  time,  a flatter  spectrum  than  the  signal  used  for  the  helicopter  simulation  which  had  a test 
time  duration  of  20  seconds.  In  addition,  the  signals  are  built  up  so  simply  that  they  can  bo  easily  flown 
by  the  pilot  after  little  training.  Tne  amplitudes  of  the  first  signal  shown  at  the  top  of  Figure  19  are 
equally  large  positively  and  negatively.  The  disadvantage  of  this  signal  is  the  low  value  of  the  power 
spectrum  at  low  frequencies.  This  disadvantage,  however,  can  be  eliminated  by  a displacement  of  the 
signals  as  shown  ir.  the  lower  part  of  Figure  19.  Note  the  improved  corresponding  power  spectrum  in  the 
low  frequency  domain. 

Before  determining  optimal  input  signals  for  a flight  test  according  to  the  described  procedure,  one 
has  to  estimate  which  frequencies  the  signals  should  include.  For  this,  a procedure  was  developed  that 
uses  the  Bods  plot  of  the  frequency  responses.  In  applying  the  method,  firet  the  magnitude  of  the  frequency 
responses  multiplied  by  the  corresponding  equation  coefficient  is  plotted.  An  example  of  such  a plot  is 
given  in  Figure  20  which  shows  the  dependency  of  the  terms  of  the  rolling  moment  equation  on  the  frequency. 
In  the  case  where  forcing  is  introduced  with  a definite  frequency,  only  those  coefficients  which  exercise 
an  essential  influence  at  this  frequency  within  the  equation  can  be  determined.  Further,  under  other 
circumstances,  only  ratios  of  coefficients  can  be  determined.  This  occurs,  for  instance,  if  the  known 
inertia  terms  are  of  no  importance  and  thus  the  equation  has  no  dominating  term  with  a known  coefficient. 
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rigure  20  contain*  *n  axawpi*  of  *uch  « cii(  in  th«  lower  frequency  domain.  Additionally,  which  parematar* 
can  be  defined  in  the  different  frequency  range*  la  alao  ahown  in  thia  figure. 

Uelng  the  cam*  procedure  aa  the  example  above,  one  produces  the  corresponding  diagram*  for  all  the 
other  equations  and  Input  signals.  Combining  this  information,  the  required  frequency  domain  for  the  input 
signal  can  be  found.  In  addition,  the  time  interval  needed  for  the  input  signal  can  alao  be  determined  from 
the  upper  frequency  limit. 

Coopered  to  an  optimization  of  signals  in  the  time  domain,  this  method  offer*  a number  of  practical 

advantages: 

1.  Several  input  signals  with  good  power  spectra  can  be  developed  independently  of  the  aircraft  being 

tested.  The  final  adjustment  of  these  signals  to  the  test  aircraft  is  then  made  by  varying  the  time 

scale  without  changing  the  amplitude  variation  of  the  signal. 

2.  The  pilot  needs  to  memorize  the  form  (amplitude  variation)  of  the  test  signals  only  once  even  though 
the  test  time  of  the  aignal  is  changed  from  run  to  run. 

3.  Owing  to  the  flat  spectrum,  the  signal  is  suitable  even  if  the  actual  behaviour  of  the  aircraft 

deviate*  from  that  of  the  a-priori  model. 

5.  Conclusions 

Three  methods  for  system  identification  have  been  used  in  the  Institute  for  night  Mechanics  of  the 
DFVLR:  the  frequency  response  method,  the  maximum-likelihood  method  and  the  model  with  automatic  parameter 
edjustment  method.  The  evaluation  of  flight  test3  with  Do-27  and  HFB-320  have  demonstrated  that  model 
output  and  flight  test  data  correspond  better  when  the  quadratic  influence  of  the  angle  of  attack  is  taken 
into  account.  The  inclusion  of  turbulence  at  the  angle-of-attack  signal  only  partial  improves  the  solution. 
It  appears  that,  when  using  signals  from  vane  type  instrument,  measurement  noise  as  well  as  turbulence  have 
to  be  taken  Into  account  for  a more  accurate  solution. 

The  method  with  automatic  parameter  adjustment  can  be  employed  as  an  on-line  method  in  the  case  of 
measuring  times  of  long  duration  as  well  as  an  iterative  method  in  the  case  of  short  measuring  times.  In 
the  later  case,  problems  of  helicopter  identification  were  investigated.  In  so  doing,  an  identification 
was  performed  on  a six-degrea-of-f jeedom  helicopter  simulation  using  a rvuuced  model  with  four  degrees-of- 
freedom.  It  appeared  that  with  suitable  input  signals  good  correspondence  between  this  theoretical  and 
identified  model  could  be  obtained. 

The  choice  of  suitable  input  signals  and/or  their  optimization  is  an  important  supposition  for 
oerforming  a successful  system  identification.  In  those  cases  in  which  the  pilot  has  to  control  the  inputs, 
the  signals  must  have  a particularly  simple  form.  On  the  other  hand,  they  shall  contain  the  information 
requiied  for  the  parameter  determination.  Therefore,  a method  was  developed  consisting  of  two  steps  in 
which,  at  first,  type  and  frequency  domain  of  the  signal  are  determined  and,  subsequently,  tine  history 
with  regard  to  the  desired  spectrum  is  optimized. 

In  the  present  paper,  all  the  activities  of  the  DFVLR  in  the  fields  of  system  identification  and 
signal  optimization  could  not  be  discussed.  It  is  the  aim  of  these  efforts,  to  work  with  several  methods 
which  are  independent  of  each  other.  In  this  way,  the  methods  can  be  adapted  ,o  the  special  conditions  of 
flight  tests  and  the  obtained  results  can  be  confirmed. 
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Fig.  17  Example  for  identification  results  with  different  Inputs 
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A COMPARISON  AND  EVALUATION  OF  TWO  METHODS  OF 
EXTRACTING  STABILITY  DERIVATIVES  FROM  FLIGHT  TEST  DATA 

by 


Faul  V.  Kir ■ tan 
Asroapaca  Raaaareh  Englnaar 
Air  Forca  Flight  Taat  Cantar 
Edwarda  AFB , California,  USA 


SUMMARY 

Two  aathoda  for  extracting  stability  darlvatlvaa  froa  flight  data  ara  coaparad,  A 
aod 1 f lad  Nawton-Ra lhaon  alnlalsatlon  technique  and  a digital-analog  (hybrid)  aatchlnc 
tachnlqua  wara  uaad  to  analyia  tha  aaaa  data  aancuvara  obtained  froa  two  aircraft. 

About  S3  aanauvara  of  an  F-111E  aircraft  wara  analyzed  ovar  a Mach  nuabar  ranga  of 
0.3  to  2.0  and  an  angla  of  attack  range  of  3 to  19  dagreaa.  About  13  aanauvara  wara 
analyzed  for  tha  X-24A  lifting  body  at  Mach  nuabara  of  0.8  and  0.9  and  an  angle  of 
attack  ranga  of  A to  13  dagreaa.  Stability  derlvatlvea  ware  extracted  froa  thaaa 
aanauvara,  and  tha  reaulta  froa  tha  two  technique*  along  with  wind  tunnel  raaulta 
wara  coaparad.  Tha  hybrid  aatchlng  aatheaatlcal  aodel  contained  coaplata  flva-degrea- 
of-fraadoa  equatlona  (no  velocity  darlvatlvaa)  with  variable  dynaalc  praaaure,  whereaa 
tha  Newton-Raphaon  aodal  uaad  uncoupled,  threa-degraa-of-f reedoa  equatlona  with 
conatant  dynaalc  preaaura.  Both  technlquea  wara  found  to  be  capabla  of  giving  ac- 
curate reaulta,  buc  required  a fairly  extenalve  knowledge  of  the  aathod  being  uaed. 
Slnca  tha  Navton-Raphaon  tachnlqua  tenda  to  be  laaa  tine  consuming.  It  la  better  aultad 
for  procaaalng  large  quantltlea  of  data  aanauvara.  Hybrid  matching  la  well  aulted 
for  program  In  which  a limited  aaount  of  data  la  proceaaed  for  each  flight;  or  for 
analyzing  aanauvara  which  ara  highly  coupled  or  tranalent  In  nature;  requiring  coa- 
plata f lve-dagree-of-f reedoa  aquations. 

LIST  OF  SYMBOLS 


ax  acceleration  along  body  x-axla 

(longitudinal) 

ay  acceleration  along  body  y-axia 

6 (lateral) 

az,  acceleration  along  body  z-axia 

(normal ) 

b reference  span 

c raferenca  length 

eg  center  of  gravity 

C(  rolling  aoaenc  coefficient 

CB  pitching  moan  t coefficient 

caa  pitching  moment  coefficient  bias 

C >j  normal  force  coefficient 

Cnq  noraal  force  coefficient  bias 

Cn  yawing  aoaent  coefficient 

Cy  aide  force  coefficient 

weighting  aatrlx  for  measured 
atate  parameters 

Dj  weighting  aatrlx  for  a priori 

estimate  vector 

g acceleration  due  to  gravity 

h pressure  altitude 

Ix  moment  of  Inertia  about  the 

x-body  axis 

IXy  product  of  Inertia  about  the 

x-  and  y-body  axes 
Ix*  product  of  Inertia  about  the 

x-  and  z-body  axes 
Iy  aoaent  of  Inertia  about  the 

y-body  axis 

Iyt  product  of  inertia  about  the 

y-  aod  z-body  axes 
Iz  moment  of  inertia  about  the 

z-body  axis 

J cost  functional  or  weighted 

mean  square  fit  error 
L rolling  moment  divided  by  the 

moment  of  Inertia  about  the  x-axls 
M pitching  moment  divided  by  the 

moment  of  Inertia  about  Che  y-axis 
M Mach  number 

m mass 

N yawing  moment  divided  by  the  moment 

of  Inertia  about  the  z-axls 


Pj,  body  axis  roll  rate 

pb  wlngtlp  helix  angle  (the  helix 

2Vt  angle  described  by  e wlngtlp 

during  a rolling  maneuver) 
q dynaalc  presaure 

qj,  body  axis  pitch  rate 

r^  body  axis  yaw  rate 

5 reference  area 

SAS  stability  augmentation  system 

t a function  of  time 

Vt  true  airspeed 

X longitudinal  force  divided  by 

Base 

Y side  force  divided  by  mass  and 

velocity 

Z normal  force  divided  by  mass 

and  velocity 

A prefix  meaning  Increment 

a angle  of  attack 

3 sideslip  angle 

6a  total  aileron  deflection 

6c, 6c^,  additional  control  deflection 

dcj 

3e  elevator  deflection 

60  constant  control  deflection 

6r  rudder  deflection 

9 pitch  angle 

A F-111E  wing  sweep  angle 

4 bank  angle 

Subscripts: 

6 a , 6 c , 6c 2 , 6 c 2 , partial  derivatives 
6 e , 6 r , 6 0 , p , q , r , with  respect  to 

V, a, 8,4, S subscripted  variables 


is-: 


1.0  Introduction 

Th«  Importance  of  aircraft  stability  and  control  darlvatlvaa  In  tha  development 
and  tvaluat  Ion  of  a auccaaaful  aircraft  haa  baan  recognized  for  aoaa  tlaa.  In  recant 
years,  highly  automated  data  acq u l a i 1 1 on  ( yataaa  and  advanced  derivative  extraction 
tachnlquea  hava  been  developed  for  dataralnlng  aircraft  atablllty  and  control  dertv- 
atlvaa  froa  flight  teat  aeaauraaant a . Thaaa  advanced  tachnlquea  hava  Bade  poaelble 
a aora  accurate  and  tlaely  flight  teat  aatlaatlon  of  derivatives  than  obtainable  ultb 
pravloua  tachnlquea  and  have,  therefore,  aade  tha  effort  to  obtain  Chea  aora  Justi- 
f labia. 

Thera  ara  thraa  eaaantlal  alaaanta  In  tha  identification  of  aircraft  paraaetara 
froa  flight  data: 

1.  Adequate  Inatruaentatloa  (tha  right  kind  of  aanaora  with  nacaaaary  accuracy) 
and  recording  equlpaent  with  which  to  collect  tha  flight  data. 

2.  A proper  eequcnca  of  flight  control  lnputa  (aurface  deflectlona)  which  will 
excite  all  the  aircraft  raaponaa  aodea  froa  which  paraaatera  are  to  be 
extracted . 

1.  Algorlthaa  and  coaputar  prograaa  to  identify  the  darlvatlvaa,  their  con- 
fidence levela,  and  related  affecta  auch  aa  aenaor  errora  and  wind  guata. 

The  laat  two  of  thaae  alaaanta  ara  tha  prlaary  concern  of  thle  report.  Instruaenta- 
tlon  ayateaa  will  not  be  dlacuaaed  In  detail.  It  ahould  be  coapletaly  underatood, 
however,  that  the  accuracy  of  tha  extracted  derlvativea  la  a direct  function  of  tha 
accuracy  of  the  Instrumentation  ayatea  uaed.  The  accuracy  of  the  weight,  balance, 
and  Inertia  data  la  equally  laportant  of  courae,  aa  la  tha  aeaauraaant  of  flight 
condltiona  (eepeclally  dynaalc  praaaure). 

Two  acthoda  'or  extracting  atablllty  and  control  darlvatlvaa  froa  flight  data 
ara  coapared  In  thla  report.  A modified  Newton-Raphaon  minimization  technique  and 
a digital-analog  (hybrid)  aatchlng  tachnique  were  uaed  to  analyze  the  aaae  teat 
aanauvera  obtained  froa  two  aircraft:  an  F-111E  and  an  X-24A  lifting  body. 

The  aaln  purpoaca  of  thla  etudy  were  to  (1)  compare  reaulta  froa  the  two  aethoda 
over  a large  eaapllng  of  alallar  flight  data  aanauvera,  and  (2)  to  deteralne  the 
aultablllty  of  each  prograa  for  uae  on  routine  atablllty  and  control  teat  programa 
by  relatively  Inexperienced  peraonnal. 

Thla  atudy  coapared  and  evaluated  two  apeclfic  existing  prograaa  and,  not 
neceaaarlly,  tha  aanual  aatchlng  concept  versus  the  digital  Newcon-Raphson  concept. 
Iaproved  veralona  of  the  Newton-Raphaon  program  used  in  thla  atudy  are  presently 
being  developed  by  NASA-FRC  and  other  or gan 1 za t lone . 

2.0  Flight  Data  Requirements 

The  flight  teat  paraaetera  that  are  necessary  for  the  two  derivative  extraction 
techniques  for  the  lateral-directional  and  longitudinal  aodea  ara  Hated  In  table  I. 

The  requirements  for  the  cwo  techniques  are  the  aaae  except  for  angle  of  attack 
In  the  lateral-directional  aoda,  dynaalc  pressure,  and  coupling  between  axes.  The 
Newton-Raphaon  technique  uses  a constant  average  a in  Its  lateral-directional  equa- 
tions In  order  to  keep  the  computations  linear.  A variable  a la  used  In  the  hybrid 
aatchlng  technique.  Dynamic  pressure  la  also  considered  a constant  average  value 
In  the  Newton-Raphaon  technique  whereas  hybrid  aatchlng  uses  the  time  history  of  the 
parameter.  Coupling  between  the  lungitudin.il  and  lateral-directional  axes  la  ac- 
counted for  In  the  Hybrid  prograa  ard  is  not  accounted  for  in  the  Newton-Raphaon  pro- 
gram. 


It  la  essential  that  all  control  parameters  be  submitted  aa  Inputs  to  the 
models  In  both  techniques.  This  Includes  all  control  surface  deflections  auch  as 
rudders,  ailerons,  spoilers,  and  flaps,  reaction  control  rockets,  and  any  ocher 
cont-ol  Input  that  could  have  induced  motion  In  tha  aircraft  during  the  selected 
time  segment. 

It  Is  desirable  to  have  time  histories  of  the  angular  accelerations  p;,,  rj,. 
and  q ^ . These  parameters  will  add  some  Information  in  the  analysis  and  say  Improve 
the  results  somewhat.  Accurate,  high  confidence  instrumentation  for  the  direct 
measurement  of  rotational  accelerations  has  not  yet  been  developed,  however,  and 
valid  analysis  ran  be  made  without  them. 
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An  accurate  aat  of  laartlaa  auat  ba  lapleasnted  In  both  techniques.  Tha 
accuracy  of  tha  darlvatlva  values  ara  a dlract  function  of  how  accurately  tha 
aoaanta  of  inartla  hava  baan  calculated. 

Experience  haa  ahown  that  cha  flight  data  ahculd  ba  aaaplad  at  SO  eanplaa  par 
eacond  for  a fighter  type  aircraft.  Lower  peopling  rataa  are  probably  adequate 
for  larger,  elower  raapondlng  aircraft;  however,  rataa  below  20  aaaplaa  par  eacond 
could  produca  quaatlonabla  raaulta  dua  to  tha  Inability  to  accurately  define  tha 
control  aurfaca  noveaant. 


TABLE  1 


Flight 

Paranater  Mawton-Raphson  Hybrid  Matching 


Lataral-Dlrcctlonal  Hoda 


Control 

Required  Tine 

Required  Tina 

History 

History 

pb 

rb 

8 

♦ 

*Tb 

1 

a 

Required  Constant 

Average 

Value 

"b 

\ 

' 

0 

i 

|f 

Required  Constant 
Avaraga  Value 

pK 

Preferred  Tina 

Preferred  Tina 

History 

History 

1 

1 

Longitudinal  Mode 


Control 

Parameters 


Required  Tine 
History 


f 

Preferred  Time 
History 

Not  Used 


t 


Required  Time 
History 


t 

Preferred  Time 
History 

Required  Time 
History 

I 

Constant  Average 
Value 


Longitudinal  Modal 
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V . laqulrad  tint  hlatorlaa  In  tha  Mawton-taphaon  progran 

tor  an  analyala  In  thraa-dagraa-of-(rrvdon  In  the 
a,  longitudinal  noda.  Thaaa  paranataia  ara  not  rxquliwi 

“ tor  a cwo-dagraa-of-f raadon  analpala. 


loth  Hodaa 


q laqulrad  Constant 

Avaraga  Valua 


l 

Valght  lnartlas  eg 

(for  eg  corractlons 

to  accalaronatar  data)  T 

3.0  Taat  Manauvara 


laqulrad  Tina 
History 


laqulrad  Constant 
Avaraga  Valua 


I 


Tha  Mavion-Raphson  and  hybrid  notching  prograaa  art  both  capable  of  analyzing 
all  Cypaa  of  flight  teat  naneuvers  or  vehicle  oscillations,  as  long  as  they  can  be 
adequately  described  by  the  nathenatlcal  nodal  of  the  particular  progran.  Also, 
both  prograaa  can  be  used  to  analyze  either  SAS-off  or  SAS-on  oscillations  in  the 
lateral-directional  or  longitudinal  axes.  There  are,  however,  considerations  to 
be  given  to  the  type  of  flight  teat  maneuver  performed  which  will  lead  to  the  most 
accurately  deteralned  set  of  stability  and  control  derivatives.  These  considera- 
tions are  discussed  below. 


The  type  of  flight  test  maneuver  used  to  extract  stability  and  control  deriv- 
atives la  very  laportant.  A maneuver  which  excites  all  the  aircraft  response  modes 
and  tends  Co  Isolate  the  effects  of  Individual  derivatives  la  highly  desirable.  A 
lateral-directional  maneuver  which  has  been  found  to  satisfy  Che  above  conditions  Is 
(flguri  2)  a sharp  rudder  Input,  followed  by  a control  surface  fixed  (SAS-off) 
osclllitlon,  and  terainsced  with  a sharp  aileron  Input.*  (A  similar  maneuver  Is 
desirable  In  the  longitudinal  axis,  using  longitudinal  control  surfaces  as  the 
forcing  functions.)  This  Is  the  maneuver  which  was  used  for  all  data  analyzed  In 
this  report.  In  this  type  of  maneuver,  the  control  derivatives  Ci|Sr,  cnjr«  <'y,5r* 

C(^a>  Cnijt  and  Cy,^  are  aoat  accurately  determined  at  Che  time  of  the  appropriate 

sharp  control  surface  Input.  Sideslip  derivatives  C , 3 , C„u,  and  Cy^  and  damping 

derivatives  C,  , Cn  , Ci  , and  Cn  arc  more  accurately  derived  froa  the  free 
o p r r 

oscillation  portion  of  the  maneuver  when  concrol  surfaces  were  not  Influencing 
vehicle  notion.  When  corditlons  dictate  that  this  aaneuver  be  performed  with  aug- 
mentation on,  the  accuracy  of  the  sideslip  derivatives  may  deteriorate  somewhat, 
and  the  effect  of  damping  derivatives  Is  severely  masked  by  control  surface  motion. 

4.0  Analysis  Methods  snd  User  Comments 

4.1  The  Hybrid  Matching  Program 

The  hybrid  matching  technique  la  an  extended  and  Improved  version  of  the  old 
analog  matching  technique  which  has  been  used  for  many  years  to  extract  stability 
derivatives  from  flight  test  data  (reference  3).  The  revisions  and  Improvements 
made  to  the  program  provide  for  a much  more  accurate  estimation  of  derivatives  In 
significantly  less  time  than  the  earlier  techniques. 


A rudder  puls*  is  performed  first  since  it  does  not  cause  a significant  angle  of 
attack  change  on  most  airplanes.  This  is  important  if  the  derivatives  to  be 
identified  vary  with  angle  of  attack. 
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Id  tha  hybrid  program,  flight  taat  data  la  atorad  directly  In  tha  digital 
coaputar  using  aagnatlc  tapa.  This  allalnataa  tha  aaad  for  tracing  flight  data 
curvas  aanually,  which  raaulca  In  a considerable  savlnga  of  tlae  and  a coapletely 
accurate  display  of  flight  data.  flight  data  ara  transferred  froa  tha  digital 
coaputar  to  tha  analog  coaputar  where  rhe  aquations  of  notion  ara  solved  In  a 
rapatitlva  operation  node  (50  tines  per  second).  This  aoda  allows  tha  operator  to 
Instantaneously  sea  tha  affect  of  changing  derivatives.  Tha  eoaputad  response  and 
actual  flight  response  appear  slaultanaoualy  on  an  oscilloscope  as  atandlng  wave 
tins  histories.  This  direct  display  of  flight  and  coaputed  tlas  histories  negates 
tha  need  for  transparent  plastic  overlays  of  tha  flight  data,  thereby  allninatlng 
tha  considerable  anount  of  parallax  and  distortion  which  Is  associated  with  using 
overlays.  Stability  and  control  derivatives  are  than  aanually  varied  until  tha 
eoaputad  solution  Batches  tha  flight  data  as  closely  as  possible.  Thus,  all  of  tha 
logic  In  tha  hybrid  Batching  technique  la  supplied  by  tha  human  operator. 

Tha  hybrid  program  has  an  Important  feature  of  uncoupling  the  equations  of 
aotion,  which  allows  the  operator  to  aora  clearly  sea  the  affect  of  changing  Indi- 
vidual derivatives  and  therefore,  aora  rapidly  arrive  at  an  Initial  eatlaatlon  of 
the  derivatives.  Uncoupling  the  equations  of  aotion  Is  accomplished  by  using  the 
aeasured  flight  tlae  histories  of  the  response  parameters  pb,  rb,  qb,  a,  B,  and  q 
as  well  as  the  control  surface  tlae  histories  In  the  equations.  Equations  of  motion 
for  both  programs  are  contained  In  Figure  1.  Therefore,  the  only  variables  In  each 
equation  are  the  stability  and  control  derivatives.  The  effect  of  each  derivative 
le  Isolated  to  one  equation,  which  allows  the  operator  to  more  clearly  see  the 
result  of  changing  one  particular  derivative  on  the  computed  response  of  the  vehicle. 
(There  are  some  Interaction  effects  due  to  rhe  lxz  terns  In  the  equations.  However, 
since  Izx  la  usually  a relatively  small  quantity,  these  effects  are  Insignificant.) 

In  this  natter,  the  roll  derivatives  Ctg,  C(4a»  ctjr»  ctp»  *nd  clr  *r*  obtained  by 

analyzing  the  pfa  equation.  The  yaw  derivatives  Cng,  C„4>,  Cn4r,  Cn  are  obtained 

froa  tha  rb  equation.  Side  force  derivatives  Cyg,  Cy4f,  and  Cy4>  are  derived  through 

the  solution  of  the  av.  equation.  In  the  longitudinal  mode,  C-  , C, , , and  Cm  are 
j d "a  6 c <j 

obtained  from  the  qb  equation  and  and  C»Se  froa  the  aZg  equation. 

After  the  best  conparlson  between  coaputed  results  and  flight  values  Is  obtained 
In  the  uncoupled  node,  the  computer  model  '.a  switched  to  the  coupled  mode  and  refine- 
ment of  the  match  of  the  computed  solution  to  flight  values  la  performed  (If  nec- 
essary). In  the  fully  coupled  lateral-dire  :tional  mode,  the  pb,  rb,  B,  and  > terms 
In  the  p.  , rb,  and  g equations  are  computed  solutions  rather  than  flight  values.  The 
pitch  rale  and  angle  of  attack  terms  in  these  equations  remain  flight  data.  In  the 

coupled  longitudinal  mode,  vhe  qb  and  a terms  in  the  4,  q , and  az  equations  are 

computed  solutions.  The  lateral-directional  terms,  p.  , rb,  B,  and  « remain  flight 
values.  b ° 

4.2  The  Modified  Newton-Raphson  Technique 

The  modified  Newton-Raphson  technique  used  for  extracting  stability  and  control 
derivatives  by  the  AFFTC  was  developed  by  Kenneth  U.  Illff  and  Lawrence  W.  Taylor 
Jr.,  at  the  NASA  Flight  Research  Center.  The  technique  is  thoroughly  described  In 

references  5 and  6.  The  computer  program  used  at  the  AFFTC  Is  but  one  version  using 

the  Newton-Raphson  technique  and  the  coaaents  In  this  report  on  the  Newton-Raphson 
method  perteln  only  to  this  specif ic  vers  Ion . in  this  section,  a brief  discussion  of 
the  basic  algorithm  Is  given,  along  with  the  main  features  of  the  program. 

The  Newton-Raphson  program  used  for  this  study  is  a maximum  likelihood  estimator 
which  uses  a modification  of  the  Newton-Raphson  algorithm  to  identify  the  unknown 
coefficients  in  a set  of  linear  differential  equations.  The  equations  of  motion 
mechanlxed  by  the  Newton-Raphson  program  are  listed  In  Figure  1. 

The  technique  computes  time  histories  using  an  Initial  set  of  derivatives 
(usually  wind  tunnel),  and  compares  these  calculated  time  histories  with  flight 
aeasured  time  histories.  From  this  comparison  a mean  squared  error  is  obtained  and 
put  In  the  form  of  a cost  function,  J.  The  object  of  the  Newton-Raphson  algorithm 
la  to  vary  the  unknown  coefficients  (stability  and  control  derivatives)  in  the 
equations  of  motion  In  such  a way  as  to  reduce  the  cost  function,  J to  a minimum. 

This  la  equivalent  of  finding  where  the  gradient  of  J (VJ)  is  zero.  The  program 
relates  VJ  as  a function  of  the  set  of  unknown  coefficients  and  changes  these 
coefficients,  using  the  Newton-Raphson  method,  until  the  gradient  is  zero.  The 
Newton-Raphson  method  is  an  iterative  process  in  which  a new  estimate  of  the  vector 
of  unknown  coefficients  is  dependent  on  the  old  estimate  and  the  derivative  of  the 
function  at  the  old  value.  Therefore,  the  complete  Newton-Raphson  algorithm  contains 
the  derivative  of  the  function  VJ  which  means  that  second  gradients  (V2J)  are  involved. 
This  algorithm  produces  rapid  convergence  to  the  minimum  of  J usually  in  from  four  to 
six  iterations.  However,  the  second  gradient  of  J is  very  difficult  and  time  con- 
suming to  calculate  on  a digital  computer.  Therefore,  a modification  has  been  made 
In  the  second  gradient  of  J so  that  no  second  order  terms  are  included  in  the  computa- 
tion. Thus,  what  is  used  is  a modified  Newton-Raphson  technique. 
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Tha  aodlfiad  Ravton-Iaphaon  prograa  contain*  aavaral  weighting  faaeuraa  which 
allow  tha  uaar  Co  have  aoaa  control  ovar  the  notching  procaaa.  Thaao  weighting 
feature*  account  for  Inatruaantatloo  nolao  in  tha  aaaaurad  paraaotara,  allow  tha 
aaa  of  a priori  lnforaatloo  on  tha  derivative*,  and  paralt  any  derivative  to  ha 
flzad  if  it  la  not  Involved  la  a aanauvar. 

Tha  D,  aatrlx  la  a diagonal  walghtlng  aatrlx  whoaa  alanaaca  corraapond  to  tha 
flight  atafa  paraaacara.  Tha  purpoaa  of  tha  0}  aatrlx  la  to  walght  tha  Individual 
flight  paraaotara  ao  Chat  tha  prograa  will  natch  aach  paraaatar  equally  to  account 
for  tha  aaount  of  aaaauraaant  nolaa  In  any  particular  channel.  Froa  two  to  four  ruoa 
of  tha  prograa  ara  nacaaaary  to  dataralna  aatlafactory  weighting*.  Once  a aat  of 
Dj^  walghtlnga  haa  bean  dataralnad  for  a particular  aircraft,  they  ahould  not  hava 
to  ha  changed  for  eubeequent  aaneuvara  aa  long  a a tha  lnatruaantatlon  ayatea  raaalna 
tha  aaaa. 


Tha  prograa  contalna  an  a priori  feature  which  allova  tha  uaa  of  Independent 
aatlaacaa  of  tha  unknown  coefficient  froa  wind  tunnel,  prevloua  flight  data,  or 
any  other  aourca.  Thaaa  * priori  aatlaataa  aay  be  uaad  aa  atartlng  valuea  In  tha 
prograa  and,  during  aach  Iteration,  the  changaa  that  ara  aada  to  laprova  tha  fit 
ara  weighted  agalnat  tha  deviation  froa  thaaa  atartlng  aatlaataa.  Tha  addition  of 
a priori  lnforaatloo  Into  tha  prograa  generally  reaulta  In  tha  extraction  of  better 
ovarall  aatlaataa  of  darivatlvas  but  auat  be  uaad  carefully. 


The  1 priori  faatura  contalna  a weighting  aatrlx  (Dj)  whoaa  alaaenta  corraapond 
to  each  of  the  unknown  coaf flclanta.  Thaaa  walghtlnga  corraapond  to  tha  relative 
confldanca  placed  In  tha  atartlng  valuea  of  Che  derivative.  If  wind  tunnal  data  ara 
uaad  for  tha  atartlng  valuea,  the  Dj  aatrlx  allove  tha  uaar  to  account  for  dlf- 
fareacaa  In  wind  tunnal  accuracy  for  dlffarant  derivative*.  For  axaapla,  high 
weighting  (high  accuracy)  for  Ct^,  but  low  weighting  (low  accuracy)  for  cnp‘ 

Tha  prograa  coaputaa  a aat  of  confidence  lavala  for  tha  calculated  coaf flclanta. 
To  aaaaaa  tha  validity  of  thaaa  coaf f lclenta , a Craaar-Rao  bound  la  uaad  which 
aatlaacaa  their  error  covariance  aatrlx  of  tha  calculated  coaf flclanta.  Thla  procaaa 
la  daacrlbad  In  detail  In  rafarence  6.  Confldanca  lavala  are  dlscuaeed  further  In 
tha  aactlon  entitled  "02  Weighting*  and  Confldanca  Lavala  Study." 

6.3  laalc  Prograa  Structurea  and  Difference* 


Thar*  ara  baaic  prograa  difference*  between  tha  two  aachoda  which  ahould  dla- 
ccaaad.  The  aoat  laportant  difference  la  the  rol*  of  tha  huaan  operator.  In  the 
hybrid  aatchlng  procaaa,  the  huaan  operator  la  directly  Involved  in  the  derivative 
coaputatlon.  Ha  annually  change*  the  atablllty  and  control  derivative*  until  the 
daalrad  natch  between  tha  coaputad  aolutlon  and  flight  data  la  obtained.  He,  there- 
fore, auppllaa  all  tha  logic  Inherent  In  cha  hybrid  aatchlng  procaaa.  Although 
tha  Sawcon-Raphaon  technique  doe*  not  uae  tha  huaan  operator  In  the  actual  derivative 
extraction  procaaa,  the  affective  uae  of  the  prograa  require*  a coaparabl*  level  of 
knowledge  and  experience  In  the  aclectlon  of  weighting  function*  and  ua*  of  the  a 
priori  option. 


Raving  tha  huaan  operator  directly  Involved  In  the  derivative  extraction 
procaaa  haa  laportant  advantage*  which  ahould  b*  lnco 
digital  technique.  The**  advantage*  Include: 

1.  Tha  huaan  operator  auppllea  engineering  judg 


aay  occur  dur  log  * maneuver . 


throughout  a particular  maneuver. 


the  motion  of  the  vehicle.  Thus,  control  iu 
generally  be  obtained  at  the  time  of  the  corresponding  control  surface 
pulse  Input.  Sideslip  and  damping  derivatives  vlll  be  most  heavily 
weighted  during  the  free,  or  SAS-oc#  oscillation  of  the  vehicle. 
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3.  A lsvsl  of  accuracy  can  ba  asslgnsd  to  Individual  darlvatlvaa  and  tha 
antlra  aanauvar  In  gsnsrsl  by  tha  huaan  oparator.  It  la  laportant 
that  accuracy  lavala  ara  knovn,  alnca  aany  aanauvara  do  not  contain 

aufflclant  lnforaatlon,  or  do  not  laolata  tha  affacta  of  Individual  ^ 

darlvatlvaa  adequately  to  give  an  accurate  eatlaatlon  of  tha  value  of 
tha  derivative.  Alao,  If  a aanauvar  contalna  little  lnforaatlon  about 

a particular  derivative,  tha  oparator  can  hold  that  derivative  at  lta  j 

wind  tunnel  or  eaclaated  value.  In  thla  Banner,  ha  auppllea  a priori  { 

lnforaatlon  to  tha  prograa.  , 

Thua,  the  role  of  an  experienced  Individual  la  extreaaly  laportant  to  a 
derivative  extraction  technique.  Tha  purpoae  of  developing  an  all  digital  extraction 
technique  vculd  be  to  do  the  job  of  the  huaan  oparator  tore  quickly  and  nore 
accurately.  If  poealblc,  while  atlll  retaining  tha  logic  he  auppllea. 

Tha  Bevton-Raphaon  prograa  contalna  logic  which  allova  Individual  aeaaured  j 

flight  paraaetera  to  be  weighted  in  auch  a aanner  to  account  for  inatruaentation  { 

nolae.  However,  wild  data  point!  and  extraoeoua  inputs  aay  severely  degrade  the  j 

results  of  the  prograa  and  auat  be  corrected  external  to  tha  prograa. 

i 

The  Newton-Raphson  prograa  does  not  have  provisions  for  tine-varying  weighting  < 

of  derivatives,  thus  the  logic  described  above  la  not  expllclty  available  In 
the  prograa.  However,  the  logic  la  accoapllshed  to  a certain  degree  In  that  there 
is  aora  lnforaatlon  available  in  the  aanauver  to  establish  values  for  the  control 
derivatives  at  Che  tlae  of  the  sharp  control  inputs. 

A aeasura  of  Che  accuracy  of  individual  derivatives  (confidence  levela)  Is 
produced  by  the  Newton-Raphson  prograa.  A discussion  of  the  adequacy  of  these 
confidence  levels  Is  given  later  In  this  report.  The  prograa  does  have  logic  which 
allows  starting  values  to  be  assigned  to  each  derivative  and  assigns  an  Individual 
weighting  to  each  derivative  which  reflects  the  relative  confidence  in  the  starting 
values.  This  logic  allows  an  individual  derivative  to  vary  froa  its  starting  vilue, 

if  sufficient  lnforaatlon  Is  contained  In  a aaneuver  for  that  particular  derivative,  j 

and  holds  It  near  lta  starting  value  when  little  information  Is  available.  ; 

The  aathcaatical  aodels  of  the  Newton-Raphson  and  hybrid  matching  programs  ] 

differ  considerably.  Equations  of  notion  for  Che  two  programs  are  contained  In 
Figure  1.  The  Newton-Raphson  prograa  uses  three-degree-of-f reedom  equations  which 
completely  uncouple  the  longitudinal  and  la teral-d ije c t lonal  axes.  The  program 
also  Bakes  saall  angle  approximations  In  the  a and  6 equations.  (Compare  the  Newton- 
Raphson  and  hybrid  equations  in  Figure  1.)  The  hybrid  matching  mathematical  model 
contains  coaplece  f ive-degree-of- f reedoa  equations  (no  velocity  derivatives)  which 
account  for  coupling  effects  between  axes.  The  hybrid  model  does  not  assume  small 
angle  approximations.  The  hybrid  matching  model  uses  a variable  dynamic  pressure, 
while  dynamic  pressure  Is  a constant  In  the  Newton-Raphson  prograa.  Neither  pro- 
gram accounts  for  structural  flexibility  effects.  Thus,  for  an  aircraft  with  sig- 
nificant aeroejastic  effects  the  derivatives  obtained  are  valid  only  for  the  flight 
condition  (dynamic  pressure  and  loading)  under  Investigation.  The  equations  of 
motion  of  the  Newton-Raphson  prograa  are  adequate  for  analyzing  most  flight  test 
maneuvers  because  they  are  usually  performed  under  nearly  steady  state  conditions 
with  little  coupling  between  axes.  However,  maneuvers  which  are  highly  coupled 
and/or  transient  In  nature  or  which  Include  large  attlcude  excursions  would  require 
coaplece  f lve-degree-o f- f reedom  equations  with  variable  dynamic  pressure. 

1 

Both  techniques  assume  linear  derivatives.  Thus,  the  derivative  obtained  is 
che  local  slope  of  the  force  or  moment  coefficient  with  respect  to  a particular  j 

variable.  It  is  a linear  value  for  the  flight  condition  under  Investigation.  In  | 

actuality,  derivatives  aay  not  be  linear  functions.  For  example,  Cng  aay  be  a 

nonlinear  function  of  8.  If  Cng  Is  nonlinear  In  the  range  of  B's  experienced 

during  the  flight  aaneuver  Investigated,  It  may  be  difficult  to  obtain  a good  i 

match  using  a linear  function.  Another  example  Is  Caa  which  is  often  a nonlinear  i 

function  of  angle  of  attack.  If  a pitch  pulse  is  performed  in  a region  of  non- 
linear C , the  linear  computed  response  will  not  match  the  flight  response.  There 
£8(2 

are  several  options  for  analyzing  maneuvers  of  this  type; 

1.  A nonlinear  function  can  be  programmed  into  che  mathematical  model  if 
the  form  of  the  function  is  knovn. 

2.  The  maneuver  can  be  analyzed  in  sections  (at  different  a's  or  B's)  to 
obtain  a different  derivative  value  for  each  section. 


i 


J 
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A single  value  ecu  ba  obtained  for  the  entire  aanauvar  which  la  as  average 
value  for  tha  angle  of  attack  (or  angle  of  aldeellp)  range  trevereed. 
Different  alee  Input  pulaee  aay  be  perforaed  to  obtain  the  relatlonehlp 
batvaan  tha  derivative  value  and  the  aaplltuda  of  tha  atate  variable. 


It  la  laportant  that  tha  data  ba  recorded  accurately.  Both  prograaa  can  ac- 
count for  blaaea  In  the  daca  and  lnatrunentatlon  nolea.  However,  data  dropouta, 
large  diecootinultlea , or  aplkea  severely  degrade  the  raaulta  In  tha  digital  Newton- 
lapbaon  analysis.  In  tha  hybrid  Batching  technique,  tha  huaan  operator  can  account 
for  auch  data  diacontinultlaa  by  Ignoring  aztranaoua  polnta  except  for  dlacontlnu- 
ltlaa  In  tha  control  poeltion  aeaauraaenta  which  are  direct  lnputa  to  tha  aodel.  It 
la  laportant  that  all  flight  daca  not  contain  phaae  ahlfta. 


It  la  laportant  to  perfora  the  flight  teat  aaajuvera  at  relatively  conatant 
Mach  nuaber  and  angle  of  attack  becauee  darlvaclvea  aay  be  etrong  functlona  of 
theaa  paraaetere.  If  tha  Newton-Raphaon  technique  la  uaed.  It  le  doubly  laportant 
to  aalntaln  a conatant  angle  of  attack  alnca  the  lateral-directional  coupling  equa- 
Clona  uae  conatant  angle  of  attack  in  the  coaputatlona  la  addition  to  the  potential 
derivative  variation  with  a.  Alao,  relatively  conetant  dynaalc  preaaure  la  de- 
alrabla  during  the  aaneuver  If  the  airplane  under  inveatlgatlon  le  flexible  and/or 
If  the  HewCon-Raphaon  prograa,  which  aaaunea  conatant  dynaalc  preaaure,  la  used. 

If  the  hybrid  Batching  prograa  la  uaed,  aalncainlng  relatively  conatant  Mach  and 
angla  of  attack  during  the  aaneuver  are  the  only  conditions  which  auat  be  aatlafled. 
That  la,  tha  airplane  doea  not  need  to  be  at  level,  1-g  flight  when  tha  pulae 
aanauvar  la  perforaed.  A nicer,  aore  analyxable,  pulaa  will  probably  reault  If 
the  Initial  rotational  rataa  are  near  aero,  however.  If  the  Newton-Raphaon  prograa 
la  uaed.  In  addition  to  the  condltlona  of  conatant  Mach  nuaber,  angle  of  attack, 
and  dynaalc  preaaure,  tha  aaall  angle  approxlaatlone  contained  In  the  equatlona  auat 
ba  conaldered.  For  axaapla,  tha  tera  aln  $ In  tha  6 aquation  la  approxlaatad  by  the 
angla  p In  the  Newton-Raphaon  prograa.*  If  tha  airplane  goaa  through  a large  bank 
angla  change  when  the  aaneuver  la  perforaed,  thie  tera  will  be  Inaccurate.  However, 
the  effect  of  thla  tera  lx  aaall when  the  velocity  la  large,  and  the  Inaccuracies 
produced  by  the  aaall  angla  approxlaatlon  can  poaalbly  ba  Ignored  under  theae  con- 
dltlona. 

4.4  Equlpaent  and  Manpower  Raaourcea 

One  operator  who  la  faalllar  with  both  digital  and  analog  conputera  (aa  well 
aa  experienced  In  extracting  derlvatlvea)  la  required  to  run  the  hybrid  watching 
prograa.  Training  requlreaente  vary  froa  individual  to  individual,  of  courae,  end 
the  learning  proceea  never  ende.  However,  it  la  fait  that  analyzing  approxlaately 
20  teat  aaneuvera  would  provide  aufflclent  experience  to  bacoae  proficient  In 
derivative  extraction  ualng  the  hybrid  technique. 

The  tlae  to  analyze  and  obtain  a eet  of  atablllty  and  control  derlvatlvea  for 
a particular  flight  teat  aaneuver,  although  difficult  to  aaaaea,  aay  differ  eon- 
elderably  between  the  two  prograaa.  The  average  tlae  required  for  an  experienced 
operator  to  obtain  a eet  of  derlvatlvea,  and  accuracy  levele  for  the  derivatives, 
ualng  the  hybrid  aatchlng  prograa  la  approxlaately  45  ainutaa  (including  coaputer 
eetup  tlae  for  the  Individual  aaneuver).  The  dlglcal  coaputer  run  tlae  required  to 
analyze  one  flight  aaneuver  ualng  the  Newton-Raphaon  prograa  la  approxlaately 
four  alnutea.  An  additional  10  to  15  alnutea  per  aaneuver  la  required  for  eetup 
tlae.  Hence,  the  tlae  to  analyze  one  aaneuver,  aaeuaing  one  entry  Into  the  coa- 
puter, la  conalderably  leaa  for  the  Newton-Raphaon  prograa  than  for  the  hybrid 
aatchlng  prograa.  The  hybrid  prograa  la  an  on-line  operation  however,  and  when 
reaulte  are  obtained  (in  the  45-alnute  tlae  period)  they  are  final  reeulte  and  are 
not  rerun  unleea  additional  teat  lnforaatlon  beccaea  available  (l.e.,  revleed 
lnertlea,  lnatrunentatlon  calibration*,  etc.).  The  adequacy  of  the  reeulte  of  tha 
Newton-Raphaon  prograa  are  not  known  completely  until  the  tlae  hletorlea  of  the 
coaputed  and  flight  data  natch  are  received  froa  the  coaputer.  If  the  reeulte 
are  not  adequate  (ace  below),  the  aaneuver  auat  be  rerun.  Tbua,  although  the 
actual  coaputer  run  tlae  le  alnlaal,  the  total  tlae  required  to  obtain  optlaua 
reeulte  for  aoae  aaneuvera  aay  be  longer.  It  ehould  be  noted  that  the  tlae  per 
caee  for  hybrid  aatchlng  doe*  not  change  aa  a function  of  nuaber  of  caee*.  The 
tlae  per  caee  decreaaea  conalderably  for  Che  Newton-Raphaon  prograa  a*  Che  nuaber 
of  caaes  la  lncresaed. 


If  the  airplane  oscillate* 
replaced  by  p *lnpav  where 
Thua  only  the  perturbation 


around  a bank  angle  other  chan  zero, 
p la  the  average  value  of  p during 
of  p around  the  average  p will  be  an 


thla  tera  can  be 
the  aaneuver. 
approxlaatlon. 
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Tb*  fbov4  discussion  assumas  that  tha  vaightlng  aatrlcaa  usad  in  cha  Havton- 
taphaon  program  hava  baaa  aatabllahad  for  a particular  alrplaaa.  It  alao  aaauaaa 
that  tha  aourca  data  tapea  hava  baaa  adltad  and  traaafarrad  to  the  proper  foraat 
aad  coaputar  language  to  be  coapatlbla  with  each  of  tha  analysis  program*.  Thla 
proceaa , although  required  only  one*  par  teat  prograa,  haa  proven  to  ba  both  frua- 
tratlng  and  tlaa  consualng. 

A level  of  axparlaaca  coaparabla  to  that  naadad  for  hybrid  Batching  la  required 
to  affectively  uaa  tha  Heveon-Raphaon  prograa.  Moat  of  the  axparlaaca  required  la 
la  aatabllahlng  aad  ualng  cha  weighting  aatrlcaa  and  Interpreting  the  reaulta  of 
tha  program. 

Aaaualng  a alnlaua  aaount  of  raaubwittlng  data  Into  tha  coaputar,  tha  Mawton- 
Raphaon  prograa  tanda  to  be  laaa  tlaa  eonaualng  than  tha  hybrid  aatchlng  technique. 
Ie  la,  therefore,  batter  aultad  for  procaaalng  large  quantities  of  data  aanauvera. 
Hybrid  aatchlng  1*  aora  applicable  for  prograa*  In  which  a Halted  aaount  of  data 
la  procaaaad  for  each  flight  chan  It  la  for  prograa*  In  which  large  aaounta  of 
data  are  procaaaad,  or  for  analyzing  aanauvera  which  ara  highly  coupled  or  transient 
In  nature  requiring  coaplata  f lva-dagraa-of  freedoa  equation*. 

5.0  Discussion  of  Flight  Test  Results 

5.1  F-111E  and  X-24A  D'-.a 

Stability  and  control  derivative*  obtained  ualng  tha  Hewton-Raphaon  and 
hybrid  aatchlng  techniques  are  presented,  along  with  wind  tunnel  data,  for  tha 
F-111E  aircraft  and  tha  X-24A  lifting  body.  All  derivatives  presented  In  these 
figures  ara  body  axis  derivatives.  Tha  F-111E  data  are  presented  as  a function 
of  angle  of  attack  at  Mach  numbers  of  2.0,  1.6,  1.4,  1.2,  and  0.8  for  a wing  sweep 
of  SO  dagraa*.  The  X-24A  data  ara  presented  as  a function  of  angle  of  attack  at 
Mach  nuabers  of  0.9  and  0.8. 

Only  lateral-directional  data  ara  presented.  The  F-111E  flight  teat  program 
was  a lataral-dlractional  study  and  no  longitudinal  maneuvers  were  performed.  In 
the  X-24A  flight  Cast  program,  the  lateral-directional  mode  was  of  primary  concern 
(aa  It  la  with  moat  airplanes)  and  only  a limited  amount  of  longitudinal  data 
waa  obtained.  Both  techniques  have  longitudinal  modes  which  have  been  successfully 
used  on  flight  tea  t pro  grams . Since  the  longitudinal  mode  is  not  as  complex  as 
the  lateral  directional  mode,  it  la  generally  more  easily  analyzed  (except  when  the 

airplane  haa  nonlinear  derivatives  such  as  C _). 

net 

Thera  were  many  questionable  aspects  of  the  F-111E  prograa  which  caused  un- 
certainties in  the  extracted  derivatives.  The  wind  tunnel  data  was  somewhat 
questionable  since  it  was  rigid  model  data  which  had  analytically  flexibilizsd 
corrections  applied  (for  some  derivatives  these  corrections  were  quite  large). 

Also*  wind  tunnel  data  for  the  clean  configuration  did  not  include  possible  effects 
of  trim  control  surface  setting  (such  as  the  effect  of  elevator  deflection  on 
sideslip  and  aileron  derivatives).  Accuracy  of  the  recorded  flight  data  was  not 
known.  also*  the  recorded  flight  data  was  of  poor  quality  and  contained  many  wild 
points.  The  accuracy  of  the  moments  of  inertia  and  thiir  variance  with  fuel  con- 
sumption were  unknown.  Finally,  the  airplane  motions  were  rather  heavily  damped 
with  the  SAS  on.  Most  of  the  maneuvers  analyzed  wer SAS-on  maneuvers.  The  ac- 
curacy of  the  extracted  derivatives  is  less  under  these  conditions. 

The  uncertainties  discussed  above  may  explain  the  scatter  which  is  present  in 
the  extracted  derivatives  for  the  F-111E,  and  the  lack  of  comparison  with  wind 
tunnel  data.  They  would  be  expected  to  have  a like  effect  upon  both  techniques, 
however,  and  it  is  therefore  valid  to  compare  the  results  of  the  two  techniques  with 
each  other  without  qualification.  X-24A  data  is  also  presented  in  this  report 
since  more  confidence  is  expressed  in  the  quality  of  the  flight  data  than  in  the 
F-111E  data.  The  uncertainties  which  were  present  in  the  F-111E  flight  test  pro- 
gram were  minimized  in  the  X-24A  program. 

5.1.1  Sideslip  Derivatives 

5. 1.1.1  F-111E 

Sideslip  derivatives  Cg.  and  Cng  are  shown  in  figure  3,  for  50  degrees  of 
wing  sweep.*  The  significant  fa£t  is  that  comparison  between  the  two  derivatives 
extraction  techniques,  except  for  a few  instances,  is  very  good. 


Side  force  derivatives  are  not  presented  in  this  report  since  the  location  of  the 
lateral  accelerometer  was  not  accurately  known  for  the  F-111E.  Also,  these 
derivatives  are  secondary  der ivr t ives  and  have  minor  influence  on  the  airplane's 
response . 


Comparison  between  the  extracted  derivatives  and  wind  tunnal  data  for 
Cftg  waa  not  particularly  good  In  aany  lnatancaa.  Thara  waa  an  uauaual  aaount  of 

acattar  In  tha  f light-derived  valuaa  of  Cgg  at  alallar  flight  condltlona.  Part 

of  thla  acattar  aay  ba  axplalnad  by  tha  fact  that  tha  alrplana  waa  heavily  danpad 
In  roll  with  tha  SAC  on,  which  aay  hava  degraded  the  extracted  valuaa  some.  How- 
ever, tha  acattar  waa  repeatable  In  both  axtractlou  techniques. 

Scattar  In  tha  flight  valuaa  of  C„g  waa  low,  and  agraaaant  between  tha 

two  extraction  techniques  waa  again  good.  However,  tha  flight-derived  valuea  of 
CBg  ware  much  lower  than  wiad  tunnal  data  In  most  caaas.  Note  that  the  wind  tunnal 

data  waa  obtalnad  at  Hach  nunbara  of  7.0,  1.2,  and  0.8.  Tha  wind  tunnel  data 
abown  In  tha  flguraa  at  Hach  ■ l.o  and  1.4  ware  Interpolated  froa  the  Hach  - 2.0 
data  and  tha  Mach  - 1.2  daca.  The  wind  tunnal  data  at  Hach  - 1.2  was  obtained 
froa  a different  wind  tunnel  than  tha  othar  daca,  and  gava  considerably  higher 
values  of  C„g,  than  data  at  cha  othar  Hach  nunbara.  Also,  flight-derived  values 

of  C0g  hava  bean  lower  than  wind  tunnal  data  in  tha  transonic  region  on  other 
flight  Cast  prograns  (Including  tha  X-24A  prograa). 

5. 1.1. 2 X-24A 

Plight  results  and  wind  tunnel  data  for  tha  X-24A  sideslip  derivatives 
ara  praaantad  in  figure  7.  Agraaaenc  between  tha  two  extraction  techniques  was 
good  in  aost  caaas.  Tha  coapsrlson  of  flight  and  wind  tunnel  data  was  good  for 
Cgg.  As  In  tha  case  of  tha  F-111E,  flight  results  for  Cng  at  Mach  - 0.9  w»re 

lower  than  wind  tunnal  data. 

5.1.2  Aileron  Derivatives 

5. 1.2.1  F-111E 

Aileron  control  darlvatlvaa  for  the  P-111E  are  presented  In  figure  9. 
Agraaaant  batwean  tha  two  techniques  was  good  In  aost  cases,  except  at  Mach  • 2.0 
where  the  hybrid  aatching  results  for  Cg,  ware  consistently  higher  than  the 
Newton-Raphson  results.  At  all  Hach  ousters,  the  flight-derived  valuea  of 

for  both  rcchnlquas  ware  soaawhat  higher  than  wind  tunnel  data-  It  is  felt  that 
the  position  of  the  horizontal  tall  aay  have  an  effect  upon  the  value  of  the  aileron 
darlvatlvaa.  If  thla  affect  exists,  It  Is  not  Included  In  Che  wind  tunnel  data. 

Flight  results  for  Cn4t  coapara  reasonably  well  with  wind  tunnel  data. 

5. 1.2. 2 X-24A 

Flight  results  and  wind  tunnel  data  for  the  X-24A  aileron  derivatives  are 
shown  In  figure  8.  Coapsrlson  between  the  results  of  the  two  techniques  with  each 
ocher  and  with  wind  tunnel  daca  is  reasonably  good  In  aost  cases. 

5.1.3  Rudder  Derivatives 

5. 1.3.1  F-111E 

Rudder  control  derivatives  for  tha  K-111E  ara  given  In  figure  5.  *-ljr 

an  extreaely  Ineffective  control  derivative  and  very  difficult  to  accurately  obtain 
froa  flight  daca.  In  contrast,  C_,  Is  a very  effective  derivative,  and  flight- 
derived  daca  should  be  accurate  tor  aaneuvers  which  contain  sharp  rudder  Inputs. 

In  aost  cases,  Che  results  of  Che  two  techniques  coapare  very  well  with  each  other 
for  this  derivative.  The  coapsrlson  between  coaputer  and  wind  tunnel  daca  Is  good 
at  supersonic  Hach  nuabers.  At  0.8  Mach  nuaber,  computer  values  are  consistently 
lower  than  wind  tunnel  daca. 

5. 1.3.2  X-24A 

X-24A  rudder  derivatives  are  shown  In  figure  9.  Comparison  between  the 
two  techniques  vlth  each  other  and  with  wind  tunnel  data  Is  good  except  for  a few 
Nevton-Raphson  cases  at  Hach  ■ 0.9  and  angles  of  attack  around  12  degrees.  In 
some  of  these  cases,  the  computed  Newton-Raphson  response  did  not  Batch  the  flight 
response  well  at  the  time  of  the  sharp  rudder  input.  It  is  felt  thac  If  the  weighting 
on  CDgr  were  Increased  during  this  short  time  period,  the  match  would  have  improved 

and  the  computed  value  of  would  have  Increased.  Variable  derivative  weighting 

logic  would  possibly  be  an  Improvement  to  the  Newton-Raphson  program,  especially 
when  analyzing  pulse-type  teat  maneuvers  where  the  primary  effect  of  the  control 
surfaces  la  restricted  to  a small  segment  of  time  In  Che  maneuver. 
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3.1.4  Duping  Derivative* 

Damping  derivative*  for  the  F-111E  and  X-24A  art  praatnttd  in  figure*  6 and 
9.  It  la  extremely  difficult  to  accurately  extract  damping  dtrlvatlvta  from 
flight  data  when  tht  dcta  contains  tha  Inputs  of  an  afftctlva  stability  augmentation 
system.  A concentrated  effort  was  not  made  to  obtain  F-111E  dawping  derivatives 
using  the  hybrid  matching  technique.  The  only  damping  derivative  which  was  obtained 

(for  some  maneuvers)  was  C*  , which  is  the  most  effective  damping  derivative  for 

P 

most  airplanes.  When  damping  derivatives  could  not  be  extracted  from  a maneuver, 
they  were  held  at  their  predicted  value  In  the  hybrid  matching  program.  When  using 
the  matching  program  it  Is  quite  obvious  when  there  Is  insufficient  information 
present  to  define  a particular  derivative  (very  little  change  in  response  Is  ob- 
served when  the  derivative  Is  varied  over  a wide  range). 

Numerical  values  for  the  damping  derivatives  are  given  for  all  maneuvers 
analyzed  by  the  Newton-Raphson  technique.  It  Is  Important  to  understand  that  these 
values  may  be  heavily  weighted  toward  the  initial  starting  value  of  the  derivative 
used  in  the  program.  In  other  word?  there  is  logic  in  the  New t on-Raphaon  program 
(as  in  the  hybrid  program)  which  holds  a derivative  at  or  near  its  starting  value 
(which  is  the  predicted  or  estimated  value  that  the  operator  enters  into  the  progrsm) 
if  no  'nforaation  is  contained  in  the  maneuver  for  that  particular  derivative. 

This  is  desirable  logic  to  have  in  the  program.  However,  It  is  Important  to 
differentiate  between  accurately  determine  derivative  data  points  which  were,  in 
fact,  quite  close  to  predictions,  and  derivative  data  points  which  were  merely 
left  at  the  predicted  value  becajse  there  was  no  information  present  in  tht  test 
maneuver.  This  will  be  discussed  in  detail  in  the  next  sect  Lon. 


Ths  consistency  in  the  values  ot  C * , and  possibly  Cn  , as  s function  of  angle 

v p 

of  attack  indicates  that  these  derivatives  can  probably  be  determined  with  reason- 
able accuracy  for  botu  airplanes.  The  overall  scatter  in  the  values  of  and 

Cnr*  *n<*  the  fact  that  the  operator  using  the  hybrid  program  could  determine  values 

for  only  s few  maneuvers,  indicates  that  these  derivatives  are  difficult  to  extract 
and  accurate  values  cannot  be  obtained.  Whether  or  not  the  consistency  In  the 
Newton-Raphson  values  of  C£  and  Cn  was  caused  by  these  derivative*  being  too 

heavily  weighted  will  be  discussed  in  the  next  section. 


5.2  D2  Weightings  and  Confidence  Levels  Study 

Five  F-111E  maneuvers  at  a wing  sweep  of  50  degrees  and  0.8  Mach  number  which 

ranged  in  angle  of  attack  from  8.8  to  18.1  degrees  were  analyzed  extensively  in  an 

attempt  to  understand  and  validate  the  a priori  (D2)  weightings  and  the  confidence 
levels  obtained  from  the  Newton-Raphson  program.  All  derivatives  presented  in 
this  section  will  be  dimensional  and  in  the  principle  axis.  This  is  because  the 
program  prints  out  the  confidence  levels  in  this  form  and  part  of  the  purpose  of 
this  study  is  to  relate  the  final  derivatives  to  the  confidence  levels.  Each  of 
the  five  maneuvers  was  run  four  times,  (1)  with  a priori  weightings  using  wind 
tunnel  values  ac  starting  derivatives,  (2)  without  a priori  weightings  using  wind 

tunnel  values  as  starting  derivatives,  (3)  with  a priori  weightings  using  starting 

derivatives  that  were  double  wind  tunnel  values,  and  (4)  without  a^  priori  weightings 
using  starting  derivatives  that  were  double  wind  tunnel  values. 


Figure  11  compares  the  final  derivatives  for  conditions  1 and  3.  Also  included 
on  this  plot  are  envelopes  r e sp r e sen t in g the  data  from  figure  12  which  compares 
final  derivatives  for  conditions  2 and  4 (without  a priori  weighting). 

From  these  comparisons  the  validity  of  the  D2  weightings,  the  validi  y of  the 
confidence  levels,  and  the  relative  amount  of  information  contained  in  the  maneuvers 
for  each  derivative  can  be  determined. 


The  major  derivatives  Lg,  Ng,  L^,  N,$a,  and  show  consistent  results  and 

good  comparisons  between  final  derivatives  that  started  with  wind  cunnei  derivatives 
and  those  that  started  with  doubled  wind  tunnel  derivatives  (figure  12).  This 
indicates  a great  deal  of  information  available  for  these  derivatives  since  con- 
sistent results  are  obtained  even  without  a priori  weightings.  The  only  exceptions 
would  be  Lg,  and  for  the  maneuver  at  a *8. 8 degrees.  This  maneuver  was  a 

SAS  on  rudder  doublet  only  (no  aileron  doublet),  and  contained  '.ess  information  for 
these  derivatives.  This  maneuver  is  discussed  in  more  detail  later. 
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Thaae  aaaa  dirlvidvc  show  generally  good  comparison*  (with  tha  exception  of 
tha  aaaauvar  at  a**.#  degree*)  for  condition*  1 and  3 with  a priori  weightings  aa 
illustrated  la  flgura  11.  In  the  aaaa  flgura,  aovalopaa  hava  baan  drawn  rapraaant- 
lag  tha  bo  a priori  daca  froa  flgura  12.  Tha  data  run  with  a priori  walghtlngo 
generally  fall  within  or  close  to  thaaa  aovalopaa.  Tha  fact  that  tha  final  darlv- 
atlaa  waluaa  In  all  caaaa  lnvaatlgatad  wara  similar,  and  tha  fact  that  there  waa 
consistency  aa  a function  of  a lndlcataa  that  tha  0,  walghtlaga  ara  corract  for  L*. 

"fl*  L4a*  "da*  ‘°a  *4r‘ 

Tha  ralatlvaljr  lnaffactlva  control  darlvativa  haa  a graat  daal  of  acattar 

aa  a function  of  a without  a priori  walghtlng  (flgura  12)  which  lndlcataa  that  vary 
little  Information  waa  contalnad  In  tha  aanauvara  for  thla  darlvativa.  In  flgura  11. 
final  polnta  that  atartad  with  wind  tunnal  valuta,  eoapara  wall  with  final  polata 

that  uaad  atarclng  valuta  that  wara  doubla  wind  tunnal.  All  polnta  fall  within  or 
cloaa  to  tha  anvalopa  of  no  a priori  daca.  Howavar,  bacauaa  tha  data  ara  anvaraly 
acattarad  even  with  a priori  walghtlng  It  la  fait  Chat  tha  D,  walghtlng  on  L, 
ahould  ba  lncraaaad. 

Tha  daaping  darlvatlvaa  M.  and  L.  show  conalatant  rtaulta  with  a and  with  tha 
two  dlffarant  atarclng  valuaa  without  a priori  walghclnga  In  flgura  12.  Thla  naana 
that  lnfomaclop  waa  avallabla  for  thoaa  two  darlvatlvaa  In  tha  nanauvera  analyiad. 

A priori  walghtlng  aaanad  to  lncraaaa  tha  acattar  baewaan  tha  final  raaulta  for  tha 
two  dlffarant  acartlng  valuaa  conaldarably  In  tha  valuaa  for  Np  (flgura  11),  ao  It 
looka  Ilka  tha  [>2  walghtlng  for  chla  darlvativa  ahould  ba  raducad.  Flgura  3 alao 
ahowa  that  tha  natchad  valuaa  for  Lp  that  uaad  d ubla  wind  tunnal  darlvatlvaa  for 
atarclng  valuaa  ara  blaaad  fron  t hu  no  a priori  anvalopa.  Thla  lndlcataa  that  tha 
Dj  walghclnga  ahould  probably  ba  raducad  for  thla  darlvativa.  It  la  apparant  that 
tha  Dj  walghtlng  la  too  larga  alncu  tha  natchad  darlvatlvaa  under  condition  3 ara 
ataylng  cloaa  to  tha  aeartlng  valuaa  and  Incorrectly  blaalng  the  raaulta  froa  tha 
no  a priori  envelope. 

Tha  danplng  darlvatlvaa  N and  Lf  ahow  a graat  daal  of  acattar  with  a without 
a priori  walghclnga  (flgura  12),  Indicating  little  or  no  lnforaatlon  probably 
bacauaa  r la  small.  Ulth  a priori  walghtlng  (flgura  11)  tha  data  ara  atlll  vary 
acattarad  wlrh  a and  tha  natchad  darlvatlvaa  run  under  condition  1 do  not  eoapara 
wall  with  thoaa  run  under  condition  3.  Therefore,  tha  D2  walghclnga  for  N and 
Lr  ahould  ba  lncraaaad  co  give  aora  conalatant  raaulta  and  hold  the  natchad  valuaa 
cloaer  to  tha  atarclng  nuabara  alnce  little  lnforaatlon  la  avallabla. 

Confidence  lavala  obtained  for  tha  five  aanauvara  ara  ahown  In  figure  12. 
Confidence  level*  obtained  froa  tha  varalon  of  tha  Newton-Raphson  prograa  uaed  In 
thla  atudy  ara  valid  „nly  when  a priori  la  not  uaed.  If  a priori  weighting  la 
uaad,  the  confidence  levela  obtained  are  Influenced  by  the  welghdng  factor  which 
la  ass<gned  CO  the  derivative  and  ara  not  aolely  a aaaaura  of  the  amount  of  lnfor- 
aatlon contained  In  che  naneuver  for  that  derivative.  A recent  veralon  of  the 
Kawton-Raphaon  prograa  haa  bean  developed  (by  NASA-PRC)  In  which  confidence  levela 
can  alao  be  obtained  when  the  a priori  option  la  uaed.  Alao  In  thin  veralon  of 
the  prograa,  confidence  levela  ara  given  In  non-d loan  a Iona  1 fora.  Theae  are 
algnlflcant  laproveaenca  to  the  prograa. 

Confidence  levela  ahown  In  Che  flgurea  ara  value*  obtained  from  the  Newton- 
Raphaon  prograa  multiplied  by  a factor  of  ten,  Thla  la  necessary  since  the  con- 
fidence levels  are  only  a re  1 a c 1 ve  measure  of  the  accuracy  of  each  derivative. 
Experience  has  ahown  that  multiplying  the  confidence  level*  of  the  program  by  a 
number  that  1*  between  3 to  10  converts  that  values  to  meaningful  numbers  tha:  can 
be  associated  with  derivative  valuaa. 

Comments  obtained  by  visual  Inspection  of  the  resultant  time  histories  of  each 
of  the  five  maneuvers  are  listed  below.  These  comments  ahould  be  useful  in 
analysing  and  1 *•  t - mining  t h .•  val  Idity  .if  the  i-iitif  i .1 n .- ! »•  vi- 1 s . 
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Type  of 

a 

SAS 

Quality  of  Patch 

8.8 

4r  only 

OR 

Good  overall  aatch 

t.l 

4r  only 

orr 

Vary  good  overall  aatch 

14.7/10.0 

4r,  4a 

OR 

Good  P aatch,  fair  S 
aatch,  poor  I aatch 

18.0 

it , 4a 

OH 

Good  overall  aatch 

18.1 

4r,  4a 

OR 

Pair  overall  aatch  - 

Ctgr  *PP**rs  too  high 


and  CD(j  appaara  too 
low 


Tha  aaoauvar  at  aa8.8  dagraaa  waa  a good  ovaroll  Batch  but  waa  a SAS  on  ruddar 
doublat  only  (no  allaron  doublat  waa  performed  during  tha  aanauvar).  Thua,  tha 
allarona  wara  only  aovlng  through  tha  SAS  commands,  and  tha  raaultlng  allaron  darlv- 
atlvaa  ahould  ba  laaa  accurata  than  thoaa  obtalnad  Iron  allaron  doublata.  Also, 
alnca  tha  allarona  of  tha  P-111  produca  largar  S aacuralona  and  aora  roll  rata  than 
tha  rudders,  ona  would  expect  Lg,  Lp  , and  probably  Mp  to  ba  laaa  accurata  for  thla 

aanauvar.  And  lndaad,  tha  confldanca  lavala  for  Lg,  Lp(  K^,  L^,  and  ara  larga 

for  thla  aanauvar  in  coaparlaon  to  tha  othar  aanauvera. 

The  aanauvar  at  a«9.1  degrees  was  a SAS  off  rudder  doublat  only.  (Slnca  tha 

allarona  did  not  aova  during  thla  SAS  off  aaneuver,  aileron  darlvatlvea  wara  held 
fixed  and  are  therefore,  not  presented).  Since  this  was  a very  good  SAS  off  watch, 
ona  would  expect  all  tha  darlvatlvea,  and  especially  the  daaplng  derivatives,  to 
ba  aora  accurate  for  this  aaneuver.  Thla  Is  verified  by  tha  confidence  levels 
which  ara,  for  all  derivatives,  lower  for  this  aaneuver  than  any  other  aaneuver. 

There  waa  a poor  aatch  of  yaw  race  for  the  aaneuver  at  a«10  degrees  (14  degress 
for  Lg),  Indicating  that  Ng,  Mga,  Ngr,  Nr,  and  aay  not  be  accurata  for  this 

aaneuver.  Ngf  and  do  not  coapare  well  with  the  other  aaneuvers  when  plotted  aa 
a function  of  a aa  In  figure  12.  Confidence  levels  for  Nga,  N^,  and  Nr  are  coo- 
peratively large  for  chls  aaneuver,  but  do  not  seea  to  be  as  large  as  they  should 
considering  the  poor  quality  of  the  natch  of  yaw  rata. 

The  aaneuver  at  a-18  degrees  gave  a good  overall  natch,  and  confidence  levels 
for  all  derivatives  were  Indeed  low. 

The  aaneuver  at  a»18.1  degrees  was  viewed  as  a fair  aatch  and  confidence  levels 
were  also  generally  fair.  In  particular,  Lgr  was  felt  to  be  high  and  Ngr  low  (by 
looking  at  the  printed  tlae-htscory  of  tne  Batch).  Lgr  was  higher  and  Ngr  was  lower, 
for  chls  aaneuver  than  for  the  aaneuver  at  a>18.0  degrees  which  gave  a good  aatch. 
However,  confidence  levels  for  these  derivatives  were  not  aa  large  aa  It  would  aeea 
they  should  be. 

In  suaaary,  confidence  levels  for  the  five  aaneuvers  analyzed  seeaed  to  be  a 
representative  estlaate  of  the  accuracy  of  the  associated  derivatives  In  aost  In- 
stances. However,  In  a few  Instances  where  paraaeters  were  poorly  aatched,  con- 
I fldence  levels  were  not  as  large  as  It  seeaed  they  should  have  been.  Although  aore 

I Investigation  In  chls  area  Is  necessary  before  coaplete  confidence  can  be  given  to 

the  confidence  levels  produced  by  Che  Newton-Raphson  program,  preliminary  results 
* obtained  froa  this  saall  study  are  encouraging  . 


i 


I ItkWVki'b  I 


IH4 


1.0  Conclusions 

Plight  derived  valuta  of  Che  derlvatlvea  obtained  ualng  all-dl|ltal  Mewton- 
Rephsoa  technique  aad  cha  hybrid  Batching  cachalqua  agreed  wall  with  aach  othar  for 
r.oe c caaaa  analysed.  Tbla  ladlcacaa  that  if  aceurata  laput  data  ara  auppllad  to  tha 
two  prograaa,  aad  tha  right  typaa  of  aaoauvara  ara  aaalytad,  both  prograaa  ara 
capabla  of  aatraetlag  aceurata  darlvatlvaa  froa  flight  taat  data. 

Tha  raaulca  of  tha  two  prograaa  did  aot  coaparawali  with  wlod  tuaaal  pradlctlooa 
1b  aavaral  laacaocaa.  For  axaapla.  thara  waa  daflalta  dlaagraaaaot  batwata  flight 

valuta  aad  wlad  tuaaal  predlctlone  of  CBg  la  tha  traaaoalc  region. 

Final  darlvatlva  valuat  obtained  froa  cha  Newt on-taphson  prograa  ara  relatively 
laaanaltlva  to  ttartlng  valuea  if  a priori  weighting  la  not  aaalgned  to  tha  darlv- 

atlvaa.  If  a priori  la  used,  final  valuta  aay  ba  ttneltiva  to  ttartlng  valuta. 

Confldeoca  lavala  producad  by  the  Newton-Raphson  prograa  aaaa  to  be  a repreeenta- 
tlva  aatiaata  of  the  accuracy  of  eha  aaaocl attd  der', stiver  In  aoat  inatancaa.  Mora 
extenalve  evaluation  of  Cheat  confidence  levela  la  needed  however. 

At  the  preaent  tine,  both  techniquea  require  a fairly  extensive  knowledge  of  the 
aethod  being  uaed  and  could  produce  alaleading  or  aeanlngleaa  reaulta  if  applied  by 
an  Inexperienced  operator. 
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HYBRID  MATCHING  EQUATIONS  OF  MOTION 
Rotational  Acceleration  Equations 

*xxPb  — Ixi^b  ” (*yy  — In)<Ibn>  + IxiPb^b 

+ ?Sb[C,#  • jS  + C,it  • 8a  + C,|t  • 8r) 

ffSb* 

+ 2VrlS*Pb+c/f*,bl 

Iyy%  - Ozz  - Ixx)Pbn>  + *xz<'b  - pg)  + 5Sc{Cmt  + • a + Cmt<  • CeJ 

, <fSc* 

*2V7  * Cmi  ’ qb 

— *xzPb  + lzzrb  “ ^xs  — lyy)Pb<lb  — ^xz^b^ 

+ qSblC„(  • 0 + ■ 8a  + Cnjt  • 8r) 

5SbJ 


+ ^ IC„,  * rb  + Cnp  • Pbl 


For.  Ixy  » IyI  - 0 . 


Angle  of  Attack 


<*  = % + 


I 


— (cos  8 cos  0 — pj,  sin  0) 


cos  a cos  0 

qs 

7} t CN„  + Cfj  • « + Cw  • 6e]  . 

Vtm  cos  a cos  0 * “ 


Sideslip  Angle 


0 - Pb  sin  a — rb  cos  at  + 

COS0 

qS 


ft  g 

— (cos  8 sin  ip)  — ~ (sin  8 sin  0) 


+ T, T (Cy  • 0 + CVl  • 8a  + C,,  • 5r]  . 

V,mcos(3  *9 


Normal  Acceleration 


Vg<s)  “ Si  [Cn»  + CNa  - a + CNj^  ’ 5*1  • 


Lateral  Acceleration 


(g's) 


Silty, 

mg  ,s 


0 + C 


ys. 


5a  + Cyjf  • Sr] 


Fig.!  Hybrid  and  Newton-Raphson  equations  of  motion 
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Euler  Anti*  Transformations 

• _ qb  sin  4 + fb  co>  4 

* " cot  6 

i m qb  CO*  * - r),  sin  * 

4 “ Pb  + (qb  ««  * + fb  c0*  $)  <tan  ■ 

Equations  of  Motion  Mechanized  in  the  Modified  Sewton-Raphson  Computer  Program 
For  the  lateral-directional  mechanization, 

p - y*  f + LpP  + L^r  + L$0  + 4,8a  + 4r5r 

+ 4c,8ci  + + Uo60 

{ - lii  p + N pP  + N,r  + N„0  + Nit6a  + Ni(5r 
lz 

+ N«c,*ci  + N«c,6cj  + NSo«° 

0 m p »in  a — r cos  a + Yp0  + ipg /V  cos  6 

+ Yj,8a  + YjfSr  + Y4C(5c,  + Yg^c,  + Ys#50 
<p  = p + r tan  6 

ay  = Y 00  + Y4jSa  + Yg,5r  + YgC|5c,  + Y4cj5c,  + Ygo50  . 

For  the  longitudinal  mode, 

q » Mqq  + M„a  + MyV  + Mg,5e  + Mgc5c  + MgC(6c, 

+ MgCj8c,  + MJo50 

a =»  q + Nqq  + Naa  + NyV  + Ng9  + Nge5e  + Ng,.5c 
+ n5c,*ci  + n8c,Scj  + h'So60  + */v 
V = Xqq  + X^a  + XVV  + X*9  + X&5e  + Xgc5c 
+ Xjc,5'!  + X«c1ac3  + Xio50 
9 = q . 

5c,  8c,  , and  5c2  are  additional  control  inputs  and  should  be  used  if  necessary. 

50  represents  a bias  term  in  the  state  equations  so  that  the  initial  slopes  of  the  state  parameters  may  be 
adjusted  by  the  program  when  necessary. 


Figure  I Concluded 
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SUMMARY 

Kalman  filtering  and  saooehing  and  maximum  likelihood  estimation  techniques  have  been  applied  to  the 
problem  of  estimating  the  aircraft  state  in  non-steady  flight  from  onboard  noisy  inertial  and  barometric 
measurements.  Applied  to  actual  flight  test  data  the  estimation  schemes  yielded  similar  results. 

I.  INTRODUCTION 

In  many  flight  test  problems  airspeed  and  angle  of  attack  must  accurately  he  known.  Airspeed  can  be 
determined  from  barometric  measurements.  This,  however,  introduces  measurement  errors  due  to  the  limited 
accuracy  of  the  barometric  transducers. 

The  angle  of  attack  is  usually  measured  by  means  of  a vane.  The  vane  is  positioned  on  a boom  some 
distance  ahead  of  the  wing.  This  reduces  the  magnitude  of  local  aircraft  indt ced  air  velocities. 
Nevertheless  in  many  cases  the  difference  between  the  local  direction  of  the  air  flow  and  the  direction 
of  the  undisturbed  flow  is  not  negligible.  Thus  the  necessity  arises  for  the  calibration  of  the  vane  in 
a series  of  steady  straight  flights.  In  steady  straight  flight  conditions  the  aircraft  pitch  angle  can  be 
measured  by  means  of  a pendulum  while  the  flightpath  angle  follows  from  the  change  of  altitude  during  a 
given  time  interval.  The  difference  between  the  pitch  angle  and  the  flightpath  angle  is  considered  to 
represent  the  "real"  value  of  the  angle  of  attack  and  thus  a calibration  of  the  vane  is  possible. 

The  situation  becomes  more  complex  in  case  the  local  direction  of  the  airflow  is  significantly 
influenced  by  engine  power  or  engine  thrust.  This  may  be  experienced  particularly  when  flight  testing 
STOL  or  VTOL  aircraft. 

Airspeed  and  angle  of  attack  are  of  prime  importance  when  measuring  aircraft  performance  in  quasi- 
steady and  non-steady  flight  conditions.  In  those  flight  conditions  several  corrections  have  to  be 
applied  additionally  to  the  measured  value  of  the  angle  of  attack,  Ref.  I.  Desides  it  remains  at  least 
questionable  whether  the  calibrations  in  steady  straight  flight  conditions  apply  equally  well  to  qs’.asi- 
stesdy  and  non-steady  flight  conditions. 

The  problems  mentioned  above  can  be  circumvented  when  in  addition  to  the  barometric  variables 
several  inertial  variables  are  measured  in  flight.  Airspeed  and  angle  of  attack  may  then  be  derived 
from  the  components  of  the  aircraft  state  vector  which  can  be  calculated  from  the  measurements  by 
applying  so  called  state  trajectory  estimation  techniques  as  described  in  Ref.  4,  5 and  6. 

The  possibility  of  circumventing  the  task  of  directly  measuring  the  angle  of  attack  by  means  of 
a vane  has  first  been  mentioned  in  Ref.  2.  in  Ref.  3 the  trajectory  of  the  state  vector  has  been  calculated 
by  applying  regression  analysis.  In  Ref.  4 least  squares  estimacicn  has  been  used  to  this  end.  The 
application  of  an  identical  algorithm,  maximum  likelihood  estimation,  has  been  reported  in  Ref.  5. 

In  Ref.  6 the  state  trajectory  estimation  problem  has  been  solved  by  applying  the  Kalman  filtering  and 
smoothing  algorithms. 

In  this  paper  the  estimation  techniques  described  in  Ref.  5 and  Ref.  6,  i.e.  maximum  likelihood 
estimation  and  Kalman  filtering  and  smoothing  have  been  applied  to  measurements  in  one  non-steady  flight 
test  manoeuvre  and  the  results  have  been  compared. 

The  shape  of  the  nominally  symmetric  flight  test  manoeuvre  is  the  subject  of  Ref.  10.  Starting  from 
an  approximately  steady  straight  and  horizontal  flight  condition  the  aircraft.  Fig.  1,  is  accelerated 
quasi-steady  through  the  speed  range  of  int  ;rest. 

Once  in  every  period  of  30  seconds  a dynamic  manoeuvre  is  executed  after  which  the  acceleration 
proceeds  in  cuasi-steady  flight.  Applying  the  techniques  described  in  Ref.  7 both  performance  and  handling 
characteristics  are  to  be  derived  from  the  measurements  during  one  manoeuvre. 

The  paper  is  organized  as  follows.  In  Chapter  3 the  mathematical  model  is  presented  of  the  motion 
of  an  aircraft  in  an  atmosphere  which  has  been  assumed  to  move  uniformly  with  respect  to  earth.  Some 
aspects  of  the  instrumentation  system  are  described  in  Chapter  4.  Chapter  5 provides  a brief  discussion 
of  the  estimation  schemes  applied  to  the  state  trajectory  estimation  problem.  In  Chapter  6 the  experimental 
results  are  discussed.  Final  conclusions  are  drawn  in  Chapter  7. 
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kiaasacic  accalaratlon 

.pacific  forca,  quantity  aanead  by  an  acctlaroaattr 

aaroahlfc  of  th«  A(|  iccaltrowttr 

•aehaaatical  axpactation  operator 

vector  function  in  (3-1) 

acceleration  due  to  gravity 

vector  function  in  0-2) 

likelihood  function 

probability  danaity  function 

iapact  preaaura 

atatlc  preaaura  of  the  undiaturbad  airflow 
Pa  - P.Uo> 

angular  velocity  about  ZB  axis 

variance  Matrix  of  sttisurament  noisa,  radial  distance  from  the  earth's  centre, 
tin* 

ti*e  of  i th  Measurement 
vector  of  Measurement  noise 
speed  vector 
vector  of  plant  noise 
wind  vector 
state  vector 
augmented  state  vector 
observation  vcc  r 


o 


angle  of  attack 
parameter  vector 
augmented  parameter  vector 

flightpath  aPale  with  respect  to  the  atmosphere 

kror.ecker  delta 

pitch  angle 

geographic  latitude 

geographic  longitude 

rcll  angle 

heading  angle 

earth's  rate  of  rotation 


superscripts 

a with  respect  to  air 

estimated  quantity 
time  derivative 

T vector  or  matrix  transpose 

-I  matrix  inverse 

- average  quantity 

subscripts 

VXj  component  of  vector  V along  the  axis  Xj  of  the  reference  frame  Fy 

Vf  components  of  vector  V are  along  tne  axes  of 

n measured  quantity 
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bfimct  ( r«M< 

Th«  orlgla  of  Fy,  Ft  and  of  F,  U in  tha  c.nt.r  of  gravity  of  tha  aircraft.  Fy,  Fj  and  Fg  ara  ractanjular 
and  righthud.d,  aaa  Fig.  2. 

Fy  Tho  axia  Xy  and  Zy  ara  in  tha  plana  through  tha  aircrafta  eantar  of  gravity  and  tba  aarth'a 

azia  of  rotation.  Tha  positive  direction  of  Zy  is  to  the  aarth'a  center.  Tha  positive 
direction  of  tha  Xy  axis  is  to  tha  North. 

Fy  Zy  coincides  with  tha  Zy  axis.  Xy  is  in  tha  plana  through  Xg  and  Zy. 

Fg  Body  fixed  reference  fraae.  X,  and  Zg  ara  in  tha  plana  of  ayaaetry  of  tha  aircraft. 

Tha  positive  direction  of  Yg  is  to  starboard.  Xg  is  parallel  to  tha  naan  aarodynanic 


3.  THE  SYSTEM  AMD  OBSERVATION  MODEL 

Tha  kineaatical  relations  of  tha  aircraft  notion  relative  to  a apharical  and  rotating  earth  ara 
wall  known,  kef.  II.  The  following  sat  of  siaplified  relatione  have  bean  used  in  the  present  foraulation 
of  tha  state  trajectory  estiaation  problaa. 


Vjy  * »xy 


_ 2 

- Rw*  cot  t tin  X cot  X 


VXl  - a,T  - {2«g  sin  » cos  I ♦ i (vJT  ♦ W„T))  (v{T  ♦ W„T>  - iu^eos*! 


9 “Sb  cos^P  - rg  sin>p  ♦ u*  sin  J cos  X * = (Vx^  ♦ WXj) 

The  kineaatical  accelerations  ax^  and  az^  can  be  derived  from: 

aXT  - AXg  cos  9 ♦ Ayg  sin  9 ain1>  ♦ A2g  sin  9 cos'P 

Sjt  • -AXg  sin  9 ♦ Ayg  cos  9 xitup  ♦ AXg  cos  9 eo»q>  ♦ g 
The  set  of  first  order  differential  equations  represent  a systea: 
x - f(x,  u,  9) 

in  which  the  state  vector  x is  defined  by: 
x - col  {V*T,  VIT>  bzv  9} 
and  the  input  vector  u by: 

u - col  { AXg,  Ayg,  AZg,  qg,  rg,  >P  ) 

0 denotes  a vector  of  unknown  parameters  which  is  defined  in  Chapter  4. 

In  the  derivation  of  (3-1)  from  the  general  expressions  in  Ref.  11  the  following  assumptions  were  made. 

a)  In  the  course  of  a non-steady  manoeuvre  as  described  in  the  Introduction  the^var rations  of  R, 

X and  p are  small  enough  as  to  permit  the  substitution  of  average  values  R,  X and  u- 

b)  Wj,  the  velocity  of  the  atmosphere  relative  to  the  earth  can  be  assumed  to  be  constant  along  the 
trajectory  of  a non-steady  manoeuvre. 

c)  As  mentioned  in  the  Introduction,  the  non-steady  manoeuvre  is  nominally  symmetric.  This  may  be 
deduced  also  from  the  time  histories  of  the  ’asymmetric  components"  Ay^,  rg  and  '-p  of  the  input 

vector  u.  Fig.  3.  It  is  therefore  reasonable  to  assume  that  Vy_  is  small  compared  to  V and 
changes  of  are  small  enough  as  to  permit  the  substitution  of  an  average  heading  angle 

d)  For  reasons  to  be  stated  below,  the  trajectory  of  the  manoeuvre  is  selected  to  be  parallel  to 
the  atmospheric  isobars,  hence: 


The  observation  model  of  (3-1)  can  be  written  as: 
y • h(x) 

In  (3-2)  y denotes  an  observation  vector  defined  by 
y • col  (Va,  Azf} 
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Th«  coapoMst*  of  tho  obi.rvxtlon  voctor  y eta  b«  dtrivtd  1 row  tht  lapaet  prttturo  dpt  tod  ch*ng«  of 
• ttcie  air  prtaturo  dp,  which  art  Mtsurad  vary  accurately  in  tha  lnatrtmatatloa  ijrataa,  Kaf.  8 and  9. 

Tha  calculation  of  V*  froa  dpt  ia  atraight  forward  and  naad  not  ba  ecaaaatad  upon. 

dp,  danotaa  tha  chao|a  of  atatic  air  praaaura  ralativa  to  tha  atatie  air  prtaaura  at  tha  initial 
petition  of  tha  aircraft  at  tiaa  t * t0.  Conaaquantljr  dp,  rapraaanta  tha  vertical  dlatanca  to  a aurfact 
of  conatant  atatic  air  praaaura  through  tha  atarting  point  of  tha  non-attady  manoauvra.  In  principla 
tha  changa  of  altituda  daducad  froa  dp,  diffara  Iron  day  dapanding  on  tha  topography  of  tha  aurftca  of 
conatant  atatic  air  praaaura  aantionad  abova. 


Howavar,  in  practica  thia  diffaranca  ia  th  night  to  ba  nagligibla  bacauaa  of  tha  following  raaaonai 

a)  Tha  dlatanca  travallad  through  in  tha  couraa  of  a non-ataady  nanoauvra  (app.  30  to  do  k»)  la  analt 
coaparad  to  tha  acala  of  horixontal  ataoapharic  praaaura  diatributlona. 

b)  Tha  trajactory  ia  aalactad  to  ba  approxinaealy  parallel  to  tha  iaobara  which  can  ba  accoapliahed 
by  conaulting  nataorological  information  prior  to  executing  tha  flight  taata. 


Airapaad  V4  can  ba  axpraaaad  aa  followa: 
a a1  .1  .1  1 

v4  » <vjT  ♦ v$T  ♦ v;T>* 

Denoting  tha  vertical  component  of  tha  conatant  wind  by  Utj,  V*T  can  ba  written  aa: 

V*T  “ viT  * M*i 

WJT  ia  vary  email.  In  tha  caaa  of  anti-cyclonic  praaaura  (high  praaaura)  diatributlona  W,T  ia  poaitiva  and 
called  aubeidenca.  Tha  magnitude  of  aubaidanca  ia  in  tha  order  of  0.1  m/aac,  Ref.  12. 

Secauee  the  non-ataady  aunoeuvre  ia  nominally  aymoatric  V*,  ia  amall  and  (3-3)  auy  ba  written  aa: 

♦ viT)4  ♦ <v£  ♦ V*T)-‘  (jvj*  - V,TU,T)  - (v£  ev|T)1 

which  coopletaa  tha  dcacription  of  tha  eyatem  and  obaervation  model. 

Tha  flightpach  angle  with  respect  to  tha  aurrounding  air  mass  y"  ia  defined  aa: 


0-3) 


Bacauaa  V,T  ia  very  small  compared  to  V*; 

V. 


a *T 

Y » - arc  am 


(3-4) 


In  nominally  symmetrical  steady  aa  well  aa  non-steady  flight  conditions  the  angle  of  attack  a may  be 
calculated  from  the  components  of  the  state-vector  of  the  system  (3-1)  by: 


9-y  * 9 ♦ arc  sin 


(3-5) 


<v;T  * vITj’ 


4.  THE  INSTRUMENTATION  SYSTEM 

A detailed  description  of  the  instrumentation  system  employed  is  prestnted  in  Ref.  8 and  9. 

The  system  comprises  several  high  accuracy  inertial  and  barometric  transducers.  Analog  signal?  from  the 
transducers  are  conditioned  to  range  from  zero  to  10.000  mV  dc  and  succeedingly  filtered  by  identical 
fourth  order  filters.  The  dc  outputs  of  the  filters  are  sampled  and  digitized  by  an  analog  to  digital 
converter  at  a rate  of  20  per  second.  The  resolution  of  the  analog  to  digital  converter  amounts  to  0.012 
of  full  scale  i.e.  I mV. 


‘’Tie  random  errors  of  the  measurements  of  the  "syrmetrical  co"7onents"  of  the  input  vector  u are  in  the 
order  of  the  resolution  of  the  instrumentation  system.  In  Ref.  8,  by  comparing  the  results  of  several 
calibrations,  zeroshifts  could  be  detected  in  the  order  of  several  mV's. 


The  random  errors  of  the  barometric  measurements  amount  to  several  mV’s  due  to  the  limited  accuracy 
of  barometric  transducers  compared  to  the  accuracy  of  inertial  transducers. 

It  is  shown  in  Ref  9 the  zero  outputs  of  the  barometric  transducers  vary  considerably  as  a function 
of  time.  In  contrast  to  the  inertial  transducers,  however,  the  zeroshifts  of  the  berometrij  transducers 
are  easily  measured  in  flight  before  and  after  every  measuring  run  and  can  subsequently  be  corrected  for. 


In  Ref.  13 
shifts  of  the 


is  shown  that 
accelerometer 


the  tr  • jectory 
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gyro. 


vec  tor 
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is  particularly  sensitive 


to  zero- 
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That*  taroahifta  hava  therefor*  to  ba  modelled  aa  tha  components  of  an  unknown  pereaeter  vactor  ( 
defined  aa: 


IM 


0 - col  (4A,o.  (4-1 » 

in  ordvr  to  avoid  unallowabla  model  arrora. 

j.  solution  or  the  state  trajectory  estimation  problem 

Tha  atata  trsjectory  aatiaation  problaa  can  ba  formuleted  aa  a atatiatlcal  aatitaation  problaa. 

Tha  nonlinaar  dyneaic  ayatan  (3-1)  la  obaarvad  according  to  tha  obaarvatlon  aodal  (3-2).  At  diacrata 

instants  of  tlaa  t ^ , i ■ 0 N,  measurements  ara  aade  of  tha  coaponanta  of  tha  input  vector  u 

and  tha  observation  vactor  y.  Theea  aaaaureoenta  ara  corrupted  by  aeaaureaent  errora  which  are  aaauaed 
to  ba  additlva. 


u^U)  • u(i)  ♦ w( i ) 
yB(i)  * y(i)  ♦ v(l) 

Tha  aaauaption  ia  aade  that  w(i)  and  v(l),  1 - 0,  . . . N,  can  adequately  ba  represented  by  leroraoan 
gauaaian  randoa  aequencea  according  to: 

E (v(i)J  « 0 

E (w(i)  w*(i))  - 

E (v(i»  - 0 

E (v(i)  vT(i))  -i..  R 
‘J 

Tha  coaponenta  of  x at  timea  t;  and  additionally  the  components  of  the  parameter  vector  8 have  to  be 
aatiaated  in  aoma  optimal  way  from  the  noiay  measurements  of  u(i)  and  y(i). 

Two  different  algorithm'a  have  been  applied 

a)  The  extended  Kalman  filter  followed  by  a fixed  interval  smoothing  algorithm,  corresponding  to 
Table  9.4-3  and  9.5-3  of  Ref.  15. 

b)  The  maximum  likelihood  eetimation  scheme  as  described  in  Ref.  16. 

Baaed  on  the  review  presented  in  Ref.  14  both  algorithms  are  briefly  discussed  in  Section  5.1  and  5.2. 

5.1  EXTENDED  KALMAN  FILTERING  AND  FIXED  INTERVAL  SMOOTHING 

The  parameter  vector  8 is  assumed  to  be  constant  in  the  course  of  one  flight  test  manoeuvre, 

8-0  (5-1) 

(3-1)  and  (5-1)  can  then  be  written  as: 

x*  - f*(x*,  u)  (5-2) 

in  which  x denotes  an  augmented  state  vector: 

x*  - col  (xT,  8t) 

The  time  interval  between  two  successive  measurements , At  is  assumed  to  be  small  enough  as  to  permit 
the  discretization  of  (5-2)  which  may  then  be  written  as: 

x*(i+l)  - $(x*( i) , u(i))  (5-3) 

w(i)  is  very  small  because  u(i)  is  measured  very  accurately.  Then  v(i)  may  be  interpreted  as  plant  noise 
entering  additively  into  the  system  (5-3)  according  to: 

x*(i+l)  s t(x*(i) , um(i) ) - (x*(i) * ua(i))  • v(i)  (5-4) 

Apart  from  modelling  the  input  vector  measurement  noise,  the  plant  noise  is  considered  to  account  also  for 
differences  between  the  model  and  the  actual  process. 

When  x*(0)  is  assumed  to  be  a gaussian  random  variable  with  variance  matrix  P*(0]0)  it  is  shown  in 
Ref.  14  that  following  from  the  assumptions  stated  above  the  aposteriori  probability  density  function  is 
gaussian  and  can  be  written  as: 

p(x*(0),  x*(l) x*(N)|yn(l),  yB(Z) yffl(N))  - 

C. exp{- ) ( [x*(0)  - E(x*(0))]V  <0l0)[x"  - E(x*(0))] 

♦ E [y„(i)  - h(x*(i))]T  R_l [y  (i)  - h(x*(i))]  ♦ Z wT(i)(f 'w(i)) } (5-5) 

i- I i-0 


in  which  C is  a normalizing  constant. 


/ 


Th«  won  prcbsbla  ntiwti  of  th«  s.qusnca  x*(0),  x*(l.’> x*(N)  is  obtxiiwd  by  ■axL*izing 

th«  (posteriori  d.ruity  function,  or  idaotically  ■iniaizing 

{■*(0)  - l(x*(0) )] T ?*  (0|C)[x*{0)  - Et**<0)>;  ♦ 

M N 

r [yJO  - h(**(i))]T  *_l[y  (l)  - h(**(i))j  ♦ r wT(i)  <3*'v(l) 
i-i  " ■ i*o 

with  rtsp.ct  to  th«  zaqusnct  x"(0),  x*(l),  .....  x"(N)  subject  to  tha  constraint  (5-4).  TM*  constitute* 
a probtaa  in  optimal  control  theory  which  can  ba  reformulated  ae  a nonlinear  two  point  boundary  valua 
problem.  In  Cha  linear  caaa,  the  aolution  ia  prov.Jed  by  Che  Kalman  filtering  and  amoothing  algorithm#, 
i.e.  in  caaa  (5-4)  and  (3-2)  are  linear.  In  the  nonlinear  caac  (5-t)  and  (3-2)  nay  be  linearized  about 
tome  nominal  trajectory.  Application  of  the  Kalman  filtering  and  (toothing  algorithms  then  results  in  an 
approximate  solution  of  the  problem  of  maximizing  the  (posteriori  probability  density  function. 

In  applying  the  Kalman  filcer  the  sequences  of  estimates  x*(i|l)  and  x*(i*l|i)  are  generated,  i.e. 
the  estimates  of  x*(i)  and  ** ( i ♦ 1 ) based  on  the  measurements  of  y up  to  and  including  t j. 

In  case  these  estinetes  are  utilized  as  nominal  conditions  in  (5-4)  and  (3-2)  the  Kalman  filter  is  indicated 
ee  "extended  Kalman  filter".  Subsequer.  application  of  the  fixed  interval  smoothing  algorithm  yields  the 
sequence  x*(i|N),  i.e.  the  estimates  of  x*(i)  based  on  all  measurements.  This  sequence  constitutes  the 
aoproximate  aolution  mentioned  above. 

5.2  MAXIMUM  LIKELIHOOD  ESTIMATION 

Two  important  characteristic  features  of  the  state  trajectory  estimation  problem  stated  above  can 
be  formulated  as: 


a)  the  suthemacical  model  described  in  Chapter  3 is  very  accurate, 

b)  the  components  of  the  input  vector  u are  measured  very  precisely. 

Therefore  it  seems  in  this  case  reasonable  to  assume  the  plant  noise  to  be  small  enough  as  to  be  neglected. 
This  assumption  simplifies  the  estimation  problem  considerably.  It  is  shown  in  Kef.  16  the  likelihood 
function  L may  now  be  written  as: 


i-  * p(ym(D,  y0(2) yBiN)ja*) 


Y 


D exp{- | I [y  (i)  - h(x(i))]T  r”  [ym(i>  - h(x(i))]l 
i-l 


(5-6) 


in  which  D denotes  a normalizing  constant. 

The  augments'  parameter  vector  8*  is  defined  as 

8*  - col  (V*T(0).  VZT(0),  izT(0),  0(0),  6AIo,  6q„> 

The  maximum  likelihood  estimate  of  S*  can  be  obtained  by  maximizing  the  likelihood  function  L,  or  identically 
minimizing 

N « a 

I !yn(i)  - h(*(i))J‘  R [ya(i)  - h(x(i ) ) ] 
i-l 

vith  respect  to  8*  subject  to  the  constraint  (3-1).  This  constitutes  a nonlinear  optimization  problem  which 
may  be  solved  iteratively  in  several  ways.  Here  the  ’’modified  Newton-Raphson"  algorithm  described  in  Ref.  16 
has  been  used. 

Once  an  estimate  of  6*  has  been  obtained  the  m-.ximura  likelihood  estimate  of  the  state  follows  directly 
by  numerically  integrating  (3-1)  which,  because  the  estimate  of  8*  is  based  on  all  measurements,  results  in 
the  sequence  x(i|N). 

6.  EXPERIMENTAL  RESULTS 

The  algortihms  described  in  Chapter  5,  i.e.  extended  Kalman  filtering,  fixed  interval  smoothing  and 
maximum  likelihood  estimation  have  been  applied  to  the  measurements  in  one  non-steady  flight  test  manoeuvre. 
The  shape  of  Che  non-steady  manoeuvre  is  the  subject  of  Ref.  10  and  has  been  briefly  discussed  in  the 
Introduction.  The  time  histories  of  several  variables  representing  the  components  of  the  input  vector  u 
of  the  system  (3-1)  are  presented  in  Fig.  3. 

When  applying  the  extended  Kalman  filtering  and  fixed  interval  smoothing  algorithms  the  estimate  of 
the  initial  augmented  state  vector  and  in  addition  the  variance  matrices  P (0|0),  Q and  R have  to  be 
specified. 


The  estimate  of  the  initial  augmented  state  vector  is  defined  by: 

x*(0|0)  • colfV^T  (0|0),  OrT(0|0),  AzT(0 ' 0) , 9(0’0),  aAZq(o!o),  Aqo(0|0)) 


(6-1  ) 


The  non-steady  flight  test  manoeuvre  starts  from  a condition  of  nominally  sleady,  straight  and  approximately 
horizontal  flight.  Initial  estimates  of  V^,  and  may  then  be  calculated  from  the  initial 


barometric  measurements  according  to: 


i. 


f5T(0|0)  - ?*(0) 

V,T  (0|0)  - (Ait.U)  - 4iT>(0))/<tl-to) 
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4»x  (0|0)  - Alt.*0) 

in  which  t{-t0  rtfici  to  the  Initial  period  of  etaady  atraight  flight. 

Noainally  ateady  straight  flight  conditions  iaply  the  kinea^tlcal  acctlarations  *Xj  *nd  s,T  to  ba 
approsiaataly  saro. 

A reasonable  astiaata  of  8(0)  aay  then  ba  deduced  froa  the  relevant  expressions  in  Chapter  3: 

8(0|0)  - - arctg  (A,^  (0)/AIB^(0)) 

The  saroshifts  4A,o  and  4q0  cannot  ba  directly  aaasured  in  flight  prior  to  the  execution  of  the  flight  tast 
aanoauvra.  Therefore,  because  no  .priori  information  is  available  the  initial  estimates  of  &AtQ  and  Aq0 
are  put  equal  to  terot 

AA1(J(0|0)  - 0 
Sqo  CO | 0 ) • 0 

The  variance  sutrices  P*(0|o),  Q and  R have  been  assumed  to  be  diagonal.  Reasonable  estimates  of  the 
diagonal  cl«a«n£s  of  Cheat  matrices  may  ba  obtained  by  consulting  the  general  description  of  the 
instrumentation  system  and  the  results  of  several  laboratory  calibrations  in  Ref.  8 and  9. 

The  resulting  numerical  values  have  been  listed  in  Table  1. 

When  applying  the  maximum  likelihood  algorithm  an  initial  augmented  parameter  vector  6*  and  variance 
matrix  R have  to  be  specified. 

i 

Prom  the  discussion  above  and  the  definition  of  8 in  Chapter  5 it  follows  8 can  be  put  equal  to 

8 (o|0). 

The  elements  of  the  variance  matrix  R indicate  the  accuracy  of  the  barometric  measurements  of  airspeed 
v and  change  of  altitude  Az j during  quasi-steady  flight  conditions. 

In  the  non-steady  parts  of  the  flight  test  manoeuvre  these  accuracies  are  reduced  considerably  because  of 

a)  the  dynamic  response  of  the  air  pressure  tubes, 

b)  the  parasite  sensitivity  of  the  barometric  transducers  to  accelerations. 

The  additional  errors  introduced  into  the  barometric  measurements  in  non-steady  flight  conditions 
depend  on  the  non-steady  motion  of  the  aircraft  and  can  therefore  not  be  represented  by  independent  random 
processes. 

Tor  these  reasons  it  was  decided  to  neglect  the  barometric  measurements  during  the  non-steady  parts 
of  the  flight  test  manoeuvre. 

Application  of  the  extended  Kalman  filter,  the  fixed  interval  smoothing  algorithm  and  the  maximum 
likelihood  estimation  algorithm  yield  corresponding  results  i.e.  estimates  of  the  components  of  the  state 
vector  during  the  manoeuvre  and  in  addition  estimates  of  the  unknown  parameters. 

The  time  history  of  the  state  vector  x resulting  from  the  application  of  the  maximum^l ikel ihood 
estimation  algorithm  is  presented  in  Fig.  4.  Starting  from  the  initial  parameter  vector  0Q  convergence 
was  achieved  within  10  iterations.  The  related  residuals  are  shown  in  Fig.  5.  Fig.  5 clearly  illustrates 
the  non-randomness  of  the  errors  introduced  into  the  barometric  measurements  during  the  non-steady  parts 
of  the  flight  test  manoeuvre.  The  extended  Kalman  filter  yields  a similar  result,  Fig.  6. 

The  results  of  the  extended  Kalman  filter,  the  fixed  interval  smoothing  algorithm  and  the  maximum 
likelihood  estimation  algorithm  have  been  compared  in  Fig.  7 and  8.  With  respect  to  Fig.  7 it  should 
be  remarked  that  because  the  zeroshifts  have  been  assumed  to  be  constant  in  the  course  of  one  flight 
test  manoeuvre  the  final  estimates  of  AAZq  and  AqQ  resulting  from  the  extended  Kalman  filter  are  not 
altered  by  subsequent  application  of  the  smoothing  algorithm. 

From  the  state  vector  airspeed  Va,  flightpath  angle  ya  and  angle  of  attack  a can  be  derived  by  applying 
(3-3),  (3-4)  and  (3-5).  In  Fig.  9 the  resulting  time  histories  are  compared. 

From  Fig.  8 and  Fig  9 it  follows  that  subsequent  application  of  the  smoothing  algorithm  reduces 
considerably  the  differences  between  the  results  of  the  extended  Kalman  filter  and  the  maximum  likelihood 
estimation  algorithm. 

7.  CONCLUSIONS 

Two  different  estimation  schemes  i.e.  the  extended  Kalman  filter  and  fixed  interval  smoothing  and 
the  maximum  likelihood  estimation  algorithm  have  been  applied  to  the  problem  of  estimating  the  aircraft 
state  trajectory  during  a non-steady  flight  test  manoeuvre. 

When  applying  the  extended  Kalmar,  filter  and  fixed  interval  smoothing  algorithm  the  state  trajectory 
estimatifn  problem  is  linearized  about  a nominal  trajectory.  The  result  therefore  constitutes  an  approximate 
solution  to  the  problem. 
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It  hat  bttn  argued  Chat  due  to  the  quality  of  the  Measurements  of  the  eoapontnta  of  the  input  vector 
(i.e.  the  outputa  of  the  inertial  tranaducara)  and  the  accuracy  of  the  mathematical  Model  the  plant  nolaa 
could  ha  assumed  to  be  saell  enough  aa  to  be  neglected.  Thia  aimplifie*  the  atate  trajectory  eatiaucion 
probtea  conalderably.  An  eaact  aolucion  to  thia  aiaplified  eatinatlon  problea  ia  provided  by  the  aexiaua 
likelihood  eatiaation  algoricha. 

The  reaulta  obtained  froa  both  eatiaation  acheaea  cloeely  correapond  to  each  other.  Thia  aay  be  heat 
illuatrated  by  the  eatiaated  tiae  hiatorlea  of  air  epeed  V*  and  angle  of  attack  a.  At  Mentioned  in  the 
Introduction,  three  varieblee  are  of  priae  importance  in  aircraft  flight  taating.  froa  Tie.  9 follova  the 
differencea  between  the  reaulta  of  both  eatiaation  acheaea  era  in  the  order  of  0.25  a arc*'  in  the  caae 
of  V*  and  0.001  rad  or  0.06°  in  the  caae  of  a. 

Three  cloeely  correepondlng  reaulta  indicate  that  when  applying  hiRh  accuracy  inatruaencat ion  technique* 
both  eatiaution  acheaea  provida  an  accurata  aolution  to  the  aircraft  atata  trajactory  eatiaution  problea. 
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Fig.  5.  Residual*  resulting  from  application  of  the  maximum 
likelihood  estimation  algorithm. 
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Residuals  (innovation*)  resulting  froa  application 
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Fig.  8.  Extended  Kalman  filter  estimates  of  the  ssroshifts 
compared  to  the  corresponding  results  from  the 
— rlmnm  likelihood  estimation  algorithm. 
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SUMMARY 

First  som  fundamental  remarks  about  the  analysing  method,  the  regression  analysis,  ars  made.  Then  brief- 
ly the  method  Is  described  and  some  test  results  with  simulated  data  are  given. 

The  experiences  with  the  regression  analysis  gained  from  flight  tests  with  the  aircrafts  Oomler  Do  31 
and  Flat  G91-T3  are  discussed  In  detail.  With  these  experiences  the  possibilities  of  the  method  are  dis- 
cussed and  Improvements  by  using  a Hainan  filter  are  shown. 

Finally,  for  each  equation  of  motion  an  example  with  good  results  Is  represented. 

1.  FUNDAMENTAL  REMARKS  ABOUT  THE  ANALYSING  METHOD 

At  first,  same  fundamental  remarks  about  the  analysing  method  seem  to  be  necessary.  Thereby  also  the 
system  Inherent  advantages  and  disadvantages  will  be  expressed. 

Indeed  the  term  'regression  analysis*  Is  not  correct.  It  describes  only  a part  of  the  method,  but  surely 
the  most  Important  one  regarding  the  mathematics.  The  method  deals  with  a direct  analysis,  l.e.  the  so- 
lution of  the  equation  of  motion.  This  sort  of  method  is  known  as  'equation  error"  method  or  'equation 
of  motion*  method.  All  these  methods  determine  one  value  from  the  equation  of  motion  and  all  other  values 
leust  be  known  from  the  configuration  or  from  measurements.  Consequently,  these  are  simple  methods  with  a 
closed  solution  In  one  step.  They  are  distinguished  by  the  value  which  Is  determined  and  Its  further  pro- 
cessing. 

These  methods  use  the  physically  most  obvious  way  and  so  a solution  without  Iteration  and  without  coup- 
ling of  aquations  of  motion  Is  obtained.  But  there  Is  an  Important  disadvantage,  ell  state  parameters  are 
needed  and  measurwient  errors  are  not  considered.  Therefore  many  variables  must  be  measured  with  high 
accuracy. 

In  the  past.  It  was  tried  to  overcome  this  deficiency  by  means  of  Integration  or  transformation  of  the 
equation  syst«n.  Hers  another  way  Is  token.  In  each  equation  of  motion  the  aerodynamic  coefficient  Is 
assuned  as  unkmswi.  This  reduces  the  difficulties  In  the  first  step.  The  difficulties  are  now  In  the  se- 
cond step.  l.e.  the  determination  of  the  stability  derivatives  from  thB  aerodynamic  coefficients.  This  is 
done  with  the  regression  technique.  Therefore,  the  whole  method  Is  called  "regression  analysis*. 


2.  DESCRIPTION  OF  THE  METHOD 


Tha  method  will  not  be  described  In  detail.  This  has  already  be  done  In  (1].  In  the  following  only  the 
approach  will  be  summarized. 

1.  Steps  The  aerodynamic  coefficients  are  determined  from  the  equations  of  motion  (fig.  1). 

2.  Step:  The  stability  derivatives  are  determined  from  the  aerodynamic  coefficient  (fig.  2). 

Figure  1 contains  the  equations  of  motion  used  here,  and  figure  2 shows  the  isrodynamic  coefficients  as 
functions  of  the  stability  derivatives  and  the  state  variables.  The  left  parts  of  the  equations  in  fig.  2 
were  determined  In  the  first  step.  The  state  variables  are  measured.  The  unknowns  are  the  stability  deri- 
vatives. 

Since  each  one  of  these  equations  can  be  solved  with  cne  observation  and  each  flight  test  consists  of  many 
observations,  the  stability  derivatives  can  be  determined  with  statistical  methods,  l.e.  with  the  method 
of  least  squares.  With  the  linear  equation,  this  is  a problem  of  the  general,  linear  regression,  as  It  is 
shwon  in  a general  form  In  fig.  3.  The  solution  of  this  relatively  simple  problem  leads  to  the  wwllknown 
normal  equations  (fig.  4).  The  normal  equations  are  solved  as  shown  In  fig.  S. 

The  computer  program  has  no  numerical  difficulties.  Additional  computed  parameters  facilitate  the  discus- 
sion of  the  results.  Details  - as  already  mentioned  - can  be  seen  In  [1]. 

So  all  stability  derivatives  from  one  flight  condition  are  obtained  in  one  single  run  of  the  computer  pro- 
gram. Another  advantage  Is  that  the  method  runs  as  closed  program  completely  independent  of  the  experi- 
ence and  of  the  skill  of  the  user. 

But  there  are  also  grave  disadvantages.  First  the  aforementioned  difficulty  to  need  many  measurements  with 
high  accuracy.  This  fact  is  additional  complicated,  because  all  variables  must  have  enough  motion  to  get 
the  stability  derivatives.  In  fact,  the  mathematical  statistics  require  as  much  random  motion  as  possible. 

A further  disadvantage  Is  the  fact  that  each  observation  Is  considered  separately.  This  leads  to  great  dif- 
ficulties with  phase  errors.  A correction  Is  impossible,  since  the  motions  have  to  be  stochastic. 

Consequently,  the  method  implies  an  extreme  alternative,  either  to  get  all  derivatives  in  a re’atively 
simple  way  or  else  to  obtain  bad  results.  So  in  practical  application  failures  are  expected.  But  general 
ly,  the  flight  test  analysis  keeps  Involving  failures.  However,  our  activities  - which  wer-.  discussed  at 
another  point  of  the  meeting  - show,  that  in  flight  test  analysis  several  methods  should  be  applied 
simultaneously.  And  always  the  regression  analysis  should  be  included,  since  it  requires  only  a little 
time  for  flight  testing  and  analysis  and  it  checks  the  measured  values.  This  will  be  Illustrated  in  the 
following. 


3.  TESTS  WITH  SIMULATOR  DATA 

The  digital  computer  program  "regression  analysis*  was  tested  with  simulator  data.  These  tests  also  are 
described  in  detail  in  [l].  Here  only  a few  important  results  are  stated. 

To  begin  with  the  most  important  result:  The  method  found  exactly  the  stability  derivatives  programmed  in 
the  simulator.  Fig.  6 shows  the  deviations  for  a data  set  with  14  000  observations.  These  deviations  can 
all  be  explained  by  peculiarities  and  inaccuracies  cf  the  analog  computer  program.  For  details  see  [1]. 

The  test  data  came  from  a simulated  flight  with  more  motion  than  in  a real  flight,  in  order  to  detect  all 
derivatives.  With  the  regression  analysis,  the  means  of  the  state  variables  are  determined  and  then  the 
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derivatives  to  trios*  moors  or*  calculated.  When  coefficient*  sr*  program  rod  in  the  sliwilator  as  non-llnsar 
functions,  the  valuos  of  the  tengent  ar*  calculated. 

In  fig.  7 tho  Influence  o'  tho  nu«ber  of  observation*  on  the  quality  of  tho  results  Is  shown.  Tho  figure 
Is  typical  for  stability  derivatives.  For  mors  than  10  000  observations,  practically  tho  Interval  remains 
constant.  For  lass  than  3 000  observations,  soma  results  show  already  Important  deviations.  Consequently, 
with  a scon  frequency  of  40  to  50  Hertz,  a flight  time  of  only  1 to  5 minutes  is  required  for  tho  analy- 
sis. 

Also  tho  Influence  of  additional  or  lacking  components  was  tasted.  Fig.  a showt  a typical  tost  of  sup- 
posed but  not  existing  components.  The  simulation  program  has  no  relation  between  the  drag  CQ  and  the 
aileron  deflection  ( or  angle  of  sideslip  8.  Therefore,  the  stability  derivatives  Cq^  and  Cq^  must  be 
zero.  According  to  fig.  8 this  result  was  obtained,  as  the  little  valuas  are  insignificant.  But  ths  most 
Important  result  of  this  test  Is  the  fact  that  the  surplus  variables  do  not  affect  the  axlstlng  deriva- 
tives. So  we  can  Include  any  supposed  Influences  Into  the  analysis  without  changing  the  regression  coeffi- 
cients or  Impairing  the  quality  of  the  regression  - as  It  Is  shown  in  the  multiple  correlation  coeffi- 
cient. 

In  the  contrary,  tha  multiple  correlation  coefficient  shows,  whether  all  Influences  have  been  connldered 
(fig.  9).  In  fl  9 In  the  sldaforca  aquation  tha  most  Important  variable,  the  angle  of  sideslip  8.  was 
not  considered.  Of  course,  now  the  complete  analysis  was  wrong.  But  the  lacking  of  a component  was  shown 
in  the  bad  mjltlpl*  correlation  coefficient. 

Thus  the  tests  show  that  the  method  con  easily  be  ured  with  very  short  flight  time.  Horeover.  It  Ms  pro- 
ved that  the  method  Is  very  well  suited  to  find  not  expected  Influences  or,  in  turn,  tt  prove  that  sup- 
posed Influences  are  not  existing. 


RESULTS  OF  FLIGHT  TEST  ANALYSIS 

Now  let's  talk  about  the  practical  application.  Three  different  flight  test  periods  w*r*  analysed,  flight 
tests  with  the  conventional  version  of  the  Do  31  and  with  a Flat  G91-T3.  The  tests  with  the  G 91  were 
carried  out  In  two  oerlods.  Fig.  10  to  15  sumarlze  the  results,  that  Is  one  figure  for  each  equation  of 
motion. 

First  some  general  remarks  to  the  flight  tests.  The  first  analysing  trials  were  made  with  flight  test." 
from  the  Oo  31.  As  expected,  they  did  not  show  the  same  good  results  as  the  test  data  from  simulation. 

With  these  tests  only  the  regression  technique  was  tested.  The  deficiencies  of  the  equation  methods  were 
suppressed,  as  the  aerodynamic  coefficients  directly  came  from  the  simulation.  In  the  flight  tests,  how- 
ever, these  deficiencies  were  fully  present. 

The  results  of  this  flr3t  analysing  period  mainly  were  used  to  test  the  data  acquisition  equipment  and  the 
measure.nents.  (Here,  this  important  aspect  with  the  application  of  the  regression  analysis  cannot  be  dis- 
cussed. For  details  see  [3D.  This  test  was  used  to  Improve  and  to  expand  the  test  equipment. 

Ttxjs,  the  second  test  period  was  realized  with  a"  improved  data  acquisition  system.  But  now,  another  type 
of  aircraft  was  used.  Instead  of  the  transport  aircraft  Oo  31,  now  the  light  fighter  Flat  G91-T3.  We  then 
experienced  the  wellknown  effect  of  being  faced  with  completely  different  problems.  The  first  test  period 
with  the  G 91  did  not  snow  any  Improvement  in  the  results,  on  the  contrary,  partly  they  were  even  worse. 

The  niscusslon  of  the  measurements  by  means  of  regression  analysis  showed  an  Impairment  of  the  signals  for 
the  incidence  a er.J  the  sideslip  8 which  could  not  yet  be  explained.  Furtnermore  thers  were  cp  .sldereble 
phase  a-rors.  caused  by  electronic  filters,  which  are  required  for  damping  the  aircraft  vibrations.  Against 
the  phase  errors  the  filters  were  adjusted  so  that  all  signals  showed  approximately  the  same  time  error. 
Then  the  second  test  Derlod  with  the  G 91  showed  an  amazing  success  of  this  rough  phase  correction. 
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Now  lat'i  dlscufi  tha  figurss.  Fig.  iO  raprasants  tha  raaulta  of  tha  lift  equation.  It  ahowa  the  improve- 
ment In  tha  second  period  with  tha  C 91.  Also  this  figure  Illustrates  tha  known  problems  with  a-derlvatlvas. 
Cf  course,  these  Influence  tha  whole  aquation  of  motion,  particularly  tha  derivative  C^. 

Fig.  11  contains  tha  results  for  the  drag  equation.  Here,  the  results  of  tha  first  period  G 91  were  so  good 

that  tha  second  period  did  not  show  any  improvement.  In  tha  second  test  period  It  can  be  seen,  how  an  error 
in  Cqq  It  compensated  by  an  apposite  error  In  Cq^. 

For  the  results  of  the  pitch  motion  (fig.  12)  the  same  Is  true  as  for  the  lift.  There  it  again  the  bad  In- 
fluence of  4.  In  the  pitching  moment,  the  Improvement  fnxn  tha  first  test  period  to  the  second  Is  even  more 

distinct. 

Now  tha  lat  ral  motion.  Fig.  13  shows  the  slder'orce  derivatives.  Clearly  it  Is  to  see  the  Impairment  of 
the  sideslip  signal  from  the  G 91  compared  to  the  Do  31.  Also  the  Influence  of  the  phase  correction  clear- 
ly can  be  recognized. 

For  the  results  of  the  roll  equation  In  fig.  14  the  same  Is  true  as  for  the  sldeforce.  Here  also  the  Im- 
pairment In  the  sideslip  signal  of  the  G 91  can  be  seen.  And  there  Is  ulso  a considerable  Influencr  jy 
phase  correction. 

Finally,  fig.  15  represents  the  derivatives  of  the  yaw  motion.  Here  are  the  some  tendencies  as  already 
for  the  sldeforce  and  for  the  roll  motion. 

With  the  results  In  fig.  10  to  IS,  the  following  forecast  (fig.  16)  can  be  made  for  the  chances  of  flight 
test  analysis  with  regression  analysis.  Tha  determination  of  C^,  Cng  and  Cyj.  has  very  good  chances.  How- 
ever, there  are  only  small  chances  for  the  derivatives  C^.  C^.  , tjg,  Cj^  and  C,^,  and  > ery  likely  no 

chance  for  a-derivatlves.  The  difficulties  with  a exolain  the  small  chances  for  Ci  and  . The  diffi- 

nl  q 

culties  with  and  Cpr  are  unexpected.  It  is  ajpnosed  they  are  caused  by  errors  of  measurements. 


5.  FUTURE  ACTIVITIES 

if  course  the  aim  of  future  activities  is  an  improvement  of  the  results.  For  an  equation  error  method, 
t.nis  means  always  an  improvement  of  the  test  equipment.  As  already  mentioned  above.  Just  the  regression 
analysis  is  very  well  suited  for  measurement  discussion. 

But,  we  tooK  an  additional  way  for  the  improvement.  The  large  improvements  which  have  been  realized  al- 
ready with  a rough  phase  correction  seems  to  promise  success  with  a prefiltering  of  the  measurements. 

Fig.  17  shows  the  most  oovious  way  of  the  analysis  using  tne  Kalman  filtering.  The  further  processing  by 
means  of  the  regression  analysis  is  ret . esented  by  a dotted  line.  On  principle,  it  is  possible  to  apply 
the  Kalman  method  in  this  way.  But  this  requires  an  iteration,  since  the  aircraft  model  enters  into  the 
filter  algorithm,  and  the  most  essential  part  of  the  model  - the  model  of  aerodynamics  - is  the  re- 
sult of  the  whole  analysis.  However,  the  main  difficulties  lies  in  the  very  complex  equations  of  '-he  ex- 
ternal forces  and  moments  which  would  require  an  extensive  calculation  and  programming  with  considerable 
sources  of  errors. 

Finally,  the  setup  according  to  fig.  18  was  selected.  This  makes  reasonable  use  of  the  redundancy  in  the 
measurement  vector.  Thus  we  get  a considerably  simpler  form  of  the  dynamic  equatirns.  The  state  variables 
are  the  same  as  in  the  initial  setup.  However,  as  given  function  of  time -parameters  cf  our  dynamic  system 
the  corresponding  measurements  of  t.’.e  translational  and  rotational  accelerations  are  introduced  into  the 
equations  of  motion,  instead  of  the  aerodynamic  forces  and  mcmerts  as  function  of  state  variables,  aero- 
dynamic coefficients  and  control  deflections.  But  the  aircraft  motions  must  be  sufficiently  slew  in  re- 
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lat loo  to  tha  data  acquisition  frequancy.  This  parmlts  to  Integrate  the  differential  aquations  over  an 
acquisition  nycla  with  constant  values  of  the  accelerations* 

An  Important  point  of  this  way  is  tha  aircraft  model  (l.a.  the  aerodynamics)  will  not  be  used.  This  seems 
raasonebla  for  data  filtering  as  a prefilter  before  regression  analysis.  Now  the  aircraft  model  to  be 
analyzed  In  a later  step,  do  not  entar  the  filter.  So  the  Kalman  filtering  becomes  a closed  task  In  tha 
total  word  of  analysing. 

It  is  also  attempted  to  use  the  Kalman  method  to  filter  out  quantitatively  still  unknown  systematic  errors, 

such  as  zero  shift,  calibration  errors.  Installation  errors.  Since  these  activities  are  not  yat  concluded. 

they  cannot  be  discussed  here.  However,  the  filter  is  already  programmed.  Tha  prugram  Is  Just  now  In  the 

test  phase.  The  test  results  are  promising  for  the  future.  But  tha  adjustment  of  all  parameters  Is  very  I 

hard  and  requires  a long  time.  A first  report  with  the  filter  program  soon  will  >.e  published  as  a study  1 

for  the  German  Ministry  of  defense.  j 


6.  FINAL  REMARK 

In  the  preceding  sections  the  regression  method  was  very  critically  analyzed.  To  show  the  possibilities  of 
the  method,  for  each  equation  of  motion  an  example  with  good  results  finally  Is  given. 

It  Is  represented 

In  fig.  19  an  zxampla  from  the  degree  of  freedom  lift 

In  fig.  70  an  example  from  trw,  degree  of  freedom  dreg 

In  fig.  21  no  example  from  the  degree  of  freedom  pitch 

In  fig.  22  an  example  from  the  degree  of  freedom  sldeforce  . 

In  fig.  23  an  example  fro*  the  degree  of  freedom  roll 

In  fig.  24  an  example  from  the  degree  of  freedom  yaw. 

These  results  need  no  explanation.  They  show  that  also  an  equation  error  method  in  connection  with  good 

measuring  technique  and  with  statistical  methods  can  supply  useful  results  with  relatively  low  efforts.  j 

i 
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Fig.  7:  Confidence  Limits  depending  on  the  Number  of  Observations 
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Fig.  14:  Flight  Test  Results  Roll-Equation 


Fig.  15:  Flight  Test  Results  Yaw-Equation 
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Fig.  16:  Chance  to  get  good  Results 


Fig.  17:  Parameter  Identification 
with  Kalman  Filter  and  Regression 
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Fig.  18:  Parameter  Identification 
with  Kalman  Filter  and  Regression 


CU 

CL. 

CL4 

clo 

IhMry 

02 

S3 

105 

5.15 

a si 

Rot  ult 

02*4 

421 

- 13.1 

4.7 

- 0 620 

Fig.  19:  Regression  Analysis  of  the  Lift  Equation 
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Regression  Analysis  of  the  Drag  Equation 
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Fig.  21:  Regression  Analysis  of  the  Pitch- Equation 
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Fig.  22:  Regression  Analysis 
of  the  Sideforce-Equation 


F:g.  23:  Regression  Analysis  of  the  Roll-Equation 
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Fig.  24:  Regression  Analysis  of  the  Yaw -Equation 
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ABSTRACT 

A new  development  for  the  identification  of  nonlinear  stall/spin 
reglae  air  dynaaic  forces  and  aoaents  is  nresented,  with  applications 
to  siaulated  and  flight  test  response  data.  This  development  is  a 
two-step  method.  The  first  step  is  the  application  of  an  algorithm 
which  determines  the  order  and  coefficients  of  polynomial  expansions 
of  the  nonlinear  aerodynamic  forces  and  moments  which  characterize 
the  stall/post-stall  flight  regime.  The  second  step  is  the  use  of 
a nonlinear  six  degree-of -freedom  maximum  likelihood  algorithm  which 
accurately  estimates  the  values  of  the  polynomial  coefficients. 

This  method  has  been  applied  to  simulated  and  flight  test  data  for 
a twin  engine  swept  wing  fighter  aircraft.  Suggested  approaches  to 
more  general  nonlinear  flight  regime  identification  are  given. 


i 

i 


21-2 


1.0  INTRODUCTION 

Ths  stall/post-stall/spin  high  angle-of-attack  operating  reglaa  of  advanced  high  perforaanca  aircraft 
la  currently  recognized  aa  a critical  area  of  the  flight  envelope  which  require*  mors  preclae  definition  (1). 
The  complexity  of  the  dynamic  and  aerodynamic  Interaction*  which  characterize  auch  rcglmea  neceaaltatea 
advanced  tearing  and  analyaia  method*.  One  of  these  method*  la  that  of  *ystem  identification  in  which 
flight  data  from  the  critical  regime*  1*  processed  to  isolate  and  quantify  the  significant  aerodynamic 
contributions. 

System  identification  is  emerging  as  a powerful  technology  for  exploiting  teat  data  to  significantly 
Improve  and  Increase  fundamental  knowledge  of  aircraft  dynamics.  Such  knowledge  is  essential  for  more 
quantitative  approaches  to  handling  qualities*  evaluation,  aerodynamic  modeling  for  real  time  simulations, 
sod  verification  of  analytical  and  wind  tunnel  estimates  of  aerodynamic  parameters.  In  general,  system 
identification  consists  of  at  least  two  phases.  The  first  is  the  analytical  model  deteiminatlon  stage 
wherein  the  equations  and  aerodynamic  parameters  are  selected  which  are  to  represent  the  system  response. 

The  second  phase  la  the  estimation  of  the  parameters  of  that  model  from  response  test  data  of  the  system 
under  study.  This  latter  phase  is  called  parameter  identification. 

For  most  aircraft  testing,  the  first  phase  is  not  a significant  issue,  since  the  assumption  of  a 
linear,  usually  longitudinally/laterally  decoupled,  model  is  made.  This  assumption  reduces  the  system 
identification  problem  to  one  of  the  estimation  of  the  parameters  of  the  linearized  models.  For  transition 
or  extreme  flight  conditions,  however,  the  assumption  of  linearity  of  dynamic  and  aerodynamic  forces  and 
moments  may  not  be  accurate.  Examples  are  VTOL  aircraft  landing  or  take-off  responses  and  high  angle-of- 
attack  aircraft  maneuvers.  In  such  regimes,  it  may  be  necessary  to  expand  the  aerodynamic  effects  in  some 
type  of  nonlinear  function,  usually  polynomials  in  independent  flight  variables  such  as  angle-of-attack  or 
sideslip  angle.  It  may,  in  addition,  be  necessary  to  retain  certain  nonlinear  dynamic  terms  to  account 
for  inertial  cross-coupling  effects. 

The  requirement  for  nonlinear  models  thus  places  stringent  demands  on  the  model  determination  phase 
of  system  identification.  There  are  two  basic  reasons  for  this.  First,  a complete  mathematical  model  of 
the  nonlinear  responses  places  severe  computational  demands  on  parameter  identification  algorithms. 

Hence,  the  model  generally  must  be  reduced  ia  order.  Secondly,  even  if  unlimited  computer  facilities  are 
available,  the  problem  of  overparameterization  will  severely  degrade  the  applicability  of  the  data 
processing  results.  Overparameterization  is  the  allowance  of  more  parameters  to  explain  the  data  than  are 
actually  required.  The  result  ia  excessive  computer  time,  possible  algorithm  divergences,  and  incorrect 
parameter  estimates.  It  is  thus  necessary  in  the  model  determination  phase  to  estimate  which  terms  of  a 
polynomial  are  actually  significant  to  the  response,  and  to  use  the  parameter  Identification  phase  to 
estimate  the  value  of  these  terms. 

This  paper  preset  cs  a method  for  performing  the  system  identification  task  to  high  angle-of-attack 
flight  data.  The  method  consists  of  a model  determination  algorithm  for  estimating  which  nonlinear 
parameters  significantly  affect  aircraft  responses  and  a non line**,  six  degre*-of- freedom  maximum 
likelihood  identification  algorithm  for  identifying  accurately  the  values  of  the  selected  nonlinear  terms 
This  method  has  been  applied  to  simulated  responses  of  an  advanced  swept  wing  fighter  and  to  the  flight 
test  responses  for  that  fighter. 

2.0  THE  INTEGRATED  PARAMETER  IDENTIFICATION  PROCESS 

2.1  Requirements  for  Identification 

Aircraft  parameter  identification  is  the  process  of  extracting  numerical  values  for  the  aerodynamic 
stability  and  control  coefficients  from  a set  of  flight  test  data  (e.g.,  a time  history  of  the  flight 
control  inputs  and  the  resulting  aircraft  response  variables).  Although  the  fundamental  theoretical  basis 
of  identification  has  existed  for  over  75  years,  . raztlcal  application  of  this  technology  to  aircraft 
flight  testing  has  been  attemoted  only  over  the  last  three  decades.  Most  of  this  application  has  been 
limited  to  identification  of  low  order  linear  aircraft  mathematical  models,  at  low  angles-of-attack  and 
Mach  number. 

There  are  three  principal  elements  of  aircraft  parameter  identification:  (1)  the  data  processin" 
algorithms  (identification  method).  (2)  the  aircraft  instrumentation,  and  (3)  the  flight  control  Inputs 
(Pigur*  1).  These  elements  are  highly  Interactive. 

In  order  to  develop  a comprehensive  identification  technology  for  application  to  the  high  angle-of- 
attack  flight  regime,  a method  of  approach  has  been  implemented  which  Integrates  these  interactive  element?. 
As  diagrammed  in  Figure  2,  this  method  of  approach  is  composed  of  two  basic  phases.  Phase  1 is  a detailed 
simulation  of  a high  performance  aircraft  111.  Phase  2 is  the  application  of  advanced  parameter  identi- 
fication methods  to  determine  the  effects  of  input3  and  measurement  errors  on  the  algorithms  In  processing 
high  angle-of-attack  data.  Phase  3 is  the  application  of  the  results  of  Phases  1 and  2 to  the  specification 
and  evaluation  of  high  angle-of-attack  flight  tests  {2J. 

Phase  2 of  this  procedure  involves  the  critical  elements  of  (1)  model  and  parameter  selection, 

(2)  parameter  estimation,  and  (3)  model  verification.  The  fundamental  complexity  of  these  three  elements 
requires  a strong  reliance  on  information  available  from  wind  tunnel  data  and  knowledge  of  aircraft  physics. 
This  requirement,  however,  must  be  satisfied  with  caution  because  of  the  difficulty  of  translating  the 
inherently  limited  capability  of  wind  tunnels  and  aerodynamic  theory  to  the  complex  maneuvers  and  flow 
interaction  : at  high  angles-of-attack.  The  particular  value  of  such  prior  information  is  the  manner  in 
which  it  can  be  used  to  formulate  the  possible  types  of  forces  and  moments  (reserving  Isolation  of  the 
specific  nonlinear  effects  for  post-flight  analysis).  This  specification  of  nonlinear  effects  is  the  model 
determination  phase.  The  parameter  identification  is  the  quantification  of  the  specific  aerodynamic  terms 
selected  by  the  model  determination  phase.  Model  verification  is  the  application  of  various  techniques  to 
increase  confidence  that  the  identified  model  adequately  represents  the  aircraft  responses.  Such  techniques 
include  the  calculation  of  the  confidence  levels  of  the  estimates,  consistency  with  results  of  previous 
wind  tunnel  and  flight  tests,  and  the  ability  of  the  identified  model  to  predict  responses  of  the  aircraft 
with  different  inputs. 

The  combination  of  the  simulation  phase  and  the  identif icat ion  phase  may  be  performed  to  validate  the 
estimation  procedures,  to  specify  control  Inputs,  instrumentation,  and  critical  flight  configuration. 

These  latter  two  specifications  are  directly  applicable  to  the  design  of  flight  tests  for  the  subject 
aircraft. 


21-3 


2.2  Techniques  tor  Simulation.  Model  Determination,  and  Parameter  Identification 

Xa  this  section,  we  review  the  technique#  which  have  been  developed  for  laplementatlon  of  the 
Integrated  peraaeter  Identification  procaaa. 

2.2.1  Slaulatlon 

The  alaulatlon  objective  la  to  provide  a controlled  data  baae  for  laolatlng  potential  Identification 
problems  which  Bigot  arlae  from  actual  flight  teat  data.  Requirement#  for  lnputa  and  Instrumentation,  for 
eumpla,  may  be  specified  from  such  simulations  prior  to  the  flight  testa.  Such  requirements  may  be 
difficult  to  Individually  datecc  from  any  specific  sat  of  flight  data  due  to  the  complex  response  and  data 
Iterations  which  exist  In  any  actual  system. 

As  demonstrated  In  Reference  [1],  nonlinear  high  angle-of-attack  responses  may  be  simulated,  at  least 
qualitatively,  by  digital  technique,:.  In  particular,  responses  such  as  pitch  up  end  yaw  departure  (due 
to  unstable  C„  ) are  strongly  dependent  on  wind  tunnel  neasurable  static  nonllnearltles  and  these  critical 
P 

regions  can  be  predicted  for  flight  conditions  simulated  by  the  wind  tunnel  configuration.  Dnfortunatcly, 
many  flight  conditions  may  only  be  approximated  In  wini  tunnels  and,  In  fact,  some  aerodynamic  (and 
dynamic)  nonllnearltles  may  not  be  detected  from  such  tests  due  to  scaling  or  tunnel  model  support  limit- 
ations. In  addition,  high  performance  maneuvers  may  Induce  non-tunnel  reproducible  interactions  between 
the  pilot,  the  flow  fields,  and  the  aircraft. 

Tie  alaulatlon  described  in  Refarence  [1]  was  designed  at-  a generator  of  data  which  is  characteristic 
of  that  from  the  responses  of  high  performance  aircraft.  The  characteristics  of  this  simulation  are 
summarised  In  Table  1.  The  alaulatlon  was  subsequently  conpareo  with  reported  results  of  the  stall/spin 
teats  of  a swept  wing  fighter  aircraft  (3).  Respon.es  such  as  pltch-up,  yaw  departure,  and  spin  were 
obtained  with  the  simulation.  In  addition,  It  was  found  that  wing  rock  would  be  simulated,  and  that  the 
roll,  sideslip,  and  aileron  deflection  amplitudes  and  angle-of-attack  occurrence  were  comparable  with  that 
recorded  In  the  flight  test.  However,  the  frequency  of  the  simulation  was  7.5  seconds  compared  to  1.5 
seconds  for  the  actual  test.  This  frequency  discrepancy  was  ascribed  to  uncertainties  In  the  parameters 
cf  the  aircraft  being  cested,  the  pilot  responses  of  the  tests,  and  the  differences  between  the  wind 
tunnel  and  actual  values  of  dynamic  derivatives  arch  as  C^.  Based  on  the  correlation  of  the  simulated 

responses  with  this  and  other  actual  responses,  the  alaulatlon  was  deemed  acceptable  ae  a generator  of 
typical  data,  further  extensive  correlation  of  the  simulation  was  beyond  the  scope  of  the  program 
development. 

As  discussed  In  [1,2],  the  simulation  used  to  generate  data  la  an  extensive  and  detailed  represen- 
tation of  the  aircraft  and  data  error  sources.  Both  the  dynamic  equations  and  the  measurements  are 
nonlinear.  The  simulation  aspect  of  the  errors  reported  here  is  unique  In  the  application  of  Identification 
algorithms  to  simulated  data.  Typical  approaches  assume  a polynomial  form  for  nonlinear  parameter  var- 
iation, generate  the  lime  history  data  with  this  model,  and  Chen  attempt  to  reconstruct  the  polynomial 
from  the  data  [10-12].  Such  an  approach  is  certainly  useful  for  testing  of  a program,  but  may  tend  to 
place  more  confidence  In  the  effectiveness  of  an  algorithm  than  Is  Justified.  This  follows  because 
Identification  of  Che  same  functional  form  which  generates  tne  data  disregards  the  modeling  error  which 
may  occur  by  approximating  the  actual  function  (unknown)  by  an  assumed  or  a priori  function.  The  approach 
used  In  this  work  Is  to  generate  the  deta  by  an  aerodynamic  model  which  Is  of  higher  order  than  the  model 
which  Is  Identified  (e.g.,  data  la  In  "table  look-up  format’).  Hence,  the  Integrated  parameter  Identi- 
fication process  of  Figure  2 contains  Che  clement  of  modeling-error  effects  explicitly. 

2.2.2  Model  Structure  Determination 

Having  determined  an  analytical,  a priori  form  for  Che  aerodynamic  forces  and  moments,  and  selected 
the  principal  axis  systems,  the  framework  Is  established  for  estimating  the  structure  and  parameters 
appropriate  to  a given  data  length.  Polynomials  are  chosen  as  the  basis  of  the  Identification  model  for 
this  work.  This  is  Itself  an  assumption  about  the  physics  of  the  aircraft  aerodynamics.  The  assumption 
is  historically  based  on  Che  dependence  between  force  and  moment  coefficients  and  independent  variables 
(a  or  B,  for  exaaqile)  which  is  observed  In  wind  tunnels.  Recent  work  in  England  [13]  has  demonstrated 
the  validity  of  such  approximations  with  actual  aircraft  responses  in  the  subsonic  regime.  Mathematically, 
polynomial  representations  result  from  series  expansions  about  some  reference  point  (e.g.,  trim)  and 
herein  lies  the  Inherent  assumption  of  Che  polynomial  approximation.  Specifically,  It  is  assumed  that 
there  are  continuous  derivatives  or  rates  of  changes  of  derivatives  (to  an  arbitrarily  high  order).  In 
the  transonic  regime  especially,  such  continuity  may  be  violated,  forcing  discontinuous  representations. 

For  this  work,  continuity  Is  assumed. 

Ulnd  tunnel  test  results  (and  any  other  Information  about  the  physics  of  the  maneuvers)  are  used  to 
define  all  Che  possibilities  of  Che  polynomial  functions  for  the  forces  and  moments.  Then,  the  actual 
response  data  obtained  Is  used  to  specify  which  of  these  functions  are  most  probable.  The  goal  Is  to 
Identify  only  those  polynomial  coefficients  which  are  required  to  reproduce  the  actual  force  or  morent 
characteristics.  This  addition  to  the  Integrated  parameter  Identification  process  is  diagrammed  In 
Figure  3.  Flight  tests  are  conducted  for  particular  conditions  and  inputs.  The  data  from  these  tects 
Is  Chen  used  as  the  basis  for  selecting  the  functional  forma  required  to  reproduce  the  data.  The  data  is 
passed  through  a filter,  (denoted  as  the  optimal  subset  regression  program)  which  gives  variables  which 
might  be  required  to  reproduce  he  forces  and  moment  characteristics  which  generate  the  data.  These 
variables  may  correspond  to  the  .oefflclents  of  powers  of  the  independent  variables  (say,  a or  8).  In 
general,  the  number  of  terms  allowed  Is  dictated  by  expected  significance  from  a priori  considerations. 

Of  these  possible  required  terms,  the  filter  selects  the  most  significant.  The  model  defined  by  these 
significant  variables  la  than  passed  to  the  identification  program. 

The  optimal  subset  regression  algorithm  adds  and  deletes  variables  to  a particular  model  In  as 
Iterative  manner  (see  Appendix).  Estimates  of  previously  ignored  parameters  are  Incorporated  and  evaluated 
by  two  criteria,  as  follows: 

1.  Of  all  possible  variables  3,  Is  8^  the  most  highly  correlated  with  y of  variables  not  in 
the  regression? 

2 If  9 Is  added  to  the  regression,  is  Its  contribution  to  the  "fit"  significant  relative  to 
variables  " " ^1  vhlch  have  already  been  used?  Does  the  significance  of  8^  ^,...,9 

diminish  because  9^  Is  included? 
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Thss*  question*  »r«  aaavsrsd  within  the  fraasuork  of  statistics!  hypothesis  testing.  The  elgorltha 
uses  statistical  hypothesis  tasting  techniques  based  on  the  Fisher  F ratio  (e.g. , F-tests).  Foraelly, 
this  ratio  aeasurea  the  reduction  In  fit  error  with  the  current  aodal  relative  to  the  error  due  to  noise 
and  nodal  uncertainties.  A "total”  F-ratlo  aeasurea  the  entlra  uodel  fit  relative  to  error  and  a "partial" 
F-ratlo  aeasures  ths  increaental  laproveaent  In  fit  due  to  addition  or  deletion  of  a paraaeter  In  the 
aodel.  A generalised  flow  chart  la  shown  In  Figure  A.  Starting  with  a list  of  possible  variables,  the 
elgorltha  enters  ths  variable  with  the  highest  partial  correlation  to  the  observations  y.  The  contribution 
of  thle  variable  to  reducing  fit  error  Is  aada,  and  a new  variable  entered.  Subsequent  tests  add  and 
delete  variables  to  laprovs  the  "fit”.  The  final  subset  of  8 which  results  froa  the  procedure  Is  one 
within  confidence  bounds  set  by  ths  user  (say,  95X  or  99X) . 

The  elgorltha  not  only  identifies  the  aost  significant  paraaeter* , but  alao  finds  least  square 
eetlaates  of  their  true  values.  In  general,  these  estlaetea  will  be  In  error  (biased  due  to  aeasurenent 

noise  and  high  order  aodellng  errors).  As  such,  they  can  be  used  for  start  up  values  of  the  aaxlaua 

likelihood  elgorltha  to  reduce  coaputatlon  tine  and  Improve  convergence,  but  nay  not  bn  considered  as 
final  eatlaates  theaselvss.  Aa  an  added  check  on  the  validity  of  the  detcralned  aodel,  the  progran 
eoapvtee  the  residuals,  y-y,  on  the  final  pass.  This  provides  aa  evaluation  of  the  adequacy  of  the  aodel 

(whose  values  yield  9)  coopered  to  the  "true”  process  (whose  values  give  y).  Ideally,  these  residuals 

will  be  white  Gaussian. 

The  following  aasuaptions  are  Bade  for  the  present  application  of  the  subset  regression  algorithm: 

Maas  and  Inertias  of  the  aircraft  are  known.  This  assumption  Is  based  on  tbn  extensive  weight 
and  balance  data  available  for  aodem  aircraft.  In  actual  teat  conditions,  however,  there  aay  be 
aarked  differences  between  the  current  aircraft  configuration  and  the  baseline  calculations  (s.g. , 
unsynaetrlcal  loadings,  addition  of  weapons  and  Instrumentation,  etc.).  This  assumption,  therefore, 
requires  evaluation  of  such  effects  to  deteralna  their  Importance. 

Aircraft  rate  (rotary)  functions  are  assumed  to  vary  only  with  a and  8.  This  assumption  Halts  the 
aodel  structure  to  lower  Mach  numbers  and  aircraft  loadings.  Specifically,  the  teraa  C^,  Cng,  and 

Cgg  are  not  considered  separately  froa  C,^,  Cnr>  end  C£f.  At  extreme  conditions,  this  assumption  Is 

questionable.  The  bajlc  reason  for  allowing  use  of  this  assumption  Is  that  the  data  base  [1]  does 
not  have  the  aircraft  rate  and  velocity  vector  rats  terms  explicitly  separated.  In  general,  extreme 
Inputs  would  be  required  to  separate  these  contributions  In  actual  flight  tests.  It  must  be  noted 
that  the  regression  aodel  structure  can  be  easily  modified  to  include  terms  such  aa  C„g  If  required. 

The  general  expansion  for  any  specific  force  or  moment  coeffclent  Is 

c - c (a,8)  + rc  ...a1  + rc  + r ic  , . . .a1  &1 

° 1 a(1)  1 8<J>  1 j a(1)8(J) 

where  o and  8 are  reference  angle-of-attack  and  sideslip  angle,  respectively.  The  specific  coefficients 
for  which  such  an  expansion  is  used  are  listed  In  Table  2. 

Primary  emphasis  Is  placed  on  the  static  coefficient  structure  for  the  aodellng  tasks  here.  All 
static  terms  could  minimally  be  expressed  as  linear  combinations  of  (CO  + C 8)n,  where  n“l,2,3.  In 
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addition,  the  coefficients  of  could  be  expanded  to  a and  Cq  to  8 . Control  effectiveness  coefficients 

and  dynamic  coefficients  were  generally  limited  to  first  order  expansions  In  a only.  These  expansions 
were  decided  upon  after  Initial  experimentation  with  the  programs.  It  was  found  that  higher  than  first 
order  terms  In  a were  usually  not  required  on  the  basis  of  the  regression  analysis.  In  general,  these 
control  effectiveness  and  dynamic  terms  are  difficult  to  identify  from  acceptable  Inputs. 

An  Important  aspect  of  the  regression  program  Is  that  the  coefficients  are  not  serial.  Thus,  If 

Intermediate  coefficients  were  not  necessary  (e.g.,  such  as  C 2,),  they  are  not  Included.  (The  maximum 
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likelihood  progran  will  automatically  eliminate  terns  not  specified  by  the  regrescion). 

These  assumptions  and  expansions  will  be  used  with  an  equation  error  formulation  of  the  six  degree- 
of-freedotn  representation  of  the  aircraft.  Details  of  this  representation  are  discussed  In  Reference  [2]. 

2.2.3  Parameter  Identification  Procedure 

The  extraction  of  aerodynamic  derivatives  froa  flight  data  has  received  considerable  attertion  during 
the  last  three  decades  and  the  most  recent  efforts  are  given  in  Refs.  [14-151.  Earlier  techniques  were 
mostly  manual  o-  inalog  requiring  subjective  judgment  by  operators  [16].  These  methods  are  suitable  for 
simple  linear  systems  under  very  ideal  conditions. 

More  recently,  with  the  availability  of  fast  digital  computing  machines  and  efficient  computation  algo- 
rithms, many  powerful  digital  methods  have  been  developed.  Examples  of  digital  methods  are  various 
equation  error  methods  [17-18],  output  error  methods  [19-31],  Kalman  f liter /smoother  approach  [11]  and 
the  maximum  likelihood  technique  [2,10,32-34]. 

Output  error  methods,  which  include  gradient  methods  and  modified  Hewton-Raphson,  were  motivated  by 
earlier  curve  fitting  techniques.  These  methods  may  not  work  well  if  there  is  high  process  noise  or  IT 
the  weighting  matrix  in  the  criterion  function  is  improperly  chosen.  The  equation  error  methods  minimize 
the  difference  between  the  left  hand  side  and  the  right  hand  side  of  the  state  equations.  Examples  of 
this  method  are  various  forms  of  least  square,  correlation  methods,  and  instrumental  variable  approach. 

Since  these  . -thods  do  not  account  for  measurement  noise,  the  estimates  are  biased  in  the  presence  of  this 
type  of  error.  In  the  Kalman  filter/smoother  approach,  the  parameters  are  converted  into  state  variables. 
The  Kalman  filter  and  smoother  are  developed  for  this  new  state  vector  stirting  from  a priori  values  of 
states  and  parameters  and  their  covariances.  This  method  gives  Mased  estimates  even  for  linear  systems 
and  requires  a priori  knowledge  of  measurement  and  process  noise  covariances. 

The  maximum  likelihood  technique  solves  many  of  the  problems  mentioned  above.  By  considering  unknown 
elements  of  process  noise  and  measurement  noise  covariances  and  other  instrumentation  errors  as  parameters, 
it  considers  ' hese  noise  sources  and  also  estimates  them,  if  not  known  a priori.  The  method  determines 
parameter  values,  which  maximize  the  likelihood  function  of  the  parameters  given  the  ’leasurements  and 
any  a priori  information.  The  likelihood  function  has  the  same  form  as  the  conditional  probability  of  the 
observations  given  the  parameters.  It  is  customary  to  work  with  the  logarithm  of  the  likelihood  function. 
The  method,  as  applied  to  parameter  identification  in  nonlinear  dynamic  systems  with  measurement  and 
process  noise  is  a combination  of  two  steps: 
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1.  A Taiwan  filter  for  (tat*  and  Its  covariance. 

2.  A Cause-Newton  method  for  paraaater  estimates,  and  aaaoclated  covariances;  also  unknown  noise 
statistic*. 

Figure  3 1*  a flow  chart  of  the  procedure  steps.  The  details  of  the  above  steps  are  given  In  Ref.  [2]. 
la  addition  to  estimating  the  parameters  In  the  state  and  aeasureaent  equations.  It  also  determines  the 
covariance  of  errors  In  parameter  estimates.  If  the  model,  whose  parameters  are  Identified,  la  a true 
representation  of  the  system  In  the  region  of  operation  and  the  sampling  rate  Is  high,  the  maximum 
likelihood  method  gives  unbiased  estimates  of  psraaeters  for  long  data  records.  With  Increasing  amounts 
of  data,  the  estimates  converge  to  their  true  value  almost  certainly.  It  can  be  shown  that  the  technique 
extracts  all  Information  about  the  parameters  from  data;  In  other  words,  the  method  Is  efficient. 

The  maximal  likelihood  Identification  program  la  combined  with  the  model  structure  determination 
algorithm  as  shown  la  Figure  6.  The  process  Is  shown  for  simulated  data,  although,  as  will  be  discussed. 

It  has  also  been  applied  to  flight  test  data. 

The  computational  requirements  of  maximum  likelihood  make  It  very  desirable  to  concentrate  as  much 
as  possible  on  estimates  of  only  those  parameters  which  can  be  estimated  well  from  the  available  data. 

Since  the  computation  requirements  are  roughly  proportional  to  both  the  number  of  paraamters  and  the 
number  of  model  states  propagated,  estimating  parameters  111-speclfled  by  the  data  Increases 
computation  with  only,  at  best,  marginal  Increases  In  useful  results.  In  fact,  overparameter Ixatlon  can 
actually  decrease  the  quality  of  all  the  estimates. 

First,  man / parameters  can  be  Isolated  by  examination  of  the  data.  If  It  la  apparent  tlw 1 there  la 
only  minor  excitation  and,  hence,  little  Information  corresponding  to  a particular  identification  model 
state,  the  state  equation  for  that  model  and  Its  associated  parameters  can  be  removed  from  the  Identi- 
fication procedure.  Either  a constant  or  a measured  time  history  of  that  state  can  then  be  substituted 
In  the  remaining  seat*  equations  where  there  Is  cross-coupling  to  the  removed  state.  This  technique 
can  be  applied  In  much  parasmter  estimation  work  Involving  aircraft  where  the  longitudinal  and  lateral 
degrees  of  freedom  can  frequently  be  decoupled  for  Inputs  confined  to  one  nlan*  or  the  other. 

Isolation  of  a reduced  set  of  significant  parameters  by  equation  elimination  can  generally  be  applied 
before  using  the  subset  regression  on  the  data.  After  regressing  the  data.  If  the  results  for  a parti- 
cular equation  reveal  a low  F-ratlo  for  t'  - overall  fit,  below  approximately  100,  or  if  all  the  Included 
variable  coefficients  have  F values  below  100,  (an  F-value  of  100  corresponds  to  a 952  parameter 
estimate  confidence  (2  sigma)  of  about  ±202)  that  equation  also  can  reasonably  be  eliminated  In  the 
maxim. mi  likelihood  optimisation  procedure. 

Further  development  of  the  parameter  subset  for  maximum  likelihood  estlxation  based  on  regression 
estimate  F-values  Is  also  desirable.  Experimentation  reveals  that  both  less  computation  and  better 
estimates  result  If  maximum  likelihood  Is  used  to  refine  estimates  of  only  those  parameters  whose  F-value 
1*  more  than  42  of  the  maximum  parameter  F-value  for  a particular  equation.  The  42  cutoff  corresponds 
to  parameter  estimate  confidence  five  times  less  than  those  of  the  "best"  parameter  estimate.  Attempts 
to  Identify  more  parameters  with  the  maximum  likelihood  procedure  may  overparameterize  the  fit  to  the 
given  data,  resulting  In  poorer  overall  estimates  of  the  parameters  when  compared  to  the  estimates 
obtained  with  a smaller  parameter  set. 

If  the  parameters  remaining  after  Insignificant  modes  have  been  eliminated,  the  regression  subset  Is 
decomposed  into  two  parts.  The  first  part  Is  those  terms  which  are  "significant”  by  the  various  F-tests. 

The  regression  estlmsted  values  of  these  terms  are  defined  more  precisely  by  the  maximum  likelihood 
algorithm.  The  second  part  consists  of  terms  which  are  "Insignificant",  but  for  which  numerical  values 
have  been  estimated.  Because  these  latter  estimates  do  constitute  additional  Information  about  the  system, 
they  are  used  as  fixed  values  In  the  maximum  likelihood  algorithm.  Renee,  all  regression  estimates  are 
used  for  the  maximum  likelihood  Identification;  one  subset  as  a priori  itart-up  values  and  the  other 
subset  as  fixed  values.  The  reason  for  including  the  non-zero  values  of  the  "Insignificant"  subset  Is 
that  these  regression  estimates,  though  not  perfect,  should  be  closer  to  the  actual  value  than  an  estimate 
of  zero.  The  estimates  of  "Identified"  parameters  Improve  if  the  estimates  of  "non-ldentlfled"  parameters 
are  better. 

Table  3 presents  the  parameter  sets  for  the  two  demonstration  examples,  a lateral  case  and  a longi- 
tudinal case.  Included  in  the  sets  used  for  maximum  likelihood  estimation  In  addition  to  the  parameters 
selected  by  statistical  means  are  the  constant  terms  for  each  state  equation  and  the  bias  on  sideslip 
angle.  8,  measurement.  These  additional  parameters  do  not  have  the  F-value  statistic  for  significance 
ranking,  but  are  nevertheless  felt  to  be  potentially  Important  enough  to  be  included.  In  the  case  of 

constant  terms,  the  value  is  that  of  the  primary  aerodynamic  coefficient  values  (C,,C  ,C  ,C  ,C  ,C  ) at 
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the  mean  a and  B for  the  experiment  data.  Thus,  the  final  rule  In  determining  the  parameter  set  should 
always  be  the  judgment  of  the  user. 

2.3  Input  Design 

The  model  determination  and  parameter  identification  aspects  of  the  Integrated  parameter  identification 
procedure  requires  careful  design  of  flight  tests.  In  particular,  it  Is  necessary  to  make  a good  choice 
of  Inputs  and  the  Instrumentation. 

It  has  long  been  realized  that  the  ultimate  success  of  a flight  test  program  depends  also  on  the 
choice  of  inputs  used  to  excite  the  desired  motions  of  the  aircraft.  Good  Inputs  could  enhance  parameter 
ldentlf lability  and  Improve  confidences  on  parameter  estimates.  This  is  especially  true  for  parameter 
Identification  of  aircraft  models  at  high  angles-of-attack  where  the  aerodynamic  derivatives  are  expanded 
as  polynomials  In  angle-of-attack  and  sideslip  angle.  This  leads  to  a large  number  of  unknown  parameters. 

In  addition,  there  are  many  other  considerations  for  choosing  inputs  for  specific  flight  tests  [35,36). 

The  aircraft  equations  of  motion  are  nonlinear  at  high  angles-of-attack.  Stall,  wing  rock  and  other 
phenomena  observed  in  this  region  cannot  be  explained  by  linear  models.  Under  these  circumstances.  It 
Is  possible  to  consider  an  aircraft  model  In  which  the  aerodynamic  stability  and  control  coefficients 
»re  slowly  varying  functions  of  aircraft  states,  in  particular,  angle-of-attack  a and  sideslip  angle  B- 
Usually,  the  form  of  these  functions  Is  not  known  a priori. 

For  very  small  changes  in  a and  3 during  a maneuver,  a model  assuming  constant  values  of  aerodynamic 
derivatives  may  be  adequate.  The  techniques,  described  in  Ref.  [2),  for  the  design  of  optimal  Inputs  for 
linear  dynamic  systems,  can  be  used  to  specify  inputs  for  identification  of  local  values  of  functions 
representing  the  stability  and  control  coefficients.  It  is  necessary  that  there  be  only  small  excursions 
ir  these  states  which  have  maximum  effect  on  parameters  being  identified. 
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Mi ay  methods  han  bees  supyssted  to  design  Input*  which  would  tlv*  good  ldeot If lability  of  itiUltt]P 
and  control  coeff Iciest*  over  • rang*  of  *tat«*.  On*  way  could  bo  to  carry  out  flight  taat  around  nany 
•aglaa-of-ottack  and  aldaallp  angloa  covering  tha  range  of  lntaraat.  Input*  banal  on  linear  aodal*  ar* 
doalgsad  at  each  of  than*  point*,  aa  explained  above.  Thl*  would  glva  an  accurate  dnacrlptlon  of  each 
aerodynamic  darlvatlva,  but  nay  bo  practically  lnfaaalbla  bacauaa: 

1.  It  would  require  excessive  flight  tenting  tin*  and  data  proceaalng  time. 

2.  It  would  require  carrying  out  flight  teat*  In  region*  where  the  trla  condition*  cannot  be 
reached  or  the  airplane  la  unatable  and/or  unsafe. 

A better  scheme  la  to  approxlaat*  the  nonlinear  aerodynaaUc  derivative*  by  polynomial*  (or  tom*  other 
truncated  aerie*  of  couplet*  function*)  In  independent  variable*.  Each  unknown  nonlinear  function  la  tha 
aquation*  of  notion  la  thua  replaced  by  a aet  of  parameter*.  Theae  parameter*  can  be  Identified  In  a 
variety  of  way*.  The  aerodynamic  derivative*  ar*  determined  from  a knowledge  of  the  coefficient*  of  term* 
la  the  polynomial  expansions. 

for  email  range*  of  a and  8,  it  1*  poaalbla  to  determine  all  the  oolynomial  coefficient*  In  on* 
alngl*  experiment.  The  Input*  ahould  have  aufflclent  amplitude  ao  that  tha  notion*  occur  In  nor*  or  le*a 
the  entire  rang*  of  a and  8 under  conaldaratlon.  The  technique  for  determining  the  amplitude  la  given 
In  Kef.  (2).  The  amplitude  depend*  on  the  order  of  the  polynomial,  accuracy  dealred,  duration  of  the 
experiment  and  a priori  aatlmat*  of  the  coefficient*  of  the  polynomial. 

To  determine  aerodynaaUc  derivative*  over  a wide  rang*  of  angls-of-attack  ((KofJO*)  and  aldeallp 
angle  (-20*£B£20*),  it  1*  necaeaary  to  perform  experiment*  atartlng  at  different  a, 8 trim  condition*. 

The  reault*  of  the**  separata  experiment*  ar*  put  together  to  obtain  all  coefficient*  la  the  polynomial. 
The  algorithm  of  (2,  Appendix  C]  find*  the  trla  condition*  and  the  duration  of  the  experiment  at  each 
trla  condition  to  produce  a good  aatlmat*  of  the  nonlinear  function  over  the  entire  rang*  of  Intereat. 

It  la  poaalbla  to  put  conatralnta  of  lnfcaalbl*  operation  over  a region.  The  technique  conalder*  region* 
where  the  stability  augmentation  system  (SAS)  la  required  for  pilot  safety  but  deteriorates  parameter 
estimates. 

A seal-empirical  technique  la  useful  In  the  design  of  Input  algnals  for  Identifying  paraawters  In 
complicated  systems  with  known  characteristics.  Aa  a first  step,  analytic  Input*  are  designed  baaed  on 
simplified  model*.  Stats  time  histories  ar*  generated  and  Inputs  are  evaluated  baaed  on  a more  accurate 
buc  complex  model.  This  would  give  Information  about  poorly  Identifiable  directions  In  the  parameter 
pace  and  about  poorly  excited  modes.  This  la  usually  dona  ualng  simple  program*  which  ar*  not  necessarily 
recommended  for  data  reduction  from  actual  flight  teat*.  It  is  noted  that  Input  evaluation  can  be  done 
without  generating  simulation  data  and  going  through  the  Identification  procesa.  In  the  Implementation 
used  here,  the  optimal  subset  regression  program  Is  used  to  determine  Identifiable  directions  resulting 
from  a certain  Input.  A knowledge  of  the  deficiencies  in  the  chosen  Input,  together  with  known  system 
behavior.  1*  used  to  modify  the  Input.  Tha  procera  la  repeated  until  an  acceptable  Input  Is  obtained. 

It  has  been  found  in  this  work  that.  In  general,  the  optimal  Inputs  for  high  angle-of-atcack 
regime*  ar*  those  vhlch  put  tha  moat  energy  at  the  known  nonllnearltles.  Examples  will  be  given  in  the 
next  section. 

3.0  AFPLICATIOll  TO  SIMULATED  DATA 

The  preceding  sections  have  presented  an  overview  of  the  Integrated  parameter  Identification  process. 
In  this  section,  we  discus*  the  application  of  this  process  to  the  simulated  data  of  Section  2.1.1. 

3.1  "Model  Building  from  Data" 

3.1.1  Lateral-Directional  Response  Application  of  the  Subset  Regression  Method  - Usefulness  of 
Linear  Models 

One  of  the  first  steps  In  evaluation  of  the  subset  regression  program  was  the  lateral  directional 
response  analysis.  This  case  Is  considered  more  Important  and  difficult  chan  the  longitudinal  tests. 

Most  of  the  reported  Incidences  of  degraded  stall/post-stall  responses  occur  In  roll  or  sideslip  and 
multiple  nonllnearltles  characterize  the  regime. 

A number  of  small  perturbation  tests  were  performed  for  this  case.  It  was  determined  that  severe  or 
complicated  control  time  histories  vere  not  warranted  for  flight  tests  at  high  angle-of-attack  (due  to 
the  ' aslcally  unstable  character  of  responses  in  the  regime).  The  fundamental  aspect  of  these  examples 
was  to  determine  the  adequacy  of  a linear  model  at  several  angles-of-attack,  as  opposed  to  a polynomial 
model  requiring  more  complicated  Inputs.  These  results  are  shown  In  Tables  4 and  5. 

Note  that  there  Is  roll-pitch  coupling  at  15*  angle-of-attack  for  the  aileron  doublet  example.  This 
departure  from  linearity  occurs  because  of  the  pitch  Instability  at  the  point.  In  each  case,  C;q  ■ 0. 

which  Indicated  zero  rolling  moment  at  trim.  In  addition,  the  wind  tunnel  results  indicated  C { * 0 at 

P 

Ci  • 15*  which  was  substantiated  by  the  model  structure  determination  program.  At  least  98*  of  the  moment 
variation  In  each  case  was  explained  by  using  Ci^,  Ctg,  and  C;^,  with  the  other  terms  being  much  less 

significant.  Again,  In  each  case  ■ 0,  Indicating  a zero  yawing  moment  at  trim.  The  coefficient 

as  verified  by  the  known  data,  changed  sign  (from  positive  to  negative)  between  l * 1‘*  and  1 * 25*. 

As  in  the  aileron  doublet  case,  at  least  982  of  the  yawing  moment  variation  could  be  explained  by  using 
simply  Cn{r>  Cn.,  end  Cnr.  A linear  model  seems  quite  adequate  in  this  case  vhere  the  critical  sign 

change  in  was  found  by  this  approach. 

Thus,  a linear  model  may  explain  perturbation  Input  aircraft  responses,  even  In  a "nonlinear”  regime. 
The  linear  model  Is  here  shown  to  indeed  be  adequate  as  a point-wise  de'inltion  of  the  aerodynamic  model. 
This  indicates  the  possibilities  of  using  linear  Input  designs  for  high  angle-of-attack  regimes.  This 
conclusion,  however,  must  be  approached  with  caution.  At  high  angles-of-attack,  it  may  be  difficult  to 
hold  trim  and  to  conduct  even  perturbation  maneuvers  3t  constant  angle-of-attack.  Not  only  Inherent 
Instability,  but  also  buffet  may  make  such  inputs  difficult,  at  best.  The  Important  conclusion  which 
can  be  attained  is  that  the  regression  program  can  be  used  to  delineate  those  regions  where  linear  or 
nonlinear  aerodynamic  modeling  is  requl-ed. 
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3.1.2  Sett  lc  Pitching  Mo  at  at  Charactarlat les  - Input  Dtflf.  for  rionllnear  Syatema 

Ooa  of  tht  nott  laporttnc  phenomena  of  the  atall/post-atall  regime  It  "piteh-up".  let  principal 
cauaa  la  the  potitlvt  which  oceurt  dote  to  ttall  (1].  Uni lk#  note  lateral  terodynaalc  nonllnearltlaa, 

the  affected  node  la  the  relatively  alnple  ahort  period  reaponae  which  can  be  conceptually  treated  aa 
a aecood  order  ayatta  whoac  atlffnaaa  la  controlled  by  C^. 

The  prlaary  objective  la  to  lnvaatlgate  the  following  quest lone: 

1.  What  flight  taac  condltlona  are  required  to  determine  the  preaence  of  <^>0? 

2.  What  order  polynomial  la  required  to  repreaent  the  C versus  a cheracterlatlc  over  the  teat 

regime?  " 

In  order  to  resolve  theee  Issues,  eeveral  Initial  condltlona  and  lnputa  were  applied  to  the  P-4 
almulatlon  and  the  aubaequent  reaponaea  passed  through  the  subset  regression  program.  Since  the  principal 
effect  of  the  aerodynamic  nonlinearity  was  known  to  be  on  pitch  (ahort  period)  reaponae,  pitch  accel- 
eration la  used  aa  the  regreaalon  variable. 

Initial  condltlona  and  Inputs  used  were  the  following: 

1.  Trim  at  1*,  10*,  20*  angle-of-attack,  doublet  stabllator  1*,  2*,  5*,  respectively. 

2.  Trim  at  10*  angle-of-attack,  ramp  scabilator  (l*/sec). 

3.  Trim  at  13*  angle-of-attack,  sinusoidal  stabllator  (5*  and  10*  amplitudes). 

The  results  of  perturbation  Inputs  in  anticipated  linear  regimes  were  first  developed  [1],  These 
regimes  were  low  angle-of-attack  (a-1*),  pre-stall  (a-10*)  and  ooat-atall  (a*20*).  The  date  from  these 
maneuvers  was  passed  to  the  subset  regression  program.  The  resulting  coefficient  model  was  evaluated  on 
the  basis  of  the  quantitative  "fit"  of  the  response  from  the  estimated  model  to  the  actual  slaailatlon 
response.  The  results  are  shown  In  Table  6. 

The  next  series  of  longitudinal  inputs  case  were  made  with  a stabllator  ramp  of  l*/aec  to  slowly  push 
the  aircraft  from  thu  linear  regime  through  the  known  nonlinear  versus  a characteristics  at  about  IS* 

(starting  from  10*).  In  addition,  sinusoidal  Inputs  wers  used. 

The  basic  result  of  these  runs  was  that  the  versus  a nonlinear  characteristics  required  data 

replication  for  successful  determination.  Only  the  last  series  of  runs  provided  this  replication.  The 
physical  reason  for  this  requirement  la  based  on  the  negative  spring  interpretation  of  the  static  moment 
characteristic.  If  the  Initial  rates  and  accelerations  with  which  the  aircraft  enters  the  unstable 
region  are  too  low,  the  response  to  a doublet  or  step  would  be  unstable,  forcing  the  response  to  a 
stable  regl/'n.  If  thsi  initial  accelerations  are  too  high,  the  aircraft  Inertia  overwhelms  the  static 
moment  ami  the  data  doesn't  reflect  the  nonlinearity.  Although  several  sets  of  Initial  conditions  and 
time-varying  Inputs  may  exist  for  Isolating  the  characteristics,  no  extensive  experimentation  was 
performed  with  other  than  a sinusoidal  stabllator  Input. 

First  a 10“  amplitude  sine  wave  Input  at  a trim  angle-of-attack  of  13.5*  was  tried.  The  data  from 
this  run  was  passed  through  the  regression  program  for  two  maximum  allowable  polynomials — a fifth  order 
and  a ninth  order.  Compared  with  the  (known)  almulatlon  versus  a,  this  Input  did  not  come  acceptably 

close  to  the  "true”  value. 

Then,  a new  Input  with  half  the  amplitude  and  frequency  was  applied.  Passing  the  data  of  thla  new 
input  through  the  regression  program,  again  with  two  polynomial  possibilities,  produced  the  result 
shown  In  Figure  7.  Clearly,  a higher  order  polynomial  can  be  Identified  (locally)  uaing  this  Input. 

This  numerical  experimentation  demonstrates  that  the  combined  use  of  a detailed  simulation,  the 
subset  regression  routine,  and  knowledge  of  the  physics  of  the  aircraft  response,  can  help  design  highly 
efficient  high  angle-of-attack  flight  tests.  Other  demonstrations  of  this  input  design  technique  are 
given  in  Ref.  [2]. 

3.1.3  The  "Best"  Model 

The  subset  regression  approach  Is  an  elegant  and  efficient  means  of  model  structure  estimation.  As 
with  most  data  processing  aids,  however,  its  use  must  be  moderated  with  engineering  judgment.  Extensive 
use  of  the  technique,  as  with  any  analytical  approach  repeatedly  applied  to  physical  problems,  allows 
formulation  of  certain  guidelines  which  facilitate  such  judgment.  Such  guidelines  usually  have  a basis 
In  theory,  but  are  not  easily  quantified. 

One  such  guideline  Is  discussed  In  Ref.  (37],  the  Akalke  final  value  prediction  theorem.  This 
criterion  states  that,  for  certain  types  of  systems,  there  Is  an  optimal  number  of  parameters  which 
describe  a model  structure.  A plot  of  this  criterion  function  versus  number  of  parameters  has  a unique 
extremum  (i.e..  In  a quadratic  sense)  which  Is  at  the  optimal  number  of  parameters  [10].  It  is  also 
shown  that  fit  error,  the  residuals  of  the  estimated  versus  actual  output  time  history.  Is  not  satisfactory 

2 

since  fit  errors  (as  also  measured  by  R , the  multiple  coefficient)  ss  s criterion,  do  not  possess  s 
unique  minimum. 

Pit  error  criteria  tend  to  approach  an  asymptotic  value  aa  the  number  of  parameters  Is  increased. 

The  eventual  Insensitivity  of  the  fit  error  to  Increase  in  number  of  parameters,  ss  parameters  are  added, 
is  due  to  the  continuing  reduction  of  degrees-of-freedom  (e.g.,  number  of  observations  less  number  of 
parameters).  Fundamentally,  when  the  number  of  data  points  equals  the  number  of  parameters,  the  regression 
curve  passes  exactly  through  these  points.  Mo  further  Improvement  is  then  possible.  Boise  will,  of 
course,  allow  more  parameters  to  be  enter.!  (since  polnt-by-polnt  fit  no  longer  occurs),  but  these 
parameters  tend  to  fit  the  noise,  not  the  process. 

The  Akalke  criterion  la  a function  of  fit  error,  but  also  weights  this  error  with  the  number  of 
degrees-of-freedom.  For  the  regression,  a similar  function  of  fit  error  is  the  F-ratio,  the  ratio  of 
"fit  goodness"  to  fit  error,  weighted  by  the  degrees-of-freedom.  The  concept  of  F-rstlo  is  detailed  in 
Ref.  [2]  and  its  importance  to  this  work  is  significant. 
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Table  4 Stabllator  Doublet  (these  results  are 
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That  tha  F-ratlo  la  a aeasura  of  tha  "optimal  nuabar"  of  paraaetara  la  shown  In  Figura  8, 
corresponding  to  «r  exaapla  to  ba  discussed  In  aora  datall  in  Sactloo  4.  Its  placaaant  hara  is  to 
aaphaslxa  tha  naad,  based  on  a criterion  other  than  fit  error,  to  evaluate  model  suitability.  Aa 

shown,  la  a aonotonically  increasing  function  of  tha  number  of  parameters.  Tha  F-ratlo,  however, 
haa  a maximum  with  seven  psraaetars  (obtained  after  delating  one  variable  of  small  significance). 

In  ganeral.  It  haa  been  found  that  tha  subset  F-ratio  will  have  local  maxima,  beyond  tha  first,  aa 
paraaatars  are  added.  This  result  Is  shown  In  Figure  9.  Tha  first  general  criterion  used  for  selecting 

paraaetars  to  ba  Identified  Is  to  delete  all  parameters  Included  In  the  r.  gression  past  tha  first  maximum. 

A second  guideline  to  further  optimise  the  regression  subset  for  maximum  likelihood  application  la 
to  select  only  parameters  whose  rontrlL  tion  la  a cartaln  percentage  of  the  most  significant  peraneter, 
aa  discussed  In  Section  3.1.2. 

3.2  Identification  In  the  Stall/Poat-Stall  High  Angle-of-Attack  Regime 

In  this  section,  evaluation  of  the  Integrated  parameter  Identification  pioceas  Is  carried  out  using 
simulated  aircraft  flight  test  data.  State  and  measureme  it  model  equations  used  In  this  maximum 
likelihood  procedure  are  detailed  In  Ref.  [2).  Nine  state  equations  and  eight  measurement  equations 
containing  thirty-three  nonlinear,  aerodynamic  coefficients  compose  the  Identification  node.  (Each  of 
these  coefficients  are  further  expanded.) 

In  the  Identification  procedure,  the  subset  regression  program  is  used  on  the  simulated  flight  test 
data  to  identify  the  model  structure  and  give  Initial  estimates  of  the  selected  aerodynamic  coefficient 
polynomial  expansion  parameters.  The  maximum  likelihood  program  la  then  used  to  refine  Che  paramiter 
estimates  obtained  from  the  regression  analysis  to  yield  the  final  paiameter  estimates  and  a measure  of 
confidence  associated  with  those  estimates.  The  detailed  flow  chart  of  the  entire  procesa  was  Illustrated 
In  Figure  5. 

In  addition  to  evaluating  the  Identification  procedure  on  a variety  of  simulated  flight  test 
experiments,  Investigations  were  also  carried  out  to  assess  the  effects  of  different  levels  of 
measurement  noise,  process  noise,  control  input  variations,  identified  parameter  set  else,  and 
data  length. 

The  ldentlflabillty  of  the  stall/post-stall  regime  Is  the  prime  objective  of  the  applications 
conducted  for  the  Identification  process.  This  angle-of-attack  regie*  (10*  to  23*  and  beyond)  Is  char  ic- 
terlzed  by  multiple  nonlinearltles  in  Che  pitching,  roll,  and  yaw  moi-eucs  and  forces.  The  central 
objective  of  this  application  is  that  resolution  of  the  ldentlf iabll'  ty  problems  for  this  range  is  the 
prime  requisite  for  any  high  angle-of-attack  Identification  procedu-e. 

The  evaluation  procedure  which  has  been  determined  is  based  on  the  following  considerations: 

1.  Selection  of  Inputs:  Not  all  inputs  will  sufficiently  excite  the  aircraft  to  Induce  nonlinear 

forces  and  moments.  These  results  were  noted  in  Section  3.  A standard  set  of  Inputs  was 
selected  for  this  purpose. 

2.  Selection  of  Data  Length:  In  general,  Che  longer  the  data  length,  the  better  will  be  the 

Identification  accuracy  cf  chose  parameters  vhlch  can  be  Identified.  At  high  angles-of-attack, 
however,  che  amplitude  of  responses  may  prohibit  extensive  time  at  a particular  flight  condition. 
This  consideration  led  to  a data  length  of  IP  seconds,  with  a sample  rate  of  10/sec. 

3.  Selection  of  Primary  Coefficients:  The  coefficients  which  affect  aircraft  response  may  be 

classified  as  primary  or  secondary.  Primary  coefficients  are  those  which  most  affect  aircraft 
response  and  which  are  of  greatest  Interest  to  Che  test  engineers.  Secondary  coefficients  are 
those  which  have,  in  general,  smaller  effects  on  aircraft  response,  but  which,  for  certain 
requirements  (e.g. , SAS  or  handling  quality  studies),  may  be  of  Interest.  For  the  applications 
discussed  here,  the  static  force  and  moment  coefficients  are  considered  primary  (e.g.,  C^,C^, 

C ,C  ,C  ,C.).  The  subset  regression  program  is  the  essential  step  in  the  definition  of 
z ■ n Jt 

primary  or  secondary  coefficients. 

Tabular  susnaries  of  the  selected  test  conditions,  inputs  and  noise  levels  are  given  in  Ref.  [2]. 


3.2.1  Iateral-Directional  Parameter  Identification  in  the  High  Angle-ot-Attack  Stall/Post  Stall  Regime 
(a-17.5*) 

In  the  baseline  lateral  case,  control  inputs  are  chosen  to  excite  the  lateral-direct tonal  modes  of 
the  aircraft.  Applied  controls  are  a half  period  sine  wave  pulse  in  rudder,  5^,  of  10*  amplitude  and 

period  duration  of  2.5  seconds  followed  by  a full  period  sine  wave  doublet  in  ailerons  of  7*  amplitude 
and  period  duration  of  2.5  seconds.  Total  data  length  is  10  seconds  real  time,  sampled  every  0.1  seconds 
to  give  100  points  for  each  measured  variable.  Initial  flight  conditions  are  a-17.5*,  S-0*,  and  all  rates 
zero.  The  baseline  runs  are  corrupted  by  measurement  noise  [2].  Twelve  parameters  are  selected  by  the 
subset  regression  program  for  this  baseline  case. 

Figures  10-12  are  time  history  plots  of  measurements  and  various  aerodynamic  coefficients  showing 
actual  values  and  estimated  values  with  +2a  confidence  limits.  The  most  prominent  characteristic  of  both 
demonstration  cases  is  the  excellent  measurement  estimate  fits  to  the  actual  data.  Estimate  2a  confidence 
limits  bracket  the  measurement  noise  induced  variations  of  the  actual  data. 

Estimate  fits  to  the  nonlinear  aerodynamic  coefficients  reveal  a range  from  excellent  estimates  to 
fairly  significant  biased  estimates.  For  the  lateral  motion  case,  the  major  coefficient  estimates, 

C#,  C , and  C are  very  good;  again,  with  confidence  limits  bracketing  actual  data  most  of  the  time, 
t n y 

Estimates  of  control  derivatives  such  as  Cn*r»  Cn$a  an(*  tend  to  be  biased,  however.  The  two 

prime  reasons  for  the  biased  estimates  are: 


Pig.  7 Effect  of  Polynomial  Order  on 
Extraction  from  Simulated  Data  (10*  i^) 


Pig.  8 Kultlpla  Correlation  Coefficient  (I  ) 
and  P-ltatlo  Variation  ra  Parameter*  are  Added 
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X.  Modeling  error*  due  to  higher  order  variation  of  actual  coefflcleote  with  a sod  S than  allowed 
for  la  coefficient  aodel  polynomial  expansion. 

2.  Low  amount  of  lnforaatlon  about  control  derivative*  available  a a a reeult  of  ahort  time  of 
control  application. 

Examination  of  refraction  aad  maximum  likelihood  raaulta  produced  the  following  conclualona. 

1. 


2. 

3. 


Final  maximum  likelihood  F-value*  are  higher  then  a priori  value*.  Indicating  laprovenent 
la  eetlaat*  quality  over  regreaelon  reeulta. 

F-value  ordering  Indicate*  relative  pares* ter  significance  remains  close  to  regression, 
lending  confidence  to  uslog  the  regression  for  parameter  set  specification. 


F- values  from  the 
of  aagnltude. 


•loo  aad  a priori 


likelihood  results  are  of  the 


order 


Significant  Improvements  In  control  effectiveness  of  parameter  estimate*  are  achievable  by  modifying 
the  Inputs  and  increasing  the  data  length  [2]. 


la  general,  the  effect  of  Increased  noise,  whether  process  or  aaaauraaent,  on  paraaater  estimates 
la  to  decrease  the  confidence  In  the  estimates.  Aa  mentioned,  the  baseline  lateral  case  does  Include 
Instrumentation  measurement  noise.  This  sams  case  was  simulated  with  Increased  measurement  and  process 
noise  (e.g. , gusts).  In  all  cases,  the  estimates  were  still  good,  with  the  expected  widening  of  the 
confidence  Intervals  (2].  Because  of  this,  no  attss^t  was  made  to  actually  Identify  the  process  noise 
la  the  simulated  data. 

3.3  Lonsltudlnal  Results 

The  longitudinal  mode  with  Inputs  to  excite  pitch  rata,  vertical  velocity,  and  longitudinal 
velocity  Is  a fundamental  aspect  of  this  effort.  The  stabllator  (elevator)  Input  for  the  baseline 
longitudinal  case  In  a continuous  sine  wave  superlnposed  on  the  Initial,  constant  stabllator  angle.  With 
a period  of  4 seconds,  the  Input  Is  designed  to  be  approximately  at  the  short  period  node  frequency  of 
the  aircraft  and,  tnerefore,  yield  the  moat  possible  Information  about  the  parameters  governing  that  mode. 
Amplitude  of  the  Input  is  A*.  Again,  the  data  length  la  10  seconds  real  time  aad  there  are  100  sample 
points.  A second  case  la  also  a sinusoidal  stabllator  Input,  but  with  smaller  amplitude  of  2*.  A third 
case  waa  also  generated  In  which  a covpled  response  was  generated  In  which  longitudinal  and  lateral 
trouts  were  simultaneously  applied.  A total  of  31  parameters  were  Identified  for  this  latter  case. 

lesulta  for  these  three  Inputs  are  shown  In  Figure  13.  It  la  seen  that  whereas  the  A*  stabxlator 
oscillation  1*  very  poor  at  the  limits  of  the  test  angl*-of-attack  range,  the  2*  stabllator  and  coupled 
Inputs  are  much  better. 

One  objective  of  parameter  Identification  techniques  Is  the  ability  to  use  model  parameter  values 
estimated  from  on*  set  of  data  to  predict  the  responses  of  a different  set  of  data.  Of  course,  the 
operating  rang*  of  the  data  to  be  predicted  should  not  extend  beyond  the  valid  limits  of  the  parameter 
estimates,  but  within  that  constraint,  the  predicted  response  should  closely  approximate  the  measured 
response.  For  th*  aodel  to  be  of  engineering  utility.  It  must  not  only  be  able  to  reproduce  the  data 
upon  which  It  Is  based,  but  also  be  able  to  closely  match  responses  to  different.  Inputs. 

Figures  14-15  show  the  predicted  and  actual  response  of  the  aircraft  using  parameter  estimates  from 
previous  lateral/longltudlnal  coupled  response  estimates.  The  Inputs  for  this  case,  however,  are  consid- 
erably different  In  fora  and  amplitude  from  those  used  to  gensrace  previous  estimates. 

Although  the  measurement  estimate  fits  for  the  prediction  are  not  quite  as  good  aa  th*  original 
parameter  estimation  data  fit,  the  correspondence  Is,  nevertheless,  more  than  satisfactory.  An  assessment 
of  this  relatively  simple  31  parameter  estimate  aodel  must  be  that  It  la  successful  in  quite  faithfully 
reproducing  the  far  more  complex  simulation  of  real  aircraft  flight  characteristics. 

A.O  FLIGHT  TEST  DATA 

A. 1 High  Anxle-of-Attack  Longitudinal  Flight  Data  for  a Swept  Ulng  Fighter 

The  high  angle-of-attack  results  reported  here  are  for  flights  conducted  by  the  D.S.  Air  Force  (3)  on 
a swept  wing  fighter  aircraft  at  40,000  ft.  altitude.  Only  Record  14  from  Flight  Test  165  Is  used  for  th* 
extraction  of  longitudinal  and  lateral  stability  and  control  coefficients  at  high  angles-of-attack.  In 
this  record,  the  elevator  waa  used  to  increase  the  angle-of-attack  steadily  from  about  15*  to  over  40* 
over  a 20  second  period.  The  airplane  stalls  at  about  25*  and  finally  the  unstable  lateral  notions 
produce  a rolling  departure.  The  thrust  of  the  engines  during  this  maneuver  Is  assumed  constant.  There 
are  measurements  of  linear  accelerations,  angles  and  angular  rates. 

First,  the  subset  regression  Is  used  to  determine  a set  of  relevant  aerodynamte  derivatives  which 
define  the  model  structure.  The  angular  rates  were  differentiated  numerically  to  obtain  angular  accel- 
eration required  for  the  subset  regression.  To  simplify  the  problem,  the  aerodynamic  derivatives  are 
expanded  only  as  selected  functions  of  sngle-of-attack,  a,  and  sideslip  angle,  6.  The  sec  of  functional 
variables  allowed  for  each  moment  and  force  coefficient  was  discussed  previously. 
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Adoquat*  axpanslona  of  forces  and  aoasnts  for  tha  longitudinal  action*  froa  tha  aubaat  rsgrcsslon 

prograa  ara: 

'•  • c«.  * v’  * V*  * V * v 

C.  - \ ♦ C.a2a2  4 C,/2  * * % *.  + \*S. 

em  * C»  * C.  a * C.  ,»*  ♦ C.  / * C S ♦ Cm  q ♦ C 6, 

o a a a ■ q o* 

Tbsrs  ara  aaaaral  Important  things  about  thasa  expansions.  Tha  order  of  expansion  In  terms  of 
angle-of-attack  la  different  for  each  coefficient.  Also,  In  tha  expansion  for  C^,  the  fourth  order 

expansion  term  auat  be  Included  while  tha  third  order  expansion  term  la  not.  Thera  la  a significant 
coupling  In  tha  loogltud Inal  motions  froa  variations  In  the  sideslip  angle.  The  expansion  of  tha  control 
coefficient  la  different  for  tha  three  noswnt  and  force  coefficients.  The  model  representation  selected 
by  tha  optimal  subset  regression  program  is  used  with  tha  maximum  likelihood  approach  for  tha  estimation 
of  parameters.  Tha  starting  values  of  tha  parameters  ara  taken  from  the  results  of  the  regression.  The 
time  history  plots  of  tha  measurements  of  angle-of-attack,  pitch  rate,  fore-aft  acceleration  and  vertical 
acceleration  and  the  predicted  values  of  the  measurements  based  on  the  Identified  parameter  values  are 
given  In  Figure  16. 

The  Identified  coefficient  C_  la  shown  In  Figure  17.  The  wind  tunnel  values  of  as  a function  of 

angle-of-attack,  at  taro  sideslip  angle  are  also  ahowt  Hots  that  the  Identified  values  are  for  the 
average  sideslip  angle  encountered  In  the  maneuver. 

4.2  High  Angle-of-Attack  lateral  Flight  Data  for  a Swept  Wing  Fighter 

The  first  IS  sccoads  of  dace  from  the  selected  model  for  the  aircraft  lateral  direction  motions  are 
used.  There  are  nonlinear  terms  In  the  model,  the  lateral  force  and  moment  coefficients  being  adequately 
described  by  the  following  equations: 


S,  + C,  8 + C,  , a2S  + C.  r 
o Vg  r 


C»c  + C aB  + Cp 
■ “o  noB  -a 

C - C + C ,B3 *  + C 08  + C air  + c ap 
* ro  y8  yaB  ^air  ^ap 

■otic*  thrt  at  tha  high  angle -of-at tack,  tha  lataral  controls  are  almost  ineffective.  The  lsteral  notion 
can  ba  adequately  explained  by  an  unstable  system  driven  by  its  coupling  with  the  longitudinal  notions. 


Host  of  tha  as t Inst es  did  not  change  very  much  from  the  regression  values.  The  tine  history  plots 
of  the  neaaured  outputs  and  predicted  outputs  are  compared  la  Figure  18.  Next,  the  coefficients  Cyg 

sod  Cng  are  plotted  as  s function  of  angle-of-attack.  The  comparison  of  the  identified  values  and  the 

wind  tunnel  values  [7]  Is  shovn  In  Figure  19.  The  identified  values  are  plotted  <*ver  the  range  of 
angle-of-attack  encountered  in  the  flight  test.  These  two  coefficients  are  important  because  they 
determine  the  lateral  stability  of  the  aircraft  at  high  angles-of-attack. 


5.0  SUMMARY  AMD  CONCLUSION 

5.1  The  Integrated  Parameter  Identification  Procedure 

The  basic  objective  of  the  Integrated  parameter  identification  procedure  is  to  most  fully  exploit  the 
theoretical  and  computational  versatility  of  the  maximum  likelihood  method  to  yield  a practical  data  pro- 
cessing tool.  Because  the  likelihood  function  contains  all  unknown  parameter  information  if  the  model  is 
correct,  primary  emphasis  has  been  placed  on  specifying  the  best  possible  model  estimate.  This  specifica- 
tion is  achieved  with  an  algorithm  based  on  subset  regression. 

Application  of  this  model  determination  program  demonstrates  a significant  improvement  in  maximum 
likelihood  efficiency,  both  in  required  computation  and  in  accure  y of  results.  The  improvement  In 
performance  of  the  entire  process  is  based  on  the  following  characteristics  of  the  regression  method: 

1.  The  subset  regression  method  selects  parameters  on  their  ability  to  match  the  measured  response. 
By  selecting  the  optimum  number  of  variables  to  accomplish  this  match,  the  most  significant 
variables  sre  isolated. 

2.  The  method  yields  a priori  estimates  from  the  data  above,  and  does  not  itself  require  initial 
estimates.  Though  usually  biased,  the  estimates  given  by  the  program  are  frequently  better 
than  a priori  estimates  from  other  sources. 

3.  The  method  gives  significance  evaluations  on  the  estimated  parameters,  which  serves  an 

essential  role  in  final  selection  of  a model  structure  to  be  used  in  the  maximum  likelihood 

algorithm. 
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Fig.  18  Parameter  Identification  from  Longitudinal  Response  of  a Swept  Ming  Fighter 
(Flight  Test  Data) 
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Fig.  19  Identified  Coefficients  from  Lateral  Responses 
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4.  Th#  computational  requirements  of  tha  regression  algorithm  ara  aodast,  and  tha  algorithm  eaa 
ba  uaaJ  quickly  not  only  Co  evaluate  Input  daalgna,  but  alao  of facta  of  measurement  arrora. 

Tha  Implementation  of  tha  maximum  likelihood  for  thla  work  can  accapt  althar  llnaar  or  nonlinear 
aerodynamic  azpanalone  of  tha  forca  and  moment  coaff lclanta.  Further,  thla  algorithm  eaa  procaaa 
parameters  for  only  one  dynamic  aquation  or  all  six.  Tha  program  Include*  calculation*  of  paraaatar 
significance  level. 

S.2  Application  to  Simulated  and  Flight  Teat  Pat*  for  the  High  Angla-of-Attack  Stall/Poat-Stall  »«tlna 

Tha  evaluation  of  tha  lntagratad  paraaatar  Identification  procaaa  ha*  baan  conducted  with  alaulatlon 
and  flight  data.  Tha  alaulatlon  la  highly  nonlinear  and  of  much  higher  order  than  the  Identification 
modal*  uaad. 

Tha  main  conclusion  of  applying  the  Identification  procedure  to  tha  simulated  data  la  the  predom- 
inance of  llnaar  aerodynamic  modal*  required,  even  for  "nonlinear1*  regimes.  This  la  generally  true  for 
small  perturbations  about  steady  stats  conditions,  ka'cognlslng  that  such  conditions  nay  not  be 
attainable,  nonlinear  modal*  ara  required  for  large  inputs  where  angla-of-attack  and  sideslip  ara 
simultaneously  excited,  such  as  would  be  obtained  for  larga  amplitude  sinusoidal  Inputs  or  apaclal 
maneuvara.  The  regression  stap  Is  essential  alnca  It  lndicatoa  whathar  or  not  nonlinear  contributions 
are  required.  The  ability  to  recognise  and  Identify  such  nonlinear  terms  la  requisite  for  determination 

of  coefficients  such  as  C and  C . Thla  la  demonstrated  with  both  simulated  and  flight  data  of  a swept 

an 

wing  fighter  aircraft.  Both  types  of  data  give  similar  linear  and  nonlinear  aerodynamic  modal*. 

Primary  Cephas is  has  been  placed  on  the  Identification  of  static  force  and  moment  coefficients. 

Creatsst  errors  have  been  found  in  estimates  of  the  dynamic  rata  derivatives  and  control  effectiveness 
derivatives.  These  errors  ara  attributed  to  the  relatively  low  rates  which  were  obtained  for  Input* 
to  Identify  the  Important  static  derivatives.  Inputs  nay  be  modified,  using  Input  design  algorithms 
discussed  le  the  paper,  to  improve  tha  estimation  of  these  derivatives.  It  must  be  noted  that  the 
arrora  of  the  dynamic  derivative*  which  wars  obtained  could  not  ba  found  by  comparing  tins  history  matches 
of  tha  me* sure* 23 t of  rato,  aa  the**  wars  excellent  In  all  cases.  Only  with  comparison  of  tha  attual 
parameter  time  histories  wars  thaaa  arrora  observed. 

Techniques  for  Improving  parameter  estimates  include  Input  design  and  Increased  data  length  (whara 
possible).  Such  modifications  have  a significant  affect  on  flight  test  planning  and  should  be  available 
for  Identification  of  Important  but  difficult  to  axclto  parameters.  The  lntagratad  parameter  Identi- 
fication process  as  developed  In  thla  work  la  amenable  to  such  flight  test  design,  using  procedures 
detailed  In  Kef.  [2]. 

The  confidence  established  In  tha  procedure  led  to  evaluation  of  thi  Identification  results  by  a 
prediction  criterion.  Specifically,  tha  paraaatar  estimates  from  a specific  lateral  maneuver  with  one 
Input  are  used  to  predict  the  response  of  the  simulation  to  another  Input  (for  roughly  the  same  flight 
regime).  Thla  prediction  capability  was  verified  with  excellent  results. 

in  aimary.  It  la  concluded  that  the  application  of  the  Integrated  parameter  Identification  procese 
developed  for  the  high  engle-of-attack  niall/post-stall  regime  offers  significant  Improvements  in  the 
ability  to  Identify  not  only  paraaetara,  but  alao  the  entire  system  structure  and  parameters.  Primary 
interest  now  Ilea  In  Input  design  for  tasting  of  aircraft  In  auch  regimes. 

APPENDIX  A 

Model  Structure  Determination  by  Stepwise  Kegreaalon 

The  stepwise  regression  technique  has  been  used  In  statistics  to  determine  a set  of  Independent 
variables  which  determine  the  value  of  tha  dependent  variable  to  a specified  accuracy.  The  same  technique 
can  be  used  to  determine  the  model  structure  of  a nonlinear  dynamic  system,  which  1*  linear  In  paraamtera. 

In  particular  the  high  angle-of-attack  problem.  With  measurements  of  accelerations  and  state  variables, 
the  equations  of  motion  can  be  written  aa 

y - X6  + t (A.l) 

where  y la  an  m x 1 vector  of  accelerations,  X la  an  a x p matrix  of  state  variables  and  nonlinear  functions 
of  stare  variables,  8 is  a p x 1 vector  of  parameters  and  c la  the  residual.  The  set  of  important 
parameter*  la  determined  by  performing  a correlation  analysis  between  y and  X.  The  paraawters  are 
Included  in  th*  regression  equation  one  at  a time  until  the  entire  model  is  determined  (see  Kendall  and 
Stuart  (38)  for  details). 

At  any  point  In  the  analysis  the  regression  equation  y * X8  + € can  be  partitioned  as 

y - X181  + Xj82  + t (A. 2) 

where  X^  Includes  q variables  and  X2  contains  p-q  variables.  Then 

y-X181  » X202  + E (A. 3) 

which  shows  that  an  estlmat:  of  8,  could  be  obtained  by  regressing  th.»  residuals  from  the  regression  of 

1 (1) 
y m Ij  (which  estimates  9^).  Then  the  vector  y-X^B^  1*  regarded  as  a new  observation,  say  y , 

which  nay  be  regressed  on  X2  to  estimate  92>  This  decomposition  can  be  applied  to  each  possible  subset 
of  variables,  X^,  "bringing  In"  new  variables  from  the  right  to  left  hand  side  of  Eq.  (A. 3).  The 

requirement  on  "bringing  in"  new  variables  may  be  satisfied  by  examining  the  significance  of  each  variable. 
The  P test  mav  be  used  to  determine  the  significance  of  a single  parameter  by  noting  that  the  estimate 

2 2 2 2 2 2 2 

s of  the  variance  o is  distributed  as  o y . Hence,  s la  - (y  )..  . . Then  for  the  parameter  8., 

®~P  ®“P  / \®~P  J 1 

V°1  (§r9t)/g91 

*e,  8e /(V 


(A. A) 
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where  la  the  standard  arror  of  8^,  which  la 

*®t 

whara  a^  la  tha  lt!*  diagonal  tara  of  (XTX)~*. 

(lace  (8^-9^) /a  ^ - n(0,l),  it  follows  that,  hr  daflaltloa  of  Studant'a  t distribution  that 


Ci.S) 


I -8 
11 


- t 


(A-6) 


la  part lcular , It  la  desired  to  tast  tha  hypothesis  9^-0  (l.a. . y doaa  not  depend  oa  8),  the  statistic 
t * ®]/*8i  used.  It  lc  shown  In  [37]  that  tha  F distribution  with  1 and  («-p)  dagrees-of- freedom  is 

equivalent  to  tha  distribution  with  *-p  degrees-of-freedom.  Hanes,  the  algnlflcancr  of  Individual 
regression  coefficients,  8,  Is  determined  froa  P ratios 

r - 8j/stJ  (A.  7) 

It  the  ratio  (A. 7)  Indicates  a variable  Is  not  significant,  then  the  variable  Is  deleted.  To 
bring  la  another  variable,  the  partial  correlation  coefficients  of  all  other  parameters  are  examined. 

To  form  the  t ratio  for  these  coefficients 


<v««  > 


J ®. 


JL 


<8^  )*  + (m-q) 


(A.  8) 


where  q is  the  number  of  variables  already  In  tha  regression. 


Tha  corresponding  T tast  Is 


(A. 9) 


The  variable  (F  ratio  with  1 and  m-q  degrees  of  freedom),  la  calculated  for  each  of  the  remaining 
variables.  The  variable  with  the  highest  value  la  then  brought  Into  regression.  This  process  is 
repeated  until  all  relevant  paraanters  are  Included  in  the  regression. 
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A anthanatical  nodal  of  tha  hallcoptar  requires  appropriate  rapraaanta- 
tlon  of  tha  conatltuant  alaacnta  of  rotor  dynanlea.  General-purpose  prograna 
that  nodal  a variety  of  configuration  for  a broad  ranga  of  oparatlng  coodl- 
tlona  often  raeu.lt  in  varying  and  lncanpatlbla  levels  of  sophistication. 
Analysis  of  specific  dynamic  problana  facilitates  the  Identification  of  con- 
figuration peraaetars  that  deteraine  systea  behavior.  Tor  tha  present  analy- 
sis, tha  nonlinear  aquations  of  a toralonally  rigid  hlngelesa  rotor  are 
linearised  about  an  equillbrlua  condition  to  detanlra  flap-lag  stability 
characteristics  la  hover . A collocation  nathod  la  used  to  obtain  tha  coupled 
natural  frequencies  and  nodes.  These  nodes  allow  exact  treatment  of  the 
effect  of  elastic  coupling  which  nore  than  compensates  for  the  destabilising 
Inertial  coupling.  The  sensitivity  of  danplng  to  the  number  of  nodes  was 
found  to  be  aaall  and  reasonable  accuracy  was  obtained  using  the  first  flap- 
wlv»  cad  edgewise  coupled  nodes.  Tha  range  of  destabilizing  precone  was 
found  to  be  snail. 


Lift  curve  elope 

■atlo  of  drag  coefficient  to  lift  curve  slope,  C,  /a  a 

d0  r 

■lade  chord 
Young's  modulus 

Distance  between  uses  and  elastic  axle 

Distance  between  area  centroid  of  tensile  nenber  and  elastic  axle 
Dimensionless  generalised  mans  or  shear  modulus  of  elasticity 
Cross- sec tl cm  area  moments  of  Inertia 
Torsional  stiffness  constant 

Polar  radius  of  gyration  of  crcsa-aectlonal  aaaa  about  elastic  axis 
Principal  nasa  radii  of  gyration 

Polar  radius  of  gyration  of  cross-sectional  area  effective  In  carrying  tension 

Aarodynanlc  loading  per  unit  lengtn 

Ifcssber  of  blade  nodes 

Maaa  per  unit  length 

Rusher  of  blade  stations 

Dimensionless  generalized  force 

Generalized  coordinates 

Blada  radius 

Blade  tension 

Elastic  displacements  of  a point  on  the  elastic  axis,  parallel  to  the  x,  y,  z 
coordinate  aystem 

Dndeforned  coordinate  system,  x coincident  with  elastic  axis  of  the  underformed  blade 
Blade  precone 

Dimensionless  flapvise  modal  displacement 
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Lack  maker 

PlMMiailtw  adgawlM  modal  dlaplacsMot 
Local  blade  pitch  angle 
Wmenalonleea  mass,  a/a^ 

Dlaesaioolesa  bending  atlffnass 
Generalized  bend In*  stlffnaea 
Inflow  vmi< lty 

TT1 mansion!  radial  coordinate  x/1 

Solidity 

leal  part  of  f lepwlse  end  edgewlee  eigenvalues 

latlo  of  the  real  part  of  edgewise  eigenvalues  to  the  corresponding  eigenvalue  at 
aero  precone 

Ratio  of  the  real  part  of  adgevlse  eigenvalues  to  the  corresponding  eigenvalue  at 
zero  pitch 

Dlaenslonlasa  tine,  Qt 
Elastic  torsional  deflection 
Kotor  angular  velocity 
Dimensionless  natural  frequency,  u/fi 

Dimensionless  flrse  edgewise  frequency  for  zero  pitch  angle 
Dimensionless  first  flapwlss  frequency  for  zero  pitch  angle 

a/ax  or  a/ac 
a/at  or  a/ar 

Equilibrium  quantity 

Hood lnena localized  by  H for  frequencies,  R for  displacements,  f.R  for  velocities, 
end  e^fi^R  for  forces  per  unit  length 

Reference  quantity 


1.  IKTKODOCTKW 

As  f lxed— wing  vehicles  have  progressed  from  low  subsonic  to  the  hypersonic  flight  regime,  appropriate 
- aalyses  have  evolved  to  assist  in  predicting  and  understanding  the  associated  aeroelastlc  instabilities. 

In  the  case  of  helicopter  rotors,  parallel  development  of  a mathematical  model  Is  far  from  complete.  While 
moat  helicopter  Instabilities  are  understood  reasonably  well  when  viewed  as  general  physical  phenomena, 
they  are  not  as  amenable  to  analysis  as  their  flzed-wlng  counterparts.  This  Is  due  In  part  to  an  aero- 
dynamic environment  of  exquisite  Intractability.  In  dealing  with  the  flow  fields  associated  with  helicopter 
rotors,  the  analyses  developed  for  fixed  wings  must  be  drastically  modified  or  abandoned  altogether. 

Structural  dynamics  of  helicopter  rotors  differ  significantly  from  their  ‘Ixed-wing  counterparts. 

Varied  design  practice  generates  numerous  root  boundary  conditio  .»  with  varying  geometric  and  elastic  prop- 
erties. Inplane  flex;  lllty  manifests  itself  by  adding  addlr.onal  degrees  of  freedom  and  as  a potential 
source  of  inter-modal  oupllng.  Rotation  leads  to  complicated  inertia  loads  which  must  be  regirdsd  as  a 
potential  sou-ce  of  stiffness  and  coupling  between  degrees  ol  freedom.  Geometric  design  parameters  such 
as  droop,  sweep,  pre,one,  hub  offsets,  and  noncolnrideot  mass,  tension,  pitch,  and  elastic  axes  may  signifi- 
cantly alter  rotor  dynamic  characteristics.  Rotor  blades  are  t/oically  very  complex  structures  having 
highly  nonunlform  elastic,  inertial,  and  geometric  distributions.  In  general,  the  equations  which  describe 
the  flapwlse,  edgewise,  and  torsional  characteristics  nf  such  blades  are  nonlinear  lntegro-dlfferentlal 
equations. 1*3  The  nonllrearlties  arise  from  aerodynamic  and  Inertial  terms,  and  periodic  terms  arise  when 
cyclic  pitch  changes  are  Imposed.  In  forward  flight,  additional  nonlinear  and  periodic  terms  of  aerodynamic 
origin  arise. 

The  substructuring  of  helicopter  dynamic  stability  and  loads  analyses  Is  generally  based  on  advance 
ratio  since  It  Is  an  important  determinant  of  the  aerodynamic  forces.  At  high  advance  rador  periodic 
aerodynamic  and  structural  terms  sav  significantly  Influence  rotor  stability.  Thu  , when  periodic  terms 
are  Important,  methods  such  as  Pioquet  theory  muot  be  used  to  accurately  determine  rotor  stability. 

An  additional  substructuring  of  helicopter  dynamics  Is  the  number  of  degrees  of  freedom,  denoted  by 
hub  constraint.  When  the  hub  la  fixed  only  a single  blade  analysis  is  necessary  to  define  rotor  stability- 
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Tha  single  blade  with  a flaed  hub  1*  laportant  for  aavardl  rsaaons.  Moat  impor tar t ly , th«  dynamic  behavior 
of  a a to* la  blade  la  the  bealc  building  block  for  aora  complex  problama.  For  lna tab 11 It lea  which  dapeod  on 
rotcr/fuaalaga  coupling,  auch  aa  air  or  gro'tnd  reeonanca,  a knowledge  of  laolated  blade  dynamics  la  uaeful. 
FurtLarmora,  aethoda  for  improving  rotor  blade  stability  ara  alao  likely  to  prove  affective  for  laproving 
the  stability  of  coupled  rotor/fuaxlage  dynamics.  The  tingle  blade  analysis  la  often  eubject  to  further 
reduction  by  uncoupling  or  auppreaslng  the  flapwlae,  edgewlae,  and  toralonal  degraea  of  fraedoa  In  varloua 
coablnatlona.  With  hub  fixity  relaxed,  all  bladea  are  lntarcoupled  with  thaaaelvea  and  the  helicopter 
fuaelage.  Thla  claaa  of  problama  eephaalxea  the  dynaalc  coupling  between  rotor  and  fuaelega  degreaa  of 
freed oe.  Air  and  ground  resonance  are  laportant  aubdivlalona  In  thla  category.  An  additional  conalderatlon 
la  the  coupling  of  the  rotor  with  feedback  control  aystsaa.  For  hover  or  low  advance  ration,  standard  con- 
trol ayataa  synthesis  techniques  are  applicable. 

In  recent  years  a considerable  aaount  of  rotor  aaroelastlc  research  has  focused  on  specific  Instabili- 
ties.* These  analyses  provide  insight  into  the  physical  characteristics  of  nuaerous  types  of  instabilities 
and  provide  the  basis  for  general-purpose  helicopter  mathematical  models.  Several  general-purpose  slaula- 
tion  models  exist  In  the  Army’s  Inventory  of  computer  programs.  These  programs  have  been  developed  to 
predict  performance,  handling  qualities,  rotor  dynamics,  and  loads.  Limited  success  has  been  obtained  for 
specific  rotor  configurations.  Emphasis  on  modeling  a variety  of  configurations  for  a broad  range  of  flight 
conditions  has  resulted  in  varying  and  incompatible  levels  of  aophlstlcetlon.  The  aeroelaatlc  module  is 
generally  baaed  on  modeling  requirements  for  rotor  loads.  A major  deficiency  la  the  Inability  to  accurately 
determine  hingeless  rotor  stability  boundaries. 


In  recent  years  the  hlngeleas  rotor  has  become  an  increasingly  attractive  concept.  The  adventage  of 
thla  system  Is  the  large  moment  capability  which  can  be  transmitted  directly  to  the  aircraft.  The  resulting 
high  control  power  and  angular  damping  substantially  improve  flying  qualities  and  maneuverability.  However , 
a greater  potential  for  instability  exists  due  to  strong  dynamic  coupling  Inherent  in  the  cantilever  con- 
figuration. Recent  research  and  flight-teat  experience-*-?  has  revealed  chat  hlngeleas  rotor  stability  la 
significantly  influenced  by  elastic  and  inertial  coupling  terms. 

2.  FLAP- LAG  STABILITY  OF  HINGELESS  ROTORS 


For  the  present  analysis,  the  equations  of  motion  for  combined  bending  are  obtained  by  extension  of 
the  method  of  Houbolt  and  Brooks.8  The  assumptions  used  in  deriving  this  system  of  equations  are  briefly 
outlined:  (a)  The  elastic  blade  la  cantilevered  to  a rigid  hub  and  rotating  at  constant  speed,  (b)  The 

blade  la  torsionally  rigid,  (c)  Precone  Is  assumed  to  be  a small  angle,  (d)  The  elastic  axis  la  a straight 
line,  (e)  The  pitch  axis  is  coincident  with  the  elastic  axis,  (f)  The  mass  and  tension  axes  have  negli- 
gible offset  from  the  elastic  axis,  (g)  The  blade  cross  section  is  symmetric  about  the  major  principal 
axis,  (h)  Hover  flight  is  assumed  and  cyclic  change  ia  negligible,  (i)  Two-dimensional  quaai-ateady 

aerodynamic  loada  are  used  with  radial  flow,  apparent  ausaa,  and  stall  effects  neglected.  (J)  Structural 
damping  la  neglected. 


Figure  1 depicts  the  deformed  position  of  the  elastic  axis  as  a general  space  curve.  Equations  (A-l) 
and  (A-2)  of  Appendix  A are  the  flapwlae  and  edgewise  equations  of  motion  for  appropriate  values  of  the 
applied  loading.  The  applied  loadings  for  small  precone  and  negligible  chordwlae  offsets  are 

p^lx.t)  - mfl2x  + 2mfi$ 

p^(x,t)  ■ L^  - wv  + xrf)2v  + 2mf!BpW  - 2waj  (1) 

p (x,  t)  ■ L - mw  - mfl2S  x - 2mi)8  v 

* * p p 

q^x.t)  - q2(x,t)  - 0 


Substituting  Equation  (1)  Into  Equations  (A-l)  and  (A-2) 
ccupled  flapviae-edgewise  equations  of  motion. 

((tl1  cos2  6 + EI2  ain2  0)%/*  + (EI2 

- (Tv*)'  + aw  + nft2S  x 
P 

((EIX  ain2  6 + EI2  cos2  8)v"  + <EI2 


of  Appendix  A and  differentiating  twice  yields  the 


- EIX)  sin  8 cos8v"]” 

+ 2mS)B  v ■ L 
P * 

- EI^)  sin  6 cosSw”]” 


(2) 


- (Tv ' ) 1 + mv-  ni)2v  + 2mftu  - 2arf)8  w * L 

p y 


where  , 

- T'  - m(!)  x + 2flv)  - 0 


(3) 


u 


1 

2 


t(w')2  + (v*)2]  dx 


(*) 


Equation  (3)  represents  the  apparent  shortening  effect  due  to  combined  transverse  bending.  The  equations^ 
of  motion  are  expressed  in  dimensionless  form  by  dividing  by  mr^2R.  Dimensionless  displacements  u,  v,  v 
are  based  on  rotor  radius  R,  and  the  independent  variables  become  £ • x/R  and  T - ftt.  The  dimension- 
less equations  are: 


- T*  - <(£  + v)  - 0 


IXjS"  ♦ - (S')1  ♦ tcS  - Lf  - K$f C - 

tXjv"  ♦ Xjjl"]"  - (Tv')*  ♦ cv  - ICY  - + 2xS^v  - 2ku 


*!  • Aj  co#*  • ♦ Aj  sin2  6 
Xj  « Aj  ola*  8 ♦ Aj  coo*  6 
Ijj  ■ (Aj  - Aj)  *la  8 cos  8 


A - 1 tl2 

1 . aV  A" 24 

"r*  * ■ a2*4 


T*m  dimensionless  aerodynamic  forces  per  unit  length  denoted  by  Ly  end  L,  may  bo  obtained  fro#  the 
Cno-dlaenslonal  quasi-steady  relatione  of  Eefereare  } as 

i ••  T ac(0Cv  - v*  ♦ c.  r ♦ (8v  ♦ 2Cc.  )*  ♦ (9?  - 2v)w] 

7 4 d0  d0 

y <«> 

Et  ■ r *cl0e2  * & * (29?  - ■ 5;i 

Rote  that  higher  order  effects'1  due  to  elastic  deflections  ere  neglected.  The  quantity  v la  the  local 
dlaenalonleaa  Inflow  velocity  for  a hovering  rocor.  The  Inflow  la  approximated  by  combined  blade  element 
and  momentum  theory1-1  aa 

v va  ec\2  a acr£8  a ao 

5-  Vi-rr)  ♦-TT--TT  <7> 

(quatlon  (5)  may  be  almpllfled  by  substitution  of  Equations  (3)  and  (A)  to  eliminate  u and  T.  The 
resulting  equations  are: 

r\ 

[L5"  ♦ X.,?"]"  - [5'  / ic(C  + 25)d?]'  ♦ .Cv  - L - «B  c - &8  ; 

» la  J ^ a p p 

ri  re  t 4 <8> 

[I  ? + X u"]"  - [v'  I K(C  + 2v)dC] ' + cv  - cv  - L ♦ 2cS  v + 2 < I (vv'  ♦ v’v’Jdf, 

z 12  1 p J 0 

These  equations  nay  be  linearized  about  an  equlllbrlua  operating  condition  to  retain  Che  essential  features 
of  Che  nonlinear  coupling,  and  the  resulting  equations  are  slnplifled  by  expansion  In  terns  of  the  free 
vibration  nodes.  Tor  the  present  analysis,  these  nodes  are  defined  as  the  coupled  rotating  nodes  (Appendix 
A).  The  dlsplaceamits  and  loads  consist  of  equilibrium  and  perturbation  components. 

v(C.T)  - vQ(0  + v(C.T) 

J(e.T)  - vQ(o  + u(c,t) 

(9) 

L (C.T)  - L (O  + L (C.T) 

7 7q  7 

£ (C.T)  - L (C)  + L (C.T) 

* *0 

where  the  dimensionless  equlllbrlua  and  perturbation  quantities  In  Equatl  i (9)  are  now  vrltten  without  a 
bar.  Substituting  Equation  (9)  Into  (8)  and  neglecting  higher  order  products  of  perturbation  quantities 
yields  the  equilibrium  and  perturbation  equations. 


vs + w- fvo  r«c«r -l  -tape 


«VS  + W-‘vS  d?1”Ly0 


(10) 


[*!«'•  ♦ X^*"]"  - I*’  <5  45J*  ♦ <ci  - lg  - 28pK*  - 2>cvp  * 2wJ  Prt  d5 

5 « (U, 

/I 

*5  d5J’  + <*  - K*  - Ly  + 25prir  - **£♦ 

g 

♦ 2*5  f1  k*  a*  2k  J <*o*’  ♦ wjm’JdC 

Th#  dlapl  iftnt  at  a radial  atatlon  5 la  axpraaaad  aa  a auparpoaltlon  of  tba  contribution*  of  tba  varloua 
node* 


*«.T)  - £ aj(Oqj(T) 

J-l 


*<C.T)  - 22  Cj<5)  *j<T> 
J-l 


v®  ■ E Vj<® 

J-l 


V®"  EaojV° 

J-l 

Tba  llaearlxed  parturbatlon  equation*  may  ba  alaplif ied  by  aubatltutlng  Equation  (12),  and  applying  tha 
orthogonality  rotation  glvan  by  Equation  (A-7)  of  Appendix  A.  Tba  perturbation  equation*  In  matrix  form  are 


fC]  {q}  + fw2Cj  {q}  - {<}} 


aim£  ♦ **« 


Qi  ■ [cij  + V4J 


fi  v 

B«  -Jo  {'  * 


(0V  + 25  C,  JCjCj  + [26p  x - (05  - 25)15^ 


T_ac  _ T_*« 

[2Bpx  + (v  - 265)]8jCj  - 5S16J)  d5 


S1J  " E Sikj^k 

k-1 


^j-^1  sisk ( £ «>« ♦ v* ( r ^ d° ds + 2 £ K^if0  (^j 

+ 8;8j)J5Jd5  -2^  k818^Cj  - 2 J'  xc^j  d5  (18) 

The  coefficient*  Arjfc  nay  ba  obtained  from  Equation  (10).  Defining  D, j ■ - (C^j  + S^j ) , Equation  (13) 
la  r.ltten  in  matrix  form  aa 

tCJ  {q}  + [D]  + (u2CJ  {q}  - {0} 


(19) 
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(20) 


Equation  (19)  Mr  bn  expressed  la  conventional  eigenvalue  fora  aa 

(KI  (5)  - XW  (q>  (21) 


(I) 


3.  DISCUSS 10*  OP  IESULT3 
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Stability  charactarlatlcs  of  Cha  couplad  flapwlse-edgevlse  bending  oaclllatlona  of  a cantllavar  blade 
My  ba  determined  froa  Equation  (21)  for  kaovn  operating  condlelona  and  blade  propertlea.  For  the  preaent 
analysis,  the  spaawlse  varlatlona  of  dlaenalonlaaa  aaaa  and  atlffnaaa  are  llluatratad  In  Figure  2.  The 
amplitudes  of  tbeaa  distribution  are  varied  to  obtain  the  desired  blade  frequencies  for  a apse If led  rotor 
speed,  radius,  and  collective  pitch.  Plgura  3 Illustrates  the  typical  variation  of  the  flapvlte-adgsvlse 
natural  frequencies  with  rotor  speed.  These  natural  frequencies  are  obtained  frou  Equation  (A-5)  using 
20  equally  spaced  radial  its  dona  for  R • 6.98}  natera. 


Stability  charactarlatlca  of  the  couplad  flepviae-edgewlae  bending  oscillations  of  a hingeleas  blade 
without  precona  In  a hovering  flight  condition  are  shown  in  Figure  4.  The  results  are  presented  as  a locus 
of  roots  of  Equation  (21)  with  Increasing  pitch  angle  for  the  first  flapwlse  and  edgewise  nodes,  Loci  lot 
several  configurations  having  various  lnplane  frequencies  are  presented.  It  Is  convenient  to  classify 
rotors  In  tarns  of  the  first  edgewise  and  flapwlse  frequencies  at  xero  pitch.  These  dlnenslonless  frequen- 
cies are  denoted  by  ui^q  and  sig^.  The  flapwlse  node  Is  typically  well  danped  and  the  Inherently  low  edge- 
wise deeping  la  substantially  Increased  for  higher  pitch  angles.  This  is  consistent  with  the  results  of 
Inference  12  for  a rigid  blade  nodal  with  appropriate  root  restraint  springs  to  approximate  the  elastic 
coupling.  The  nodal  solution  avoids  the  difficulty  of  having  to  sssune  the  degree  of  clastic  coupling. 

For  specified  geonatrlc,  inertial,  and  elasclc  pra  ttles.  Equation  (A-})  la  used  to  deteralne  the  appro- 
priate elastic  coupling. 


The  influence  of  the  nunbet  of  nodes  on  first  edgewise  nodal  danplng  la  given  In  Table  1.  The  sensi- 
tivity of  danplng  to  the  nunber  of  nodes  Is  relatively  aeall  and  reasonable  accuracy  nay  be  obtained  using 
the  first  flapwlse  and  edgewise  coupled  nodes. 

The  Coriolis  and  centrifugal  terns  given  by  Sjj  In  Equation  (18)  tend  to  destabilize  the  edgewise 
degree  of  freedon.  The  Influence  of  S^j  on  the  dlnenslonless  edgewise  danplng  is  illustrated  in  Figure  }. 
The  effect  of  blade  precone  on  the  dlnenslonless  edgewise  danplng  Is  shown  In  Figure  6.  In  general,  precone 
la  stabilizing  except  for  snail  positive  lncrcnents. 


A.  CONCLUSIONS 


1.  Conventional  linear  equations  of  notion  yield  unernservativs  results  for  the  coupled  flapwise- 
adgewlsa  stability  of  cantilevered,  torsionally  rigid  rotor  blades.  The  coupled  flspwlse-edgewlse  equations 
can  be  linearized  about  an  equlllbrlua  operating  condition  to  retain  the  effect  of  the  inertial  coupling 
terns.  The  edgewise  danplng  1s  dependent  on  these  terns. 

2.  The  sensitivity  of  flapwlse  and  edgewise  danplng  to  the  nunber  of  nodes  was  found  to  be  snail. 
Accurate  results  can  be  obtained  using  the  first  flapwlse  and  edgewise  coupled  rodes. 

3.  The  use  of  coupled  rotating  nodes  avoids  the  difficulty  of  having  to  sssune  the  degree  of  elastic 
coupling.  These  nodes  allow  exact  treatnent  of  elastic  coupling  which  nore  chan  coepensaces  for  the 
destabilizing  inertial  coupling.  Thus,  f lapwlse-edgewise  oscillations  of  nonunlforn  blades  in  hover  were 
found  to  be  stable  over  a wide  range  of  paraneters. 

4.  Precone  was  found  Co  be  stabilizing  except  fir  snail  positive  increnents. 

5.  The  collocation  method 13  used  to  deteralne  the  coupled  flapwlse-edgewlse  nodes  is  easily  extended 
to  the  calculation  of  coupled  flapwlse,  edgewise,  and  torsional  nodes. 

APPENDIX  A — NATUSAL  FREQUENCIES  AND  MODES  OF  HINGELESS  ROTOR  BLADES 

This  Appendix  formulates  a numerical  solution  for  the  natural  frequencies  and  nodal  functions  of  s 
nonunlforn  rotor  blade.  The  blade  is  Idealized  as  s rocatlng  cantilevered  bean  which  has  nonunlforn  prop- 
erties sod  arbitrary  twist.  The  tern  "twist"  is  used  to  define  a variable  orientation  along  Che  length  of 
Che  bean  c;  the  principal  axes  relative  to  the  plane  of  rotation.  Twist,  chordwise  offsets,  and  pitch  will 
cause  the  bean  Co  have  coupled  flapwlse,  edgewise,  and  torsional  displacements.  Solutions  of  the  equations 
which  describe  the  behavior  of  such  s bean  and  the  associated  orthogonality  relationships  are  obtained. 

The  Integrating  matrix  developed  by  Hunter  in  Reference  13  is  the  basis  for  the  method  of  solution. 

The  lntegzatlng  matrix  (L)  is  a means  of  numerically  integrating  a function  that  is  expressed  in  terms  of 
the  values  of  the  function  at  specified  increments  of  the  Independent  variable.  It  is  derived  by  expressing 
thu  Integrand  as  a polynomial  in  the  form  of  Nevton'e  forward-difference  interpolation  formula.  Integrating 
Mtrlces  based  upon  polynomials  of  degrees  one  Co  seven  are  given  in  Reference  13.  Solutions  of  the  equa- 
tions of  notion  are  developed  entirely  in  matrix  notation.  First,  the  integro-differential  equations,  which 


er*  llaur  homogeneous  cquatloaa  having  varlabla  coaff lclanta,  ara  expressed  In  aatrlx  fora.  Tha  matrix 
aquations  ara  than  lntagratad  using  tha  lntagratlng  matrix  [Lj  aa  an  operator.  lot,  tha  constants  of 
lntagratlon  ara  evaluated  by  applying  tha  boundary  conditions,  and  tha  resulting  nutria  aquations  ara 
cxpraaaad  In  standard  eigenvalue  torn.  Solutions  of  this  eigenvalue  problaa  nay  bo  obtained  by  conven- 
tional Method  a . 

For  tha  present  analysis , tha  equations  of  notion  for  coablnad  bending  and  torsion  ara  obtained  by 
ex  tans Ion  of  tha  net hod  of  Houbo’t  and  Brooks.*  Tha  principal  asauaptlons  uaad  in  deriving  this  syetae 
of  aquations  are  briefly  outlined:  (a)  Tha  elastic  blade  Is  cantilevered  to  a rigid  hub  and  rotating  at 

constant  speed,  (b)  Tha  blade  elasticity  la  adequately  ducrlbed  by  tha  conventional  banding  and  torsion 
characteristics  described  In  Ksference  8.  Shur  deformation  and  rotary  Inertia  are  negligible.  Further- 
aore,  tha  effects  of  tha  additional  section  constarts  and  82  described  therein  ara  considered  to  be 
negligible,  (c)  The  clastic  axis  of  the  undeforned  blada  Is  a straight  line,  (d)  The  pitch  axis  Is  coinci- 
dent with  the  elastic  axis  of  the  undeforned  blade,  (e)  Tha  blade  cross  section  is  syanetrlc  about  tha 
major  principal  axis,  (f)  Cyclic  pitch,  precone,  sweep,  and  higher  order  inertial  and  elastic  terms  ara 
assumed  to  have  a negligible  effect  on  the  blada  frequencies  and  modes. 

Figure  1 depicts  the  deformed  position  of  the  elastic  axis  aa  a general  space  curve.  The  applied 
loadings  are  shown  acting  at  a point  P*  which  la  located  at  a radial  distance  (n)  from  the  axle  of  rota- 
tion. The  bending  momenta  at  point  P produced  by  the  applied  loadings  at  P}  are  equated  to  tha  elastic 
rutorlng  — . - 8 to 


ants8  to  yield 


(IIj  cos2  9 + 1I2  sin2  8)w"  + (EI2  - EI^cos  9 sin  9 v" 


♦ P,(n  - x)  ♦ o } dn 


- Te^  sin  9 - Te^  ♦ cos  9 - /:  {-  Px(vx  - ») 


(EIj  - Siscos  9 sin  8 w”  + (EI^  sin2  9 + EIj  cos2  8)vM  - Te^  cos  9 + Te^p  sin  0 {-  p^(v2  - v) 


♦ Py<n  - x)  + q^)  dn 


(GJ  + Tk^H'  ♦ Tk^V  + J Te4(w"  cos  9 - v"  sin  9)dn  - j (qj  + <yr*  + qxw*)dn 

The  applied  loadings  (In  vacuum)  sty  be  obtained  from  Reference  8 aa 
p (x.t)  - - T'  - «fl2x 


py(x,t)  - - nv  + mej  sin  0 + rfTv 
♦ maC2(cos  8 - p sin  9) 


PjjCx.t)  » - mu  - a e$  cos  9 

q^x.t)  - - afl2ev  sin  8 + me(v  sin  8 - w cos  8) 

- sfl2(k  2 - k 2) (sin  8 cos  8 + P cos  28) 

2 2 "X 

- mkZ  $ 


(x.t)  ■ ex  (tin  0 + $ cos  0) 


q (x.t)  - - mfl  ex(coa  0 - $ sin  0) 


Substituting  the  applied  loading  given  by  Equation  (A-4)  into  Equations  (A-l),  (A-2) . and  (A-3)  and 
deleting  steady-state  terms  yields  the  free  vibration  equations.  Application  of  the  integrating  matrix  [L] 
yields  the  corresponding  eigenvalue  problem. 

(G]  (P)  - J (H]  {♦}  (A-5) 
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Solutions  of  Equation  (A-5)  daflna  tha  natural  fraquanclaa  and  aaaoclatad  nodal  function#.  Tha  flrat 
element  In  aach  of  tha  abova  matrices  corraaponda  to  tha  tip  value.  Tha  1,  n + 1,  and  2n  ♦ 1 rowa  and 
coluana  of  tha  dynamic  matrix  [G)~l  [H]  ara  dalatad  prior  to  ltaratlon.  Tha  nodal  daflactiona  ara  datar- 
alnad  froa  tha  eigenvectors  of  Equation  (A-S)  aa 
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Tha  orghogonalit;'  relation  for  thaaa  nodaa  nay  ba  derived  froa  Equation#  (A-l),  (A-2) , and  (A-3)  by  appli- 
cation of  cantllirrar-fraa  boundary  condltlona.  Tha  orthogonality  relation  la 


f * •**  ♦jdj  ♦ coo  9 - at  sin  9 
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ESTIMATES  OF  THE  STABILITY  DERIVATIVES  OF  A 
HEUCOFTEK  AND  A V/STOL  AIRCRAFT  FROM  FLIGHT  DATA 


D.G.  Go^i  <nd  W.S.  Hindsoa 
Flight  Rnearcfa  Laboratory 
National  Aeronautical  EataKtahmeat 
National  Reaearch  Council  of  Canada 


SUMMARY 

Stability  derivatives  Tor  the  Beil  20S  helicopter  have  been  derived  from  (light  data  using  a least  squares  quasi  linearization 
technique.  The  aircraft  model,  which  included  a first  order  representation  of  rotor  response  characteristics  was  baaed  on  fundamental 
parameters  descriptive  of  the  particular  design.  A conglomerate  analysis  procedure  which  produced  estimates  baaed  on  data  from  several 
simitar  manoeuvres  was  used  to  increase  the  confidence  in  the  results  observed. 

Data  from  the  CL-84  V/STOL  aircraft  were  also  analyzed,  indicating  the  validity  of  certain  a priori  longitudinal  stability 
derivatives  for  the  aircraft,  and  yielding  estimates  of  others.  The  results  indicate  the  need  to  use  a more  elaborate  modelling  technique, 
such  as  was  used  for  the  Bell  205,  which  takes  into  account  the  particular  complexities  of  the  aircraft 


1.0  INTRODUCTION 

The  real  concern  of  the  engineer  in  applying  modem  analytical  techniques  to  system  identification  problems  is  not  so  much 
in  the  quantitative  minimization  of  the  fit  error,  but  rather  in  obtaining  reliable  parameter  estimates  of  general  applicability.  This  calls 
for  the  use  at  every  opportunity  of  good  engineering  judgment  in  the  application  of  these  techniques,  particularly  in  cases  where  ad- 
vance knowledge  about  the  system  is  lacking.  Tending  to  act  in  opposition  to  this  requirement  is  the  increasing  necessity  for  specialist 
mathematical  analysts  to  implement  what  may  appear  to  the  practical  aeronautical  engineer  as  formidably  complex  identification  tech- 
niques. However,  it  is  suggested  that  a reduced  analytical  sophistication  may  in  some  cases  be  an  acceptable  tradeoff  for  increased  par- 
ticipation by  the  engineer  in  the  identification  process. 

In  this  paper,  some  of  the  significant  means  of  exercising  this  engineering  judgment  in  lieu  of  mathematical  complexity  are 
discussed  by  way  of  examples  of  extracting  model  parameters  descriptive  of  a helicopter  and  a V'STOL  aircraft  from  flight  measure- 
ments of  responses.  The  choice  of  mathematical  model,  considerations  in  obtaining  convergence,  the  use  of  parameter  and  state  vector 
weighting,  and  l practical  method  to  allow  for  process  noise  by  expanding  the  data  base,  and  thereby  increasing  the  confidence  in  the 
reliability  of  the  results  are  the  subjects  of  this  presentation. 

In  the  case  of  the  helicopter  this  work  was  undertaken  to  assist  design  of  a high  gain  full  authority  multichannel  autopilot 
for  the  aircraft,  shown  in  Figure  I,  which  is  under  development  as  an  airborne  simulator  (Ref.  I).  The  parameter  extraction  effort  for 
the  CL-84  V/STOL  aircraft  shown  in  Figure  2 was  performed  to  assess  the  validity  of  certain  significant  a priori  stability  derivatives  to 
model  the  small  perturbation  longitudinal  handling  characteristics  of  the  aircraft  in  support  of  the  Tripartite  V/STOL  Instrument  Flight 
Test  program  reported  in  part  in  References  2 and  3. 


Fig.  1:  Bell  205A3  Helicopter 


Fig.  2:  CIcS4  Tilt  Wing  V/STOL  Aircraft 


I 


\ 
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2.0  ANALYSIS  M£THOO 

Tht  c basical  method  of  lent  squares  (Ref.  4)  applied  to  the  linear  or  non-linear  parameter  idr  Sficstion  problem  provide! 
the  bean  for  moat  of  the  parameter  identification  technique!  in  uae  today.  In  iti  timplctt  form,  the  method  a general! y termed  quaii- 
Hncarixatioa,  but  empioyiaj  slightly  different  assumptions,  it  it  a ho  equivalent  to  the  modified  Newton- Raphsoo  technique. 

XI  Laws*  Sqaarea  Qaailineariuboa  Technique 

Conaider  the  linear  or  non-iinear  system  modelled  by  the  equation  let 


F{X,.U,.Xk)  - 0 


2.1.1 


the  solution  of  which  ia  X,(UjAa> 

where  the  only  conitraint  imposed  is  that  the  column  parameter  vector  X,  be  constant  over  the  time  period  of  interest  In  this  represen- 
tation, Uj  is  a known  system  vector  forcing  function  and  X,  is  the  column  state  vector  describing  the  resfrinse  of  the  lystem. 

To  the  first  order,  the  change  in  system  response,  X,,  due  to  a small  change  in  the  parameter  vector,  X* , is 


X,(U,A»  ♦ AX,)  * X.OJA)  + — — 5 AX, 

The  corresponding  value  of  the  cost  function  is 

, aX,<U..X,) 

J - /'  JlY.-X.iU,^) AX,)*. 

0 0A| 


aXtfUA,) 

W|.IVX,<U(.X,> — AX,,  ] | dt 


2 1.2 


XI. 3 


where  Y,  is  the  column  vector  of  observed  states  and  W„  is  a weighting  matrix  reflecting  the  relative  accuracy  in  measurement  of  the 
state  variables.  It  may  also  reflect  the  relative  importance  assigned  to  the  observed  state  variables  if,  for  example,  it  is  desired  to  arrive 
at  final  estimates  with  emphasis  on  the  response  of  only  one  or  two  of  the  state  variables.  With  the  assumption  that  an  extremum  in  J 
3J 

has  been  reached,  then  — — » 0 yields  a recursive  relationship  for  successive  changes  in  the  parameter  vector  in  order  to  minimiae  the 
cost  function: 
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XI. 4 


3X, 

It  should  be  noted,  although  i(  is  not  the  case  of  present  interest,  that  if  the  parameter  sensitivity  functions,  — . are  inde- 

®Xg 

pendent  of  X,  Equation  2.1.2  is  exact.  Equation  2. 1.4  is  an  explicit  expression,  and  iterative  solutions  are  not  required.  In  the  present 
analysis,  since  X l.l  is  a set  of  first  order  differential  equations  <linc.»r  or  non-linear)  the  sensitivity  functions  are  dependent  on  Xk  and 
iterative  solutions  are  necessary. 


Although  the  formulation  is  classical,  the  recent  success  of  this  method  is  a result  of  modem  computing  capabilities  which 
now  permit  calculation  of  the  parameter  sensitivity  directly  from  the  modelling  Equation  2.1.1. 


X2  The  Problem  of  Obtaining  Convergence 

It  is  usually  the  case,  when  dealing  with  aircraft  response  measurements  that  the  recursion  relationship  as  given  by  Equation 
X 1 .4  does  net  result  in  successive  parameter  changes  that  converge.  There  are  a number  of  reasons  for  this  behaviour,  the  most  common 
one  being  that  the  equations  of  2. 1.4  are  poorly  conditioned  usually  because  of  an  approximate  linear  relationship  (in  the  time  histories) 
among  the  state  variables  and/or  among  the  parameter  sensitivity  functions.  This  problem  can  be  alleviated  but  often  not  eliminated  by 
a careful  choice  of  control  inputs  (the  system  vector  forcing  functions).  This  difficulty  has  been  allowed  for  in  these  tests  through  the 
use  of  simultaneous  unco-ordinated  (i.e.  dissimilar)  inputs  from  the  two  governing  cockpit  controls,  each  containing  as  broad  a range  of 
exciting  frequencies  as  possible. 
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It  it  alio  true  that  the  ability  to  obtain  convergence  may  be  highly  dependent  on  the  accuracy  of  the  initial  estimate*  with 
which  die  iteration  is  begun.  For  conventional  aircraft,  good  estimates  of  the  aerodynamic  parameters  are  usually  available  from  rind 
tunnel  tests  or  theoretical  prediction.  If  the  aircraft  is  a helicopter  or  other  V/STOL  vehicle,  this  favourable  situation  is  usually  lacking 
for  various  reasons  associated  with  the  complexity  of  interfering  aircraft  components,  and  the  difficulty  of  performing  good  wind  tunnel 
tests. 


An  equation  error  starting  technique  proposed  by  Dcnery  in  Reference  5 can  assist  in  obtaining  convergence  by  reducing 
the  sensitivity  of  the  analysis  to  initial  parameter  estimates.  By  using  first  the  observed  values  of  the  state  variables  in  the  calculation  of 
the  sensitivity  functions,  the  analysis  is  controlled  until  the  response  of  the  iterating  model  improves,  conceptually  to  a point  from  which 
mono  tonic  convergence  to  the  absolute  minimal  cost  function  can  be  initiated.  Although  this  will  result  in  biased  estimates  of  the  param- 
eters if  continued,  if  the  calculated  model  response  is  then  used  as  is  correctly  required  in  Equations  2. 1 .4,  the  bias  due  to  this  procedure 
is  removed  and  proper  results  are  obtained.  This  technique  was  used  with  some  success  in  the  work  reported  here,  but  is  has  been  found 
that  the  choice  of  initial  parameters  estimates  still  remains  very  critical. 

It  has  been  our  experience,  that  the  procedure  which  most  consistently  gives  convergent  behaviour  is  one  where  significant 
vreight  is  given  to  the  original  estimatesof  some  of  the  parameter*. 

It  haa  also  been  found  that  inclusion  of  any  independent  constraints  among  the  parameters  which  can  be  formulated  can 
contribute  significantly  to  convergence.  This  will  be  discussed  further  in  a later  section. 


23  bchsaoa  of  A Priori  Estimates 

In  the  event  that  fairly  reliable  estimates  of  some  parameters  are  known,  * •»  it  is  possible  to  control  the  amount  of  de- 
parture from  these  first  estimates  during  the  course  of  the  iterations  through  an  additional  u m in  the  cost  function  of  the  form  (Ref.  6) 


l\*X»0lT  DssfW  2-3-1 

With  this  additional  term  the  Expression  2.1.4  for  A\  becomes 
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This  expression  allows  for  the  calculation  of  successive  changes  in  the  parameter  vector  from  the  initial  estimates  in  order  to  minimize 
the  cost  function  which  now  includes  Expression  2.3.1. 

The  practical  effect  of  the  a priori  weight  matrix  Dkk  is  twofold.  It  ensures  that  certain  parameters  emerging  from  the  itera- 
tion will  retain  realistic  values  based  on  previously  known  independent  information  or  otheT  justification.  Secondly,  it  improves  condi- 
tioning of  the  sensitivity  function  product  matrix  requiring  inversion  in  the  recursion  equation  by  contributing  a controllable  amount 
to  the  diagonal  elements. 

As  discussed  in  Reference  7,  a statistical  interpretation  can  be  made  of  the  weighting  matirces  W„  and  i\k,  relating  them 
to  the  measuicment  noise  characteristics  of  the  state  vector  elements,  and  the  statistical  properties  of  the  initial  estimates.  While  there 
is.  • -arion  of  this  approach  provided  that  the  statistical  assumptions  can  be  validated,  this  is  often  not  the  case,  particularly  if  one 
at:.M<in.  , account  for  the  effect  of  unknown  random  atmospheric  disturbances  by  this  means.  The  procedure  adopted  here  sets  the 
weighting  matrices  according  to  engineering  judgment  based  on  the  conditions  of  the  test  and  the  quality  of  a priori  information  avail- 
able. A method  to  allow  for  the  process  noise  due  to  unknown  atmospheric  inputs,  and  to  some  extent  modelling  deficiencies,  is  dis- 
cussed in  a later  section. 


3.0  DEVELOPMENT  OF  THE  SYSTEM  MODEL 


3.1  In  Terms  of  Stability  Derivatives 

In  the  field  of  flight  dynamics,  the  classical  means  whereby  the  aircraft  equations  of  motion  have  been  made  tractable  has 
been  through  linearization  and  small  perturbation  simplifications  This  re.  Jtrd  in  the  classical  aerodynamic  stability  derivatives  con- 
tained in  two  three-degree-of-freedom  sets  cf  decoupled  equations.  Although  not  nowadays  necessary,  this  approach  is  still  valid,  and 
for  many  reasons  it  is  useful  to  consider  for  V/STOL  aircraft  and  helicopters.  However,  the  fundamental  meaning  and  relative  impor- 
tance of  the  stability  derivatives  may  require  special  interpretation. 


Following  this  convention,  the  lateral  directional  retponte  of  the  untie  rotor  Beil  205A  helicopter  vtt  Bret  modelled  at 

foflowv 
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The  quantities  P,  R,  V,  and  g,  namely  the  roll  rite,  yaw  rete,  lateral  velocity  and  bank  angle  repreaent  the  state  vector  X,;  Si,  4a  and  Sr 
represent  the  known  syetctn  vector  forcing  function  Uj;  while  the  parameter  vector  conaiati  of  the  twenty  one  aerodynamic  stability  de- 
rivatives Lf,  Lf,  L,. , Y„,  r„. 

The  la  and  P time  derivatives  are  retained  as  first  order  approximations  to  the  tag  in  main  rotor  response  and  the  lag  in  sale- 
wash  at  the  tail  rotor  resulting  from  the  changing  lateral  force  of  the  main  rotor.  This  constitutes  what  is  considered  to  be  valid  modelling 
for  the  simple  seesaw  type  of  rotor  system  which  was  involved,  st  least  for  the  range  of  frequencies  of  interest  in  this  investigation.  The 
identification  of  the  rotor  response  time  constant,  which  as  a first  estimate  is  simply  one  quarter  of  the  rotor  fundamental  period,  is 
equivalent  to  incorporation  of  a single  rotor  degree  of  freedom  contributing  to  the  three-degree-of-freedom  lateral-directional  response. 

The  parameter  vector  can  be  reduced  to  eighteen  modified  stability  derivatives  which  contain  the  P derivatives  in  order  to 
present  the  problem  in  the  more  recognized  linear  from 

1*1  - I FI  (X)  ♦ IB][U) 

where  IF]  is  the  matrix  containing  the  response  or  state  rector  derivatives  and  [B)  contains  the  control  derivatives. 

Using  intuitive  initial  estimates  of  the  stability  derivatives  where  it  was  not  possible  to  obtain  preliminary  estimates  from  a 
cursory  examination  of  the  flight  data,  a solution  was  attempted  which  also  incorporated  the  equation  error  starting  technique  of  Denery. 
It  was  found  that  the  solutions  often  did  not  converge,  and  so  it  was  concluded  that  the  freedom  of  some  of  the  parameters  would  have 
to  be  restrained  by  using  me  a priori  weight  technique.  With  sufficient  j priori  weight  on  some  of  the  more  significant  derivatives  such 
as  the  damping  derivatives,  convergent  solutions  were  obtained  but  some  of  the  derivative  estimates  resulting  were  physically  unrealistic. 
And  quite  different  estimates  resulted  from  small  changes  in  the  first  estimates  of  those  parameter-  which  had  high  a priori  weights.  Since 
thee  priori  information  available  was  not  such  that  much  confidence  could  be  placed  on  the  ae.uncy  of  any  of  the  fust  estimates  of  the 
derivatives,  this  brute  force  stability  derivative  approach  was  rejected,  and  a formula  tier  in  terms  of  more  fundamental  parameters  was 
sought,  but  still  retaining  algebraic  relation  to  the  basic  linearized  stability  derivative  form. 

Proceeding  in  the  same  fashion  for  the  response  of  the  helicopter  in  the  longitudinal  plane 


N^P  ♦ NgR  + NyV  ♦ N tiU  ♦ N,,4a  ♦ N„4r 

<w.  ♦ Yr)P  ♦ (Yg  - u.)R  + YvV  ♦ t*  + Y,;4a  ♦ Y,.4a  + Y„4r 


3.1.1 


U - XoU  + X0U  ♦ X*W  ♦ X,W  + X<jQ  + (Xq  - W0)Q  - tS 

♦ \S„  ♦ X,cJc  ♦ X4t5.  + X,#«. 

W - Z(,u  + Z„U  ♦ ZgW  + Z*W  ♦ z,,0  + (Zq  + U0X? 

+ ♦ Z,t8e  + Z^i,  + Z^l, 

Q - M|)U  + MyU  ♦ M«W  + MwW  + MqQ  + MVQ 

♦ *ic«c  .♦  M.C4C  + Mi,*.  + M,t«, 

9 - Q 


In  a fa?*von  similar  to  that  employed  fur  the  lateral-directional  modelling,  the  S,  and  the  state  vector  time  rate  of  change 
derivatives  are  used  as  fast  order  approximations  to  the  lag  in  main  rotor  response,  and  the  l - indownwashat  the  horizontal  tail  resulting 
from  the  changing  normal  force  of  the  main  rotor. 

Without  very  reliable  initial  estimates  for  at  least  some  of  the  thirty  stability  derivatives  contained  in  the  parameter  vector, 
it  would  be  very  unlikely  that  convergent  solutions  could  be  obtained  because  of  poor  conditioning  in  the  sensitivity  function  matiix. 
and  even  in  the  event  solutions  were  obtained,  many  of  the  stability  derivative  estimates  would  be  physicrliy  unrealistic  and  of  little 
value  to  the  engineer. 


.M'ai 
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3.2  ia  Tarma  of  More  Fundamental  hnnKn 


The  procedure  adopted  for  the  remit*  liven  in  this  paper,  and  in  considerably  more  detail  in  References  8 and  9 expresses 
the  stability  derivatives  in  terms  of  the  aerodynamic  forces  and  moments  acting  on  the  major  components  of  the  aircraft,  moment  arms 
and  inertial  parameters.  For  example,  the  total  derivatives  X*  and  Z,  are  broken  into  elements  associated  with  the  major  helicopter 
components  as  follows: 


■ Xwisn  ♦ Xwss*  * ^wft  * X»fu* 

3.11 


Z*  - <1  - *T*  ~ «FT>ZWM*  ♦ ZwT«  * ZwFT  * Z*FUS 

where  the  subscripts  MR,  TR,  FT  and  FUS  refer  to  the  main  rotor,  tail  rotor,  fixed  tail  and  fuseUfe  respectively.  The  terms eTt  and 
tfr  represent  down-wash  factors  at  the  tail  rotor  and  fixed  tail  resulting  when  the  Z force  on  the  main  rotor  is  changed.  The  correspond- 
ing pitching  moment  derivative,  Mw  is 


Mw  « J f~hlixXwMR  * + *FT{FT^Zwhx 

Vr  L 3.12 

*®TI|Zwt»  " !FtZwFT  + tFUIZWFUsJ 

where  m is  the  helicopter  mass,  lry  is  the  pitching  moment  of  inertia,  and  hMR , tTR  , fFT.  fFUS  represent  the  moment  arms  from  the 
reference  axes  to  the  effective  aerodynamic  centres  of  the  main  rotor,  tail  rotor,  fixed  tail  and  fuselage,  respectively. 

Similar  expressions  were  developed  for  each  of  the  stability  derivatives  of  me  Equation  3.1.2  in  terms  of  new  parameters 
such  as  those  in  the  above  expressions.  Thirty-three  new  parameters,  designated  P, . were  used  in  the  expressions  for  the  thirty  stability 
derivatives,  designated  R„ . The  algebraic  constraints  provided  by  these  expressions  make  it  such  that  a change  in  one  parameter  P, , say 
X*M, , not  only  changes  Xw  but  also  changes  Mw . Furthermore,  most  of  these  new  parameters  (hMR , tTR , tFT  - etc.)  could  be  esti- 
mated a priori  and  the  confidence  in  the  estimates  established  for  use  in  setting  the  elements  of  an  a priori  weight  vector. 

i The  se.-iitivity  functions  with  respect  to  the  original  stability  derivatives, 

I 

3R. 


were  calculated  from  the  sets  of  sensitivity  equations  obtained  by  taking  derivatives  of  the  Equation  Set  3.1-2  with  respect  to  the  param- 
eters R„  appearing  in  these  equations.  The  partial  derivatives 


3P,  ' 

expressing  the  sensitivity  of  each  of  the  stability  derivatives  to  the  parameters  P,,  were  obtained  from  the  expressions  such  as  3.2.1  and 
3.2.2  and  the  sensitivity  functions  with  respect  to  the  new  set  of  parameters  P,  calculated  from 

. 3°  ??=..!*_  3.2.3 

3P*  3P,  3R* 

The  method  is  similar  for  the  lateral-directional  response.  The  21  stability  derivatives  (LP,  Lp Y,  ) can  be  written  in 

terms  of  1 9 fundamental  parameters  descriptive  of  the  characteristics  of  the  components  assumed  to  be  contributing  to  the  aerodynamic 
forces  and  moments.  This  procedure  is  equivalent  to  the  classical  method  of  estimating  stability  derivatives  from  basic  aerodynamic  and 
design  data.  The  reader  is  directed  to  References  8 and  9 for  a detailed  description  of  the  modelling  assumptions  employed  for  the  205 
helicopter. 
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Algebraic  complexity  is  introduced  using  this  procedure,  but  it  has  the  very  significant  advantage  of  providing  constraints 
on  the  variations  among  the  different  parameters.  Moreover,  the  fundamental  parametei  j themselves  are  in  several  cases  moment  arms 
to  aerodynamic  centres,  aircraft  mass  and  moment  of  inertia  parameters,  rotor  response  time  lag,  etc,  which  although  not  known  pre- 
cisely, allow  reliable  initial  estimates  to  be  made  and  permit  a priori  weighting  to  restrict  changes  in  these  parameters  wi  hin  physically 
realistic  limits. 

3.3  CL-84  Modelling 

The  argument  for  using  the  fundamental  parameter  modelling  technique,  found  to  be  necessary  for  the  helicopter,  can  be 
made  even  more  strongly  for  this  aircraft.  Particularly  in  the  petered  !'"t  flight  regime,  this  aircraft  is  dominated  by  an  unusual  com- 
plexity of  aerodynamics  and  flight  control  mixing.  !t  is  very  likely  that  reliable  information  of  a design  nature  could  only  be  extracted 
after  applying  significant  aerodynamic  and  engineering  experience  relating  to  this  particular  aircraft  in  order  to  form  -'ate  a satisfactory 
model.  Esen  at  that  point,  unusu  .'  m , • Jcer  related  difficulties  are  likely  to  occur  in  applying  the  identification  procedures  which 
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result  from  tha  high  vibration  environment  and  the  oomptex  aerodynamic  now  Held  to  which  even  the  boom  mounted  aeneort  are  sub- 
jected. In  addition,  the  effects  of  atmoaphehc  iisturbsnces  become  of  longer  and  more  significant  dura  bon  in  the  flight  record  at  the 
low  airspeeds  involved. 

Nevertheless,  unlike  the  caaa  of  the  helicopter,  there  did  exist  from  wind  tunnel  testa  and  other  independent  flight  informa- 
tion prior  estimates  of  aooe  of  the  conventional  stability  derivatives.  Since  information  of  a handling  qualities  nature  was  sought  in 
rsla  boa  to  a precast  small  perturbation  instrument  Hying  task,  it  wu  of  interest  to  apply  the  basic  longitudinal  stability  derivative  repre- 
sentation given  by  Equations  3.1.2.  except  that  for  the  results  reported  here  the  derivatives  with  respect  to  the  time  rale  of  change  of 
thx  rtsts  observation  vector  wen  not  used.  In  the  most  fundamental  sense , it  would  be  thought  that  a amplified  modelling  and  identi- 
fies boa  procedure  would  have  some  validity  if  it  could  satisfactorily  reproduce  the  flight  reiponse  using  close  to  them  e priori  values, 
aad  at  the  same  time  yield  physically  realistic  « slues  of  the  other  derivstivea 

la  order  to  assist  the  identification  procedure  by  constraining  the  venations  In  some  of  the  derivttivee  in  a manner  similar 
10  the  fundamental  parameter  formulation  di  the  previous  section,  the  normal  and  longitudinal  acceleration*  were  added  to  the  state 
vector.  The  model  described  in  Equations  3.1.2  is  now  extended  to  include 

A*  - X^u  ♦ X,W  ♦ XqO  ♦ X,#  ♦ Xijk,  ♦ X,,*,  ♦ Xit4.  ♦ x,t«. 

A,  - Z^U  ♦ Z.W  ♦ ZgQ  ♦ Z,»  ♦ z,  «t  ♦ Z,t»,  ♦ lii,  ♦ Z.,3, 

whan  the  f derivatives  are  a result  of  the  stability  augmentation  system. 

Them  expressions  contribute  to  the  elements  of  the  sensitivity  function  product  matrix 

[TF  '*•'  [^] 

to  aa  extent  allowed  by  their  respective  components  in  the  state  vector  weighting  matrix  |W1() . 

The  advantage  of  introducing  these  constraints  is  apparent  in  the  identities 


0 - A,  - W.Q 
* ' A,  ♦ U,Q 


3.4  Method  Used  to  Reduce  the  Influence  of  Process  Naim 

Process  none  commonly  is  said  to  be  the  real.'  of  unknown  random  inputs  to  the  system,  and  also  the  effect  of  errors  in 
the  mathematical  model  chosen  to  describe  the  system.  The  former  will  generally  consist  of  unknown  small  atmospheric  disturbances 
occurring  during  the  test,  and  which  may  be  of  nearly  the  same  period  as  the  duration  of  the  test.  Consequently,  aa  implied  in  Section 
Z3.  it  it  often  not  meaningful  to  thmk  of  these  disturbances  in  a statistical  senae.  Moreover,  even  if  the  best  possible  model  is  chosen 
far  the  system,  bias  will  exist  in  the  iterated  parameters  as  the  algorithm  seeks  to  improve  i particular  fit.  This  can  itself  be  consadered 
a form  of  modelling  error.  While  more  advanced  techniques  do  exist  (Ref.  10)  which  can  account  more  analytically  for  process  noise, 
the  procedure  adopted  here  it  thought  to  adequately  allow  for  these  effects  form  a practical  point  of  view  for  most  situations. 

The  procedure  simply  involves  extending  the  data  base  from  which  the  parameters  are  calculated  by  including  a number  of 
ami  tar  but  independent  runt  for  which  the  same  model  parameters  are  expected.  These  additional  data  appear  as  ah  additional  dimen- 
sion in  the  state  and  control  input  vectors  in  the  compulation,  contributing  in  an  additive  manner  to  the  cost  function  and  sensitivity 
function  matrix.  The  result  is  a single  set  of  model  parameters  best  firing  several  runs  which  may  differ  to  an  unknown  extent  in  terms 
of  atmospheric  turbulence,  and  the  peculiarities  of  the  exciting  control  inputs 

4.0  RESULTS 

4.1  Befl  205  (UHIH)  Helicopter 

The  procedures  just  outlined  have  been  used  to  obtain  21  lateral-directional  and  30  longitudinal  stability  derivatives  of  the 
Bell  205  helicopter  from  the  identification  of  19  and  33  more  fundamental  parameters  respectively. 

The  observed  responses  used  in  the  cost  functions  were  roll  rate,  yaw  rate  and  lateral  velocity  for  the  lateral-directional  tests, 
and  longitudinal  velocity,  normal  velocity,  pilch  rate  and  normal  acceleration  for  the  longjtudtnal  tests.  In  both  cues,  i quuilinearixa- 
tion  procedure  similar  to  that  described  in  Section  2 was  used  to  first  remove  the  unknown  biases  from  the  measures  errti  of  the  Euler 
angles  and  their  rates  prior  to  formation  of  the  observed  state  response  vector.  This  procedure  is  described  in  Reference  8.  The  obser- 
vations of  linear  velocity  were  obtained  from  an  on-board  real  time  calculation  of  wideband  inertial  body  axis  velocities,  the  reliability 
of  which  had  been  independently  verified. 

The  two  sets  of  control  inputs,  lateral  cyclic  and  tail  rotor  collect]  e,  and  longitudinal  cyclic  and  main  rotor  collective  were 
mea«ured  at  the  pilot's  control,  and  their  unfiltered  time  rates  of  change  calculated  directly  for  inclusion  in  the  vector  forcing  functions. 
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fawnl  tmti  aach  with  about  M tofiftaen  aecorvij  of  random  ( sdtatkm  ware  parfarmd  in  ostensibly  smooth  atmoapharic 
mmtitinaa  for  each  o t thraa  different  speeds,  40, 70  and  100  knot*.  The  70  (not  results  are  presented  ban. 

41.1  * Lateral  Diractio— I Eaemalts 

The  aetimatxe  obtained  for  10  dominant  Utml-diiectjonaJ  stability  derivatives  are  prrn  in  Figure  3 for  three  teats  all  pe* 
formed  tea  the  asms  reference  flight  condition.  The  results  are  all  physically  realistic  indicating  the  success  of  the  fundamental  param- 
eter formulation  which  allowed  use  of  the  e priori  weight  technique  with  confidence.  Although  one  would  expect  close ly  similar  results 
torn  each  of  the  runs,  there  are  some  significant  variations  among  some  of  the  eaimatea,  for  example  the  roll  damping  derivative,  lr. 
The  moat  likely  causes  of  these  difference  are  thought  to  be  the  existence  of  mull  unknown  atmospheric  disturbances  and  peculiarities 
hs  the  response  resulting  from  the  particular  characteristics  of  the  control  inputs  which  were  of  course  different  from  run  to  run. 
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Pig.  3:  Ball  20S  Hetteoptar 


When  the  data  base  was  expanded  to  simultane- 
ously indude  all  these  runs  in  a conglomerate  analysis,  the 
results  shown  in  the  last  column  of  Table  1 were  obtained. 
As  shown  in  Figure  4 for  a typical  run,  these  estimates  pro- 
duced a quality  of  fit  nearly  as  well  as  when  the  run  was 
treated  separately.  Figure  3 indicates  how  the  root  mean 
square  errors  for  the  fitted  parameters  varied  for  the  three 
runs  separately,  and  as  part  of  the  conglomerate.  While  the 
penalty  for  demanding  that  a common  set  of  derivatives  be 
found  which  fits  all  runs  is  an  increase  in  the  cost  function, 
the  increase  is  small  and  it  is  argued  that  the  confidence  in 
using  the  results  for  more  general  applicability  is  consider- 
ably enhanced. 
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Lateral- Dtrrctiooal  Result* 


4.1.2  Lossgi tudmal  Estimates 

Some  of  the  results  of  the  longitudinal  analysis  for  the  helicopter 
are  presented  in  Figure  5 for  the  reference  flight  condition  occurring  at  70 
knots.  Again  there  is  physical  realism  in  the  results,  bearing  in  mind  that  the 
flight  vehicle  is  a helicopter  (for  example,  Xq  is  unusually  high  because  of 
the  (lapping  rotor),  but  there  remains  a variability  among  estimates  obtained 
from  separate  tuns. 

To  better  illustrate  the  effects  of  the  conglomerate  analysis,  the 
total  weighted  root  mean  square  error  for  ail  fitted  parameters  is  plotted  in 
the  same  figure  for  the  runs  treated  separately  and  together  at  succemtve 
iteration  steps.  All  runs  were  started  at  step  zero  with  the  same  set  of  initial 
estimates.  The  dashed  line  represents  the  global  weighted  root  mean  square 
error  across  aO  four  runs,  and  it  is  seen  to  have  <x  n verged  quickly  to  nearly 
its  f -al  value  by  iteration  Step  2.  At  the  same  time,  the  dispersion  in  fit 
rror  among  the  runs  treated  separately  and  together  of  course  decreases, 
and  carries  on  for  the  separate  runs  to  their  own  minima  by  Step  5.  It 
could  be  said  that  the  separate  minima  achieved,  and  the  variability  in  the 
final  estimates  together  reflect  the  peculiarities  of  these  runs.  However, 
while  the  total  global  fit  error  remains  nearly  constant  fer  the  conglomerate 
case  after  Step  2,  it  is  seen  that  the  conglomerate  dispersion  is  decreased 
and  the  error  distributed  to  a closely  equivalent  level  across  all  four  runs.  It 
is  this  effect  which  supports  the  proposition  made  earlier  that  possible  errors 
due  to  process  noise  have  been  reduced.  While  this  process  noise  is  not 
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testified,  and  it  ss  iwevitaWy  true  Out  deficiencies  remain  in  th*  math*- 
statical  model,  th*  confidence  with  which  (he  engineer  can  apply  theta 
remits  is  a more  general  a enaa  it  consaicnbiy  increased. 

Figure  i ihowt  the  quality  of  fit  which  it  achieved  for  a typical 
nan  treated  aeperataly  and  in  a congiomeritt  fashion.  Again  the  differences 
an  sot  feat,  and  are  plausibly  attributable  to  control  input  pecuhantiea 
and/ or  unknown  atmoaphanc  disturbances 

O <X-M  V/tTOt  Aircraft 

A brute  force  stability  derivative  technique  employing  the  rw- 
preerntatsoa  pa  m Equatime  3.1.2  was  used  with  flight  data  from  the 
aircraft  in  its  wing  angle  40  degree;  (relative  to  horizontal  datum)  configu- 
ration shown  approximately  in  Figure  I The  test  procedure  was  identical 
to  that  described  earlier  foe  the  helicopter,  except  that  the  reference  flight 
conditio*  waa  at  a nominal  steady  descent  angle  of  nine  degrees  referred  to 
still  air.  The  corresponding  airspeed  in  this  configuration  it  approximately 
forty  knots. 

The  results  of  two  different  analyses  of  the  tingle  test  available 
with  the  aircraft  tit  due  configuration  (with  stability  augmentation)  are  shown 
in  Figure  7. 

The  ability  of  the  * priori  rallies  to  model  the  response  when 
only  the  longitudinal,  normal  and  angular  pitch  velocities  were  used  in  the 
SUM  observation  vector  is  indicated  in  Column  2.  With  the  exception  of 
Xf,  to  be  dncuaatd  later,  the  response  damping  derivatives  and  where  appli- 
cable, the  control  input  derivatives  have  remained  dose  to  their  e priori 
values.  Five  > tendons  wets  performed  with  high  relative  weights  on  all  the 
e priori  values.  The  other  derivatives,  notably  the  control  derivatives  for 
which  there  were  no  e priori  initial  estimates  readily  available,  have  all 
attained  reasonable  values.  Shown  in  the  same  figure  are  the  root  mean 
square  errors  in  the  observed  parameters  using  these  results.  The  longitu- 
dinal and  normal  accelerations  ciku lurd  using  these  derivatives  do  Dot  fit 
well,  howewee. 

When  the  longitudinal  and  normal  accelerations  arc  included  in 
the  Hate  response  vector,  and  the  high  weights  on  the  a priori  values  re- 
tained, the  results  are  as  shown  in  Column  3.  Although  more  of  the  deri- 
vatives have  deputed  from  the*  e priori  rallies,  there  is  still  reasonable 
correspondence.  It  may  be  significant  that  the  e priori  values  available  lid 
nor  relate  precisely  to  the  reference  condition  used  in  the  flight  tests. 

The  quality  of  fit  achieved  with  the  results  not  incorporating 
A,  aid  A,  are  shown  in  Figure  8.  The  poor  resolution  of  the  data  and  tick 
of  response  m longitudinal  velocity  assuredly  contribute  to  the  discrepancies 
an  these  derivatives  seen  m the  Table.  With  A,  and  A,  included,  the  results 
m Figure  9 are  obtained.  While  it  is  tempting  to  release  some 
of  the  weighted  parameters  m order  to  further  reduce  the  fit 
errors  which  are  particularly  visible  in  the  accelerations,  there 
would  be  no  baas  for  confidence  of  the  new  values  obtained 
without  other  corroborating  flight  data.  This  was  done,  and 
although  good  fits  were  obtained,  physically  unrealistic  values 
resulted.  For  example,  in  attempting  to  fit  At , the  algorithm 
tends  to  identify  an  unjustifiably  large  value  of  X,  , while  the 
more  correct  derivative  which  likely  should  be  identified  is 
Xq.  This  difficulty  is  probably  > result  of  the  high  value  of 
pitch  damping  due  mainly  to  the  stability  augmentation  sys- 
tem, a^  could  perhaps  be  alleviated  by  extending  the  analysis 
used  here  to  also  identify  an  appropriate  W0  as  appearing  in 
Equations  3.1.2.  thereby  separating  Xq. 
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fig  7:  CL-84  Stability  Derrrxlrrv  estimates 
with  Stability  Augments  now- Wing  40 
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While  the  extent  of  the  stability  derivative  model 
assumed  is  obviously  limited,  all  of  the  fitting  discrepancies 
are  not  necessarily  a result  of  this  modelling  simplification. 
The  extended  influence  of  ctmospheric  turbulence  at  the  low 
flight  speed  of  the  test  (40  kts),  and  the  distinct  likelihood  of 
both  static  and  dynamic  position  errors  for  the  pitot-static  sys- 
tem and  the  boom  mounted  and  angle  of  attack  vane  from 
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Fig.  8:  CL-84  Results  Without  Acceleration* 
lachadsd  in  State  Observation  Vector 
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•hick  In car  ss  loci  bet  wen  derived  present  unusual  uncertain- 
ties hi  cosnperaoc  with  testa  with  conventional  aircraft. 

However,  u a reault  of  thia  analytic,  the  t priori 
value*  available  foe  the  liability  derivativei  have  been  verified 
approximately,  and  additional  derivativei  deduced,  notably 
X,  , Zj^.and  Of  equal  uae  i*  the  information  made 
available  to  the  engineer  during  the  courte  of  the  analyse 
■elating  to  deficfcndes  in  the  model  aatumed  and  the  identift- 
catioa  of  particular  improvement*  needed  to  be  incorporated. 

SO  CONCLUSION 

Stability  derivativei  for  the  Bell  205  helicopter 
have  been  derived  for  both  bteraEdirectkmal  and  longitudinal 
degree*  of  freedom,  the  tucceia  of  the  analysis  depended  on 
formulation  of  the  stability  derivatives  in  terms  of  more  fun- 
damental parameters  peculiar  to  the  specific*  of  the  aircraft. 

The  confidence  in  the  more  general  applicability  of  the  re- 
sults was  obtained  by  determining  a tingle  set  of  derivatives 
best  fitting  the  information  contained  in  several  separate  runs 
from  the  seme  reference  flight  condition.  In  this  way.  the 
effects  of  unknown  atmospheric  turbulence,  and  of  pe Cub- 
an tie*  in  the  control  inputs  were  reduced. 

Data  from  the  CL-84  aircraft  have  been  analysed 
to  aaaes  the  validity  of  existing  conventional  stability  derivatives  for  the  aircraft.  While  there  is  general  correspondence  with  the  pre- 
viously available  data  and  additional  derivatives  have  been  obtained,  it  is  apparent  that  this  simplified  stability  derivative  modelling  tech- 
nique is  deficient  in  being  able  to  more  accurately  describe  the  response.  Formulation  of  the  aircraft  model  in  more  complex  terms 
peculiar  to  the  aircraft  is  considered  a requirement  in  order  to  obtain  reliable  system  information. 

It  is  proposed  that  a logical  analytical  sophistication,  which  appears  to  be  tagging  the  advancements  in  identification  tech- 
niques, is  the  more  fundamental  formulation  of  system  models.  Not  only  is  this  now  analytically  tractable,  it  also  yields  more  basic  and 
meaningful  information,  and  may  in  some  cases  such  as  those  described  here  be  of  absolute  necessity. 
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ROTORCRAFT  DERIVATIVE  IDENTIFICATION  FROM  ANALYTICAL 
MODELS  AND  FLICHT  TEST  DATA* 
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SUMMARY 

A general  procedure  is  presented  for  systematic  development  of  rotorcraft 
■ode Is  for  use  in  systans  identification,  which  includes  fuselage  and  rotor  degrees  of 
freedon  (DOF).  Formulations  for  rigid  blade  flap  and  lag  as  well  as  the  normal  node 
representation  of  an  elastic  blade  are  developed  for  hingeless  and  articulated  rotor 
systems.  The  method  of  multiblade  coordinates  is  used  to  obtain  linear  constant 
coefficient  state  variable  models  of  various  levels  of  approximation.  Two  of  the 
approximate  aodols,  a 6 DOF  and  a 9 DOF,  are  identified  froa  a nonlinear  articulated 
helicopter  computer  simulation.  The  results  demonstrate  the  accuracy  attainable  for 
each  nodal. 


Advanced  statistical  systen  identification  nethods  and  algorithms  are  reviewed. 
A least  squares  method  used  with  an  optiaua  data  filter  and  an  extended  Kalman  filter  are 
both  used  to  identify  6 DOF  derivatives  fron  helicopter  flight  test  data.  Derivative 
and  tine  history  comparisons  are  made  and  correlated  with  analytic  model  derivatives. 

The  results  outline  the  status  of  rotorcraft  modeling  and  systems  identifies* 
tion  and  indicate  areas  that  require  further  investigation. 

INTRODUCTION 

A need  exists  for  methods  that  will  enable  systematic  correlation  and  improve- 
ment of  existing  rotorcraft  analytic  prediction  methods.  For  example,  analytic  models 
generally  predict  incorrectly  the  unstable  Dutch  roll  characteristics  associated  with 
some  helicopters  at  high  speeds.  Also,  many  existing  analytic  models  do  not  predict  the 
correct  gain  values  of  pitch  rate  feedback  which  cause  the  rotor  tip  path  plane  to 
become  unstable.  In  addition  to  these  problems,  requirements  exist  for  more  accurate 
control,  gust  alleviation,  and  improved  handling  qualities  of  current  and  future  rotor- 
craft. These  are  among  the  motivating  factors  for  pursuing  the  identification  of 
derivatives  from  rotorcraft  flight  test  data. 

Successful  identification  of  derivatives  from  rotorcraft  flight  data  requires 
three  fundamental  steps.  First,  the  modeling  requirements  and  the  important  degrees 
of  freedom  of  the  problem  must  be  defined.  Second,  a computationally  efficient  yet 
accurate  identification  algorithm  is  required  to  treat  both  measurement  and  process 
noise.  Third,  the  proposed  method  must  be  applied  to  flight  test  data  and  a complete 
evaluation  must  be  conducted  through  correlation  with  flight  data  and  analytic  pre- 
diction. Iteration  on  these  three  steps  is  required  until  the  modeling,  algorithm, 
and  correlation  all  yield  satisfactory  results.  This  paper  is  concerned  with  each  of 
these  three  steps,  with  particular  emphasis  on  the  rotorcraft  modeling  problem. 

A general  procedure  is  presented  for  development  of  rotorcraft  models.  The 
models  vary  in  complexity  and  are  dependent  on  the  number  of  blades  and  rotor  type. 

A large  number  of  models  are  developed  to  approximate  the  rotor  and  fuselage  degrees 
of  freedom,  which  range  from  an  18  DOF  flap- lag- fuselage  model  to  a first  order 
representation  of  the  rotor.  The  6 degree  of  freedom  quasi-static  fuselage  model  is 
also  considered. 

The  need  for  including  rotor  degrees  of  freedom  in  rotorcraft  derivative 
identification  was  established  in  Reference  1,  which  shows  that  identified  6-DOF 
helicopter  derivatives  only  approximate  the  conventional  quasi-static  values.  This 
is  a direct  result  of  not  including  the  rotor  degrees  of  freedom  in  the  identification. 
Reference  2 discusses  the  results  of  identification  of  both  a 6 DOF  rigid  body  model 
and  a 9 DOF  rotor  and  fuselage  model  from  a nonlinear  computer  simulation  of  a 
helicopter.  The  results  demonstrate  that  the  9 DOF  identified  model  represents 
short  period  time  histories  considerably  better  than  does  the  6 DOF  model.  These 
studies  indicate  the  need  to  investigate  the  general  rotorcraft  modeling  problem  and 
determine  the  accuracy  in  identified  derivatives  that  can  be  obtained  for  the  various 
approximate  models. 

The  modeling  problem  is  considered  in  two  parts.  The  first  part  discusses 
the  method  for  transforming  rotorcraft  equations  of  motion  into  various  approximate 
constant  coefficient  models  of  the  rotor  and  fuselage.  Both  hingeless  and  articulated 
rotors  are  considered.  The  second  part  gives  results  of  a nonlinear  computer  simula- 
tion study  that  investigated  the  derivative  accuracy  obtainable  for  two  approximate 
constant  coeficient  linear  models  using  system  identification  from  input/output  data. 


•Fart  of  this  research  was  supported  by  USAAMRDL  Langley  Directorate  and  NASA,  LRC, 
Hampton,  Va. 
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A number  of  studio*  roportod  in  tho  litoraturo  discuss  tho  problea  of  rotor- 
craft  modeling.  Hoheneaser  in  Reference  3 was  probably  tho  first  to  foraulsto  tho 
rigid  body  ouasi-static  derivative  nodal  for  rotorcraft.  Tho  quasi-static  derivative 
assunption  is  based  on  the  fact  that  the  rotor  degrees  of  freedoa  are  of  higher 
frequency  than  the  fuselage.  As  a result,  the  contribution  of  the  rotor  can  be  luapod 
into  the  fuselage  to  fora  a A degree  of  freedoa  derivative  nodal.  This  approximate 
nodal  is  generally  satisfactory  for  low-frequency  handling  qualities  studies  and  for 
prellainary  aircraft  stability  and  control  assessaent.  Such  a aodel  is  generally  not 
acceptable  for  high-frequency  transient  predictions  or  high-gain  feedback  studies. 

The  question  of  adequate  hingeless  rotor  aodeling  in  flight  a yn sales  is  treated  in 
References  4 and  S,  which  conclude  that  for  low-advance  ratios,  first  flap  bending 
is  required.  References  6 and  7 consider  the  aultiblade  coordinate  representation  of 
rotor  dynaaics  and  deteraine  the  regions  in  which  the  constant  coefficient  aultiblade 
coordinate  aodel  is  a good  representation  of  the  periodic  coefficient  rotating 
coordinate  aodel.  A further  approxiaation  is  presented  in  Reference  I,  in  which  a 
flapping  rotor  is  represented  by  a first-order  rotor  aodel. 

Rotorcraft  aodeling  requireaents  for  accurate  derivative  identification  froa 
input/output  data  remain  to  be  answered.  In  particular,  this  paper  addresses  the 
question  of  how  accurately  derivatives  can  be  identified  for  the  various  approxiaate 
models.  In  addition,  a generalized  procedure  is  presented  for  development  of  constant 
coefficient  aodels  for  the  rotor  and  fuselage  of  both  hingeless  and  articulated 
rotors.  Both  rigid  blade  flapping  and  blade  flexibility  are  considered. 

The  second  fundaaental  step  necessary  for  accurate  identification  of  rotor- 
craft derivatives  froa  flight  data  is  the  requirement  for  a computationally  efficient 
yet  accurate  algorithm.  A review  of  aethods  for  parameter  and  state  estimation  is 
presented,  with  particular  emphasis  on  advance  statistical  aethods  of  identification. 
These  include  (1)  maximum  likelihood  (ML),  (2)  maximum  a posteriori  parameter 
estimation  (MAP- parameter)  and  (3)  maximum  a posteriori  state  estimation  (MAP-state). 
Approximate  aethods  of  solution  are  discussed  for  each  of  these  aethods.  The  solutions 
all  result  in  a Kalman  filter,  with  the  ML  and  MAP-paraaeter  estiaation  aethods 
requiring  an  iterative  algorithm,  such  as  quasi-linearization;  and  the  MAP-state 
estiaation  aethod  resulting  in  an  extended  Kalaan  filter  or  second-order  filter. 

The  aethod  used  for  application  to  flight  test  data  is  the  extended  Kalaan  filter. 

The  effect  of  various  data  filters  is  exaained,  using  both  the  extended  Kalaan  filter 
and  a least  squares  method. 

The  third  fundaaental  step  necessary  for  accurate  identification  is  applica- 
tion to  flight  test  data  and  correlation  with  analytic  prediction  aethods.  The  flight 
test  applications  presented  use  a 6 degree  of  freedoa  identification  aodel.  The  flight 
data  used  are  froa  a CH-S3A  helicopter  at  100  knot  tria  condition,  and  the  identified 
derivatives  are  correlate.,  with  derivatives  obtained  froa  a nonlinear  helicopter 
analytic  computer  aodel  that  includes  fuselage  and  blade  flapping  degree  of  freedoa. 

The  three  fundamental  steps  are  reported  in  this  paper.  The  results  conclude 
the  first  iteration  in  the  development  of  a successful  procedure  for  obtaining  rotor- 
craft derivatives  froa  flight  test  data. 

ROTORCRAFT  MODELING 

The  rotorcraft  aodeling  problem  is  difficult  because  of  the  large  nuaber  of 
degrees  of  freedoa  that  occur  both  in  the  nonrotating  and  rotating  axes  and  because 
of  the  coaplexity  in  the  aerodynaaics . The  aost  important  degrees  of  freedoa  required 
to  describe  the  rigid  aircraft  notion  are  the  rigid  body  and  the  flapping  rotor,  but 
inplane  (lag),  torsion,  higher  blade  nodes,  or  air  aass  dynamics  may  be  required  for 
particular  studies  or  for  investigation  of  rotor  instability  problems.  Figure  1 
summarizes  various  degrees  of  freedoa  that  aay  contribute  to  vehicle  motion. 

Low-frequency  rigid-body  flight  dynamics  can  be  modeled  adequately  with  6 
degrees  of  freedoa,  but  transient  data  contain  both  body  and  rotor  notions.  Identifica- 
tion using  only  6 degrees  of  freedoa  results  in  derivatives  that  are  only  approximations 
of  conventional  quasi-static  derivatives.  Accurate  rigid  body  derivatives  can  be 
obtained  by  first  identifying  the  derivatives  of  a larger  model,  which  includes  the 
fuselage  and  separate  rotor  degrees  of  freedoa,  and  then  reducing  this  aodel  to  6 DOF 
quasi-static  derivatives.  In  addition,  the  individual  derivative  contributions  froa 
the  rotor  degrees  of  freedoa  can  be  obtained  froa  the  larger  fuselage  and  rotor  aodel. 

The  rotorcraft  aodeling  problea  is  discussed  in  the  following  sections,  with 
emphasis  on  developing  a simple  and  accurate  characterization  of  the  rotor  for  use 
in  systea  identification. 
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Figure  1.  - Illustrative  Disgraa  of  a Rotorcraft  Showing  the  Degrees  of 
Freedom  Which  Describe  the  Total  Vehicle  Motion. 


Rotor  Characterization 


Four  basic  rotor  systea  types  can  be  classified:  (1)  articulated,  (2)  seal- 

rigid  (teetering),  (3)  hingeless,  and  (4)  rigid  (including  propellers).  Reference  9 
discusses  typical  rotor  configurations  for  each  of  the  rotor  systeas.  Each  rotor  systea 

is  distinguished  according  to  the  blade 
natural  frequency  in  the  flapping  and  in- 
plane directions.  An  articulated  rotor 
systea  consists  of  rigid  blade  flap  and 
lag  notion,  and  a hingelass  rotor  consists 
of  elastic  deflection  in  the  flatwise  and 
inplane  directions.  This  characteriza- 
tion is  shewn  in  Figure  2,  obtained  froa 
Reference  9.  Frequencies  for  several 
rotorcraft  have  been  superiaposed  on 
this  figure.  The  significance  of  this 
characterization  for  rotorcraft  is  that 
the  four  basic  rotor  concepts  can  be 
treated  conparably,  with  the  difference 
appearing  in  the  natural  frequency  of 
the  blade  notion. 

In  addition  to  the  flapping 
and  inplane  blade  notion,  each  olade 
will  generally  consist  of  torsional 
and  higher  order  blade  elastic  deflec- 
tions. For  the  purposes  of  flight 
dynaalcs,  these  nodes  can  generally 
be  ignored  due  to  their  snail  influence 
!-•  i.'  on  basic  aircraft  notions. 

fcuar  rjpv : j..  rvnzwcr  -g/Q 


Figure  2.  Rotor  Characterization  by 

Flapping  and  Inplane  Natural 
Frequency  Showing  Location  for 
Typical  Rotorcraft. 

Transformation  of  Rotating  to  Fized  Ages 


The  nonlinear  equations  of  notion  of  a rotorcraft  in  forward  flight  contain 
coefficients  that  are  periodic  with  rotor  azinuth  and  result  fron  assynetric  rotor 
aerodynanic  loading  in  forward  flight.  Linearization  of  the  nonlinear  equations 
result  in  linear  equations  with  periodic  coefficients.  The  rotor  state  variables  for 
blade  flap  notion  can  be  represented  conveniently  in  the  fized- axes  systea  by  a 
nultiblade  coordinate  transformation.  This  transformation  is  of  the  fourier  type  and 
is  given  by  equation  (1) 


(1) 


/ 

14-4 


•o  " */"b  jj  *i 

•■e  " 2/1*  jj  *1  eo*  ■ fi 

•a.  • 2/J*  *i  ,la  ■ 

*4  * 2/*b  jj^*i  (-W*  i *v#a  only 

The  flapping  notion  of  the  ith  blade  is  then 

k 4 

*1  . *0  ♦ f ( *ncco*  » #i  ♦ *n.  *i»  «*i)  ♦ *a(-l)  (2) 

a-1 

where 

^ f 1/2  0*  -1).  Ht,  odd 

1 1/2(1*  - 2).  Nb  even 


The  coordinates  to  the  left  of  the  equal  sign  in  equation  (1)  are  now  in 
the  nonrotating  axes  system.  When  transforning  the  periodic  coefficient  equations, 
an  additional  fourier  operation  is  made  in  the  equations,  as  discussed  in  Reference  7. 
This  second  operation  eliminates  aany  of  the  periodic  coefficients  from  the  equations 
in  the  nonrotating  systen  and  results  in  constant  coefficients  plus  higher  order 
harmonic  terms.  The  constant  coefficient  approximation  is  then  obtained  by  using  the 
time-averaged  coefficients  in  the  nonrotating  frame. 

The  procedure  for  accomplishing  this  transformation  will  be  shown  for  both 
articulated  and  hingeless  rotor  systems.  The  state  variable  notation  will  be  used 
whenever  convenient,  and  the  number  of  rotor  modes  will  in  general  depend  on  the 
degrees  of  freedom  chosen  for  the  model. 

Generalised  modeling  procedure  for  articulated  rotors.  The  nonlinear  equa- 
tions of  motion  of  a rotorcraft  can  be  written  in  .-state  notation  according  to  equation 
(3),  where  xj  represents  the  state  vector  of  fuselage  variables  in  the  nonrotating  axis, 
and  x£  represents  the  rotor  state  variables  in  the  rotating  axis. 

*1  “ *l(£l»  5$.  «• 

i$  “ fz(*i.  t)  (3) 


The  superscript  R implies  that  the  state  vector  is  in  the  rotating  axis  systen,  and 
the  variable  t represents  the  fact  that  the  equations  contain  terms  that  are  periodic 
with  period  tj . The  vector  u represents  the  rr<trjl  input  vector. 

Linearization  of  equation  (3)  results  in  linear  equations  with  periodic 
coefficients,  as  shown  in  equation  (4). 

*1  * PllC*)*!  ♦ F12(*)*2  * Gi(t)“ 

if  ■ F2i(*)5l  * ♦ GgC*)"  (*) 


The  matrix  arrays  Fij(t)  represents  periodic  coefficient  functions  of  period  t2. 

This  periodicity  is  denoted  by  t. 

Transformation  to  the  nonrotating  axis  is  accomplished  by  the  transformation 
given  in  aquation  (S) 

- T(t)  x2  (S) 

where  the  state  vector  x2,  without  the  sup e. -script,  represents  coordinates  in  the 
nonrotating  axis.  The  matrix  T(t)  represents  a transformation  that  will  generally  be 
periodic.  Substitution  of  equation  (5)  into  equation  (4)  results  in  equation  (6). 

il  “ F11  (*)*!  * F12(t^  T 52  * Gl(t)“ 


52  " T'lF2l(t>*L  ♦ T-1(F22(t)T  - f)  xj  * T'1G2(t)u 


(6) 
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Hm  variable  t has  been  dropped  for  simplicity  In  the  transformation  aatrix  T(t). 

S nation  (6)  la  now  in  the  nonrotating  axis  system,  and  the  coefficients  are  periodic 
til  period  t«.  The  transformation  matrix  T(t)  is  generally  chosen  to  satisfy  the 
transformation  given  by  equation  (1)  which  results  In  eultiolade  coordinates. 

The  constant  coefficient  approximation  is  then  obtained  by  averaging  the 

Criodic  coefficients  over  one  period.  The  resulting  constant  coefficient  equations 
the  aonrotatlng  axis  systea  are  given  by  equation  (7),  where  the  coefficients 
Agj  and  **  represent  the  average  value  of  the  appropriate  terns  in  equation  (6). 

*1  • All£l  ♦ A12xj  ♦ »!»»  (7) 

*2  " A21£2  ♦ a22*2  ♦ 


Equation  (7)  represents  a suitable  form  for  use  in  rotorcraft  derivative 
identification.  The  actual  nun bar  of  rotor  coordinates  used  will  depend  on  the 
nunber  of  blades,  the  degree  of  approximation  desired,  and  the  iiumber  of  nodes  used 
to  represent  the  rotor.  This  will  be  discussed  further  in  a subsequent  section. 

Associated  with  equation  (7)  will  be  a set  of  neasurenent  equations.  These 
are  given  by  equation  (3): 


il  ■ «1  £2 

xj  - H2  xj  - H2T(t)  x2 


(» 


The  matrix  H.  and  H?  represents  the  relationship  between  state  variables  and  measure- 
neats  und  is  generally  known.  For  an  articulated  rotor,  z§  will  represent  the  vector 
of  blade  flap  and  lag  angles  measured  in  the  rotating  axis.  The  formulation  above  is 
noastochastic,  so  additive  neasurenent  noise  is  not  included  in  equation  (8)  and 

frocess  noise  is  absent  in  equation  (7).  The  stochastic  foraulatlon  will  be  treated 
ater. 


A convenient  alternative  foraulatlon  for  rotorcraft  is  to  transform  the  rotor 
states  of  equation  (7)  to  normal  coordinates  £2*  Thi*  I*  accomplished  by  the  trans- 
formation in  aquation  (9),  in  which  N2  represents  the  nodal  aatrix  associated  with 
rotor  state  variables  x^: 


£2  ’ *2  Z2 


(9) 


This  results  in  equation  (10)  in  which  *22  is  a diagonal  aatrix  of  eigenvalues: 

£l  " A11  il  ♦ *12  12  * *1  £ l10> 

h * *21  il  ♦ *22  12  * Bi  “ 

where 

*12  • a12*2  » *21  “ M21  A21 * *22  ” *2*  A22M2 
and  >2  " Mj1  B2.  The  measurement  equations  are  now  given  by  equation  (11): 


il  “ H1  £1 

x§  - Hz  T(t)  M2  lz 


(ID 


Equations  (10)  and  (11)  represent  an  alternative  fora  for  use  in  derivative 
identification.  This  fora  is  particularly  convenient,  because  the  identification  can 
be  treated  in  two  stages.  In  the  first  stage,  spike  inputs  into  the  controls  of  a 
rotorcraft  will  permit  sinple  inspection  of  the  rotor  neasurenents  to  obtain  the 
frequency  and  damping  of  the  rotor  nodes  along  with  the  nodal  matrix  M2.  Although 
the  details  of  this  procedure  will  not  be  given  here,  use  of  a zero  phase  shift  band- 
pass digital  filter  and  free  response  data  resulting  from  spike  inputs  enables  deter- 
mination of  the  natrices  M2,  A?2  and  Eg.  The  second  stage  is  then  to  identify  the 
remaining  elements  of  the  natrices  A^j,  *i2,  Bi  and  Ajj,  vsing  the  identification 
algorithm  to  be  discussed  in  a subsequent  section.  The  first  stage  peraits  accurate 
determination  of  the  rotor,  because  the  rotor  nodes  all  lie  near  the  inaginery  axis 
(low  damping)  for  rotorcraft  and  can  be  accurately  separated  with  a bandpass  digital 
filter,  such  as  the  one  developed  by  Martin  and  Graham  in  Reference  10. 

Generalized  modeling  procedure  for  hingeless  rotors.  Hingeless  rotor  systeas 
can  be  aodeled  using  the  normal  node  representation  of  an  elastic  blade.  This 
assumption  is  based  on  the  fact  that  the  deflection  along  a blade  can  be  approximated 
as  the  product  of  mode  shapes  and  time  functions  (participation  factors).  The  inplane, 
vertical,  and  torsional  deflections  of  a flexible  blade  can  be  written  as 
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■ y(r.t)' 

Bit 

’ra(r)  ' 

«(r,t) 

- I 

*»<r> 

•(r.t) 

n*l 

_•»(*>  . 

(12) 


where  y(r,t),  *(r,t)  and  e(r,t)  represent  the  inplane,  vertical,  and  torsional 
deflections  in  the  shaft  axis  system  as  a function  of  blade  span  r and  tine  t,  and 
na  equals  the  number  of  nodes.  The  matrix  on  the  right  of  the  equal  sign  in  equation 
(12)  is  the  matrix  of  mode  shapes  and  depends  on  blade  span  r.  The  participation 
factors  *a(t)  are  independent  of  blade  span  and  depend  only  on  time.  The  participa* 
tion  factors  are  the  solution  to  equation  (13). 


ln  * 2ta  -a  ia  ♦ •£  «a  • > 

*n 


(13) 


The  structural  damping  and  natural  frequency  of  each  mode  are  given  by  Ca  and  •„ 
respectively.  The  generalized  forces  are  denoted  by  Fa(  ).  The  parentheses  denote 
that  Fj|  is  a function  of  aerodynamics,  participation  factors,  control  inputs,  and 
all  state  variables.  Ia  represents  the  generalized  inertia  associated  with  each  mode. 


Equations  (12)  and  (13)  can  be  used  to  describe  the  motion  of  each  blade 
in  the  rotating  system.  Rather  than  use  equation  (12) , a more  convenient  fora  can 
be  obtained  by  writing  the  bending  moment  at  a radial  station  rj  in  terms  of  the 
participation  factors.  This  is  shown  in  equation  (14): 


IBM(rl»t) 

am 

^('i) 

I 

^BMn(rl) 

TBM(*l.t) 

n-1 

TBMa(*'l) 

(14) 


where  VBw(r, , t),  IgMCri.t),  and  Tgj^ri.t)  represent  the  vertical,  inplane,  and 
torsional  bending  moment  at  radial  station  rt.  The  load  coefficients  are  given 
by  VBM^(ri),  IBM  (rj) , and  TBM^(r^)  and  are  Independent  of  time.  The  load 


coefficients  will  depend  generally  on  the  blade  mode  shapes,  mass  and  inertia 
distribution,  rotor  rotational  speed,  and  natural  frequency  of  the  nodes.  The 
development  of  equation  (14)  can  be  found  in  Reference  11.  Equation  (13)  and 

(14)  will  be  used  to  represent  the  rotor  degrees  of  freedom  and  measurement 
equations  respectively.  Equation  (14)  is  nor*  convenient  than  equation  (12)  for 
the  measurement  equation,  since  blade  bending  moments  can  be  measured  readily  with 
Strain  gage  instrumentation. 

The  participation  factors  4n  in  equation  (13)  represent  the  generalized 
coordinates  in  the  inplane  and  out-of-plane  shaft  axis.  Since  the  blade  bending 
moments  are  measured  in  the  blade  axis  and  not  the  shaft  axis,  the  measurement 
equation  must  transform  the  inplane  and  out-of-plane  coordinates  to  blade  bending 
coordinates.  This  transformation  is  shown  in  state  variable  notation  in  equation 

(15) : 


if(ri,t)  - H2(#Rft)  X*  (rj,  t) 


(IS) 


P 

where  x^ri.t)  represents  the  state  vector  of  inplane  and  out-of-plane  bending 
moments  and  H2(*r  t)  represents  the  appropriate  transformation  to  convert  to  the 
blade  bending  moments  z^Cr^.t)  at  radial  station  rj.  Generally  H2(9R,t)  will  be 
a function  of  geometric  blade  pitch  angle  9R  and  hub  geometry  and  can  assume  *.o 
be  known. 


Equations  (13)  and  (IS)  can  be  combined  with  the  rigid  body  equations  to 
form  the  rotorcraft  equations  of  motion  given  by  equation  (16)  and  measurement 
equations  given  by  equation  (17) : 


*1  “ fl(£l»  *»(*).  “>  *) 

2n  * 2ea“n5n  * "£  an  " Fn  (*1» 

*1  " Hi  *1 

*2  ■ H2(*R't5  £2  <rl»tJ 

• H2(«R,t)  M(rx)  x*(t) 


(16) 


(17) 


where  M(r.)  represents  the  load  coefficients  with  respect  to  the  inplane  and  out-of- 
plane coordinates,  and  <n  is  represented  by  the  state  vector  xj(t). 


Llmnarlzation  of  aquation  (16)  and  conversion  of  the  generalized  coordlaatos 
*_  to  itsto  variable*  x,  rosulta  la  llnaar  aquation*  with  periodic  coafflcients.  Tha 
linearized  aquations  ar*  f Iran  by  aquation  (1<)  and  tha  measurements  by  aquation  (19) . 


£1  * Fil(*)£l  ♦ F12(*>i3  ♦ clC*)!i 

£$  • F2l(*)£l  * F22<*)£2  * C2(t)u 
il  • »l  *1 

*5(r!.t)  - H2(6R,t)M(r1)*5(t) 

Tha  superscript  X in  aquations  (IS)  and  (19) 
rotating  reference  axis,  and  tha  variable  ri 
banding  naasuranant  x|(rj,t)  is  at  blada  rad: 


(1«> 


(19) 

indicate  that  tha  coordinates  are  in  tha 
in  aquation  (19)  indicates  that  tha  blada 
al  station  r2. 


Equations  (IS)  and  (19)  represent  the  state  variable  description  of  a 
rotorcraft  with  flexible  blades.  The  rotor  state  naasurenents  are  given  by  equation 
(19),  which  contains  the  unknown  load  coefficient  natrix  M(ri).  Since  this  natrix 
cannot  be  uniquely  deternined  in  an  identification,  a transformation  is  required  to 
remove  M(rj)  from  tha  naasuranant  aquation,  as  shown  in  equation  (20). 

*}  (*!•«)  " *(rl)  5$  (t)  («) 


Substitution  of  aquation  (20)  into  aquations  (18)  and  (19)  results  in 
aquations  (21)  and  (22) 

*1  - Fll(t)5l  ♦ (*!•*)  ♦ G1(t)u 

*5  (»!.*)  * •’ilt*)*!  * F:2(t)  *S  (*i.«)  ♦ 02(*)“ 


il  • Hl  £1 

z§  (rltt)  - H2(«R.t)  xf  (rltt) 

where  F'12(t)  - F12(t)M-l(ri) , F21(t)  - M(rx)Fa(t), 

P22(«)  “ M(r1)F22(t)M-l(r)  and  C2(t)  - M(r1)C2(t). 


(22) 


The  rotorcraft  aquations  (21)  and  (22)  are  now  identical  in  structure  with 
tha  periodic  coefficient  equations  of  the  articulated  rotor  developaent  given  by 
aquations  (4)  and  (S).  Thus,  equations  (21)  and  (22),  which  are  periodic,  can  now  be 
transformed  into  constant  coefficient  equations  in  the  nonrotating  axis,  using  the 
aailtiblade  coordinate  transformation  given  by  equation  (S).  This  results  in  equations 
of  the  structure  given  by  equations  (7)  and  (8)  for  aultiblade  coordinates  and 
aquations  (10)  and  (11)  for  normal  coordinates. 

Tha  rotorcraft  derivatives  can  be  identified  from  input/output  data,  using 
either  equations  (7)  and  (8)  or  equations  (10)  and  (11).  The  procedure  outlined  in 
the  last  section  for  obtaining  rotor  eigenvalues  and  eigenvectors  from  free  response 
data  is  also  applicable  to  tha  elastic  formulation  presented  in  this  section. 

Rotor  State  Variables  in  Nonrotating  System  and  Further  Approximations 

The  number  of  state  variables  required  to  represent  the  rotor  degrees  of 
freedom  in  the  nonrotating  fraae  equals  the  nuaber  of  state  variables  required  in  the 
rotating  frame.  Thus,  a 3-bladed  flapping  rotor  requires  3 DOF  in  the  nonrotating 
fraiM,  and  a 6-bladed  rotor  requires  6 DOF. 

Figure  3 lists  the  coordinates  for  a flapping  rotor  in  rotating  and  non- 
rotating  franes  of  reference.  The  number  of  degrees  of  freedon  is  the  siv  for  both 
the  rotating  and  nonrotating  frame,  and  the  differential  coning  node  8^  appears  only 
in  roto-  systems  consisting  of  even  nuabers  of  blades. 

The  transformation  accounts  for  the  notions  of  all  blades.  For  a 3-bladed 
rotor,  the  degrees  of  freedom  are  coning,  *0,  (all  blades  flap  together);  rotor  tilting 
in  pitch, 62c,  (cosine- flapping) ; and  rotor  tilting  in  roll,  *,s,  (sine- flapping). 

Adding  a fourth  blade  adds  a differential  coning  node  in  which  blades  1 and  3 flap 
in  one  direction  and  blades  2 and  4 flap  in  the  other  direction.  Adding  aore  blades 
adds  degrees  of  freedon  that  warp  the  tip  path  plane. 


244 


of 

PDUtiBg 

lo«rot«tia4 

tUfcl 

Coonilnata*  » 

X 

*1 

h 

2 

**• 

*2 

*o>  u 

3 

l • 

X.  2.  3 

»0.  *1C"  *13. 

h 

t • 

i.  i.  .. 

40‘  ‘lC"  *IS*  *4 

3 

•t* 

i « 

1.  2. 

5 

•a.  *1C«  *i3*  *2C-  *23 

< 

•i» 

i • 

1.  2.  .. 

6 

*0*  *J£*  *13*  *rc*  *23 » *4 

T 

*!• 

I « 

1.  2.  .. 

7 

Iq*  *ic*  *13*  32C*  •a*  *JC*  *38 

Coordinate*  * .{differential 
coning),  *2c  T^rp  cosine), 
and  >2s  (***P  sice)  are 
reactioniess  nodes,  since  at 
hover  they  do  not  produce  a 
net  reaction  at  the  hub. 

For  this  reason,  these  nodes 
can  often  be  neglected  for 
open* loop  flight  dynamics 
studies. 


loW«r  (1)  Jfuabor  OOF  '»  tM  s mm  In  both  rotating  oci  nor. rot  at  la*  tyUte. 

(2)  l4,  41  ffareot lal  ooolflf,  appoar*  only  for  *wu  Ma4»4  rotor*. 

(1)  'Uabal*4  rotora  ra^ulr*  Bonification  of  tha  coordinate*  Ju*  to 
huh  nc«eflt  earrrover. 


Figure  Z.  Description  of  Coordinates  for  a Flapping 

Rotor  in  the  Rotating  and  Nonrotating  Systen 
for  Various  Rotor  Systems  with  Different 
Number  of  Blades. 
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Figure  4.  Rotorcraft  Analytic  Models  Showing  the  State  Variables 
Required  to  Describe  the  Rotor  Flapping  Degrees  of 
Frea.om.  (6  Bladed  Rotor  Assumed). 

Figure  4 shows  typical  analytic  models  for  a 6-bladed  rotor  that  can  be  used 
in  rotorcraft  flight  dynamics  studies.  The  models  shown  include  only  flapping  degree 
of  freedom  for  the  rotor.  The  s'.ate  variables  for  each  model  are  indicated,  and  the 
three  reactionless  modes  are  ignored  in  the  9 DOF  model.  The  models  consist  of  6 body 
degrees  of  freedom  and  the  appropriate  number  of  rotor  degrees  of  freedom.  The  8 DOF 
model  uses  a first-order  representation  for  the  rotor  and  is  the  same  model  described 
in  Reference  8.  This  is  the  simplest  model  that  includes  the  rotor  degrees  of 
freedom  separately  and  models  accurately  the  first- flap  regressing  mode. 

Typical  characteristic  roots  for  a 6-bladed  flapping  rotor  in  the  nonrotating 
frame  are  shown  in  Figure  5.  The  6 body  degrees  of  freedom  are  of  low  frequency,  and 
the  rotor  roots  are  generally  of  higher  frequency.  The  most  important  rotor  root  with 
regard  to  rigid  body  motion  is  the  flap  regressing  mode,  but  the  other  rotor  roots  will 
generally  be  of  significance  for  high-gaiu  feedback  investigations. 
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Figure  S.  Illustrative  Diagram  Showing 
Typical  Characteristic  Root 
Location  for  a Six- Bladed 
Flapping  Rotor. 


Figure  6.  Illustrative  Diagram  Showing 
Typical  Characteristic  Root 
Location  for  Flap  and  Lag  DCF 
for  a Three- Bladed  Hingeless 
(Rigid)  Rotor. 


In  addition  to  the  flapping  notion,  high-gain  feedback  studies  nay  require 
inclusion  of  the  rotor  inplane  degree  of  freedom.  Inplane  degree  of  freedom  generally 
does  not  introduce  a significant  net  reaction  at  the  hub  and  is  usually  ignored  for 
most  flight  dynamics  studies.  High-gain  feedback  studies  may  require  this  node  for 
accurate  rotor  stability  boundary  prediction  and  for  studies  concerned  with  the  effect 
of  feedback  on  air  resonance.  In  addition,  the  inplane  mode  may  cause  errors  in 
identified  derivatives  if  not  modeled  in  the  identification  process. 


Figure  6 shows  typical  rotor  inplane  and  flapping  characteristic  roots  in 
the  nonrotating  system  for  a 3- bladed  stiff  rotor  system.  Thus,  3 DOF  for  inplane 
and  3 DOF  for  flapping  motion  would  be  required  for  representation  of  the  rotor  in 
the  nonrotating  system.  Systems  identification  of  this  model  would  require  12  DOF: 
6 DOF  for  the  Body,  3 DOF  for  flapping,  and  3 DOF  for  inplane. 


Figure  7 shows  alternative  models  of  various  levels  of  approximation  for 
a rotorcraft  which  include  both  flap  and  inplane  degree  of  freedom.  The  constant 
coefficient  models  consist  of  flap- lag  and  flap-only  representations  of  the  rotor. 

The  10  DOF  first-order  rotor  flap- lag  model  contains  a first-order  representation  for 
both  flap  and  lag  degree  of  freedom  similar  to  the  8 DOF  first-order  rotor  flap  model 
discussed  previously.  This  model  retains  the  lower  frequency  flap-regressing  and 
lag-regressing  characteristic  roots. 

The  9 DCF  flap  and  8 DOF  first-order  rotor  flap  model  are  included  in  this 
figure,  since  the  typical  rotorcraft  will  contain  both  flap  and  lag  degrees  of  freedom, 
and  it  would  be  desirable  to  use  only  the  flapping  degrees  of  freedom  in  the  identifica- 
tion. Whether  the  presence  of  lag  DOF  will  degrade  system-identified  derivatives  needs 
further  investigation. 


Also  shown  in  Figure  7 is  the  quasi -static  6 DOF  model  obtained  directly  by 
perturbing  the  nc-ilinear  model.  This  model  may  or  may  not  have  the  identical  deriva- 
tive values  as  the  reduced  quasi-static  model  shown  in  Figure  7.  A difference  in 
derivatives  could  arise  if  the  linear  constant  coefficient  models,  which  include 
separate  rotor  degrees  of  freedom,  are  not  good  representations  of  the  nonlinear  model. 
This  problem  will  be  discussed  in  a subsequent  section. 
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Figure  7.  Rotorcraft  Analytic  Models  Including  Flap  and 
Lag  DOF  for  a 6-Bladed  Rotor. 

Reduction  to  Quasi-Static  and  First  Order  Rotor  Models 


The  linear  constant  coefficient  models,  which  include  separate  body  and  rotor 
degrees  of  freedom,  can  be  reduced  to  a 6-D0F  rigid  body  quasi-static  model.  This  is 
accomplished  by  first  partitioning  the  model  into  separate  rotor  and  body  degrees  of 
freedom.  This  is  shown  in  Table  1,  where  xf  represents  the  state  vector  of  body 
variables,  and  represents  the  state  vector  of  rotor  variables.  The  rotor  degrees 
of  freedom  are  Tumped  into  the  body  degree  of  freedom  by  setting  xz  • 0,  solving  for 
X7  from  equation  (2),  and  substituting  the  resulting  expression  for  X2  into  equation  (1). 
The  quasi-static  derivative  model  is  shown  in  equation  (S)  of  Table  T. 


This  technique  can  be 
used  for  reducing  any  linear  model 
with  separate  rotor  degrees  of 
freedom  to  the  conventional  quasi - 
static  derivative  model.  This 
model  will  be  referred  to  as  the 
reduced  quasi-static  model. 

Table  2 shows  the 
procedure  for  reducing  the  body 
with  separate  rotor  degrees  of 
freedom  to  the  first-order  rotor 
representation  discussed  previous- 
ly. The  rotor  state  variables 
are  represented  by  the  vector  xj. 
The  coefficients  circled  in  the 
derivative  matrix  of  Table  2 are 
usually  smaller  than  the  other 
coefficients  and  can  be  neglected. 
This  approximation  results  in  a 
second-order  equation  for  coning, 
as  shown  in  equation  (3),  and  two 
first-order  equations  for  flapping, 
as  shown  in  equation  (4)  of  Table 
2.  The  coning  equation  yields 
estimates  of  the  damping  and 
frequency  of  the  coning  mode  and, 
since  the  natural  frequency  is 
much  greater  than  the  flap- 
regressing  mode,  '’ie  coning  mode 
can  be  ignored.  The  first-order 
rotor  representation  of  equation 
(4)  yields  an  accurate  estimate 
of  the  flap  regressing  mode. 


Table  1.  Method  to  Reduce  Rotorcraft  Linear  Rotor/Body 
Models  to  the  Quasi-Static  Derivative  Model. 
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Table  2.  Method  for  Deriving  First  Order  Tutor  Model 
From  Rotor-Body  Models. 

Also  shown  in  Table  2 is  the  fora  of  the  first-order  rotor  aodel  for  the 
hover  condition  which  is  particularly  simple  due  to  the  symmetry  of  the  rotor. 

This  concludes  the  discussion  of  rotorcraft  modeling.  This  section  has 
considered  the  modeling  problem  in  considerable  depth  and  is  necessary,  since  the 
ultimate  goal  of  using  system  Identification  is  to  correlate  flight- identified 
derivatives  with  analytic  prediction  to  isolate  and  remove  model  deficiencies.  To 
accomplish  this,  the  approximations  used  in  formulating  the  derivative  model  must  be 
clearly  understood.  Also,  the  xost  suitable  aodel  to  be  used  will  depend  on  the 
particular  problem  or  investigation  at  hand. 

COMPUTER  MODEL  STUDIES 

This  section  discusses  the  results  of  several  studies  in  which  derivative 
models  were  identified  froa  a computer  simulation  of  a helicopter.  Both  a 6- DOF  linear 
model  which  contains  60  derivatives  and  a 9-DOF  linear  aodel  which  contains  144  deriva- 
tives were  identified  froa  a nonlinear  simulation  of  a rotorcraft.  The  results  demon- 
strate the  degree  of  accuracy  that  can  be  obtained  for  the  various  identified  models. 

Three  separate  computer  studies  are  discussed,  and  some  of  the  results  were  published 
previously  in  References  1,  2 and  12.  In  each  casu,  a least  squares  method  was  used  to 
identify  the  derivatives  froa  transient  input/output  data.  Since  the  computer  simula- 
tion contains  no  state  variable  measurement  noise,  the  lease  squares  method  yields 
unbiased  estimates  of  the  derivatives,  provided  that  all  modes  are  propeily  excited. 

Thus,  the  results  of  this  section  are  not  hindered  by  approximate  identification 
algorithms  as  is  in-flight  data  identification. 

Linear  and  Nonlinear  6 -DOF  Study 

Reference  1 presented  a study  of  derivative  identification  from  a 6-DOF  linear 
computer  simulation  of  an  S-61  helicopter,  in  which  it  was  shown  that  all  60  derivatives 
could  be  identified  to  six  significant  figures.  It  was  found  that  two  maneuvers  generated 
by  pulse  inputs  and  lasting  six  seconds  each  were  sufficient  to  excite  all  modes  properly 
for  successful  identification. 

Reference  1 also  presented  results  of  a 6-DOF  linear  derivative  identification 
from  a nonlinear  coaxial  rotor  helicopter  simulation.  It  was  found  that  the  identified 
derivatives  only  approximate  the  conventional  quasi-static  derivatives.  Table  3 compares 
the  quasi-static  and  6-DOF  system  identified  derivatives  for  many  of  the  primary  deriva- 
tives from  this  study.  It  is  apparent  that  the  system  identified  derivatives  only 
approximate  the  quasi-static  values.  Some  derivatives  are  accurately  identified,  while 
others  differ  by  as  much  as  loot.  These  differences  are  a direct  result  of  using  only 


> 
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4 -DOF  la  th*  identification  nodal, 
which  thould  include  separate  rotor 
degrees  of  freedoa.  Although  the 
quasi-static  and  system  identified 
derivatives  show  different  values, 
the  characteristic  roots  were  found 
to  be  siailar  for  the  two  aodels. 

Nonlinear  6 -POP  and  9 -DOF  Study 

Reference  2 presents 
results  of  a study  in  which  both 
6 -DOF  and  9-DOF  linear  derivative 
aodels  were  identified  froa  a 
nonlinear  coaputer  simulation  of 
a CH-S3A  helicopter.  The  nonlinear 
aodal  contained  6 blades  with 
flapping  degree  of  freedoa  and 
6 degrees  of  freedoa  fcr  the  rigid 
body.  The  rotor  was  siaulated 
with  full  nonlinear  aerodynamics, 
and  unifora  inflow  filtered  with 
a first-order  lag  was  used  for  the 
air  aass  dynamic* , 

The  nonlinear  simulation 
represents  the  12 -DOF  nonlinear 
aodel,  as  indicated  in  Figure  4. 

The  least  squares  identification 
aethod  was  used  to  obtain  a 9-DOF 
linear  and  a 6-DOF  system  identified 
aodel.  In  addition,  the  9-DOF  aodel 
was  reduced  to  the  6-DOF  reduced 
quasi-static  aodel,  as  indicated  in 
Figure  4.  The  6-DOF  aodels  can  thus 
be  compared  directly  with  the 

DOF  perturbed  quasi-static  derivative  model,  also  diagramed  in  Figure  4. 
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Table  3.  Comparison  of  Quasi-Static  and  6-DOF 
System  Identified  Derivatives  froa 
a Nonlinear  Helicopter  Computer 
Simulation  (Coaxial  Rotor,  80  Xts). 


conventional  6 

Only  a 3-DOF  tip  path  plane  representation  for  the  rotor  was  used  in  these  studies 
Since  the  rotor  has  6 blades,  the  correct  number  of  modes  is  6 which  includes 
differential  coning,  warp  sine,  and  warp  cosine. 


Tip  path  plane  resolver.  Two  aethods  are  available  for  resolving  rotating 
coordinates  Sj  to  the  nonrotating  axes  system.  The  first  method  is  the  fourier  trans- 
formation given  in  equation  (1).  The  second  method  makes  use  of  a Kalman  filter,  which 
for  an  isotropic  rotor  is  essentially  equation  (1)  passed  through  a first-order  low-pass 
filter.  The  Kalman  filter  method  is  shown  in  Reference  12  and  was  found  to  be  superior 
to  the  fourier  method  when  the  flapping  measurements  are  contaminated  with  noise  and 
thus  is  the  superior  method  for  use  with  flight  test  data.  The  Kalman  filter  method 
can  be  made  to  approach  the  fourier  resolver  of  equation  (1)  by  letting  the  effective 
time  constant  of  the  Kalman  filter  approach  zero.  Thus,  all  studies  of  identification 
froa  the  computer  uced  the  Kalman  filter  to  estimate  the  tip  path  plane  coordinates. 
Reference  12  discusses  this  technique  in  detail. 


Identified  derivative  models.  Figure  8 shows  a 


Figure  8.  Procedure  Used  to  Identify  6 and  9-DOF 
Linear  Derivatives  from  Nonlinear 
Computer  Simulation. 


block  diagram  of  the  procedure 
used  to  identify  the  9-DOF  and 
6-DOF  linear  aodels.  The 
nonlinear  model  was  excited 
with  pulse- type  inputs,  and 
22  maneuvers  of  4 seconds 
duration  were  used  in  the 
identification.  A sampling  rate 
of  .0135  second  was  used  through- 
out the  study.  The  9-DOF 
identified  derivative  array 
resulting  from  this  study  is 
shown  in  Table  4.  Table  5 
compares  the  6-DOF  perturbed 
quasi-static  derivatives,  the 
6-DOF  reduced  derivatives 
obtained  from  the  9-DOF 
identified  aodel,  and  the  6-DOF 
identified  derivatives.  This 
comparison  shows  that  the 
6-DOF  reduced  derivatives 
agree  closely  with  the  6-DOF 
perturbed  quasi- static  values. 

The  6-DOF  identified  deriva- 
tives in  some  cases  show  errors 
of  1001,  whereas  the  6-DOF 
reduced  derivatives  are  a much 
better  representation  of  the 
perturbed  quasi- static  values. 
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Table  S.  Comparison  of  Quasi-Static,  6-DOF  Reduced  and  6-DOF  Identified 
Derivatives  from  a Nonlinear  Helicopter  Computer  Simulation. 
(CH-S3A,  33, 500  lbs,  100  kts) . 
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Figure  9.  Characteristic  Roots  from  the  Various 
Linear  Models  Obtained  from  the  Non- 
linear Simulation  Showing  Root  Location 
for  Rotor  Modes,  and  Low  Frequency. Body 
Modes . 


The  characteristic 
roots  for  the  rotor  degrees 
of  freedom  are  shown  in  Figure 
9.  Also  shown  are  the  6-DOF 
quasi-static  and  6-DOF  reduced 
roots.  The  low  frequency  body 
roots  show  excellent  agreement 
for  the  three  models.  Time 
histories  and  further  charac- 
teristic root  comparisons  can 
be  found  in  References  2 and 
12.  An  anomaly  is  noted  in 
the  location  of  the  frequency 
of  the  coning  root.  The 
coning  root  is  expected  to  have 
a natural  frequency  approximately 
equal  to  the  rotor  rotational 
speed,  19.3  radians/sec. 

The  coning  root  shown  in  Figure 
9,  however,  is  at  11  radian/sec. 
This  lower  than  expected 
frequency  is  a result  of 
selecting  the  effective  Kalman 
resolver  cutoff  frequency  to  be 
•c  * 15.96.  Additional  studies 
were  conducted  with  larger 
cutoff  frequencies,  and  it  was 
found  that  the  coning  root 
approached  the  rotor  rotational 
speed.  The  most  important  root 
with  regard  to  rigid  body 
dynamics  is  the  flap  regressing 
mode,  which  is  of  much  lower 
frequency  and  thus  not  affected 
by  the  Kalman  resolver. 


The  6-DOF  reduced  derivatives  of  Table  S show  slight  discrepancies  when  compared 
with  the  perturbed  quasi-static  values.  These  discrepancies  most  likely  result  from  (1) 
nonlinearities  in  the  nonlinear  model,  which  are  not  modeled  in  the  9-DOF  linear  model, 

(2)  absence  of  the  differential  coning,  warp  sine,  and  warp  cosine  modes,  (3)  absence  of 
the  first-order  air  mass  dynamics  (time  constant  ■ .256  secs.),  (4)  effective  filtering 
in  the  Kalman  resolver,  and  (S)  approximation  of  the  periodic  coefficient  model  by  constant 
coefficients.  Although  the  exact  reason  for  the  discrepancy  requires  further  investiga- 
tion, the  improvement  in  the  6-DOF  reduced  derivatives  is  clearly  shown  when  compared  with 
the  6-DOF  identified  derivatives. 
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Evaluation  of  derivative  accuracy.  Several  tests  must  ba  made  to  evaluate  tha 
accuracy  oT  tha  Tinea?  5TTJOP  identified  derivative  array.  Although  thla  procedure  can 
ba  applied  to  any  of  tha  liaaar  models  that  includa  aaparata  rotor  dagraas  of  freedom, 
tha  technique  will  ba  discussed  using  tha  9-OOF  model  Identified  froa  tha  CH-53A  non- 
linear computer  simulation  shown  in  Table  4. 
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Tha  9 -DOF  modal  approximates  tha  larger  12-OOF  periodic  coefficient  modal  dis- 
cussed previously.  It  is  necessary  therefore  to  make  several  tests  with  this  array  and 

compare  than  with  tha  nonlinear  simula- 
tion from  which  the  array  was  obtained. 
These  tests  consist  of  evaluating  (1) 
tha  reduced  6 -DOF  nodal,  (2)  tha 
elements  of  tha  9-DOF  array,  and 
(3)  transient  response  data.  All 
these  tests  can  be  made  by  perturbing 
tha  nonlinear  model  and  the  linear 
9-OOF  model  in  the  conventional  manner 
required  to  obtain  quasi-static  deriva- 
tives, and  than  recording  the  complete 
derivative  time  plot.  A sample  result 
of  this  perturbation  is  shown  in 
Figure  10.  The  transient  response 
shown  in  Figure  10  represents  the 
body  pitch  acceleration  due  to  a 
1-unit  change  in  roll  rate  (Mn  • 

4<$/4p).  The  solid  line  is  obtained 
froa  the  nonlinear  model  and  the 
dashed  line  from  the  9-DOF  linear 
model.  The  conventional  6-DOF  quasi-- 
static  derivative  is  shown  by  the 
circle  symbol,  and  the  triangle 
represents  the  6-DOF  reduced  deriva- 
tive which  is  in  good  agreement  with 
the  conventional  auasi- static  deriva- 
tive. The  diamond  symbol  represents 
the  9-DOF  identified  coefficient 
and  is  in  good  agreement  with  the 
initial  response  (t-0)  of  the  nonlinear 
transient.  Finally  a comparison 
of  the  transient  response  of  the 
nonlinear  and  9-DOF  model  due  to  a perturbation  in  p demonstrates  that  the  rotor  dynamics 
are  correctly  identified.  The  above  procedure  should  be  applied  to  all  the  derivative 
time  plots  for  a complete  check  of  the  9-DOF  model  accuracy. 


Figure  10. 
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Derivative  Time  Plot  Obtained 
by  Pertubing  the  Nonlinear 
Model  and  the  9-DOF  Linear 
Model,  Showing  Method  to  Check 
the  Validity  of  System  Identified 
Derivatives. 


Alternative  Method  to  Obtain  Linear  9-DOF  Model  From  a Nonlinear  Simulation 


The  previous  section  discussed  the  physical  interpretation  of  the  various 
derivative  models  (6-DOF  quasi-static,  6-DOF  reduced,  9-DOF).  This  interpretation 
suggests  a method  for  obtaining  derivative  values  from  the  nonlinear  model  by  perturbing 
only  the  body  state  variables.  Three  steps  are  required  and  will  be  discussed  with  the 
aid  of  Figure  11. 


Figure  11.  Nine  DOF  Derivative  Array  Partitioned  into  6 Areas  Demon- 
strating Method  to  Obtain  Full  Derivative  Array  by 
Perturbing  Only  the  Body  Variables  of  a Nonlinear 
Simulation. 
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Step  1 . Figure  11  shows  the  array  for  the  9-OOF  derivative  model.  This  array 
is  positioned  into  6 areas.  Derivatives  in  area  blocks  (1)  and  (2)  of  Figure  11  can  be 
obtained  by  independently  perturbing  each  column  in  these  blocks.  A tine  plot  in  the 
fora  of  Figure  9 is  obtained  for  each  derivative.  The  value  at  t»0  for  each  plot  is 
then  the  appropriate  derivative  for  blocks  (1}  and  (2).  The  quasi-static  tip  path  plane 
change  oust  be  saved  for  each  perturbation  and  is  used  to  obtain  block  areas  (3)  and  (4). 
Also  the  derivative  tine  plots  (Figure  10)  aust  be  saved  and  are  used  to  obtain  blocks 
(S)  and  (6). 

Step  2.  Block  (3)  and  (4)  can  bo  obtained  one  row  at  a tine  by  using  the 
quasi-static  tip  path  plane  change  due  to  each  perturbation  from  step  1.  For  example, 
the  coning  derivatives  in  block  (3)  of  Figure  11  can  be  obtained  from  the  6u  perturba- 
tion of  step  1 by  forning  the  equation: 


(23) 


where  Aa  4aos,  4ais,  and  AbXj  become  the  tip  path  piano  change  due  to  a Au  ■ 1 
perturbation  obtained  from  step  1 and  /*aos\  **  “lown  from  step  1. 

\»u~7 


Equation  (23)  represents  one  equation  in  the  three  unknown  derivatives 
and  *aos.  Two  more  equations  can  be  obtained  from  the  Ay 


»ax. 


and  A w perturbation  to  yield  3 equations  with  3 unknowns  that  can  be  solved  for  the 
3 unknown  coning  derivatives.  Since  the  9-DOF  model  is  only  an  approximation  of  a 
■ore  complicated  model,  the  remaining  perturbation  variables  p,  q,  r,  Bj  , and  Ax,,  and 
•c  can  be  used  to  obtain  6 more  equations.  This  will  provido  9 equation!  in  3 unknowns 
and  can  be  solved  using  a simple  least  squares  fit.  This  procedure  will  guarantee  the 
rotor  derivatives  that  yield  the  best  possible  approximation  to  conventional  quasi-static 
values  when  the  9-DOF  model  is  reduced  to  the  6-DOF  reduced  model. 


This  procedure  should  be  repeated  for  each  row  of  blocks  (3)  and  (4)  to 
obtain  all  rotor  static  derivatives. 

Step  3.  Blocks  (S)  and  (6)  of  Figure  11  represent  derivatives  associated  with 
the  rotor  rate  state  variables  a0s.  41$,  and  bx?.  The  derivatives  for  these  blocks  can 
be  obtained  by  using  the  transient  derivative  time  plots  saved  from  the  first  stop.  -Each 
row  of  blocks  (S)  and  (6)  must  be  determined  separately.  This  is  done  by  using  the 
derivative  time  plots  (one  is  shown  in  Figure  10)  for  each  perturbation  and  determining 
the  3 rate  derivatives  of  a row  by  a least  squares  fit.  The  resulting  solution  will 
provide  the  rotor  rate  derivatives  that  best  match  the  transient  rotor  behavior. 

The  least  squares  curve  fit  is  required  in  the  above  procedure,  because  aos, 
a,s.  bXs,  aos,  aXs,  and  bXs  are  difficult  to  perturb  independently  in  a nonlinear  simula- 
tion. An  alternative  procedure  that  may  be  acceptable  would  be  to  perturb  the  rotor 
flapping  variables  according  to  equation  (1).  This  would  result  in  the  appropriate 
independent  perturbation  of  the  rotor  state  variables  in  the  nonrotating  system. 

The  least  squares  method  discussed  above  is  a simple  and  effective  method  for 
obtaining  linear  derivatives  for  large  rotor/body  models  and  can  be  extended  to  obtain 
models  of  order  larger  than  the  9-DOF  model  discussed. 

Empirical  Correction  to  6-DOF  Identified  Derivatives 

The  6-DOF  identified  derivatives  in  many  cases  were  found  to  differ  from  the 
quasi-static  values.  This  difference  arises  because  the  rotor  degrees  of  freedom  are 
not  modeled  in  the  identification.  An  empirical  procedure  based  on  a nonlinear  simu- 
lation can  be  used  to  correct  flight  identified  derivatives  to  approximate  quasi-static 
values.  This  correction  amounts  to  a correction  factor  multiplied  by  the  system 
identified  derivative,  as  shown  in  equation  (24). 

Approx.  6-DOF 

Quasi-static  Flight  x Correction  (24) 

Derivative  » Identified  Factor 

(Flight  Test)  Derivative 

The  correction  factor  can  be  obtained  from  a nonlinear  simulation  and  is  shown 
in  equation  (23) 


Computer 

Quasi-static 

Correction  • Derivative  (23) 

Factor  Computer 

System  Identified 
Derivative 


24-17 


Thm  validity  0/  this  correction  factor  depend*  upon  the  computer  aodel  having 
rotor  rosponaa  similar  to  flight  data.  Although  this  procedure  depends  on  how  well  the 
aonllaear  model  represents  the  flight  vehicle,  the  correction  factor  will  yield  a much 
better  representation  of  the  quasi-static  definition.  Examples  of  this  correction 
applied  to  flight  identified  derivatives  will  be  shown  in  a subsequent  section. 

DERIVATIVE  IDENTIFICATION  METHODS 

This  section  discusses  many  of  the  methods  available  for  helicopter  derivative 
identification.  Particular  emphasis  is  given  to  the  advanced  statistical  methods  for 
identification,  since  both  measurement  noise  and  process  noise  are  included  in  the 
problem. 


Identification  techniques  can  be  classified  as  equation  error  methods,  output 
error  methods,  or  advanced  statistical  methods.  Equation  error  methods  yield  biased 
derivative  estimates  when  measurement  noise  is  present.  Output  error  methods  yield 
biased  derivative  estimates  when  process  noise  is  present.  Advanced  atatistlcal  methods 
include  both  measurement  noise  and  process  noise  as  part  of  the  formulation.  Table  6 
lists  the  3 classifications  and  shows  7 methods  available  for  derivative  identification. 
The  least  squares  method  (Method  1)  yields  biased  derivatives  when  measurement  noise  is 
present,  but  this  method  is  the  only  one  in  Table  6 that  has  an  exact  closed  fora 
solution.  All  the  other  methods  require  alogrithas  that  are  iteratively  applied  or 
approximate.  The  least  squares  method  must  be  used  with  high-quality  data  filters  to 
obtain  reasonable  accuracy  in  the  identified  derivatives.  Using  digital  and  optimum 
filtering  of  the  data  provides  acceptable  quality  data  in  many  cases.  Results  obtained 
using  the  least  squares  method  with  various  data  filters  will  be  discussed  in  a sub- 
sequent section.  The  least  squares  method  has  the  advantage  of  efficient  and  simple 
computer  computation  for  problems  described  by  large  derivative  arrays,  whereas  the 
other  methods  of  Table  6 are  computationally  inefficient. 
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Table  6.  Summary  of  Methods  for  Aircraft  State  and  Parameter  Estiution. 

The  output  error  techniques  shown  in  Table  6 include  gradient,  conjugate 
gradient,  and  quasilinearization  (modified  Newton-Raphson)  methods.  The  difficulty  in 
using  these  aethods  in  the  helicopter  identification  problem  is  that  they  attempt  to 
curve  fit  the  response  of  the  derivative  model  to  the  test  data.  Since  the  helicopter 
contains  large  amounts  of  process  noise  and  is  almost  always  unstable  in  the  longitudinal 
mode,  the  error  between  the  derivative  aodel  and  flight  data  is  expected  to  diverge 
after  four  or  five  seconds  of  data,  even  with  the  correct  derivatives  in  the  linear 
derivative  model.  The  output  error  aethods  are  formulated  to  provide  a best  match  to  the 
test  data,  so  the  derivatives  will  be  incorrectly  adjusted  to  minimize  the  fit  error. 

The  advanced  statistical  aethods  in  Table  6 are  formulated  to  b elude  both 
process  noise  and  measurement  noise  and  represent  the  correct  formulation  for  the 
helicopter  derivative  identification  problem.  These  methods  will  be  discussed  in  the 
following  sections. 


Advanced  Statistical  Methods 


The  advrnced  statistical  method*  traat  procass  no Isa  and  measurement  nolsa  as 
random  dlsturbancas  with  assuaad  probability  distributions.  Tha  nolsa  statistics  ara 
assumed  to  ba  gaussian  with  known  naan  and  variance,  although  this  assuaption  is  not 
required.  Tha  formulation  of  tha  derivative  idantificatlon  problem  is  applicabla 
using  tha  3 advanced  statistical  methods  of  Table  6. 

Tha  differential  equations  of  notion  for  tha  derivative  nodal  can  ba 
expressed  as 


i ■ f(x,xp,u)  ♦ w 


(26) 


where  x 

*P 

u 

T 


is  an  n x 1 vector  of  state  variables 

is  an  p x 1 vector  of  paraaetars  (derivatives) 

is  an  n x 1 vector  of  control  inputs 

is  an  n x 1 vector  expressing  tha  nonlinear  functional  relationship 

of  tha  state  and  input  vector 

is  an  n x 1 zero  naan  whits  gaussian  procass  noise  vector. 


where  z 
R 


Tha  neasureaent  equations  can  be  expressed  as 
z ■ h(x)  ♦ n 

is  an  r x 1 vector  of  physical  aeasureaents 

is  an  r x 1 vector  of  nonlinear  functional  relationships  of 

the  state  variables 

is  an  r x 1 zero  naan  whita  gaussian  neasureaent  noise  vector. 


(27) 


If  the  equations  of  notion  described  by  equation  (26)  are  linear,  they  nay 
ba  written  as 


x ■ Ax  ♦ Bu  ♦ w 

and  the  neasureaent  equations  becoae 
z - Hx  ♦ n 


(28) 


(29) 


The  stability  and  control  derivatives  are  contained  in  the  parameter  vector 
in  for  both  the  linear  and  nonlinear  foraulation.  The  problem  is  to  identify  the 
parameters  xp  in  the  differential  equation  (26),  given  measurements  of  the  system  state 
variables  by  equation  (27).  To  determine  the  unknown  paraaeters  (derivatives)  of 
aquation  (26),  a criteria  must  be  specified  which  measures  the  goodness  with  which  the 
unknown  derivatives  are  identified.  This  criterion  differentiates  the  three  statistical 
aathods  of  Table  6.  The  difference  between  methods  S,  6,  and  7 of  Table  6 is  found  in 
the  criteria  and  the  method  chosen  for  solution.  These  methods  along  with  solutions 
will  be  discussed  briefly  below  for  the  continuous *time  formulation  with  noise  covariance 
assuaed  to  be  known. 

Maximum  Likelihood  (ML).  The  ML  estimate  of  the  unknown  derivatives  is 
obtained  by  maximizing  the  conditional  probability  density  of  z given  Xp  and  is 
obtained  by 


Max  p (z/Xp) 


(30) 


This  problem  reduces  to  the  equivalent  foraulation  below  and  is  discussed  in  Reference 
13  for  the  continuous  case  and  Reference  14  for  the  discrete  case. 


Determine  the  paraaeters  Xp  that  minimize 
J - 1/2/ fz  - Hx)tR*x(z  - Hx) dt 


(31) 


Subject  to  the  Kalman  filter  equations 
K - PR^H7 

i - Ah  ♦ Bu  ♦ K(z-Hx) 

P • AP  ♦ PA7  ♦ Q - PH7R*1HP 


(32) 

(33) 

(34) 


This  optimization  problem  is  simplified  by  assuming  that  the  covariance 
equation  (34)  rapidly  reaches  a steady  value  and  thus  is  removed  from  the  foraula- 
tion. The  problem  now  becomes  that  of  minimizing  equation  (31)  with  respect  to  the 
paraaeters  Xp  and  K (Kalman  gain),  subject  to  constraint  equation  (33). 

This  simplified  problem  can  then  be  solved  using  a quasi- linearization  or 
suitable  computational  algorithm.  This  approach  requires  that  the  Kalman  gain  has 
reached  steady  value.  Unstable  systems  may  violate  this  assumption,  so  the  covariance 
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equations  nut  be  included  as  additional  constraints  la  tha  optimisation  problaa. 
Sine*  aoat  rotorcraft  ara  unstable  without  autoaatic  flight  control  systems,  tha 
optimisation  problaa  aust  includa  tha  covariance  conatraint  aquation*.  Thia  la 
computationally  prohibitlva  for  largo  darirativa  modal*,  ouch  a*  rotorcraft. 


Maximum  A Posteriori  Paramo tar  Estimation  (MAP  - 
paramatar  estimate  of  tAa  unknown  derivatives  is  obtained  6 
ditional  probability  dsnsity  of  Xp  givan  a and  is  obtainad 

Max  p (xp/x) 


Tht  MAP- 


max lil xlng  th«  con- 


Thia  criterion  is  ralatad  to  tha  ML  critarion  by  Cayas1  rula: 
p(*p/»)  - p(*/*p)  p(*p)/p(£)  (3*) 

This  changas  tha  critarion  by  adding  tha  torn 

l/KxpftoJ-SpJ^CipCtoMp)  (37) 

to  tha  parformanca  index  of  aquation  (31).  Tha  criteria  now  includes  a priori 
estimates  of  tha  parameters  x.,  and  variance  in  tha  estimate  of  tha  perimeters ~Pp. 

Tha  constraint  aquations  remain  tha  same,  and  a similar  computational  technique' 
is  required  for  a solution. 

Maximum  A Posteriori  State  Estimation  (HA?  - state).  Tha  MAP-state  estimate 
of  tha  unknown  parameters  is  obtained  by  treating  the  parameters  as  state  variables 
and  maximising  the  conditional  probability  density  of  x and  Xp  given  s.  This  is 
expressed  in  aquation  (31).  ' 

Max  P(x.xp/*)  (38) 

X.Xp 

Using  layes*  rula  this  is  written  as 

Max  p(*/x,xp)  p(x,Xp)/p(x)  (39) 

x , Xp 

Thia  criterion  is  shown  in  Reference  IS  to  reduce  to  an  equivalent  optimiza- 
tion problem  as  follows. 

Determine  tha  initial  conditions  Xp(t0),  x(t0)  and  process  noise  w(t)  that 
minimize  tha  quadratic  performance  criteria 


J - l/^x-HxjTA'^z-HxJdt  ♦ 1/2  /*w  V^dt 


♦ l/2(x(t0)  - RojTp^CxCtoJ-tfl)  (40) 

♦ l/2(Xp(t0)-  *p)TP*1(xp(t0).^) 
subject  to  tha  differential  constraint  equation 

X - Ax  *Bu  ♦ w (41) 

The  resulting  solution  for  Xp(t0)  represents  the  MAP-stste  estimate  of  the  unknown 
parameters. 

The  solution  to  the  formulation  given  in  equations  (40)  and  (41)  is  obtained 
by  first  obtaining  the  necessary  equations  that  minimize  equation  (40),  using  the 
maximum  principle  or  taking  first  variations.  The  necessary  conditions  result  in  a 
two-point  boundary  value  problem  that  can  be  solved  by  the  invariant  imbedding 
technique  (Reference  IS)  or  by  assuming  a solution  x ■ 1 - Pi.  as  is  done  in  Reference 
1.  The  resulting  recurssive  solution  is  approximate  and  requires  a reasonably  good 
a priori  derivative  estimate  to  assure  that  the  linearizations  made  co  obtain  the 
solutions  are  valid. 

The  recurssive  solution  reduces  to  the  extended  Kalman  filter  if  the  measure- 
ment equations  are  linearized.  The  extended  Kalman  filter  solution  has  a similar 
structure  to  the  solution  obtained  for  the  Ml.  method.  The  extended  Kalman  filter 
solution  is  given  in  equations  (42)  through  (46): 

i - AX  ♦ Bu  ♦ PHtR*1(x-HR)  (42) 

ip  - PpiHTR*l(z-Hi)  (43) 

P - AP  ♦ PAT  -PHTr^HP  ♦ Q ♦ ApPpl  ♦ (ApPpl)T  (44) 

Ppl  - PplA*  ♦ Ppp Aj  - P^hV^P  (45) 


Ppp  - -PplHVlHPjj 
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where  A • *£  , A_  ■ *f  aad  H • *h  represent  linearizations  about  the  currant 

ri  ^ Tip  n 

•tata  i and  parameter  estimate,  ip. 

Equations  (42)  and  (43)  provlda  astiaata*  of  tba  stata  and  paraaatar  vector, 
respectively,  vhilo  aquations  (44)  and  (46)  give  tha  covariance  for  the  stata  and 
paraaatar,  respectively.  Equation  (4S)  yields  tba  cross  covarianca  between  tha  stata 
and  paraaatar*. 

Tba  similarity  batwaan  tba  ML  solution  and  tba  MAP-stata  solution  is  saan 
by  comparing  aquation  (33)  with  aquation  (42)  and  aquation  (34)  with  aquation  (44). 
la  tba  ML  aethod,  tba  solution  is  obtained  by  a Kalman  filter.  Tha  paraaatar*  and 
Kalaaa  gain  are  iterated  to  ainiaize  tha  performance  index  of  aquation  (31).  In  tba 
MAP-stata  aathod,  tha  paraaatar*  and  stata  ara  obtained  racurssivaly  with  a Kalaan 
filter  for  tba  state  and  paraaatars. 

The  ML  performance  index  of  equation  (31)  with  constraint  aquations  (32), 
(33),  and  (34)  can  be  shown  to  be  similar  to  the  MAP-state  performance  index  of 
aquation  (40)  with  constraint  aquation  (41).  This  relationship  is  shown  in  Reference 
13. 


Practical  Considerations  in  Using  tha  Extended  Kalaan  Filter 

Two  methods  are  used  for  derivative  identification  in  this  paper:  a least 

squares  method  and  the  extended  Kalman  filter.  Before  application  of  these  methods, 
the  data  must  be  processed  to  reaove  high-frequency  signals  and  bias  errors.  In 
addition,  the  aeasureaent  noise  should  be  ainiaized  when  using  the  least  squares 
method,  since  aeasureaent  noise  results  in  biased  estimates.  These  and  other  con- 
siderations are  discussed  below  along  with  the  overall  aathod  used  to  obtain  deriva- 
tives from  helicopter  flight  data. 

Identification  of  derivatives.  The  overall  flow  diagraa  of  the  method  used 
for  derivative  identification  in  this  peper  is  shown  in  Figure  12.  Severn.1,  maneuvers 
about  a specified  tria  are  used  in  the  identification  to  assure  that  suffi  lent  data 
are  used  in  the  process.  The  derivatives  are  identified  to  yield  the  best  -rray  that 
simultaneously  matches  the  independent  aaneuvers.  This  approach  modifies  the  performance 
criteria  of  equation  (40)  to  read 

J - T \ 1/2  ft  (z-Hx)V1(z-Hx)dt  ♦ 1/2  /f  wVJwdt 
i“ll‘t0--  “ t0  " " 

♦ l/2(x(to)  - &>T%l(x(to)  - i«)}  i (47) 

♦ l/2(xp(t0)  - Sp)TPjl(Xp(to)  - *p) 

Where  the  summation  is  froa  1 to  NH  aaneuvers.  Solution  of  this  problea  requires  slight 
Modification  in  the  solution  given  in  equations  (42)  through  (46)  and  is  presented  in 
References  1 and  16.  This  approach  couples  the  aaneuvers  and  is  siailar  to  enseable 
averaging. 
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Figure  12.  Overall  Method  Used  to  Identify  6-DOF 
Derivatives  From  Flight  Test  Data. 

As  shown  in  Figure  12,  the  data  are  first  passed  through  a digital  filter  to 
reaove  high-frequency  contamination.  (Helicopter  flight  data  are  contaminated  with 
frequencies  of  large  magnitudes  at  1 per  rev  intervals  and  at  all  modes  of  vibration.) 

The  digital  filter  suppresses  this  high  frequency  contamination  without  introducing  phase 
shift  in  the  data.  A Martin-Graham  filter  described  in  Reference  10  is  used  for  the 
digital  filter. 
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Tbm  data  are  than  processed  with  a Kalman  filtar,  which  (1)  removes  bias  error 
ia  the  data,  (2)  minimizes  errors  in  the  state  variables,  and  (1)  reproduces  state 
variables  and  accelerations  that  are  not  available.  The  equations  used  in  the  Calaan 
filter  are  the  known  Euler  equations  and  inertial  terns  in  the  general  rigid-body 
equations  of  notion.  The  equations  used  are  presented  in  Reference  16  and  consist  of 
22  state  variables  (15  state  variables  are  the  biases  to  be  determined)  and  IS  measure- 
ments. The  equations  do  no:  include  any  of  the  aerodynamic  derivatives. 

The  data  are  then  used  with  the  least  squares  method,  and  the  derivatives  are 
identified.  The  identified  derivatives  are  used  as  a priori  estimates  for  the  multi- 
maneuver  extended  Kalman  filter.  The  number  of  state  variables  for  the  extended  Kalaaa 
filter  will  depend  on  the  number  of  maneuvers  used  and  the  model  size  chosen. 

An  extensive  study  is  described  in  Reference  16  which  examined  various  filters 
and  methods  for  the  a priori  estimate  for  use  with  the  extended  Kalaaa  filter.  The  recults 
of  this  study  will  be  discussed  in  a subsequent  section. 

Ia  a previous  section,  the  modeling  requirements  for  helicopter  derivative 
Identification  were  discussed.  It  was  found  that  considerable  errors  in  the  Identified 
derivatives  result  if  the  rotor  degrees  of  freedom  are  not  modeled  as  independent  degrees 
of  fz«edom.  If  the  d rlvative  model  contains  only  the  rigid-body  degrees  of  freedom, 
a correction  factor  is  required  to  convert  the  identified  derivatives  to  the  quasi-static 
valuer.  The  identification  of  derivatives  from  helicopter  flight  data  in  this  paper  is 
conducted  with  a 6-DOP  rigid-body  model  and  thus  requires  a correction  factor,  which  is 
Indicted  in  Figure  12.  Results  using  this  correction  factor  will  be  discussed  in  the 
flight  data  identification  section. 

Evaluating  the  flight  identified  derivatives.  Once  the  derivatives  have  been 
identified,  the  standard  procedure  for  assessing  their  accuracy  is  to  simulate  the 
derivative  model  with  the  flight  data  inputs  and  compare  the  time  history  response  with 
the  flight  data.  Helicopters  generally  have  unstable  longitudinal  characteristic  roots, 
so  a derivative  model  identified  with  perfect  accuracy  will  diverge  from  the  flight  data, 
due  to  small  errors  in  initial  conditions,  modeling  terms,  or  wind  disturbances.  There- 
fore, when  testing  the  accuracy  of  Identified  derivatives,  only  short  data  segments 
(typically  4 to  6 secs)  can  be  used  with  confidence.  In  addition  data  not  used  in  the 
identification  should  be  used  for  comparison,  since  comparing  against  data  used  in  the 
identification  is  not  a conclusive  test. 

An  alternative  method  is  available  for  comparing  time  history  data  that  do  not 
diverga  with  an  unstable  model.  This  is  done  by  multiplying  each  of  the  measured  state 
variables  and  inputs  by  the  appropriate  derivative  and  summing  the  result.  The  resulting 
reconstructed  acceleration  can  be  compered  directly  with  the  flight  measured  acceleration. 
This  approach  also  has  the  advantage  of  allowing  assessment  of  the  individual  contribu- 
tions of  each  derivative  and  provides  a measure  of  whether  sufficient  signal-to-noise 
ratio  exists  to  identify  each  derivative  accurately. 

Flight  test  methods  have  been  used  in  the  past  to  isolate  certain  of  the  control 
derivatives  or  characteristic  roots.  For  example,  the  Dutch  roll  node  can  be  obtained  by 
visual  inspection  of  test  data  from  most  helicopters  by  using  the  pitch  stability  augmenta- 
tion to  stabilize  the  instability  in  pitch  and  exciting  the  Dutch  roll  w.' th  a small  spike 
input  in  the  pedals  or  lateral  cyclic  input.  Also  pulse  inputs  cause  acceleration  changes 
and  the  ratio  of  acceleration  change  to  pulse  input  can  be  used  to  estimate  the  control 
derivatives.  These  and  other  specialized  testing  procedures  can  be  used  as  checks  on  the 
accuracy  of  the  system  identified  derivatives. 

APPLICATIONS  TO  FLIGHT  DATA 

The  method  described  in  the  previous  sections  and  shown  in  Figure  12  was  applied 
to  the  following  rotorcraft:  (1)  CH-S3A,  (2)  CH-54B,  and  (3)  a coaxial  hingeless  rotor 

helicopter.  In  addition,  the  effects  of  different  data  filters  and  a priori  derivative 
estimates  were  examined  to  assess  their  impact  on  the  identified  derivatives,  using  the 
least  squares  method  and  the  extended  Kalman  filter.  The  detailed  investigations  for  some 
of  these  studies  are  documented  in  References  2,  16,  and  17,  and  the  results  are  summarized 
herein.  All  these  studies  use  a 6- DOF  derivative  model  in  the  identification.  The  actual 
form  of  the  model  used  is  given  in  Reference  16.  As  indicated  in  Figure  12,  a correction 
factor  is  required  to  correct  for  absence  of  rotor  degrees  of  freedom  in  the  model. 

Application  to  CH-S3A 

The  CH-53A  is  a 6-bladed  articulated  rotor  helicopter.  The  flight  test  data 
from  the  CH-S3A  were  obtained  from  a handling  qualities  flight  test  program  conducted 
for  the  U.  S.  Navy  by  Sikorsky  Aircraft.  The  test  data  selected  were  from  an  aft  center- 
of-gravity  condition,  3S000-lb  aircraft  at  100  knots  trim  airspeed.  The  data  consist  of 
tine  history  responses  to  pulsed  control  inputs.  Six  maneuvers  of  6 seconds  duration 
sampled  100  times  a second  were  used  in  this  study.  Four  maneuvers  were  used  in  the 
identification  process,  and  two  maneuvers  were  selected  to  assess  the  ability  of  the 
identified  derivative  model  to  predict  data  not  used  in  the  identification. 

Effects  of  different  data  'liters  on  identified  derivatives.  Three  filters 
were  investigated  to  determine  their  effects  when  used  with  both  the  least  squares  and 
extended  Kalman  filter  derivative  estimators:  (1)  a first-order  low  pass  filter  with 

cutoff  frequency  of  10  Hz,  (2)  a Martin-Graham  digital  filter  with  cutoff  frequency  of 
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3.0  Hs  aad  termination  frequency  of  4.9  Hz,  and  (3)  «a  optima  data  filter  (oztoadod 
Xalaaa  filter)  with  data  processed  first  by  the  digital  filter.  The  third  filter  is  th 
on*  described  in  Figure  lz  aad  is  the  method  found  to  be  most  accurate.  The  criterion 


used  to  deternine  the  most  accurate  filter  Is  as  follows.  Tine  histories  were  generated 
froa  each  of  the  identified  derivative  arrays  aad  compared  with  the  four  aaaeuvers  of 
flight  test  data  used  in  the  Identification  aad  with  the  *wo  aaaeuvers  not  used  ia  the 
identification.  The  root  neaa  square  (RMS)  error  between  the  test  data  and  derivative 
aodel  tine  histories  for  all  state  variables  aad  accelerations  were  conputed,  aad  the 
total  RMS  error  (RMS  suaaatioa  of  all  states  aad  accelerations)  was  conputed  for  each 
■assurer.  The  total  RMS  errors  for  the  four  aaaeuvers  used  in  the  identification  aad 
the  total  RMS  errors  for  the  two  maneuvers  not  used  ia  the  identification  were  conputed. 
The  above  total  RMS  errors  for  each  filter  were  coapared,  aad  the  filtering  method  that 
yielded  the  smallest  RMS  error  was  considered  to  be  the  nost  accurate. 


The  results  of  the  three  filters  using  the  least 


ftav  Data  Filter 


MS  Error*  la  Teat  Data  and  Time  Hi  a tor  lea 
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Macau vara 
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29.3 

34.0 

19.2 
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• Total  WC  error  obtained  far  all  cbaoaela  for  the  maneuver*  shown 

Table  7.  Results  of  Filtering  on  RMS  Error  Tine 

History  Match  for  the  Least  Square  Identified 
Derivative  Model. 
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Table  8.  Results  of  Filtering  on  RMS  Error  Tine  History 

Match  for  the  Extended  Kalman  Filter  Identified  The  digital  and 

Derivative  Model.  aad  Kalman  filter  both 

remove  high  frequency 

contamination,  and  the  inproveaent  in  RMS  error  over  the  low-pass  filter  is  significant 
for  both  the  least  squares  aad  extended  Kalnan  filter  identification  method.  Thus, 
flight  data  should  be  filtered  to  remove  high-frequency  contamination  regardless  of  the 
identification  method  used. 


squares  derivative  estiaator 
are  shown  in  Table  7,  and 
the  results  using  the  extended 
Kalman  filter  are  shown  in 
Table  I.  Table  7 shows  the 
inproveaent  in  RMS  error  when 
using  the  Kalnan  filter  for 
the  least  squares  derivative 
identification  method.  The 
data  used  in  the  identification 
process  and  the  data  not  used 
in  the  identification  process 
have  the  smallest  RMS  error 
when  the  Kalman  technique 
for  filtering  data  is  used. 

This  is  as  expected,  since 
the  Kalman  filter  provides 
the  best  estimates  of  the 
state  variables  of  the  three 
filtering  methods.  Since 
the  least  square  method 
yields  biased  derivatives 
when  measurement  noise  is 
present,  the  filtering 
method  that  gives  the  most 
accurate  state  variable 
estimate  should  perform 
best. 

Table  8 gives 
results  of  using  the 
extended  Kalman  filter 
derivative  estimation 
method.  Again,  the  data 
filter  yielding  the  best 
results  is  the  Kalman 
filter,  but  the  digital 
filter  results  in  an  RMS 
error  nearly  as  good  as 
the  Kalman  filter.  This 
is  as  expected,  since  this 
derivative  estimator  is 
formulated  to  include 
measurement  noise. 


A significant  finding  from  this  study  is  that  the  least  squares  method  used 
with  the  Kalman  data  filter  yields  an  RMS  error  nearly  as  accurate  as  the  extended 
Kalman  filter  derivative  identification  method.  This  is  important,  since  the  least 
squares  method  used  with  the  Kalman  data  filter  is  computationally  more  efficient  than 
the  extended  Kalman  filter  derivative  identification  method.  Also,  the  least  square 
method  is  practical  for  identification  problems  with  large  derivative  arrays,  whereas 
the  extended  Kalman  filter  becomes  iucreasingly  more  inefficient. 

Table  9 compares  the  lateral  directional  derivatives  for  the  least  squares 
method  and  extended  Kalman  filter  method  of  derivative  identification.  Both  methods 
used  the  Kalman  data  filter.  Also  shown  in  Table  9 are  the  derivative  values  obtained 
from  a nonlinear  analytic  computer  program.  For  the  most  part,  the  derivatives  from  the 
least  squares  method  and  extended  Kalman  filter  methrd  are  comparable,  with  neither 
showing  better  accuracy.  The  analytic  derivatives  show  good  correlation  for  some 
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derivatives  and  poor  correlation  for  othors.  Tho  longitudinal  derivatives  were  found 
to  show  poor  correlation  for  nan/  important  derivatives.  This  was  also  found  to  bs 
true  with  the  computer  nodal  studies  discussed  earlier.  The  lateral  directional 
derivatives  generally  are  identified  more  accurately,  so  a meaningful  comparison  such 
as  in  Table  9 can  be  nade. 
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Table  9.  Comparison  of  the  Lateral  Directional  Derivatives  Identified  from 
Flight  Data  Using  the  Least  Squares  and  Extended  Kalman  Filter 
Methods.  Derivatives  from  Analytic  Prediction  Also  Shown. 

(CH-S3A,  100  kts.  3S000  lbs.) 

Effect  of  a priori  derivative  guess  on  extended  Kalman  filter.  The  least 
squares  derivatives  and  an  arbitrary  derivative  guess  were  both  used  to  initialize 
the  extended  Kalman  filter  derivative  identification  method.  The  arbitrary  guess 
consists  of  setting  all  derivatives  to  zero,  except  for  some  of  the  control  derivatives 
that  could  easily  be  estimated  from  the  flight  data.  The  derivative  values  for  the 
arbitrary  guess  are  given  in  Reference  16.  Both  the  digital  filter  and  Kalman  data 
filter  were  used.  The  RMS  errors  between  the  identified  derivative  model  time 
histories  and  flight  data  are  presented  in  Table  10.  The  RMS  errors  are  shown  to  be 
slightly  improved  when  using  the  least  squares  a priori  derivative  guess. 
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Table  10.  Results  of  A Priori  Derivative  Estimate  on  RMS  Error  Time 
History  Match  Using  the  Extended  Kalman  Filter. 

Correction  of  Derivatives  to  Quasi-Static  Values 


The  derivative  model  identified  from  flight  data  did  not  include  separate 
degrees  of  freedom  to  represent  the  rotor.  Thus,  it  is  necessary  to  convert  the 
identified  6-DOF  derivatives  to  quasi-static  values,  as  discussed  in  a previous  section. 
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Table  11  shows  the  flight  identified  derivatives  both  with  and  without  the  correction, 
along  with  the  analytic  aodei  quasi-static  derivative*.  Table  11  shows  that  the 
correction  factor  yields  flight  identified  derivatives  more  representative  of  analytic 
prediction.  This  is  particularly  true  for  the  lateral  directional  derivatives.  The 
longitudinal  derivatives  are  poorly  represented.  This  was  also  true  for  the  computer 
aodei  studies  examined  previously. 
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Table  11.  Comparison  of  Analytically  Predicted  Derivatives,  Flight 

Identified  (Corrected  to  Quasi-Static)  and  Flight  Identified 
(Uncorrected)  (CI1-S3A,  100  kts). 

The  6-DOF  flight  identification  is  consistent  with  the  identification  results 
found  from  the  nonlinear  computer  studies.  That  is,  the  6-DOF  identified  derivatives 
are  only  approximations  of  quasi- static  derivatives.  The  degree  of  accuracy  is  unknown 
and  difficult  to  assess  by  time  history  match,  because  the  6-DOF  model  is  approximate 
and  the  system  is  unstable.  The  correction  factor  used  on  the  flight- identified 
derivatives  provides  corrected  flight  identified  derivatives  that  are  better  approxi- 
mations of  the  flight  vehicle  quasi- static  derivatives  than  are  the  corresponding 
computer  identified  derivatives  of  the  computer  quasi-static  derivatives. 

Time  History  Comparisons  and  Characteristic  Roots 

The  flight  identified  derivative  model  was  simulated  with  the  inputs  used  to 
generate  the  actual  flight  test  data.  This  was  done  for  all  six  maneuvers.  The 
complete  results  can  be  found  in  Reference  16,  and  several  of  the  comparisons  are 
shown  in  Figures  13a  and  13b.  Many  of  the  time  histories  matched  well,  but  others 
provided  a poor  match  to  the  flight  data.  The  effect  of  the  blade  degree  of  freedom 
is  clearly  seen  in  the  acceleration  data. 

The  pitch  attitude  and  longitudinal  and  vertical  velocity  comparisons  shown 
in  Figure  13a  provide  a reasonably  good  match,  yet  the  longitudinal  derivatives  were 
known  to  be  in  error.  This  demonstrates  that  the  derivative  accuracy  of  a 6-DOF  model 
cannot  be  assessed  by  comparing  time  history  data.  Time  history  match  with  test  data 
will  only  be  neaningful  if  all  the  significant  modes  of  a rotorcraft  are  included  in 
the  model.  This  fact  explains  why  rotorcraft  model  investigations  and  computer  model 
identification  must  be  conducted.  Comparisons  for  a maneuver  that  was  not  used  in  the 
identification  are  shown  in  Figure  i3b.  The  acceleration  data  shown  in  Figure  13b  also 
show  the  high  frequency  rotor  degrees  of  freedom. 

The  characteristic  roots  of  the  flight  identified  derivatives  and  the  analytic 
model  roots  are  presented  in  Figure  14.  The  characteristic  root  locations  are  shown  to 
be  in  good  agreement  for  low  frequency  roots,  even  though  the  longitudinal  derivatives 
are  considerably  different.  Roots  are  also  presented  in  Figure  IS  for  results  of 
identification  at  150  knots.  The  Dutch  roll  mode  is  known  to  be  unstable  at  this 
condition.  The  flight  identified  ruots  correctly  predict  this,  but  the  analytic  tfodel 
roots  are  in  error. 
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Figure  13a.  Time  History  Comparison  of  6-DOF  Identified  Derivative  Models 

vs.  Flight  Test  Data  Used  in  the  Identification.  (Longitudinal 
Cyclic  Input,  CH-53A,  100  kts) 


FLIGHT  TEST  DATA 

EXTENDED  KALMAN  FILTER  DERIVATIVE  MODEL 


LEAST  SQUARES  DERIVATIVE  MODEL 


Time  History  Comparison  of  6-DOr  Identified  Derivative  Models 
vs.  Flight  Test  Data  Not  Used  in  the  'dentification.  (Lateral 
Cyclic  Input,  CHj- 5 3A,  100  kts) 
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Figure  14.  Characteristic  Roots  Identified 
from  Flight  Data  by  the  Kalman 
Filter  Method  vs.  Analytic 
Model  Roots  (CH-S3A,  100  kts, 
AFCS  Off). 


Figure  IS.  Characteristic  Roots  Identified 
from  Flight  Data  by  the  Kalman 
Filter  Method  vs.  Analytic 
Model  Roots  (CH-S3A,  150  kts, 
AFCS  Off). 


Further  Applications 

The  6-DOF  identification  method  of  Figure  12  was  also  applied  to  a CH-S4B  at 
45  knots  airspeed  and  the  ABC  coaxial  hingeless  rotor  helicopter.  The  CH-S4B  resulted 
in  similar  conclusions  regarding  6-DOF  modeling. 


Application  to  the  ABC  resulted  in  several  different  conclusions.  The  flight 
data  used  for  the  ABC  identification  were  taken  at  25  knots.  At  this  condition,  the 
motion  of  hingeless  rotor  helicopters  is  generally  dominated  by  several  static  deriva- 
tives. In  particular,  the  derivatives  M^  and  M*  contribute  to  much  of  the  motion  in 
pitch.  The  data  used  consisted  of  many  low-frequency  control  inputs,  so  the  time 
history  response  was  accurately  represented  by  a rigid  body  model.  This  fact  allows 
accurate  identification  of  many  of  the  static  derivatives.  The  conclusion  reached  from 
this  study  is  that  a 6-DOF  model  is  more  accurately  identified  from  flight  data  if  low 
frequencies  dominate  the  response.  This  is  as  expected,  since  the  rigid  body  model 
is  accurate  only  for  low-frequency  motion. 

CONCLUSIONS 


A general  procedure  has  been  presented  for  systematic  development  of  rotor- 
craft  models  with  articulated  or  hingeless  rotors  for  use  in  systems  identification. 

It  was  demonstrated  that  many  approximate  models  which  include  the  rotor  and  fuselage 
degrees  of  freedom  can  be  developed  for  use  in  systems  identification.  In  general, 
the  simple  models  are  dimensionally  smaller,  but  result  in  identified  derivatives  with 
less  accuracy.  It  was  shown  that  the  least  squares  identification  method  used  on  a 
nonlinear  simulation  is  valuable  in  determining  the  number  of  rotor  degrees  of  freedom 
that  should  be  included  in  the  model.  A nonlinear  computer  simulation  of  an  articulated 
rotor  helicopter  with  6 fuselage  DOF,  6 blades  with  flapping  DOF,  and  uniform  first- 
order  inflow  dynamics  was  used  to  examine  the  accuracy  attainable  for  a 6-DOF  and  9-DOF 
linear  identified  derivative  model.  The  results  show  that  the  9-DOF  model  with  6 
fuselage  and  3 rotor  degrees  of  freedom  yield  more  than  501  of  the  identified  deriva- 
tives to  within  lot  of  the  true  value.  The  6-DOF  fuselage  model  results  in  considerable 
errors  for  many  of  the  identified  derivatives.  The  6-DOF  lateral  directional  deriva- 
tives were  found  to  be  more  accurate  than  the  longitudinal  derivatives,  with  40t  of 
the  lateral  derivatives  within  lot  of  the  true  value.  These  results  demonstrate 
the  importance  of  selecting  an  accurate  model  for  use  in  identification. 


An  alternative  model  that  may  provide  acceptable  derivative  accuracy  is  the 
first-order  rotor  representation  for  blade  flap  and  lag  developed  in  this  paper.  The 
approximations  used  to  develop  this  model  were  shown,  and  the  derivative  accuracy 
attainable  with  this  model  needs  further  examination.  Identification  without  lag  DOF 
in  the  model  will  r suit  in  further  errors  in  identified  derivatives.  Thus,  further 
studies  of  the  accuracy  attainable  for  the  various  approximate  models  developed  in  this 
paper  should  be  conducted  sing  a nonlinear  computer  simulation.  The  nonlinear  model 
should  include  at  least  al-ie  flap  and  lag  and  first-order  air  mass  dynamics. 


The  normal  -ole  representation  for  hingeless  rotor  systems  was  shown  to 
reduce  to  the  same  mode:  structure  as  articulated  rotor  systems.  An  examination  is 
required  of  the  accurac  attainable  using  the  normal  node  formulation.  The  least 
squares  method  used  wit.-,  a nonlinear  rotorcraft  simulation  should  be  used  to  assess 
this  approximation. 
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The  advanced  atatlftlcal  methods  applicable  to  rotorcraft  identification 
include  the  (1}  maximum  likelihood,  (2)  maximum  a posteriori  - paraneter,  and  (3) 
maximum  a posteriori  - atate  estimation  nethods.  The  criterion  for  these  three  methods 
for  the  continuous  formulation  is  similar:  the  primary  difference  la  la  the 


algorithm  selected  for  solution.  The  many  degrees  of  freedom  (t  to  12)  required  In 
rotorcraft  identification  make  computation  efficiency  a primary  concern.  The  two- 
stage  method  of  simple  flight  test  experiments  to  determine  the  rotor  model,  followed 
by  a standard  Identification,  can  considerably  reduce  the  computational  requirements, 
thus  permitting  use  of  the  advanced  statistical  methods. 

Six -DOF  identification  from  flight  test  data  confirms  the  results  of  computer 
model  studies.  The  lateral  directional  derivatives  were  clearly  superior  in  accuracy 
to  the  longitudinal.  The  correction  factor  applied  to  the  6- DOF  flight  identified 
derivatives  to  account  for  absence  of  the  rotor  DOF  was  shown  to  improve  accuracy 
further. 

Six-DOF  flight  identification  may  provide  models  acceptable  for  simulation 

Purposes,  but  the  accuracy  is  generally  not  good  enough  for  correlation.  The  flight 
dentified  characteristic  roots  were  found  to  be  accurate  for  the  low  frequency  modes, 
even  with  derivatives  of  questionable  accuracy. 

The  least  squares  (LS)  method  used  with  the  optimum  data  filter  resulted  in 
flight  identified  derivatives  of  nearly  the  same  quality  as  the  extended  Kalman  filter. 
This  conclusion  may  not  bold  for  higher  measurement  noise  levels  typical  at  higher 
airspeeds.  The  computational  simplicity  of  the  LS  method,  combined  with  a simple 
optimum  filter,  makes  this  approach  worthy  of  consideration  in  problems  with  large 
derivative  arrays. 

Rotorcraft  modeling,  identification  algorithms,  and  flight  test  applications 
with  correlation  have  been  addressed.  Continued  applications  using  the  approximate 
models  developed  and  procedures  presented  in  this  paper  are  necessary  before  deriva- 
tives of  the  required  accuracy  can  be  identified  from  rotorcraft  flight  test  data. 
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A,  Aij 


NOTATION 

Matrix  of  stability  derivatives,  subscripts  ij  indicate  partitioned 
matrix 


A*,  A* 
Ap 

Aqs 

A1S 

•ij 

•OS.S1S 

®.Bl,B2 


Initial  and  final  stability  derivative  matricies  respectively 
(Pig.  12) 

Matrix  used  in  the  extended  Kalman  filter  formulation,  Ap  ■ 

Quasi-static  stability  derivative  matrix  defined  in  Eq.  S of  Table  1 

Rotor  lateral  cyclic  pitch  control  input,  positive  for  right  stick 
deflection,  degrees  (scalar) 

Elements  of  the  rotor  stability  derivative  matrix  A22  (Table  2) 

Coning  and  cosine  component  of  first  harmonic  flapping  respectively 
w.r.t.  shaft  axis,  radians 

Matrix  of  control  derivatives,  subscripts  1 and  2 indicate  partitioned 
matrix 


B*  ,B* 

*qs 

Bis 

•»ls 

Fij(t) 

*n<  > 

f.  *1.  U 

Gl(t),  G2(t) 


h(x) 


Initial  and  final  control  derivative  matricies  respectively  (Fig.  12) 

Quasi-static  control  derivative  matrix  defined  in  Eq.  S of  Table  1 

Rotor  longitudinal  cyclic  pitch  control  input,  positive  for  forward 
stick  deflection,  degrees  (scalar) 

Sine  component  of  first  harmonic  flapping  w.r.t.  shaft  axis,  radians 

Periodic  coefficient  stability  derivative  matrices  appearing  in 
linearized  rotorcraft  equations  of  motion,  t denotes  periodicity 
(Eq.  4) 

Generalized  forces  appearing  in  elastic  blade  solution  for  nth 
mode  response  (scalar) 

Nonlinear  vector  equations  of  motion  relating  state  vector  and 
control  inputs  to  the  time  derivative  of  the  state,  subscripts  1 
and  2 indicate  the  fuselage  and  rotor  respectively. 

Periodic  coefficient  control  derivative  matrices  appearing  in 
linearized  rotorcraft  equations  of  motion,  t denotes  periodicity 
(Eq.  4) 

Nonlinear  vector  equations  relating  the  measurements  to  the  state 
vector  (Eq.  27) 


H,  Hi,  H2 


Matrix  relating  measurements  and  state  vector,  subscripts  1 and 
2 indicate  'he  fuselage  and  rotor  respectively 


H2(»r,  t) 


Matrix  transforming  the  inplane/out  of  plane  bending  moments  in 
the  shaft  axis  to  blade  bending  moments 


Generalized  inertia  associated  with  the  nth  mode  of  a rotor  blade 
(scalar) 


lBM(rl>t) , I 3m  (ri)  Inplane  bending  moment  and  load  coefficient  respectively  at  blade 
n radial  station  ri  in  the  shaft  axis  (scalar) 


J 


! 

I 

.1 


I 

I 


K 


Quadratic  performance  criteria  (scalar) 

Kalman  gain  matrix  found  in  the  Kalman  filter  equations 
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If  \ Normalized  rolling  moment  derivative  of  tho  rigid  body,  *£/»(  ) 

1 1 (scalar) 

Mr  ) Normalized  pitching  soiant  derivative  of  tha  rigid  body,  *q/»(  ) 

1 (scalar) 


M(r!) 


Matrix  of  load  coafficlants  associated  with  tha  blada  banding 
moments  in  tha  shaft  axis 


*2 


Matrix  of  eigenvectors  associated  with  tha  rotor  degrees  of 
freedoa 


Max  p(xp/*) 


"(  ) 

*b 

NM 

P 

P.  P0 


Iaplies  aaxiaization  of  tha  conditional  probability  density 
p(xp/*)  w.r.t.  Xp 

Number  of  aodas  used  to  represent  the  blade  elastic  response 

Randoa  white  gaussian  aeasureaent  noise  vector 

Noraalizod  yawing  aoaent  derivative  of  the  rigid  body,  *r/*(  ) 
(scalar) 

Nuaber  of  blades  (scalar) 

Nuaber  of  siaultaneous  maneuvers  used  to  identify  derivatives 
(scalar) 

Body  roll  rate,  radians/sec 

Covariance  of  the  error  in  the  state  vector  estimate,  subscript 
o denotes  initial;  P • E((x  * x)  (x  - x)‘),  where  E denotes  expected 
value 


P1P 

Pp.  Ppo 
P*.  P* 

P(Xp/z) 

q 

Q 

r 

R 

f f o * ^ f 
T(t) 

Tgn^x.t),  TjMn(rx) 

u 

u 

v 


Covariance  of  the  state  vector  and  parameter  vector 

Covariance  of  the  error  in  the  parameter  vector  estimate, 
subscript  o denotes  initial 

Covariance  in  the  initial  and  final  derivative  estimate  (Fig.  12) 

Conditional  probability  density  function  of  Xp  given  z (assumed 
gaussian) 

Body  pitch  rate,  radians/sec 

Process  noise  intensity  matrix  Q ■ st’E  (w  wT) 

Body  yaw  rate,  radians/sec 
Blade  radial  station 

Measurement  noise  intensity  matrix  R ■ *t'E(n  J) 

Time,  initial  time  and  final  time  respectively,  secs 

Periodic  coefficient  matrix  which  transforms  coordinates  in  the 
rotating  axis  to  the  nonrotating  axis 

Torsional  bonding  moment  and  load  coefficient  respectively  at 
blade  radial  station  rj  in  the  shaft  axis  (scalar) 

Longitudinal  velocity  in  the  body  axis,  positive  forward,  ft/sec 

Vector  of  control  inputs 

Lateral  velocity  in  the  body  axis,  positive  to  the  right,  ft/sec 


V 

w 


Bn(rl »t) ’VBM- (Tl)  Vertical  bending  moment  and  load  coefficient  respectively  at  blade 
radial  station  r1  in  the  shaft  axis  (scalar) 

Vertical  velocity  in  the  body  axis,  positive  down,  ft/sec 


w 


Randoa  whi  :e  gaussian  process  noise 


X(  ) 


Normalized  longitudinal  force  derivative  of  the  rigid  body 
*u/>(  ) (scalar) 


£•  £l»  *2  State  vector  of  rotor  and  body  variables,  state  vector  of  body 

variables,  and  state  vector  of  rotor  variables  respectively  in 
the  nonrotating  axis 

£ 

x . State  vector  of  rotor  variables  in  the  rotating  axis 
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\ 


*p 


lo<  Ip 


*(t0) » ipftp) 


Stat*  vector  of  parameters  which  include  stability  and  control 
derivatives 

Initial  estimate  in  the  state  and  parameter  vector  respectively 
Initial  value  of  the  state  and  parameter  vector  respectively 


Current  estimate  of  the  state  and  parameter  vector  as  given  by 
the  Kalman  filter 


£§(r,  t) 


State  vector  of  rotating  coordinates  as  a function  of  blade 
radial  station  r 


£2  State  vector  of  normal  coordinates  for  the  rotor  state  variables 

y(r,t),  yn(r)  Inplane  blade  deflection  and  mode  shapes  respectively  as  a 

function  of  blade  radial  station  r in  the  shaft  axis 


Y(  ) 

R 

I.  *!«  il 
z(r,t),  z„(r) 
£$(*1*  O 


Normalized  lateral  force  derivative  of  the  rigid  body,  *v/*(  ) 

Vector  of  fuselage  and  rotating  state  measurements,  vector  of 
fuselage  state  measurements,  and  vector  of  rotating  state  measure- 
ments respectively. 

Vertical  blade  deflection  and  mode  shapes  respectively  as  a function 
of  blade  radial  station  r in  the  shaft  axis 

Measurement  vector  of  blade  bending  moments  at  radial  station  r,  in 
the  blade  axis  1 


ZC  ) 


Normalized  vertical  force  derivative  of  the  rigid  body,  *w/>(  ) 
(scalar) 


Si  Rotor  blade  flapping  of  ith  blade  in  the  rotating  axis,  radians 

B0,  Sj  Coning  and  differential  coning  coordinates  respectively  in  the 

nonrotating  axis,  radians 


®nc»  #ns 


Cosine  and  sine  coordinates  respectively  in  the  nonrotating  axis 
for  the  nth  harmonic,  radians 


4(  ) Indicates  a perturbation  of  quantity  in  parenthesis 

«n  Generalized  coordinate  associated  with  the  nth  mode  s.,ape  of  an 

elastic  blade 


t 


blade  lag  angle  in  Figure  1 and  damping  ratio  in  Table  2 


Cn  Damping  ratio  associated  with  nth  mode  shape 

*,♦  Fuselage  pitch  and  roll  attitude  respectively  in  inertial  axis, 

radian 


»(r,t),  e„(r) 

®TR>  ®T 
•o>  *c 
®R 

1,  » 

1 

*ij 

♦i 


“c  /Q.  '•*/Q 


a 


Torsional  blade  deflection  and  mode  shapes  respectively  as  a 
function  of  blade  radial  station  r in  the  shaft  axis 

Tail  rotor  collective  pitch  angle,  radians 

Main  rotor  collective  pitch  angle,  radians 

Blade  geometric  pitch  angle,  radians 

Real  axis  in  the  complex  plane 

Adjoint  vector  resulting  from  application  of  the  maximum  principle 

Matricies  resulting  when  transforming  state  equations  to  normal 
form  (Eq.  10) 

Phase  angle  for  each  blade  in  the  disk  of  the  rotor,  » Ot  ♦ 
where  4^  represents  the  asymuthal  angle  of  each  blade, 
radians 

Imaginary  axis  in  the  complex  plane 

Natural  frequency  associated  '/ith  the  nth  mode  shape,  rad/sec 

Natural  frequency  of  t lie  inplane  and  flapping  1st  blade  node 
respectively  normalized  by  rotor  rotational  speed 

Rotor  rotational  speed,  radians/scc  (scalar) 


Special  symbol* 
(*) 

( rl 
( )T 
( T 
(J 

*(  )/»(  ) 
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Oaaotaa  time  derivative,  dj  ) 

Denotes  aatrix  invsrtion 
Denotes  aatrix  transpose 
Denotes  current  Kalman  filter  estimate 


A bar  below  a lower  case  variable  denotes  a vector  and  all  upper 
case  variables  are  matrices  except  where  noted  in  the  list  of 
syvbols 

Denotes  partial  derivative  of  numerator  w.r.t.  denoaenator 


25-1 


ROTOR  SYSTEMS  RESEARCH  AIRCRAFT  (RSRA) 

REQUIREMENTS  FOB,  AMD  COOTRIBUTIONS  TO,  RCTORCRATT  STATE  ESTIMATION 
AMD  PARAMETER  IDENT 1 1 1 CAT  ION 

by 

Cregory  W.  Condon 
Langley  Directorate 
U.S.  Any  Air  Mobility  UD  Laboratory 
NASA  Langley  Eaaaareh  Cantor 
Ibaptoa,  Virginia  23663 


SUMMARY 


Tha  National  Aaronautlca  and  Specs  Adalnlatratlon  and  tha  United  Stataa 
Any  Hava  Jointly  contractad  for  tha  development  of  tvo  Kotor  Syatena  taaaarch 
Aircraft  (RSKA) . Thaaa  flight  raaaarch  vahlclaa  ara  being  dealgnad  speclfl- 
cally  to  provide  tha  Unltad  Stataa  Government  with  the  capabllltlaa  nacaaaary 
for  tha  affective  and  efficient  ln-fllght  teat  and  verification  of  promising 
new  rotor  concepta  and  eupportlng  technology  developments.  The  raaaarch  mia- 
a Ion  and  unique  feature!  of  tha  RSKA  will  require  tha  new  and  expanded  appli- 
cation of  atata  estimation  and  parameter  Identification  technology  and  will 
provide  heretofore  unavailable  flight  capabllltlaa  with  which  to  expand  tha 
atata  of  the  art  of  the  parameter  Identification  technology.  This  paper  will 
present  the  RSKA  requirements  for,  and  possible  contributions  to,  rotorcraft 
state  estimation  and  parameter  identification  technology.  The  Intent  of  thla 
paper  Is  to  engender  the  timely  consideration  of  tha  RSRA  in  the  current  and 
future  developmenta  of  thla  technology. 


SYMBOLS 


A,».C,D,E,r 


*TX*  *TT'  *TZ 
*WX’  *WY*  *WZ 

V V *Z 

H.I.J.K.L.M 

itxx‘  hrr  hzz 
1wxx*  iwyy-  rwzz 
*T 

L.K.M 


LIT- 

"it- 

"it 

liw- 

"li 

LIW 

"iw- 

"iw 

V 

Mr.  M 

a 

*w 

"w 

*T 

"w 

P.  <1 

» r 

V 

X,  Y 

. z 

xir 

YIT- 

hr 

XIW* 

YIW- 

ziw 

V V ZR 


Transmission  mounting  reactive  forces  in  the  body  axis  system,  lb 
Inertial  accelerations  of  the  transmission  In  the  body  axis  system,  ft/sec2 

Inertial  accelerations  of  the  wing  In  the  body  axis  system,  ft/sec2 

2 

Inertial  accelerations  of  the  body  In  the  body  axis  system,  ft/sec 
King  mounting  reactive  forces  in  tha  5oJy  axis  system,  lb 
Transmission  principal  moments  of  Inertia,  slug-ft2 
Wing  principal  moments  of  inertia,  slug-ft2 

Transmission  Incidence  with  respect  to  the  longitudinal  body  axis,  radians 

Wing  Incidence  with  respect  to  longitudinal  body  axis,  radians 

Body  aerodynamic  moments  In  the  body  axis  system,  ft-lb 

Transmission  Inertia  moments  In  the  body  axis  system,  ft-lb 

Wing  Inertia  moments  in  the  wing  principal  axis  system,  ft-lb 

Wing  Inertia  momenta  In  the  body  axis  system,  ft-lb 

Rotor  moments  at  the  hub  In  the  body  axis  system,  ft-lb 

Wing  aerodynamic  momenta  ac  the  wing  pivot  In  the  body  axis  system,  ft-lb 
Mass  of  the  transmission,  slugs 
Mass  of  the  wing,  slugs 

2 

Angular  velocity  components  of  the  body  expressed  in  the  body  axis  system,  rad/sec 
Sum  of  the  engine  and  tall  rotor  drive-shaft  torques,  ft-lb 
Airspeed,  knots 

Body  aerodynalc  forces  In  the  body  axis  system,  lb 
Transmission  Inertia  forces  In  the  body  axis  system,  lb 
Wing  inertia  forces  ip  the  body  sxls  system,  lb 
Rotor  forces  at  the  hub  In  Che  body  axis  system,  lb 


I 

, i 


M 


i 

I , 


Hint  aerodynamic  fore**  at  th*  wing  pivot  in  th*  body  ula  aystaa,  lb 

Rotor  mounting  gaomatry  dimensions  la  th*  transmission  principal  aala  aystaa,  ft 

Dlataac**  froa  th*  wing  pivot  aala  to  tho  wing  cantar  of  gravity  la  th*  wlog  principal 

aala  ayataa,  ft 

Wing  noun ting  gaomatry  dimension*  la  th*  vlng  principal  aala  ayataa.  ft 
Dlataaea  froa  th*  rotor  hub  to  tha  traa*al**loo  cantor  of  gravity  along  th*  shaft,  ft 
Puaalag*  angla  of  attack,  radians 
Puaalaga  *ld**llp  angla,  radian* 

Vlng-tllt  aachanlsa  angular  daflaction,  radians 
Control  daflactlou,  radlana 

Longitudinal , lat«ral,  directional,  collactlva  (tick  d«fl*ctlon*,  inch** 


1.  INTRODUCTION 

Thar*  arc  aany  new  rotor  concapt*  and  aupporting  raacarch  afforta  la  various  atagas  of  davalopaant  that 
hava  th*  potantlal  capability  of  alleviating  eon*  of  tha  llaltatlon*  aaaoclatad  with  currant  rotorcraft. 

Tha as  rotor  concapta  and  technology  development*  auat,  la  tha  final  analyela,  be  flight  tested  In  order  to 
quantify  thalr  performance  and  charactcrlatlc*  In  tha  real  and  dynaaiic  environment  of  flight.  In  tha  past, 
flight  taatlng  has  been  accoapllahcd  hy  either  modifying  an  existing  vehicle  or  building  a new  vehicle.  In 
addition  to  being  quit*  expensive,  this  approach  has  resulted  in  aevar*  restrictions  on  tha  teat  envelop*, 
measurement  accuracy,  and  In  soma  ease*  flight  safety. 

In  ordar  to  overcome  thaaa  shortcomings,  tha  United  Stataa  Army  and  th*  National  Aeronautics  and  Space 
Administration  have  contracted  with  Sikorsky  Aircraft  for  the  development  of  two  Rotor  Systems  Research  Air- 
craft (RSRA).  These  flight  research  vehicles  are  being  specially  designed  with  the  inherent  capabilities 
necessary  for  affective  and  efficient  in-flight  teat  and  verification  of  promising  new  rotor  concept*  and 
supporting  technology  developaMnt*. 

Of  prime  importance  to  successful  completion  of  th*  flight  research  mission  la  th*  accurate  estimation 
of  th*  etat*  of  th*  reeearch  rotor  system  or  technology  development  under  test  and  of  th*  parameters  deplet- 
ing lea  characteristics.  In  general,  the  desired  quantitative  measure*  may  be  of  aerodynamic,  structural, 
or  performance  states  or  characteristics.  These  quantitative  measure*  will  be  used  to  evaluate  system  per- 
formance, to  verify  and  provide  impetus  for  improved  prediction  techniques,  to  develop  control  system  lavs, 
and  for  ground-based  simulation. 

The  unique  research  mission  and  several  of  th*  unique  features  of  the  RSRA  air  vehicle  will  require  the 
unique  or  expanded  application  of  state  estimation  and  parameter  identification  technlquea  as  regards  rotor- 
craft.  In  addition,  th*  RSRA  possesses  several  unique  capabilities  heretofore  unavailable  with  which  to 
expand  th*  state  of  tha  art  of  rotorcraft  parameter  identification  technology. 

This  paper  will  outline  th*  RSRA  concept,  describe  the  RSPA  flight  research  capabilities,  and  present 
the  RSRA  requirements  for  and  possible  contributions  to  rotorcraft  state  estimation  am1  parameter  identifi- 
cation technology.  The  objective  of  this  paper  is  to  engender  the  timely  consideration  of  the  RSRA  in  the 
current  and  future  developments  of  this  technology. 

...  ROTOR  SYSTEMS  RESEARCH  AIRCRAFT 

In  order  for  th*  RSRA  to  be  an  effective  cool  with  which  to  conduct  rotorcraft  flight  research  for  a 
broad  spectrum  of  research  rotors  and  research  tasks,  certain  capabilities  are  necessary.  The  vehicle  must 
be  able  to  provide  a flight  and  rotor  test  envelope  chat  is  sufficiently  broad  to  encoeipass  che  expected 
envelopes  of  future  rocor  systems  under  both  trim  and  transient  conditions.  The  flight  control  capabilities 
must  be  sufficiently  versatile  in  order  to  exploit  this  broad  test  envelope  for  a multitude  of  research 
task*  and  to  provide  accurate  and  repeatable  test  conditions,  both  trim  and  cranslenc,  throughout  the  enve- 
lop*. The  success  of  the  RSRA  as  a research  tool  will  depend  greatly  on  che  ability  to  measure  accurately 
th*  appropria**  vehicle  and  rotor  parameters  that  define  the  pertinent  characteristics  of  the  rotor  or 
supporting  research  development  under  examination. 

2.1  Airframe 

The  RSRA  ssist  be  able  to  provide  a broad  envelope  of  rotor  and  flight  test  conditions  in  order  to  permit 
the  systematic  mapping  of  the  characteristics  nf  the  candidate  research  rotors  throughout  their  operating 
envelopes  under  both  trim  c-_i  transient  conditions.  Hence,  the  RSRA  airframe  must  possess  the  capabilities 
necessary  to  generate,  above  some  airspeed,  reactive  forces  and  moments  of  sufficient  magnitude  to  exercise 
the  candidate  research  rotors  throughout  their  operating  envelopes.  As  shown  In  Figure  1,  a variable  Inci- 
dence wing  will  provide  a force  to  react  the  rotor  trie  lift.  High-speed  flaps  will  generate  transient 
reactive  lift  on  th*  rotor  abcut  th*  trim  rotor  lift.  In  the  longitudinal  axis,  aralllary  thrust  engines 
will  provide  a force  to  react  the  rotor  trim  drag  and  high-speed  diag  brakes  will  react  the  rotor  trim  pro- 
pulsive force  and  generate  transient  reactive  longitudinal  force.  In  addition  to  being  required  to  generate 
forces  to  react  the  rotor  forces,  the  RSRA.  as  shown  In  Figure  1,  will  generate  trim  and  transient  moments 
to  react  the  rotor  moments.  An  elevator,  ailerons,  and  a rudder  will  provide  this  capability.  The  platform, 
that  is,  th*  flxed-vlng  airplane,  force  and  moment  generation  capabilities  art  shown  In  Figure  2.  Hence 
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tiv:  I5U  ha*  a full  set  of  rotorcraft  control  surfaces,  that  is,  a main  rotor  and  a tall  rotor;  and  a full 
aat  of  alrplana  controla,  that  la,  a variable- incidence  wing,  propulalva  engine*,  flapa,  drag  brakaa, 
i Ur-one,  alavator,  and  a ruddar. 

Tha  phyaical  charactarlatlca  of  tha  RSRA  ara  ahown  on  Figure  3 and  llatad  In  Tabla  1.  A*  ahovn  In 
FI*  -a  4,  tha  RSRA  will  ba  flown  aa  a hallcoptar,  an  alrplana,  and  a cow  pound  hallcoptar.  Tha  performance 
chaiactarlatlca  ara  llatad  In  Tabla  2. 

Flight  oparatlon  of  tha  RSRA  will  raqulra  tha  ldantlf lcatlon  of  tha  atablllty  and  control  dcrlvatlvaa 
for  all  thraa  baaallna  configuration*  and  hanca  tha  application  of  atablllty  and  control  derivative  extrac- 
tion technology  applicable  to  both  alrplanea  and  helicopter*.  The  coa pound  hallcoptar  configuration  will 
require  tha  application  of  tha  combined  technology. 

2.2  Flight  Control  Syatea 

Tha  flight  control  ayataa  suit  poaaeaa  aufflclant  capabilltlaa  and  versatility  to  effectively  utlllxa 
tha  broad  teat  envelope  for  many  and  varied  reaaarch  taaka  and  to  provide  accurate  and  repeatable  teat  condi- 
tion*, both  trie  and  transient,  throughout  this  envelop*.  The  required  flight  control  capabilities  and 
versatility  will  be  provided  by  the  RSRA  fly-by-wire  flight  control  aystea.  The  fly-by-wlr*  flight  control 
syatea  exercises  control  of  the  control  surfaces  through  an  on-line  backup  aechanlcal  flight  control  systea. 
This  backup  aechanlcal  systea  provides  a highly  reliable  flight  control  capability  suitable  for  acceptable 
flight  operation  of  the  RSRA  throughout  Its  flight  envelope;  the  fly-by-wlr*  flight  control  systea  provides 
the  flight  control  capability  and  versatility  required  for  the  research  alsslon. 

Figure  5 shows  the  functional  layout  of  the  aechanlcal  flight  control  systea  for  each  axis  of  the  prl- 
aary  and  secondary  fllghc  controls.  The  control  systea  In  the  pitch,  roll,  and  yaw  axes  provides  the  safety 
pilot  wich  Integrated  control  of  the  rotorcraft  and  airplane  control  surfaces.  For  example,  the  safety 
pilot's  longitudinal  stick  exercises  control  of  the  elevator  deflection  and  longitudinal  cyclic  pitch  accord- 
ing to  the  ratio  selected  in  the  control  phasing  unit.  The  selection  of  the  control  phasing  setting  and, 
therefore,  the  relative  contribution  of  the  rotor  and  airplane  controls  Is  based  upon  achieving  acceptable 
control  effectiveness  throughout  the  RSRA  flight  regime.  The  control  systea  provides  direct  control  of 
collective  pitch,  wing  tilt,  flap  deflection,  and  drag  brake  deflection.  The  aechanlcal  flight  control 
syscea  also  has  an  analog  stability  augmentation  systea  for  the  three  angular  degrees  of  freedom. 

Figure  6 shows  the  functional  layout  of  the  fly-by-wire  flight  control  system  for  each  axia  of  control. 
The  systea  exercises  control  of  the  main  rotor,  tail  rotor,  elevator,  ailerons,  rudder,  flaps,  and  drag 
brakes.  Control  cotmsands  are  calculated  in  the  digital  computer  controller  based  upon  the  programed  control 
laws  and  input  variables,  Che  input  variables  consisting  of  pilot  control  positions  and  rotor  and  fuselage 
state*.  Control  surface  contends  are  input  through  force  feel  actuators  and  series  actuators.  In  pitch  and 
roll,  control  command  inputs  through  the  force  feel  actuatots  provide  integrated  control  of  the  rotor  and 
airplane  surfaces  according  to  the  setting  of  the  control  phasing  unit.  The  series  actuators,  in  both  the 
rotor  and  lrplanc  control  runs,  provide  the  capability  to  input  control  cotmzanda  to  the  rotor  and  the  air- 
plane control  surfaces  independently  and,  therefore,  for  example,  to  react  rotor  moments  with  airplane 
moments.  This  Independence  of  control  of  the  airplane  and  helicopter  control  surface  motions  allows  the 
independent  optimization  of  the  airplane  and  helicopter  control  Inputs  in  order  to  enhance  the  ability  to 
Identify  stability  and  control  derivatives  for  the  compound  helicopter  configuration.  This  capability  is 
not  available  through  the  mechanical  flight  control  system  since  the  airplane  and  helicopter  control  surface 
motions  are  related  according  to  the  setting  of  the  control  phasing  unit. 

Time-variant  dependent  control  of  the  rotor  and  the  airplane  surfaces  can  be  achieved  by  inputting 
time-variant  dependent  control  commands  to  the  aeries  actuators.  This  capability  is  not  available  through 
the  force  feel  actuator  since  the  fly-by-wire  flight  control  system  does  not  exercise  control  of  the  control 
phasing  units.  The  series  actuators  in  each  control  channel  (rotor  or  airplane)  are  comprised  of  a low- 
speed  large-authority  actuator  for  use  in  generating  trim  inputs  and  high-speed,  low-authority  actuator  for 
use  in  generating  transient  Inputs.  In  yaw,  control  commands  are  input  through  the  force  feel  actuators  to 
provide  integrated  control  of  the  rudder  and  tall  rotor  according  to  the  setting  of  the  control  phasing  unit. 
High-speed,  low-authority  series  actuators  are  provided  for  use  in  directional  stability  augmentation.  In 
the  collective  channel,  force  feel  actuators  are  utilized  to  input  control  commands;  high-speed  low-authority 
series  actuators  are  used  for  stability  augmentation.  High-speed,  limited-authority  series  actuators  are 
utilized  to  input  control  commands  to  the  flaps  and  drag  brakes. 

The  core  of  the  fly-by-wire  flight  control  system  (see  Fig.  7)  is  the  Teledyne  Systems  Company  TDY-43 
general-purpose  flight-qualified  digital  computer,  the  characteristics  of  which  are  listed  in  Table  3.  The 
16K  of  memory  coupled  with  the  bas  c processor  computational  speed  and  accuracy  provides  the  capability  to 
handle  relatively  complex  and  sophisticated  control  tasks. 

A control  panel  (see  Fig.  8)  located  In  the  cockpit  provides  the  pilots  with  the  in-flight  control  and 
monitoring  capabilities  necessary  to  fully  utilize  the  functions  implemented  in  the  fly-by-wire  system.  The 
system  provides  five  basic  functions:  stability  augmentation,  autopilot,  control  stick  force  feel,  automatic 

control  inputs,  and  research  control  modes.  The  stability  augmentation  and  autopilot  systems  are  utilized 
by  either  the  safety  or  evaluation  pilots  to  facilitate  the  normal  flight  of  the  RSRA  and  the  setting  of 
trim  conditions  prior  to  engaging  the  research  control  modes.  The  force  feel  system  is  used  during  all 
aspects  of  RSRA  flight  by  either  the  safety  pilot  or  the  evaluation  pilot  in  order  to  provide  force  feel 
characteristics  on  the  control  sticks  to  Improve  the  vehicle  handling  qualities.  The  automatic  control  input 
feature  provides  a repeatable  pulse  or  step  input,  the  characteristics  of  which  are  precisely  defined  as 
stored  in  memory.  The  desired  axis  and,  where  appropriate,  th-  desired  control  device  (main  rotor  or  eleva- 
tor in  pitch,  aaln  rotor  or  ailerons  In  roll,  tall  rotor  and  rudder  in  yaw,  main  rotor  or  flaps  in  vertical, 
and  drag  brakes  in  the  longitudinal)  are  selected  by  the  pilot.  Since  the  shape  of  the  automatic  pulse 
input  is  under  software  control,  this  input  can  be  defined  by  any  arbitrarily  shaped  function  within  the 
capabilities  of  the  control  system  to  reproduce  this  motion  at  the  control  surface.  Hence,  this  feature  pro- 
vides the  capability  to  study  lndlvldua, ly,  for  each  control  surface,  optimal  control  Inputs  for  enhancing 
the  ability  to  identify  stability  and  con'-nl  derivatives  from  flight-test  data. 


'1 


*3— 

Ttta  raMWch  versatility  of  the  RSRA  la  pravldsd  by  utilisation  of  tha  raaaarcti  control  modes.  Tbraa 
basic  aodee  ara  provided;  manual , automatic,  wad  auto/aaaual,  and  fora  tha  baalc  format  within  which  the 
control  lawn  to  be  utilised  for  tha  raaaarch  aUaloo  will  ba  lnplneenCed.  In  tha  manual  aoda,  all  of  tha 
UU  control  surfaces  ara  under  tha  manual  control  of  tha  evaluation  pilot.  For  example . this  nods  will  ba 
utilised  in  tha  helicopter  configuration  to  acconpllsh  handling  qutlltlee  raaaarch  ualng  tha  RSRA  as  a elx- 
degree-of- freedom  variable  stability,  ln-fllght  simulator.  In  the  nanual/auto  mode,  several  of  the  RSRA 
control  aurfacas,  or  dagraes  of  freedoa,  ara  under  the  manual  control  of  tha  evaluation  pilot,  the  remaining 
control  surfaces  or  dagraes  of  freedom  under  tha  automatic  control  of  tha  fly-by-wtrs  system.  For  example, 
as  atewn  la  Figure  9,  tha  evaluation  pilot  could  cxarclsa  manual  control  of  tha  rotor  under  test  while  tha 
fly-by-vire  system  utilised  the  f lve-degree-of-f reedon  ftxed-wlng  controls  to  automatically  simulate  a fuse- 
lage of  different  aerodynamic  and  nass/lnertla  properties,  thus  simulating  a range  of  fueelage  characteris- 
tics for  a given  rotor  system  under  test.  This  control  task  la  the  case  that  was  used  to  else  the  flight 
computer  computational  capability.  In  the  automatic  mode,  all  of  tha  RSRA  control  surfaces  ara  under  t*u 
control  of  tha  fly-by-wl  >•  flight  control  system.  This  node  will  br  utilized  In  the  helicopter  simulation 
configuration  for  tha  aut  »*stle  control  and  Indexing  of  rotor  teat  conditions.  For  example,  the  fly-by-wlre 
system  would  step  main  rotor  collective  pitch  over  a range  of  values  as  stored  In  an  array  In  memory  while 
holding  cyclic  pitch  constant  and  maintaining  tha  vehicle  flight  path  and  airspeed  constant  by  use  of  the 
flxad-wlng  control  surfaces.  This  flight  control  capability  coupled  with  the  platform  force  and  monent 
generation  capability  permits  mapping  of  rotor  performance  over  a broad  range  of  each  variable,  independently 
of  tha  other  variables  and  In  a precise  and  repeatable  manner. 

The  automatic  control  Input  feature  only  permitted  tha  Input  of  control  surface  motions  for  one  control 
surface  at  a time.  Tha  automatic  node  provides  tha  capability  to  Independently  Input  control  surface  motions 
simultaneously  to  any  combination  of  tha  control  surfaces.  Hence,  the  capability  exists  to  study  any  combi- 
nation of  optimum  control  Inputs  for  enhancing  the  ability  to  Identify  stability  and  control  derivatives 
from  flight-test  data. 

j Ferlpheral  to  the  flight  computer  la  a Program  Monitor  and  Control  Unit  (PMCU).  This  unit,  shown  In 

{ Figure  7,  la  under  the  control  of  tha  third  crewman,  tne  flight  engineer,  and  provides  the  ln-fllght  capa- 

I blllty  to  modify  and/or  observe  the  operational  software;  In  particular  to  slow  sny  of  tha  128  constants 

i located  in  memory  by  0 to  200  percent  of  their  value,  to  display  tha  contanta  of  any  memory  location,  accumu- 

lator, Index  register  or  special  register,  and  to  Initiate  a printout  on  tha  onboard  prlntar.  For  example, 
i the  pulse  duration  of  the  preprogramed  automatic  control  Inputs  nay  ba  dsfinsd  by  one  of  the  128  constants 

and  therefore  changed  In  flight.  It  will  alao  ba  used  on  tha  ground  to  load  and  varlfy  programs  and  to  X 

check  out  or  debug  the  program  In  a continuous  or  attp-by-step  aoda. 

The  fly-by-vire  control  commands  Interface  with  the  mechanical  flight  control  system  through  the  Actua- 
tor Control  and  Monitor  Unit  (ACMU)  which  provides  the  circuitry  required  for  control  of  the  electric.il- 
lnput  force  feel  and  series  actuators  end  for  monitoring  of  their  operation. 

Tha  Failure  Monitor  Unit  (FMU)  monitors  tha  safety  pilot  primary  control  stick  motions  and  the  main 
rotor  longitudinal  pitch,  elevator,  collactlva,  and  flaps  aeries  actuator  commands  for  "hardovera”  — 
exceedance  of  their  respective  rate  end  amplitude  envelopes  — and  upon  detection  of  a hardovar  dlsengagas 
the  fly-by-wlre  flight  control  system. 

In  order  to  utilise  the  fly-by-wlre  flight  control  system  to  provide  accurate  and  repeatable  test  con- 
ditions, both  trim  and  transient,  for  the  many  and  varied  research  tasks  envisioned  for  the  RSRA,  compre- 
hensive rotor  and  vehicle  state  Information  must  be  available  In  the  flight  computer.  This  state  Information 
le  derived  from  Input  signals  supplied  by  aircraft  mounted  seniors.  The  particular  Input  signals  for  the 
flight  computer  and  the  characteristics  of  the  corresponding  channel  of  the  computer  Input  are  as  specified 
In  Table  A.  The  sensor  characteristics  ara  compatible  with  those  specified  for  the  research  Instrumentation 
system  and  Hated  In  Table  3. 

The  RSRA  has  two  unique  measurement  systems  that  provide  heretofore  unavailable  state  information  with 
which  to  achieve  direct  setting  and  control  of  test  conditions:  s rotor  fores  and  moment  measurement  system 

and  a wing  force  and  moment  measurement  system.  As  depicted  in  Figure  10,  each  system  Is  mounted  to  the  air- 
frame on  load  cells.  The  output  signals  art  sant  to  the  flight  computer  where  the  forces  and  moments  are 
estlmeted  on-line  and  hence  are  available  for  use  In  control  by  rhe  fly-by-wlre  system  or  for  display  to 
tha  pilot.  The  details  to  these  systems  will  be  discussed  in  the  following  section  on  research 
Instrumentation. 

2.3  Research  Instrumentation 

Successful  flight  research  Is  greatly  dependent  upon  the  ability  to  accurately  measure  and  record  the 
appropriate  data  from  which  to  estimate  the  states  and  parameters  defining  Che  characteristics  of  Interest. 

This  Is  base  accomplished  if  Che  system  for  obtaining  each  measurement  is  designed  as  an  integral  part  of, 
and  permanently  Incorporated  Into,  the  vehicle,  and  If  the  data  recording  system  Is  specif Ic.lly  designed 
for  Che  flight  research  role.  This  philosophy  has  been  applied  to  the  measurement  systems  'or  the  RSRA. 

The  data  recording  system  Is  the  Piloted  Aircraft  Data  System  (PADS),  a new  and  versatile  data  collection 
system  designed  at  Langley  Research  Center  (LRC)  specifically  for  aeronautical  flight  reseirch  programs 
Including  rotorcraft. 

A schematic  of  the  research  instrumentation  system  for  the  RSRA  is  shown  as  Figure  11.  The  data 
recording  system  Is  comprised  of  two  PADS.  Each  PADS  provides  up  to  104  PCM  channels  for  use  In  recording 
up  to  10  Hz  data,  and  up  to  40  constant  bandwidth  FM  channels  for  use  in  recording  up  to  400  Hz  data.  In 
addition,  one  channel  is  provided  for  recording  voice  and  events  and  one  channel  for  recording  PCM  time  code 
for  use  In  correlating  measurements  recorded  onboard  and  measurements  telemetered  to  the  ground  station. 

The  teleoe.ry  capability  provides  for  up  to  104  channels  for  PCM  data  and  10  channels  for  FM  data  to  be 
telemetered  from  the  number  1 PADS,  The  PCM  uses  a nine-bit  analog  to  digital  converter  to  provide  an 
accuracy  of  +0.2  percent  of  full  scale  for  +5  volt  Inputs  and  +0.5  percent  full  scale  for  +10  millivolt 
Inputs.  The  CBW-FM  subsystem  Is  comprised  of  voltage  controlled  oscillators  and  mixer-amp! If lers.  the 
root  sum  squared  error  being  less  than  or  equal  to  2 percent  full  scale.  The  signal  conditioner  provides 
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* root  mm  squared  error  of  leas  chan  or  equal  so  0.3  percant  full  scale.  The  ground  station  provides  for 
raal-tlM  uiaplay  and  hard-copy  racordlng  of  a 1 In It ad  number  of  salactad  channels  of  data,  for  racordlng 
on  tapa  all  of  tha  telemetered  data  channels  and  for  off-line  data  editing,  reformating,  and  generation  of 
a digital  tape  for  use  In  automatic  data  processing. 

Tha  rasaarch  instrumentation  system  as  configured  on  tha  delivered  vehicles  will  provide  tha  measure- 
•ants  listed  in  Table  3.  Hence,  there  will  be  140  spare  channels  of  PCM  and  74  spare  channels  of  FM  for  use 
In  recording  data  from  sensors  to  be  installed  In  the  future  for  particular  research  programs.  A 192-chaoaal 
slipring  assembly  mounted  on  the  main  rotor  shaft  provides  the  capability  to  transmit  to  the  PADS,  for 
recording  on  these  spare  channels,  rotor  information  required  for  future  research  programs.  For  example, 
Molusls  and  Bilcxlnaki1  have  pointed  out  the  importance  of  the  contribution  of  the  rotor  degrees  of  freedom 
to  the  short- term  high-frequency  acceleration*  of  ths  body  due  to  rotor  transients  and  the  resultant  neces- 
sity for  using  s nine-degree-of- freedom  rotor/body  model  In  order  to  properly  represent  this  short-term 
response.  The  sllprlng  assmbly  provides  the  capability  to  record  the  rotor  information  for  identification 
of  euch  a model. 

The  baeellne  measurements  listed  in  Table  3 are  provided  by  standard  flight  research  aenaors  which 
measure  attitudes,  rates,  control  surface  positions,  airspeed,  and  so  forth,  and  by  RSRA  peculiar  measure- 
ments systems  which  measure  subsystem  flight  loads.  Ths  standard  flight  research  measurements  are  provided 
by  state-of-the-art,  cf f-the-shelf  sensors.  The  characteristics  of  ths  transducers  are  listed  in  Table  3. 

It  is  to  be  noted  that  the  choice  of  sensors  has  been  based  upon  flight  research  requirements  In  genera], 
and  In  order  to  provide  sufficiently  accurate  data  for  a particular  research  program  It  may  be  necessary  to 
change  sensors.  For  example.  In  gathering  data  for  stability  derivative  extraction  research  It  may  be 
necessary  to  replace  the  rate  gyros  with  sensors  of  greater  sensitivity  over  a smaller  range  in  order  to 
lncrsass  the  accuracy  of  the  measurements. 

The  RSRA- peculiar  force  and  moment  measurement  ry stems  provide  the  capability  to  measure  flight  loads 
for  particular  subsystems  of  Interest  and  thereby  provide  a breakdown  of  the  contrlbutltn  of  each  of  these 
systems  to  the  total  flight  loada  experienced  by  the  aircraft.  In  general,  the  subsystems  are  mounted  to 
the  airframe  on  load  cells  In  configurations  so  as  to  most  accurately  provide  the  data  necessary  to  define 
the  particular  flight  loads  of  Interest  for  that  subsystem.  The  main  rotor  transmission  la  mounted  to  the 
airfrane,  as  shown  In  Figure  10,  by  six  uniaxial  load  cells,  the  outputs  of  which  will  be  utilized  to  esti- 
mate all  of  the  three-axis  force  and  moments  on  the  taal-  rotor.  That  is, 

Main  rotor  longitudinal  force 
Main  rotor  aide  force 
Main  rotor  vertical  force 
Main  rotor  pitching  - ►oent 
Main  rotor  rolling  moment 
Main  rotor  yawing  moment 

The  wing  is  mounted  to  the  airframe,  as  shown  in  Figure  10,  with  a biaxial  load  cell  at  each  of  the  two 
pivot  points  and  with  an  uniaxial  load  cell  incorporated  in  each  of  the  two  wing-tilt  actuators.  The  load 
cell  outputs  will  be  used  In  estimating: 

Wing  lift 
Wing  drag 

Wing  pitching  moment 
Wing  rolling  moment 

Each  auxiliary  thrust  TF-34  engine  is  mounted  to  the  airframe  as  shown  in  Figure  12,  with  the  uniaxial 
load  cell  output  used  in  estimating  the  auxiliary  engine  thrust.  The  tail  rotor  is  mounted  to  the  airframe 
as  shown  in  Figure  12  with  the  uniaxial  load  cell  output  used  in  estimating  the  tail  rotor  thrust. 

The  capability  to  measure  in-flight  the  forces  and  moments  generated  by  the  rotor  will  provide  the 
necessary  data  with  which  to  correlate  directly  the  outputs  of  analytical  rotor  models.  In  the  past,  the 
forces  and  moments  generated  by  the  rotor  had  to  be  inferred  from  measured  body  motions  and  inertia  charac- 
teristics and  from  measured/estimated  aerodynamic  characteristics  of  the  fuselage.  In  addition,  the  capa- 
bility to  automatically  control  the  vehicle  state  with  the  fixed-wing  control  surfaces  provides  the 
capability  to  independently  vary  the  rotor  states  or  rotor  controls  and  thereby  quantify  their  individual 
relationships  with  the  rotor  forces  and  moments.  These  capabilities  should  provide  strong  Impetus  for  the 
development  and  verification  of  rotor  models. 

The  output  signals  of  the  main  rotor  and  wing  loads  cells  are  supplied  as  Inputs  to  the  fly-by-wire 
system  computer  wherein  the  force  and  moments  are  estimated  on-line  and  hence  are  available  for  use  in 
control  by  the  fly-by-wire  system  or  for  display  to  the  pilot.  The  main  rotor  forces  and  moments  will  be 
estimated  using  Equations  (1)  through  (6)  in  Appendix  A.  The  forces  are  resolved  in  an  axis  system,  as 
shown  in  Figure  13,  at  the  center  of  the  rotor  hub  and  parallel  to  the  body  axis  system.  It  is  to  be  noted 
that  transmission  inertia  loads,  shaft  engine  torque,  tail  rotor  torque,  system  geometry,  and  interactions 
are  accounted  for  in  the  equations.  The  interactions  will  be  neglected  for  the  in-flight  system.  It  is 
expected  that  due  to  the  small  load  cell  deflections  0.001  inch)  these  interactions  will  be  sufficiently 
small  and  that  acceptable  accuracy  will  be  achieved  for  the  in-flight  system.  The  results  of  calibration 
will  be  utilized  in  calculating  the  load  cell  forces  from  load  cell  output  signals.  The  wing  forces  and 
moments  will  be  estimated  using  Equations  (7)  through  (12;  Appendix  A.  The  wing  forces  are  resolved  in 
an  axis  system,  as  shown  in  Figure  li,  at  the  midpoint  between  the  pivot  hinges  and  parallel  to  the  NhIv  axis 
system.  The  equations  account  for  the  same  factors  as  do  the  equations  for  the  rotor  and  additionally 
account  for  the  variable-wing  incidence. 

The  output  signals  of  each  load  cell  for  the  main  rotor,  wing,  auxiliary  engines,  and  tail  rotor  meas- 
urement systems  are  recorded  on  PADS.  These  signals  will  be  utilized  in  off-line  estimating  of  the  forces 
and  moments  for  data  purposes.  In  order  to  provide  the  greatest  possible  accuracy  for  data  purposes,  the 
forces  anu  moments  will  be  estimated  using  the  equations  of  Appendix  A to  include  the  interactions.  Sub- 
sequent paragraphs  describe  the  interactions  and  the  method  of  determination. 


The  load  calls  ara  etate-of-the-art,  off-the-shelf  transducer*  with  tha  characteristics  as  llatad  la 
Tabla  S.  Ia  order  to  minimise  error*  dua  to  load  call  loaccuraclaa,  load  calls  have  bean  chosen  with  aa 
Basil  a ran(a  as  possible  within  tha  constraints  o f tha  expected  In-flight  loads  for  tha  particular  rotor 
sad  within  the  availability  of  off-the-ahalf  transducer*.  Different  rotor*  may  require  load  calls  of  dif- 
ferent sensitivity  and  rang*. 

Am  accuracy  analysis  has  been  conducted  by  Dr.  Ping  Tchang  of  Old  Doalnlon  University.  Norfolk, 
Virginia,  for  tha  on-line  (flight  conputer)  rotor  force  and  sonant  aaaeuranant  syacos  sad  tha  results  ara 
shown  la  Tabla  6.  The  one— 0 accuracies  quoted  ara  for  tha  values  of  forces  and  aoaenta  estimated  In  the 
flight  conputer.  Tha  errors  quoted  ara  i«^dom  errors  resulting  froa  nonllnearltlee,  hysteresis,  resolution, 
sensitivity  drift,  zero  shift,  and  noise  In  ths  measurement  system  to  Include  the  tensors.  The  one-0 
accuracies  do  not  Include  random  errors  due  to  hysteresis,  friction,  and  alternate  load  paths  (such  as 
hydraulic  lines)  In  tha  mounting  system.  These  Inaccuracies  will  be  quantified  during  calibration  of  tha 
mounting  system.  Thu  fixture  for  calibrating  the  four  RSRA  peculiar  fores  and  moment  measurement  system a 
is  shown  as  Figure  IS.  Tha  system  will  permit  the  application  of  calibrating  forces  and  moments  Independent 
of  oaa  soother  or  la  combination  wlch  ona  another  stepped  over  approximately  71  percent  of  ths  ful-  range  ;t 
loads.  Tha  calibration  procedure  will  be  In  general  accordance  with  the  procedure  discussed  In  Reference  2 
sad  will  permit  the  quantification  of  all  :he  first-  and  second-order  Interactions  In  the  load  call  bal- 
ance mounting  thereby  eliminating  these  etfac  s Including  their  nonlinearity,  n the  estimation  of  the 
applied  forcee  and  moments  by  the  off-line  system  (FADS). 

3.0  CONCLUDING  REMARKS 


The  unique  research  mission  end  several  of  tha  unique  features  of  the  RSRA  will  require  the  new  and 
expaadsd  application  of  stats  estimation  and  parameter  Identification  technology  as  regards  rotorcraft. 

The  Identification  of  stability  and  control  parameters  for  ths  RSRA  nsade  to  Include  the  stability  deriva- 
tives associated  with  the  rotor  degreee  of  freedom  and  ths  control  derivatives  associated  with  tha  combined 
helicopter  and  airplane  control  surfaces.  Tha  RSRA  will  provide  unique  stats  estimation  capabilities  In  tha 
form  of  measurements  of  the  flight  loads  for  the  main  rotor,  wing,  auxiliary  propulsion,  and  tall  rotor 
subsystems. 


Dua  to  unique  alrfrasw,  flight  control,  and  lnstruaentatlon  system  capabilities,  tha  RSRA  Is  an  Ideal 
vehicle  with  which  to  conduct  flight  development  studies  on  rotorcraft  stability  and  control  derivative 
Identification  technology.  The  automatic  flight  control  capabilities  include  prescribed  Independent  inputs 
to  each  control  surface.  Individually  or  concurrently,  ind  provide  accurate,  repeatable  test  conditions. 

The  Instrumentation  system  provide*  accurst*  measurement  of  the  pertinent  vehicle  and  rotor  state*  o includt 
the  flight  loads  on  tha  rotor,  wing,  auxiliary  propulsion,  and  tall  rotor  subaystsma. 
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APPEND  IE  A 

A. 1 Rotor  Force  and  Moment  Estimation 


Tha  forces  and  moments  on  Che  main  rotor  transmission  are  resolved  In  an  axis  syst.  with  the  origin 
at  the  center  of  the  rotor  hub  and  parallel  to  Che  aircraft  body  axis  system.  The  rotor  forces  and  moments 
are  determined  by  solving  Nevton's  lsws  In  this  moving  coordinate  system.  Figure  13  was  used  Co  derive  the 
equations  that  follow: 
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TABU  1.  ASIA  DCSIO  COMTICUEATIOW  CHARACTERISTICS 


Stresa  groea  weight 

24,200  lb 

Design  gross  weight,  coepouad  olsslon 

24,200  lb 

Cross  weight,  hover  alas loo 

14,400  lb 

Weight  sapty,  compound  configuration 

20,948  lb 

Weight  septy,  helicopter  configuration 

14,433  lb 

Mala  rotor  syatea  (Sikorsky  H-3) 

Disaster 

42  ft 

Dueher  of  blades 

5 

Chord 

1.52  ft 

Ho  real  tip  speed 

440  ft 'see 

Diode  twist 

-4* 

Tall  rotor  systse  (Sikorsky  H-3) 

Disaster 

10.4  ft 

■umber  of  blades 

5 

Chord 

0 412  ft 

Doraal  tip  speed 

449  ft/ sec 

■lade  twist 

0* 

Wing 

Area 

349  sq  ft 

Span 

44.4  ft 

Air foil  section 

■ACA  43,415 

Aspect  ratio 

5.43 

Variable- Incidence  rant*  -9*  to  •♦'15* 


Taper 

0.42 

Lower  horizontal  stabilizer  (except  helicopter) 

Area 

Span 

Chord  (aean) 

Elevator  area 

Incidence  (coupled  to  wing  tilt) 

98.1  sq  ft 
25.0  ft 
3.93  ft 
12.5  sq  ft 
±8* 

Upper  horizontal  Stabilizer 

Area 

Span 

Chord  (swan) 

Except  helicopter 
17.2  sq  ft 
8.58  ft 
2.04  ft 

Helicopter 
35.4  sq  ft 
13.25  ft 
2.78  ft 

Vertical  stabilizer 
Area 
Span 

Chord  (aean) 
Rudder  (area) 

101.1  sq  ft 
15.9  ft 
4.83  ft 
24.8  *q  ft 

Turboshafe  engines 
Type 

Military  rating,  SLS 

T58-GE  (2) 
1400  hp 

Main  gearbox  (Sikorsky  H-3) 
Power  rating,  30  minutes 

2500  hp 

Turbofan  engine* 

Type 

Military  rating,  SLS,  static 
Military  rating,  SIS,  300  knot* 


TP-34-CE-400(2) 
8159  lb 
5340  lb 


TABLZ  2.  RSRA  PERFORMANCE  REQUIREMENTS 


Item 


Requires ent 


Hover  OGE  (helicopter) 

Hover  payload 
Speed 

Helicopter  simulation  speed  envelope 
Wing  design  lift 
Clean 
With  flap 
Seal’  aargln 


SL  95*  P 
2000  lb 

300  kt  9 all  pur 
120  - 200  kt 

DCV  9 150  kt 
DCW  9 120  kt 
10  percent 


TUU  3.  TOT-43  FLIGHT  COMPOTU  CHAlACmiSTICS 


Mwiry 

Core,  16K  x li,  1.3  lie  cycle 

Coaputatlon  process 

Parallel 

rotates 

Dots 

Word  length 

Instruction 

Mdreaalng 
Addressing  range 

fixed  point,  fractional  binary,  2'a  coapleeent 
It  bits 

Staple  address,  a Inf la  Instruction 

lamsdlata  direct,  relative,  indexed,  and  Indirect 

To  65E  words 

Instructions 

70 

Clock  frequency 

3 Ms 

Registers 

Dual  8-raglater  file 

Execution  spssds 

(direct,  relative,  Indexed) 

Add/subtract 

2.67  Ps 

Multiply 

6.00  US 

Divide 

8.67  us 

DP  add/aub tract 

3.33  us 

Input/output 

4 synchro  Inputs 

13  sc  Inputs  (2nd  order  filters) 

34  dc  Inputs  (2nd  order  flltera) 

39  dc  Inputs  (tingle  pole  filters) 
33  dc  Inputs  (unflltered) 

62  dc  outputs  (single  pole  filters) 
64  28  Vdc  discrete  Inputs 
31  28  Vdc  discrete  outputs 

Interrupts 

8 (3  dedicated  Internally) 

Reel- tine  clock 

16  bits;  prograa  accessible 
0.1  esec  resolution 
6.3536  seconds  range 

BITS 

Mewory  check 
Instruction  check 
Hrep-around  I/O  check 

Beset  timer 

TABLE  4.  7LT-BT-WIM  FLIGHT  CONTROL  SYSTEM  INPUTS 


, 

Signal 

Conversion 

range 

Accuracy 

Minima 
conversion 
per  second 

Signal 

Conversion 

range 

Accuracy 

Minima 
conversion 
per  second 

racca 

attitude 

+90  deg 

+.2  deg 

20 

Vertical 

acceleration 

+4  g’s 

+.24  fps 

Roll 

attitude 

+180  deg 

+.2  deg 

20 

Airspeed 

0 to  360  kts 

+.7  kts 

Beading 

+180  deg 

+.2  deg 

20 

Fuselage 
angle  of 

+40  deg 

+.1  deg 

Pitch  rate 

+40  deg/aec 

+.1  deg 

40 

attack 

Soil  rate 

Tew  rate 

+40  deg/sec 
+40  deg/aec 

+.1  deg/sec 
+.1  deg/3ec 

40 

40 

Sideslip 

angle 

+15  deg 

+.1  deg 

Pitch 

acceleration 

+75  deg/sec2 

+.13  deg/sec2 

40 

Drag  brake 
position 

0 to  60  deg 

+.12  deg 

Roll 

acceleration 

+150  deg/ 
sec 

+.27  deg/sec2 

40 

Wing 

Incidence 

+25  deg 

+.05  deg 

Tw 

acceleration 

+75  deg/sec2 

2 

+.13  de^/sec 

40 

Stabllator 

Incidence 

+25  deg 

+.05  deg 

Longitudinal 

acceleration 

+2  g's 

+.12  fps2 

40 

Flap 

deflection 

+25  deg 

+.05  deg 

Lateral 

acceleration 

+2  g's 

+.12  fps2 

40 

Aileron 

deflection 

+25  deg 

+.05  deg 

TUU  4.  TOT-43  FLICBT  COWUTU  OLUUCTttimCS  — Coac laded 


Slgaal 

Coorvrvios 

rant* 

Ac earner 

Klalaua 
coaver clou 
per  eecoad 

Mdat 

deflection 

±50  dag 

±.10  dag 

20 

Klava tor 
deflection 

±50  dag 

±.2  dag 

20 

Collective 
•tsar  Input 

0 to  1002 

±.22 

20 

Fitch 

tiler  Input 

0 to  1002 

±.22 

20 

loll 

nlxer  Input 

0 to  1002 

±.22 

20 

loxlXitry 
engine  Ho.  1 
throat 

0 to  1002 

±.22 

20 

Auxiliary 

angina  Ho.  2 

throat 

0 to  1002 

±.22 

20 

mot 

longitudinal 
m trim 
control 

0 to  1002 

±.22 

20 

Copilot 
longitudinal 
FT3  tria 
control 

0 to  1002 

±.22 

20 

Pilot 

lateral  ITS 
trla  control 

0 to  1002 

±.22 

20 

Copilot 
lateral  PPS 
tria  control 

0 to  1002 

±.22 

20 

Pilot 
collactlvv 
TTS  tria 
control 

0 to  1002 

±.22 

20 

Copilot 
collactlva 
TTS  tria 
control 

0 to  1002 

±.22 

20 

Pilot 
pudal  FFS 
tria  control 

0 to  1002 

+.22 

20 

Copilot 

pudal  ITS 
tria  control 

0 to  1002 

+.22 

20 

Pilot 

lateral 

control 

0 to  1002 

±.22 

40 

Copilot 

lateral 

control 

0 to  1002 

±.22 

40 

Pilot 

longitudinal 

control 

0 to  1002 

+.22 

40 

Copilot 

longitudinal 

control 

0 to  1002 

+.22 

40 

Pilot 

collective 

control 

0 to  1002 

+.22 

40 

Copilot 

collective 

control 

0 to  1002 

+.22 

40 

Pilot 

pedal 

control 

0 to  1002 

+.  22 

40 

Signal 

Coftnloa 

riot* 

Accuracy 

Klalaua 
cooveralou 
per  eecoad 

Copilot 

pedal 

0 to  1002 

±.22 

40 

control 

Longitudinal 

control 

0 to  1002 

±.22 

20 

phaalng 

Lateral 

control 

0 to  1002 

±.22 

20 

phaalng 

Directional 

control 

0 to  1002 

±.22 

20 

phaalng 

Longitudinal 

cpcllc 

ear lee  tria 

0 to  1002 

±.22 

20 

actuator 

poeltlon 

Lateral 

cpcllc 

aerlaa  tria 

0 to  1002 

±.22 

20 

actuator 

poaltlon 

Elevator 
aerlaa  tria 
actuator 
poaltlon 

0 to  1002 

±.22 

20 

All_ron 

aerlee  tria 

actuator 

poaltlon 

0 to  1002 

±.22 

20 

Load  call  A 

+33.000  lb 

+70  lb 

20 

load  cell  B 

+25,000  lb 

±50  lb 

?0 

Load  cell  C 

+23,000  lb 

±50  lb 

20 

Load  cell  D 

+25,000  lb 

±50  lb 

20 

Load  cell  B 

+25.000  lb 

±50  lb 

20 

Load  cell  P 

+6,000  lb 

±16  lb 

20 

Load  cell  J 

+28,000  lb 

±40  lb 

20 

Load  cell  K 

+28,000  lb 

±40  Is 

20 

Load  cell  L 

+12,000  lb 

±16  lb 

20 

Load  cell  K 

+12,000  lb 

±17  lb 

20 

Load  cell  B 

+25,000  lb 

+.22  of 
full  rcale 

20 

Load  cell  I 

+25,000  lb 

±.22  of 
full  acala 

20 

Bar  metric 

-1,000  to 

±20  ft 

20 

altitude 

+19,000 

Outalde  air 

±.12*  C 

toperature 

+60*  C 

20 

Rotor  rpa 

0 to  1002 

±.22 

20 

Rotor 

axiauth 

0 to  360* 

±.2  dag 

40 

Rotor  blade 
flapping 

-30  to  +30  deg 

±.l  deg 

40 

Rotor  blade 
lead  lag 

-60  to  +60  deg 

±.12  deg 

40 

Pitch  at 
blade  cuff 

-10  to  +30  deg 

±.l  deg 

40 

Spare 
input  (16) 

-10  to  +10  Pde 

±.22 

20 

Spare 
input  (20) 

-10  to  +10  Vdc 

±.  22 

40 

Tf* 


tmx  s.  ustxta  utsrmanmm  mcasuizmevts 


iyp* 


Accuracy  full  seal* 


Heasuraaent 
full  acala 


totor  lift  call  "a" 

*otor  lift  call  "1" 
to COT  lift  call  "C" 

Mala  rotor  torque  drive  a haft 
Translation  torqua  cell  "D" 
Transmission  torque  cell  "I" 
Long,  force  cell  "F" 

MK  rpa 

M*  aalauth  1/72  per  rev. 

Ml  blade  flap  0 

Ml  blade  bunt  y 

Ml  blade  pitch  8 

It.  lac.  eervo  petition 

It.  let.  eervo  position 

long,  servo  poeltlon 

Airspeed  (swiveling  probe) 

fitch  attitude 

loll  attitude 

Taw  attitude 

fitch  rate 

loll  rate 

Taw  rata 

fitch  acceleration 
toll  acceleration 
Tew  acceleration 
Vertical  linear  accel. 

Lateral  linear  accel. 
Longitudinal  linear  accel. 
Angle  of  attack 
Sideslip 

Drag  broke  position 
Wing  pitch  actuator  cell  "H" 
Wing  pitch  actuator  cell  "1" 
Wing  pivot  point  cell  "J" 

Wing  pivot  point  cell 
Wing  pivot  point  cell  "L" 

Wing  pivot  point  cell  "H" 

Wing  Incidence  angle 
light  aileron  position 
light  flap  position 

Antltorqua  cell  "H** 

Tall  drive  shaft  Q 
Boris,  stab,  elevator  pos. 
ladder  position 
Left  engine  aux.  thrust 
light  engine  aux.  thrust 
Pilot's  lat.  control  pos. 
Copilot's  lat.  control  pos. 
Pilot's  long,  control  pos. 
Copilot's  long,  control  pos. 
Pilot's  coll,  control  pos. 
Copilot's  coll,  control  pos. 
Antitorque  control  pos. 

Lateral  control  stick  force 
Long,  control  stick  5-rce 
Coll,  control  stick  force 
Anti  Q control  force 
Pitch  phasing  unit  pos. 
toll  phasing  unit  poo. 

Taw  phasing  unit  pos. 

Halo.  long,  servo  series  trie 
Stab,  series  trim  control  pos. 
Helo.  lat.  servo  ser.  trin  pos 
toll  series  tria  control  pos. 

Bo.  1 eng.  T-58  torque 
Bo.  2 eng.  T-58  torque 
Main  rotor  push  rod 
Altitude 
OAT 

late  of  cllzb 
Stabilizer  position 


] 


Load  cell 
Load  cell 
Load  cell 
S.C. 

Load  cell 
Load  call 
Load  cell 
Photo  cell 
Photo  call 

^ Linear 

gener. 

Pot. 

Pot. 

Pot. 

TBD 

Gyro 

Cyro 

Cyro 

Gyro 

Gyro 

Gyro 

Gyro 

Gyro 

Gyro 

Accel. 

Accel. 

Accel. 

Pot. 

Pot. 

Pot. 

Load  cell 
Load  cell 
Load  call 
Load  cell 
Load  cell 
Load  cell 
Pot. 

Pot. 

Pot. 


+.12 

+.12 

+.12 

♦IX 

♦.IX 

♦.IX 

♦.IX 

TBD 

TBD 

TBD 

TBD 

TBD 

♦IX 

♦IX 

♦IX 

TBD 

TBD 

TBD 

TBD 

♦IX 

♦IX 

♦IX 

♦IX 

♦IX 

+12 

♦IX 

I1* 

♦IX 
+12 
+12 
♦IX 
+ .12 
+.12 
+.1X 
+.1X 
+.1X 
+.12 
+12 
±12 
♦IX 


35.000  lb 

23.000  lb 

23.000  lb 
2400  pin. /la. 

25.000  lb 

23.000  lb 

8.000  lb 
1202 

1/72/rev. 

360* 

360* 

360* 

6 In. 

8 In. 

6 la. 

400  kts 
+82* 

360* 

360* 

75*/sec 

150*/sec 

75*/eec 

+75*/aec2 

+150* /sac2 

+75*/sec2 

-1  +4C 

+0.5C 

+0.5C 

+60* 

+60* 

TBD 

25,000  lb 

25.000  lb 

20.000  lb 
20,000  lb 

8,000  lb 
8,000  lb 
TBD 
TBD 
TBD 


Load  cell 

±.12 

5,000  lb 

S.G. 

+12 

2400  pin. /In. 

Pot. 

+12 

TBD 

Pot. 

+12 

TBD 

Load  cell 

} +.12 

5,000  lb 

Load  cell 

3,000  lb 

Pot. 

+12 

TBD 

Pot. 

+12 

TBD 

Pot. 

+12 

TBD 

Pot. 

+12 

TBD 

Pot. 

+12 

TBD 

Pot. 

+12 

TBD 

Pot. 

+12 

TBD 

S.G. 

TBD 

2400  pin. /in. 

S.G. 

TBD 

2400  pin. /in 

S.G. 

TBD 

2400  pin. /in. 

S.G. 

TBD 

2400  Pin. /in. 

Pot. 

TBD 

TBD 

Pot. 

TBD 

TBD 

Pot. 

TBD 

TBD 

Pot. 

TBD 

TBD 

Pot. 

TBD 

TBD 

Pot. 

TBD 

TBD 

Pot. 

TBD 

TBD 

Press. 

+12 

150  psl 

Press. 

+12 

150  pal 

S.G. 

+32 

2400  Pin. /in 

Press. 

+12 

TBD 

lea. 

+0.52 

+60*  C 

Press. 

TBD 

+6000  fpa 

Pot. 

+12 

TBD 

43,500  lb 
34,900  lb 
34,900  lb 
<3,000  ft  lb 

25.000  lb 

23.000  lb 
10,400  lb 
1202 
72/rev. 

-3.3*  +20* 
-3*  +20* 
-6.3*  +20.4* 
1002 

loot 
1002 
400  kts 
+30* 

♦90* 

♦30* 

60* /sec 

90*/sec 

60*/sec 

+30*/eec2 

+30*/eec2 

+30* /sec2 

-1  +4G 

+0.5C 

+0.5C 

+40* 

+40* 

0-1002 
31,300  lb 
31,300  lb 
28,000  lb 

28.000  lb 

10.000  lb 

10.000  lb 
-9*  +15* 
0-1002 
0-1002 

3.000  lb 
-1,000  lb 
1200  ft-lb 
0-1002 
0-1002 
3800  lb 
3800  lb 
0-1002 
0-1002 
0-1002 
0-1002 
0-1002 
0-1002 
0-1002 

25  lb 
25  lb 
25  lb 
75  lb 
0-1002 
0-1002 
0-1002 
0-1002 
0-1002 
0-1002 
0-1002 
75  psl 
75  pal 
1500  lb 
-1000. +15, 000 
+60*  C 
+6000  fpa 
+8* 
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PCM/fM 


Frequency 

response 


PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10-30 

PCM 

10 

PM 

300 

PM 

30 

PM 

30 

PM 

30 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

6 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PM 

10-30 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PCM 

10 

PM 

100 

PCM 

QS 

PCM 

QS 

PCM 

QS 

PCM 

10 

i 


TBD:  To  be  determined. 


QS:  Quasi-static. 


S.G. : Strain  gage. 


35-12 


uiu  «.  Bont  mart  loads  kkasotjwwt  srsnx  accotact 


Vertical  force  (lb)  -IK/ 
Lo^lfdlaal  force  (lb)  +10K 
lateral  force  (lb)  41  OK 
Pltebiag  aoeeat  (ft-lb)  42*K 
to Ilia*  aoeeat  (ft-lb)  412K 
Yawing  aoeeat  (ft-lb)  -3K/ 


UMt  Ac  career 

*“•*  (lo) 

-3K/  448. 8K  4313/  4152 


10K  471 

10K  4110 

24K  *796/  4421 

12K  *669/  4507 

3K/  4<5K  442*/  4220 


1-g  , STRAIGHT  AND  LEVEL  FLIGHT  ABOVE  120  KNOTS 


-BASIC  FUSELAGE 


FORCES: 


WING  TILT;  AUX.  THRUST  * TRIM 
FLAPS ; DRAG  BRAKES  - TRANSIENT 


PITCHING  \ 

MOMENT  V ROTOR  ENVELOPE 


AILERONS . ELEVATOR  TRIM  AND 

& RUDDER  TRANSIENT 


V -f  i — N.  AILERONS , ELEVATOR  I TRIM  , 

MOMENTS:  \ JL  / 4 RUDDER  I TRANS 

l—TffiL.  ...  ROLLING 

| MOMENT 

BAS  1C  FUSELAGE 

figure  1.  Control  surface  require* enta  based  upon  rotor  test  envelope  r squire* ent. 


FM  COMPOUND  HELICOPTER,  1-g,  STRAIGHT  AND  LEVEL  FLIGHT  CAPABILITY 


4G  LIMIT 

75  [10°  FLAPS-/  400 

® " 25° CLEAN 

a -flap/  wings p™,*» 

° illW  LIMIT  FT'L8S  X *1 


■ 65.4  K ROTOR 
1 LIMIT 


LONGITUDINAL 

FORCE. 

(NET)  LBS  X 10': 


-0  LIFT 


-15  K ROTOR 
— - LIMIT 

-1G  LIFT 


/0  LIFT- 


- 1G  LIFT 


DRAG^ 

BRAKES 


ROLLING  n 
MOMENTS, 
FT-LBS  X 10  5 


4 15  K ROTOR 
LIMIT 


'0  100  200  300 

AIRSPEED.  KNOTS 


0 '.00  200  300 

AIRSPEED.  KNOTS 


Figure  2.  RSRA  platform  force  and  moment  generation  caoablllty. 


Figure  3.  Mechanical  flight  control  systea  functional  layout 
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SAFETY 

PILOT 


COLLECTIVE: 


SWASHPLATE 


WING  TILT 

1 PILOTS 

FLAPS 

: 1= 

POWER 

DRAG  BRAKES 

j A 

BOOST 

MECHANICAL 

ELECTRICAL 


Figure  5.  Concluded. 


YAW: 


TO/ FROM 
FBW 


TO/ FROM 
FBW 


COLLECTIVE: 


TO/FROM 


MECHANICAL 

ELECTRICAL 


■ FLAPS  (DRAG  BRAKES) 


Figure  6.  Fly-by-wlre  flight  control  system  Interface  vlth  mechanical 
flight  control  syutem. 


PROCRAM  MONITOR 
AND 

CONTROL  UNIT 


TDY-4J 
DIGITAL 
COMPUTER 
WITH  I/O 


ENCtbEER 

INTERFACE 

ACTUATOR  CONTROL 

ELECTRICAL 

* ANO 

— » INPUT 

MONITOR  UNIT 

SERVOS 

INTERFACE 


CONTROL 

FAILURE 

PANEL 

MONITOR 

CONTROL 

MOTIONS 


Figure  7.  Fly-by-wlre  flight  control  eyttea  configuration. 


COPILOT 

BOOST 

SERVO 


COPILOT 

FES 


lEJUESl 


COMPUTER 
ENG  ACE 


SAS  FAILURES 


LONG.  CYC.  ELEVATOR 


LAT.  CYC.  AILERON 


EFCS  MANUAL 

ENGAGE  MODE 


OFF 

I I / 


P 

■R  F/W 
F 


ATTITUDE/  ALTITUDE/ 

HEADING  AIRSPEED 

HOLD  HOLD 


MANUAL/  AUTO 

AUTO  MODE  MOOT 


Figure  8.  Fly-by-vire  flight  control  aystes  control  panel. 


• SIMULATION  OF  DIFFERENT  FUSELAGE  CHARACTERISTICS 

• HELICOPTER  SIMULATION  CONFIGURATION 

• MANUAL/AUTO  MOOE  (PILOT  WITH  FORCE  FEEL  SYSTEM! 

i EVALUATION  PILOT 


MOOEL 

MODEL 

SAS 

CCNTROl 

SYSTEM 

MAIN  ROTOR 


I AERODYNAM  1C  I 
REPRESENT.  OF 
MOOEl 
FUSELAGE 


MODEL  t 
FUSELAGE 
DYNAMIC 
EQUATIONS 


[ MODEL 


FOLLOWING 

CONTROL 


3 ELEV..  AIL. 


FLAPS.  DRAG 


MEASURED  MEASURED 

Figure  9.  Control  logic  for  sizing  fly-by-wire  flight  control  system 

computer. 


SIDE  VIEW 


FRONT  VIEW 

Figure  14*  Wing  flight  loads  *eaaureftenC  ay a ten  geometry. 
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COMMENTS  ON  COMPUTATION  OF 
AIRCRAFT  FLIGHT  CHARACTERISTICS 

by 

C.LLivingston, 

Group  Engineer,  Stability  & Control, 
Bell  Helicopter  Company, 

Fort  Worth,  Texas  76101,  USA 


A digital  computer  program  (C81)  is  used  to  compute  performance,  dynamics,  and  loads  of  a wide  variety  of 
aircraft  shown  in  Figure  I.  Figure  2 shows  some  of  the  configurations  which  have  been  simulated  on  C81.  The 
configuration  simulated  depends  upon  the  values  specified  in  the  input  data  card  deck  and  ihs  program  logic  control 
switch  settings. 

The  computer  program  was  initially  designed  to  solve  for  helicopter  rotor  loads  in  steady  and  maneuvering 
flight.  Fuselage  aerodynamics  and  a quasistatic  dynamic  flight  stability  section  were  added  next.  Gust  penetration 
by  the  rotor  disk  was  simulated  for  ramp,  sine-squared,  and  later  vortex  gusts.  The  rotor  dynamic  model  was 
restructured  into  the  present  normal  modes  model  so  that  rotor  transient  response  can  be  computed.  Auxiliary 
propulsion  Gets  or  propellers),  drag  brake,  store  drop  and  improved  aerodynamic  interference  equations  were  added 
also.  Figure  3 summarizes  the  major  features  of  the  current  program  which  is  fully  documented  in  USAAMRDL 
TR  74-10  (3  volumes),  “Rotorcraft  Flight  Simulation  with  Aeroelastic  Rotor  and  Improved  Aerodynamic 
Representation”,  June,  1974,  by  J.M. Davis,  R.L.Bennett,  and  B.L.Blankenship.  The  control  linkage  array  enables 
the  control  surfaces  of  all  the  configurations  shown  in  Figure  2 to  be  connected  to  the  pilot’s  controls  and  phased 
with  each  other  or  mast  tilt  as  necessary.  Wake  tables  can  be  used  when  a very  detailed  rotor  induced  velocity 
distribution  as  a function  of  rotor  thrust,  advance  ratio,  and  inflow  ratio  is  determined  from  a separate  analysis. 
Separate  wake  tables  are  available  to  represent  impingement  from  each  rotor  on  each  aerodynamic  surface.  The 
simplified  wake  interference  equations  which  are  integral  to  the  program  are  usually  adequate  for  most  performance 
and  stability  analyses. 

The  computer  program  solves  for  the  equilibrium  solution  of  the  force  and  moment  equations  first.  This  trim 
solution  may  be  obtained  in  accelerated  or  unaccelerated  flight,  regardless  of  the  flight  path  angle  or  power  required 
as  long  as  a realistic  trajectory  is  specified.  The  trim  solution  provides  control  positions  and  performance  data. 

Rotor  loads  are  also  available  if  requested. 

Either  the  small  perturbation  theory  stability  data  or  maneuver  sections  of  the  program  may  be  entered  once 
trim  is  established.  The  maneuver  section  computes  response  and  loads  to  disturbances  caused  by  control  motion, 
gusts,  weapon  recoil,  store  drop,  throttle  chop,  etc.  At  any  point  in  the  maneuver,  both  stability  and  rotor  loads 
data  are  available  upon  request.  The  stability  section  uses  qucsistatic  rotor  aerodynamics  and  computes  the  eigen- 
values and  eigenvectors  to  the  characteristic  equations  of  motion.  Up  to  14  degrees  of  freedom  may  be  specified: 

6 rigid  body,  2 flapping  for  each  rotor  and  2 pylon  deflections  for  each  pylon.  The  r:  imber  of  degrees  of  freedom 
to  be  used  is  specified  in  the  input  data  - from  two,  uncoupled.  3 by  3 matrices  for  longitudinal  and  lateral- 
directional  flight  modes,  up  to  the  fully  coupled  14  by  14  matrix.  Transfer  functions  of  attitude  response  to 
control  displacement  are  calculated  as  well  as  phase  angles  and  magnitudes  for  direct  plotting  of  Bode  diagrams. 
Figure  4 summarizes  these  modes  of  C81  operation. 

A typical  time  history  of  a cyclic  pull  up  in  autorotation  is  shown  in  Figure  5.  To  compute  this  with  C81, 
the  initial  autorotational  trim  is  computed,  the  maneuver  section  entered,  and  the  flight  test  measured  control 
motions  are  input  C81  then  computes  the  response  of  the  helicopter,  which  is  shown  in  the  figure  as  a solid  line. 
Flight  test  measured  values  are  shown  as  open  circles.  Notice  that  the  calculated  loads  either  agree  with  or  have 
peaks  higher  than  measured  in  flight  test.  This  is  typical  of  the  results  of  flight  test  comparisons  and  the  conserva- 
tive difference  assures  adequate  strength  of  first  designs  of  components. 

Use  of  the  normal  mode  approach  for  representing  aeroelastic  rotor  loads  resulted  in  an  improvement  in  the 
prediction  of  pitch  link  oscillatory  loads.  Figure  6 compares  measured  and  calculated  loads  for  different  weight 
and  store  configurations.  Loads  were  computed  with  and  without  bearing  friction  and  compare  quite  well  with 
measured  data. 
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Figure  7 illustrates  one  of  many  features  of  the  maneuver  section  of  the  program.  The  “g-tracker”  feature 
computes  the  control  motions  necessary  to  produce  the  time  history  of  normal  acceleration  which  is  specified  in 
the  input  data.  The  variation  of  all  other  flight  parameters  and  loads  during  the  resulting  maneuver  may  then  be 
plotted.  The  rapid  change  in  g of  Figure  7 excites  the  short  period  mode  of  the  example  helicopter.  The 
inherent  damping  and  frequency  is  clearly  shown  and  can  serve  as  a check  on  the  frequency  and  damping  computed 
by  small  perturbation  theory  used  in  the  stability  analysis. 

The  possible  linkages  between  the  pilot  controls  and  the  control  surfaces  of  the  helicopter  are  shown  in  Figure  8. 
For  fixed  wing  aircraft,  the  collective  control  can  become  the  throttle  and  the  rotor  swasbplate  angles  become 
ailerons,  elevator  and  rudder.  Both  fixed  wing  control  surfaces  and  rotor  controls  may  be  connected  by  linear  or 
non-linear  linkages  for  compound  aircraft  such  as  autogyros,  winged  helicopters  with  auxiliary  propulsion,  or  tilt- 
rotor  helicopters. 

The  degrees  of  freedom  and  force  and  moment  equations  used  in  the  linear  stability  analysis  are  indicated  on 
Figure  9.  The  user  of  C81  can  select  which  degrees  of  freedom  to  use  for  any  problem  by  appropriate  input  data 
switches  (0  or  =£0).  Also  shown  on  this  figure  are  the  two  most  frequently  used  representations:  the  uncoupled 
longitudinal  and  lateral-directional  equations  and  the  fully  coupled  6x6  flight-path  equations.  Degrees  of  freedom 
not  used  are  treated  quasistatically;  that  is,  after  the  perturbation  in  the  stability  variable  of  interest  is  made,  all 
degrees  of  freedom  not  used  in  the  stability  matrix  are  allowed  to  seek  new  equilibrium  values  caused  by  the 
changes  forces  and  moments.  The  resulting  derivatives  are  total  derivatives  and  include  the  partial  derivatives  of 
all  excluded  degrees  of  freedom. 

The  C81  program  is  used  in  the  design  stage  to  compute  performance,  stability,  and  loads  data.  The  capability 
to  compute  maneuver  data  enables  realistic  design  loads  to  maneuvers  called  out  in  customer  specification  require- 
ments. Stability  and  transfer  function  data  allow  rapid  design  of  stabilization  systems  and  determination  of  design 
trade-offs  involved  when  stability  actuator  authority  is  varied.  Response  to  gusts  include  the  diminished  loads 
caused  by  aircraft  response.  If  the  “autopilot”  feature  is  used,  the  required  autopilot  actuator  authority  can  be 
determined  at  a glance,  as  well  as  maximum  and  minimum  variations  of  all  flight  parameters  and  loads. 
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PROGRAM  USES 

I.  Performance 

A.  Thrust,  Power,  Attitude 
S.  Free-Fllght,  Wind  Tunnel 

It.  Rotor  Dynamics 

A.  Loads 
8.  Stability 

III.  Stability  & Control 

A.  Stick  Fixed 
8.  Forced  Response 

Figure  I 


POSSIBLE  CS1  CONFIGURATIONS 


Figure  2 

C8I  MATHEMATICAL  MODELS 

I 2 Rotors 

A.  Aeroelastic  and/or  Ouasistatic 

B.  Up  to  7 Blades  each 

C.  Any  Hub  Typo  - Rigid,  Articulated,  Teetering 

II  Rigid  Fuselage 

A.  Large  Angle  Aerodynamics 

III  6 Aerodynamics  Lifting  Surfaces 

A.  Wing  (separate  left  and  right  hand  panels! 

B.  4 Surfaces 

C.  No  Small  Angle  Assumptions 

IV  Control  Linkage 

V Wake  Table 

VI  Flight  Constants 

Figure  3 


MOOCS  OF  OPERATION 

Trim 

l£F  • 01 

A. 

Control  Settings 

a. 

Periormance 

c 

Rotor  Loads 

Maneuwr  (Nun  Integral  ion) 

A. 

Forced  Response 

a. 

Non  linearities 

STAB 

(Small  Perturbation) 

A. 

Stick  Fixed 

8. 

Transfer  Functions 
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Fi*.5  Tune  histories  of  symmetric  puilup  from  autorotation,  counter  775 


O Flight  Test  Data 
—■  Computed  Data 
• — — Computed  Data  with  Estimated 
Bearing  Friction 
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(b)  Flight  40-A,  9617  lb,  195.2  In.  eg,  Hog  Configuration 


'c'  Flight  277-B,  9645  lb,  192.6  In.  eg,  Hog  Configuration 


Advance  Ratio 


True  Airspeed  (kt) 

(d)  Fl.-^.t  280- A,  7405  lb,  191.5  In.  eg.  Clean  Wing  Configuration 


Fifc.6  Comparison  of  measured  and  computed  oscillatory  main  rotor  pitch  link  axial  force 
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Figure  7 

SUMMARY  OF  ROTOR  CONTROL  LINKAGES 
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(b)  Uncoupled  Fuselage  (Two  3x3  Matrices) 


Cross-hatched  area 
represents  Degrees 
of  Freedom  used  in 
each  case. 
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Fig.9  Schematic  of  matrices  used  in  the  stability  analysis 
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SUW4ARY 


A prerequisite  in  the  use  of  response- feedback  variable  stability  aircraft  to  obtain  flying  qualities 
data  is  an  accurate  method  for  estimating  stability  and  control  parameters  from  flight  data.  It  is  neces- 
sary, however,  that  such  methods  be  efficient  and  cost-effective  to  ninimire  the  effort  and  expense  spent 
performing  the  estimation.  This  paper  discusses  the  application  of  a digital  identification  technique 
based  on  Kalman  filter  theory  to  flight  data  from  flying  qualities  experiments  using  the  variable  stability 
X-22A  V/STOL  research  aircraft.  The  emphasis  of  the  discussion  is  on  practical  aspects  of  identifying 
efficiently  data  covering  a wide  range  of  dynamic  characteristics;  particular  attention  is  paid  to  the 
elimination  of  adjustments  in  the  technique  for  each  data  run  and  the  use  of  particular  pilot  control  inputs 
to  maximise  ldentifiability.  Results  are  presented  for  a variety  of  simulated  dynamics. 

INTRODUCTION 


In  general,  experimental  flying  qualities  investigations  seek  to  correlate  dynamic  characteristics  of 
an  aircraft  to  pilot  ratings  of  the  suitability  of  the  characteristics  for  the  performance  of  a prescribed 
task.  Variable  stability  aircraft  incorporate  electronic  implementation  of  control  laws  that  vary  the 
dynamic  characteristics  of  the  aircraft  in  a prescribed  manner.  The  most  prevalent  mechanization  of  this 
capability,  and  the  one  used  in  the  X-22A  V/STOL  variable  stability  aircraft,  is  the  response- feedback 
system.  With  this  technique,  response  variables  of  the  aircraft  are  sensed  directly  and  used  to  command 
control  deflections  proportionally,  thereby  changing  the  closed-loop  aircraft  characteristics;  by  varying 
the  matrix  of  feedback  gains,  a wide  variety  of  aircraft  characteristics  can  be  simulated  for  piloted  eval- 
uations. Italike  a ground  simulator  or  model-following  variable  stability  aircraft,  however,  the  resulting 
dynamic  characteristics  are  not  accurately  known  a priori;  it  is  therefore  mandatory  to  have  an  accurate 
and  efficient  means  of  identifying  the  characteristics  obtained  from  flight  records. 

Since  the  inception  of  variable  stability  aircraft  in  the  early  1950’s  by  the  NACA  and  Cornell  Aero- 
nautical Laboratory  (now  Calspan  Corporation),  this  problem  of  identification  of  the  dynamics  of  the  simu- 
lated aircraft,  both  for  calibration  purposes  and  for  the  correlation  of  pilot  ratings  with  the  achieved 
dynamic  configurations,  has  been  of  extreme  theoretical  and  practical  concern.  Early  methods  included 
various  analytic  treatments  based  on  hand  measurement  of  recorded  responses  to  prescribed  inputs  and  the 
matching  of  responses  with  the  outputs  of  an  analog  computer  (References  1 and  2).  With  the  advent  of  the 
digital  computer,  it  became  feasible  to  handle  large  amounts  of  data  that  might  require  numerical  analyses. 
This  capability  led  first  to  equation-error  techniques  (Reference  J)  and  then  to  response-error  methods 
(References  4,  5,  and  6),  which  were  applied  with  various  degrees  of  success  to  the  aircraft  identification 
problem.  As  is  by  now  well  known,  however,  accurate  identification  of  aircraft  parameters  generally  re- 
quires advanced  methods  that  can  treat  both  equation  erTors  (process  noise)  and  response  errors  (measure- 
ment noise).  Methods  which  have  this  capability  include  techniques  which  maximize  a classical,  non-Bay- 
esian  likelihood  function  (Reference  7)  or  which  extend  Kalman  filter  (Bayesian  maximum  likelihood)  theory 
to  nonlinear  situations  (References  8,  9). 

This  paper  discusses  the  application  of  the  identification  technique  developed  in  Reference  9 to  flight 
data  from  the  X-22A  variable  stability  V/STOL  aircraft  (Figure  1).  The  X-22A  aircraft  is  a unique  research 
tool  which  is  capable  of  reproducing  a wide  range  cf  vehicle  dynamic  characteristics  at  many  fixed-operat- 
ing STOL  flight  conditions  as  well  as  through  a complete  V/STOL  transition  (120  kts  — *■  0 kts).  To  date, 
the  aircraft  has  been  used  in  two  STOL  and  one  V/STOL  flight  experiments.  The  first  STOL  experiment  invest- 
igated longitudinal  short-term  dynamic  characteristics  for  landing  approach  (References  10,11),  and  the 
second  studied  lateral-direction;.l  dynamic  characteristics  and  roll  control  power  requirements  for  landing 
approach  (References  12,  13).  Tie  V/STOL  experiment,  currently  underway,  is  concerned  with  the  control, 
guidance,  and  display  requirements  for  descending  decelerating  VTOL  instrument  approaches  and  landings 
(References  i*,  15).  The  plethora  of  dynamic  situations  simulated  in  these  programs,  coupled  with  the  re- 
lative inaccuracy  of  aerodynamic  data  for  the  basic  aircraft  and  the  requirements  for  accurate  yet  economi- 
cally efficient  identification,  provides  an  extensive  data  base  for  the  evaluation  of  the  practical  useful- 
ness of  an  advanced  identification  technique. 

The  organization  of  this  paper  is  as  follows.  A brief  review  of  the  identification  technique  and  a 
summary  of  the  X-22A  data  acquisition  and  handling  procedures  are  given  in  the  next  two  sections.  The 
succeeding  two  sections  describe  the  selection  of  the  a priori  information  needed  by  the  algorithms  and  re- 
view recent  theoretical  aspects  of  designing  control  inputs  to  enhance  identifiability.  Representative  re- 
sults from  the  lateral-directional  STOL  program  are  then  presented,  followed  by  preliminary  results  from 
approximated  control  input  designs  obtained  in  the  third  program.  A few  remarks  and  recommendations 
conclude  the  paper. 
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IPECTIFICATICH  TtQWIQUE 

The  identification  techniques  used  on  the  X-22A  flight  data  ere: 

• A classical  least-squares  equation-error  set hod,  which  can  be  used  by 
Itself  but  which  generally  provides  Initial  estlaates  for 

• A bay as lan  mail era- likelihood  estlaator,  using  a recursive,  locally 
iterated  Kalian  filter. 

As  is  generally  known,  equation- error  techniques  lead  in  theory  to  biased  paraaeter  estlaates  in  the  pre- 
sence of  aeasureaent  noise.  In  practice,  modern  gyros  and  air  sensors  have  good  signal-to-noise  ratios, 
and  in  fact  equation-error  techniques  often  provide  sufficiently  accurate  results  (Roference  16);  experi- 
ence with  X-22A  data  analyses  has  shown  that  daaping  ratios  of  oscillatory  notions  tend  to  be  underest iaated 
but  that  frequencies  are  generally  quite  accurate  using  equation-error  derivative  estiaates.  The  prlaary 
advantage  of  the  equation-error  technique  if  that  it  is  rapid  and  inexpensive,  and  that  it  is  sufficiently 
accurate  given  the  quality  of  the  X-22A  sensors  to  provide  good  initial  estiaates  for  the  locally  Iterated 
Kslaan  filter. 

The  development  of  this  version  of  a Kalman  filter  for  aircraft  identification  has  been  described  in 
detail  elsewhere  (References  9,  17)  and  hence  will  be  reviewed  only  briefly  here.  The  central  Idea  is  to 
obtain  a suboptiaal  aininua  variance  estiaate  of  the  paraaeters  (and  states)  froa  the  aeasured  data  for 
generally  nonlinear  systeas  by  extension  of  Kalnan  filter  theory.  To  this  end,  we  consider  an  augaented 
atata  consisting  of  the  aircraft  states  and  the  parameters  to  be  identified;  the  resulting  stete  equation 
is,  of  course,  nonlinear  even  if  the  unaugaented  state  equation  is  linear,  and  therefore  soae  fora  of 
approximation  to  the  optiaal  nonlinear  filter  is  required.  A common  approximation  is  to  use  an  extended 
Kalnan  filter  to  estiaate  tl  states;  this  technique,  however,  has  been  shown  to  yield  biased  estiaates, 
the  cause  for  which  nay  be  viewed  as  inaccuracies  in  the  reference  trajectory  about  which  the  linearization 
takes  place.  To  iagirove  the  reference  trajectory,  therefore,  a locally  Iterated  filter-sacother  is  used 
(References  9,  18,  19),  which  is  possible  because  of  the  recursive  nature  of  the  technique.  This  procedure 
updates  the  reference  trajectory  between  every  two  time  points  through  alternate  one-stage  extended  Kalman 
filtering  and  one-stage  smoothing,  the  iterations  continuing  until  there  is  negligible  change  in  the  refer- 
ence trajectory  between  successive  Iterations.  It  can  be  shown  formally  that  this  procedure  reduces  the 
bias  caused  by  state  and  aeasureaent  nonlinearities  (Reference  9). 

The  salient  features  of  this  identification  technique  nay  be  sunaarized  as  follows  (Reference  20): 

1.  The  technique  seeks  aininua  variance  estimates  (i.e.,  the  conditional  mean)  of  general 
systeas  described  by  nonlinear  state  and  measurement  equations  including  both  process 
and  measurement  noise.  The  formulation  of  the  algorithms  is  predicated  on  this  general- 
ity; hence  for  example,  the  implicit  nonlinearity  introduced  by  augmenting  the  state 
with  the  parameters  to  be  identified  does  not  compromise  the  formulation. 

2.  Him  technique  is  recursive  in  nature.  It  is  theoretically  possible  to  apply  the  algorithms 
on  line  in  real  tiae,  although  this  capability  is  not  included  at  present  in  the  X-22A 
data  acquisition  equipaent. 

J.  The  technique  as  currently  eaployed  on  the  X-22A  programs  does  not  estiaate  the  me.  ire- 
ner.t  and  process  noise  covariances.  Methods  which  directly  aaxiaize  the  likelihood 
function  do  perform  this  estimation  well  for  linear  systems  (Reference  7),  and  the  lack 
of  this  capability  is  somewhat  of  a drawback  of  the  technique.  For  the  application  of 
the  technique  to  X-22A  flying  qualities  flight  data,  however,  the  deficiency  is  minor, 
as  (1)  the  model  structure  is  generally  well  defined  and  calibration  flight  records  are 
obtained  in  relatively  smooth  air,  both  of  which  decrease  the  process  noise  in  the  system, 
and  (2)  the  quality  of  the  data  acquisition  procedures  and  measuring  sensors  is  high 
enough  to  obtain  valid  a priori  measurement  noise  statistics  froa  the  flight  records. 

The  determination  of  the  process  and  measurement  noise  covariances  for  the  X-22A  is 
discussed  in  more  detail  in  a later  section. 

DATA  ACQUISITION  EQUIPMENT  AND  PR0CEDUPF5 

The  data  acquisition  systems  and  procedures  used  for  X-22A  flight  programs  are  described  in  ref- 
erences 21  and  22,  and  only  those  aspects  which  bear  on  identification  of  the  flight  records  are 
repeated  here. 

A scnematic  of  the  digital  data  acquisition  system  is  shown  in  Figure  2.  Sensors  in  the  aircraft  mea- 
sure all  pertinent  quantities,  such  as  rigid  body  responses,  control  deflections,  and  variable  stability 
system  command  signals.  This  information  is  sampled  200  times  per  second  and  telemetered  via  an  L-band 
pulse-code-modulated  telemetry  link  to  a mobile  ground  station,  where  it  is  decoded  and  recorded  on  line 
on  the  "bit-stream"  recorder.  For  post  flight  data  analyses,  the  bit-stream  information  is  processed 
through  the  digital  mini-computer  to  produce  an  IBM  370/65  compatible  digital  tape. 

The  data  on  this  digital  tape  are  then  processed  and  edited  to  be  compatible  with  the  identification 
computer  programs.  In  the  first  X-22A  flight  program,  the  data  were  initially  digitally  filtered  by  a 
third-order  Butterworth  filter  in  order  to  reduce  the  sampling  rate  to  the  1/0.08  samples/second  of  the 
identification  technique  without  introducing  aliasing  errors.  It  was  ascertained  experimentally,  however, 
that  this  filtering  is  not  necessary;  hence,  on  the  succeeding  programs,  no  digital  or  other  filtering  of 
the  telemetered  data  was  performed. 
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ALGOR  TP*  INPUT  INFORMATION 

71m  purpose  la  usin|  a layesian,  rather  than  non-Bayesian,  »axi»«  likelihood  estlaetor  Is  to  make  use 
of  known  information  conceminf  the  qualities  of  the  aeasureaents  or  Initial  parameter  estimates  rather  than 
estiaatini  thee  along  with  the  actual  parameter  values.  The  following  a priori  information  Is  therefore 
required  to  initiate  the  Kalman  filter  algorithm: 

1.  Initial  estimates  of  the  parameters 

2.  Variances  of  the  initial  estimates 

3.  Measurement  noise  variances 

4.  Process  noise  variances 

Thorough  discussions  of  the  selection  of  these  values  are  given  in  References  10,  12,  20,  and  22,  and  hence 
only  a brief  qualitative  simaary  is  given  here.  The  primary  point  of  importance  is  that,  although  the 
performance  of  the  algorithm  can  be  improved  by  "optimizing"  this  information  for  each  data  set,  it  is 
nmceasary  to  seek  conpromise  values  whenever  possible  if  doing  so  makes  the  identification  process  more 
efficient  and  hence  economical. 

As  was  mentioned  earlier,  the  least-squares  equation-error  method  is  used  to  provide  initial  estimates 
for  the  Caiman  filter  algorithm.  In  addition  to  the  parameter  estimates,  the  equation-error  method  also 
provides  estimates  of  their  variances;  these  variances,  however,  are  incorrect  absolutely  (too  small)  and 
relatively  (wrong  indications  of  relative  accuracy).  It  is  preferable  theoretically,  therefore,  to  compute 
the  initial  variance  estimates  by  an  independent  method.  As  is  discussed  in  References  9 and  20,  one  such 
method  is  to  compute  the  Crmmer-Rao  lower  bounds  on  the  variances,  which  are  functions  of  the  control  in- 
puts as  well  as  the  parameter  values,  and  multiply  them  all  by  a large  factor.  Experimental  experience 
has  shown,  however,  that  multiplying  the  equation-error  variances  equally  by  an  arbitrary,  large  factor 
(i.e.  100)  appears  to  provide  adequate  results  (hence  indicating  relative  insensitivity  of  the  technique 
to  the  initial  ratios  of  the  variances),  and  thereby  eliminates  an  additional  computational  step. 

The  measurement  noise  statistics  are  obtained  by  visual  examination  of  the  flight  records.  This  esti- 
mate is  then  checked  qualitatively  by  comparing  plots  of  the  residual  sequences  of  the  filter  operation 
with  the  assumed  noise  statistics,  and  readjusting  the  statistics  if  required.  The  X-22A  data  acquisition 
system  provides  data  with  excellent  signal-to-noise  ratios  in  general,  and  therefore  this  method  of  esti- 
mating the  measurement  noise  variances  is  sufficiently  precise.  Again,  in  the  interests  of  rapid  and 
efficient  identification  procedures,  the  measurement  noise  statistics  are  kept  the  same  for  all  data  records 
if  possible. 

The  most  difficult  choice  of  required  a priori  information  is  that  of  the  process  noise  statistics. 

To  some  degree,  the  process  noise  covariance  matrix  Q is  a "fiddle  parameter"  in  the  algorithm  which  may 
be  used  to  improve  its  performance  for  a given  data  record.  On  the  other  hand,  the  requirement  for  rapid 
post-flight  identification  as  nearly  automatic  as  possible  leads  to  a desire  to  hold  these  statistics  at 
a fixed  value  for  all  flight  records.  To  make  this  tradeoff,  then,  it  is  important  to  define  precisely 
what  the  sources  of  process  noise  might  be.  For  the  X-22A  data,  there  are  essentially  three  sources  of 
process  noise: 

1.  Gust  or  turbulence  inputs 

2.  The  variable  stability  system 

3.  Modeling  errors 

Of  these,  the  gust  inputs  are  of  the  least  significance  for  the  records  that  are  analyzed,  because  the  ma- 
jority of  calibration  identification  records  are  obtained  in  turbulence-free  air  to  facilitate  rapid  checks 
on  the  frequency  and  damping  of  prevalent  rigid-body  nodes  of  motion.  The  variable  stability  system  is 
the  source  of  "noise"  both  as  a result  of  its  dynasties  not  being  included  in  the  model  and  through  its 
operation  on  noisy  measurement  signals.  Modeling  errors  are  primarily  a result  of  the  fundamental  restric- 
tion that  we  seek  the  best  linear  model  for  the  aircraft  dynasties  that  will  fit  the  data,  as  most  flying 
qualities  parameters  are  defined  in  terms  of  linear  systems. 

For  identification  of  the  X-22A  data,  it  is  assumed  that  one  set  of  process  noise  statistics  is  accept- 
able for  all  configurations  save  those  which  involve  the  de - augment at ion  of  several  stability  derivatives 
(in  which  case  the  linear  model  becomes  a poor  approximation),  and  this  set  is  used  for  the  rapid  processing 
of  the  data.  The  values  of  the  statistics  are  selected  primarily  by  iteration  on  early  data  sets  to  achieve 
adequate  performance,  and  then  held  constant.  A more  complete  description  of  this  procedure  is  given  in 
References  20  and  22. 

IDENTIFIABILITY  OF  DATA 

Perhaps  the  most  import'int  aspect  of  maximizing  the  efficiency  of  the  identification  process  concerns 
choosing  control  inputs  to  enhance  the  "identifiability"  of  the  desired  parameters  from  the  data.  The 
best  identification  performance  possible,  in  the  sense  of  minimum  mean  square  estimation  error,  is  given  by 
the  Cramer-Rao  lower  bound  on  the  variances,  which  is  a direct  function  of  the  characteristics  of  the  input. 
A fairly  sizable  body  of  literature  has  therefore  developed  concerning  "optimal"  input  designs  which  are 
predicated  on  minimizing  some  scalar  indication  of  these  bounds  (References  23,  24)  or  maximizing  a simi- 
lar scalar  measure  freo  the  Fisher  information  matrix,  the  elements  of  which  are  the  sensitivities  (Refer- 
ence 2S) . The  difficulty  with  these  designs  is  that  the  question  of  what  is  being  optimized  becomes  impor- 
tant: in  all  cases,  come  scalar  must  be  chosen  for  optimization,  since  there  is  no  defined  "optimal"  for 
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a aatrlx.  la  addition,  tha  design  problem  formulated  this  way  is  a fixad  Intarval  optimization  probiaa, 
and  hence  doaa  not  indicata  tha  uoint  of  data  necessary  to  achlava  a desired  accuracy,  which  la  an  impor- 
tant question  from  a flight-test-conduct  point  of  vlaw.  A recent  reformulation  of  tha  Input  design  problem 
b f Chan  appear*  theoretically  to  offer  a aore  useful  result  (Reference  26). 

Chen  formulates  the  problem  as  a time-optimal  control  problem  subject  to  constraints  on  the  meal mum 
allowable  variances.  With  this  formulation,  the  design  procedure  yields  a "bang-baag"  control  for  many 
applications,  with  the  switching  intervals  being  dependent  on  the  system  parameters;  this  characteristic 
i i exploited  in  the  use  of  less  expensive  "subor :inal”  designs,  in  which  the  switching  points  are  chosen 
by  recursively  costing  the  Cramer- Rao  lower  bounds  on  the  variances  and  using  their  time-rates-of-change 
as  switching  indicators.  The  input  designs  using  this  new  approach  are  coapared  in  Reference  26  to  other 
designs,  and  the  results  appear  to  demonstrate  increased  identifiability. 

Ob  the  three  X-22A  flight  programs,  three  different  approaches  to  input  design  for  identification  have 
been  followed.  The  first  program  used  simple  elevator  stick  doublet  inputs,  since  angle  of  attack  stabil- 
ity and  pitch  rate  dumping  were  the  primary  variations  between  configurations,  and  this  simple  input  pro- 
vides good  sensitivities  for  these  derivstives.  The  second  program  Involved  variation  of  a majority  of 
the  lateral-directional  derivatives,  however,  and  a single  simple  input  could  not  provide  sufficient  Identi- 
fiability. On  this  program,  therefore,  an  attempt  was  made  to  have  the  pilots  put  in  "switching"  inputs 
in  both  roll  and  yaw,  with  the  frequency  requested  as  being  close  to  the  natural  frequencies  of  the  simu- 
lated aircraft.  This  approach  generally  provides  good  identifiability  (Reference  20),  although  the  fact 
that  the  pilot  nay  tend  to  act  as  a feedback  controller  can  rapidly  degrade  the  identifiability,  since  then 
the  Inputs  become  linearly  related  to  at  least  one  aircraft  output.  On  the  third  'rogram,  these  "switching” 
pilot  inputs  were  again  used,  and,  in  addition,  an  attempt  was  made  to  implement  a suboptlmal  time-optimal 
input  design  based  on  the  results  of  Reference  26. 

To  check  on  the  "goodness"  of  the  inputs,  two  alternatives  are  available.  First,  as  wo  have  discussed, 
the  Cramer- Rao  lower  bound  may  be  calculated  for  the  record  using  the  estimated  stability  derivatives.  In 
a relative  sense  between  several  records,  however,  it  is  not  necessary  to  perform  this  additional  calcu- 
lation. If  we  assise  that  the  identification  technique  approaches  an  efficient  estimator  (unbiased,  mini- 
mum variance),  then  the  final  variance  of  the  parameters  computed  by  the  technique  should  approach  the 
Craswr-Rao  lower  bound  (Reference  9);  therefore,  a comparison  of  the  magnitudes  of  the  diagonal  terms  in 
the  final  covariance  matrix  provides  seme  indication  of  tha  identifiability.  It  is  also  instructive  to 
normalize  this  matrix  and  examine  the  normalized  covariances  between  the  parameters,  as  high  values  (e.g., 

«*  0.9)  indicate  a strong  degree  of  linear  dependence. 

APPLICATION  TO  FLIGHT  DATA 


Representative  Results:  Lateral-Directional  Dynamics 

To  provide  an  indication  of  the  quality  of  the  results  obtained  with  this  identification  technique, 
representative  tine  history  matches  from  the  second  flight  program  are  given  in  Figures  5-S.  Results  from 
the  first  program  are  given  in  Reference  10,  and  a more  detailed  presentation  from  the  second  program  is 
given  in  Reference  12. 

The  second  X-22A  flight  program  investigated  lateral-directional  flying  qualities  and  roll  control 
f over  requirements  for  STOL  landing  approach.  Primary  variables  in  the  experiment  were  roll  mode  time  con- 
stant, Dutch  roll  frequency,  and  the  roll-to-sideslip  ratio,  out  of  which  seven  base  dynamic  configurations 
ware  selected;  for  each  of  these,  yaw  due  to  aileron  was  varied,  and,  for  selected  cas*s,  the  available  roll 
control  power  was  electrically  limited.  To  achieve  these  dynamic  configurations,  all  of  the  roll  and  yaw 
moment  derivatives  of  the  X-22A  were  changed  by  the  variable  stability  system,  and  a large  quantity  of 
resultinf  calibration  configurations  were  generated  whose  characteristics  had  to  be  determined  from  flight 
calibration  records. 

The  identification  of  these  data  was  performed  using  a set  of  equations  which  included  nonlinear 
kinematic  terms  and  linear  expansions  of  the  aerodynamics  (see  Reference  12).  The  results  shown  in  the 
figures  span  the  range  of  dynamics  investigated  in  the  experiment.  Configuration  1 in  Figure  3 has  highly 
augmented  roll  damping  and  de-augmented  directional  stiffness;  Configuration  4 in  Figure  4 has  augmented 
directional  stiffness,  approximately  the  same  roll  damping  as  the  X-22A,  and  de-augmented  dihedral  effect; 
Configuration  6 in  Figure  S is  similar  to  Configuration  4 except  that  the  roll  damping  is  de-augmented. 

The  results  shown  in  these  figures  were  obtained  by  the  "production  line"  techniques  dictated  by 
the  exigencies  of  a flight  program  as  discussed  earlier;  that  is,  a set  of  measurement  and  process  noise 
statistics  selected  by  iteration  during  the  early  calibration  data  analyses  were  used  uniformly.  The  ini- 
tial covariance  matrix  of  the  estimates  was  also  obtained  by  simply  multiplying  the  equation-error  variances 
by  a constant  factor;  the  factor  used  for  these  data  was  in3.  which  did  not  precipitate  filter  instability 
in  these  cases  and  yet  ensured  sufficient  filter  gain. 

Effect  of  Initial  Estimates 


Although,  for  good  signal-to-noise  characteristics  of  the  measurements,  the  equation-error  techni 
que  provides  initial  parameter  estimates  that  are  quite  accurate,  it  is  nonetheless  useful  to  ascertain  if 
the  locally  iterated  filter  smoother  algorithm  can  be  shown  to  provide  good  results  regardless  of  the 
initial  estimates.  Figure  6 gives  the  results  of  identifying  the  same  data  as  in  Figure  4,  but  with  the 
initial  estimates  set  at  zero.  The  initial  variances,  measurement  noise  statistics,  and  process  noise 
statistics  are  identical.  As  can  be  seen,  the  final  derivative  estimates  and  nodal  characteristics  are 
identical.  This  demonstrated  insensitivity  to  the  initial  estimates  and  resulting  decrease  in  non-unique- 
ness problems  is  extremely  valuable  to  the  "production  line"  identification  required  on  flying  qualities 
programs,  as  it  eliminates  the  need  for  any  "optimal"  processing  of  the  data  prior  to  identification. 
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Effect  of  Control  Input! 


As  we  have  discussed,  the  time  histories  of  tho  control  inputs  mr*  very  important  to  obtain  valid 
identification  results.  Figures  7 and  8 show  tine  histories  of  two  calibration  records  froa  the  current 
flight  progtaa;  the  configurations  are  approxiaateiy  the  saae,  and  involve  attitude  and  rate  augaentation 
added  to  the  basic  X-22A  dynamics.  As  can  be  seen  by  referring  to  the  figures,  two  types  of  control  inputs 
were  used.  In  Figure  7,  tho  pilot  was  told  to  use  longitudinal  stick  inputs  with  switching  at  intervals 
which  were  near  what  he  judged  the  characteristic  period  to  be.  In  Figure  8,  a unique  feature  of  the  vari- 
ble  stability  sys tea  which  peraits  automatic  implementation  of  "perfect"  step,  pulse,  or  doublet  inputs 
was  used  to  provide  an  apprnxination  to  .in  input  designed  using  a suboptima  1 variation  of  the  procedure 
discussed  in  Reference  26.  The  design  called  for  switching  intervals  of  approxiaateiy  3.8  seconds,  but  the 
actual  interval  implemented  was  unfortunately  more  on  the  order  of  4.5  seconds,  and  so  this  example  does 
not  quite  provide  the  "best”  results  that  night  be  expected. 

Both  of  these  control  inputs  represent  attempts  to  enhance  identlfiability  in  the  sense  of  pro- 
viding both  small  variances  and  covariances  of  the  final  estimates.  On  this  basis,  they  are  quite  success- 
ful. The  only  significant  normalized  covariances  ( cr.y  > .5)  for  either  are  listed  below  for  the  deriva- 
tives affected: 


a; 

Manual 

Auto 

M,,MV 

-0.92 

-0.74 

-0.65 

-0.46 

Mm,Mu 

-0.29 

-0.50 

For  both  of  these  data  sets,  the  only  high  convariances  are  between  the  end  A estimates,  which  is  a 
result  of  the  configuration  having  attitude  augmentation.  The  fact  that  the  remainder  are  low  indicates 
a lack  of  linear  dependence  between  the  parameters  themselves  as  well  as  the  states,  which  is  necessary  for 
good  identlfiability  (Reference  9}. 

With  respect  to  the  variances  of  the  final  estimates,  it  would  be  expected  tnat  the  automatic 
input  would  provide  somewhat  smaller  ones,  since  the  input  design  procedure  is  predicated  on  picking  de- 
sired values  for  the  variances.  The  table  below  gives  the  desired  accuracy  of  soma  of  the  derivatives  used 
in  the  suboptimal  input  design  (Reference  26] , the  final  variances  achieved  with  the  automatic  input  approx- 
imation to  this  design,  and  the  variances  achieved  with  the  manual  input: 


i 

Desired 

Auto  j 

1 Manual 

Mu 

10005 

.0011 

.0013 

M^ 

.0005 

.00055 

.001 

M, 

.10 

.03 

.03 

Mg 

.50 

.09 

.12 

.03 

.0045 

.0045 

^ u 

.05 

.01 

.009 

X y/ 

.01 

.006 

.007 

.10 

.001 

.055 

2u 

.20 

.025 

.024 

Zur 

.02 

.014 

.021 

.50 

.005 

.12 

The  final  variance  estimates  for  both  input  types  arc  within  the  desired  values  except  , although  in 
general  me  automatic  input  designed  on  a suboptimal  basis  provides  increased  accuracy. 

These  variances  and  normalized  covariances  are  extremely  useful  in  a relative  sense  for  determin- 
ing i-'entifixbility,  but  care  must  be  taken  in  the  interpretation  of  the  variances  as  indicators  of  abso- 
lute accuracy.  To  illustrate  this  point,  the  derivative  estimates  froa  these  two  data  sets  are  compared 
in  the  table  below;  in  addition,  the  sums  of  the  two  sigma  values  of  the  variance  estimates  are  given  for 
comparison  with  the  differences. 


i-+  eHSaarV ; wttifca. 


27-6 


Derivative 

Manual 

Auto 

Mu 

• .00249 

-.0233 

.004 

• .02*0 

-.0128 

.003 

-1.276 

-1.731 

.12 

-2.595* 

-5.474* 

.48 

.308 

.45 

.018 

X* 

- .224 

- .193 

.038 

Xw 

.023 

.034 

.028 

.014 

.084 

.1! 

2* 

- .230 

- .176 

.10 

- .439 

• .464 

.07 

.59 

.81 

.2S 

♦Not  comparable:  different  amounts  of  attitude  augmentation. 

Mot*  particularly  that  while  the  differences  in  the  force  derivative  estiaates  (X, ) and  ) are  correctly 
predicted  by  the  variance  estiaates,  those  in  soae  of  the  aoaent  estiaates  are  not.  This  discrepancy  is 
a result  of  the  correlations  between  these  estiaates  as  giv-  - in  a previous  table;  it  is  clear  that  low 
correlations  are  necessary  for  the  variance  estiaates  to  hav*.  meaning  in  an  absolute  sense  between  records. 
A refinement  to  the  design  technique  of  Reference  26  which  would  constrain  the  covariances  as  well  as  the 
variances  night  alleviate  sons  of  this  difficulty. 

These  examples,  and  previous  experiaental  experience  discussed  in  Reference  20,  indicate  that  it 
is  possible  to  provide  inputs  that  enhance  identifiability  in  actual  flight  experience,  given  a little 
forethought.  It  is  particularly  encouraging  to  find  that  pilots  can  be  instructed  to  use  inputs  wnich 
approach  "optimal"  designs  in  efficacy. 

Equation-Error  Estimates 

For  completeness,  the  tine  history  Batches  of  the  equation- error  technique  estimates  for  the  same 
data  as  in  Figure  8 are  given  in  Figure  9.  As  was  discussed  previously,  the  X-22A  measurement  system  pro- 
vides data  with  excellent  signal-to-noise  ratios,  and  hence  the  equa* ion- error  estiaates  generally  are 
quite  accurate,  which  can  be  seen  in  Figure  9;  the  derivative  estimates  are  compared  in  the  table  below. 


Derivatives 

Eq'n  Erro» 

Kal . Filter 

- .0149 

- .0233 

- .0105 

- .0128 

*4 

-1.027 

-1.231 

M, 

-4.947 

-5.474 

M*es 

.402 

.450 

Xu 

- .169 

- .193 

X > 

- .054 

- .034 

.063 

.084 

2* 

- .235 

- .176 

2^ 

- .410 

- .464 

.32 

.81 

This  fortunate  circumstance  allows  "tuick  looks"  at  calibration  records  in  an  economical  fashion  to  ascer- 
tain whether  the  achieved  dynamics  are  close  to  those  desired,  since  the  equation-erTor  technique  is  less 
expensive  to  use  than  tha  Kalman  filter.  In  the  exaaple  of  Figure  9.  in  fact,  the  equation-error  and  final 
filter  results  generally  are  within  201  of  each  other,  a fact  which  is  partially  a result  of  the  well  de- 
signed input. 

CONCLUDING  REMARKS 


This  paper  has  discussed  the  application  of  digital  identification  techniques,  and  in  particular  a 
Bayesian  maximum  likelihood  method  based  on  Kalman  filter  theory,  to  actual  flight  data  from  the  variable 
stability  X-22A  aircraft.  In  the  course  of  the  three  flying  qualities  programs  conducted  with  this  aircraft, 
a large  quantity  of  dynamic  situations  have  been  simulated  and  the  resulting  flight  records  analyzed  (e.g. 
over  300  records  on  the  second  program  alone);  the  emphasis  of  the  paper  has  therefore  been  on  the  practical 
aspects  of  identifying  many  data  efficiently  and  economically.  Based  on  tnis  experience  in  applying  the 
technique,  a general  conclusion  that  can  be  drawn  is  that  it  provides  a useful  and  efficient  tool  for  iden- 
tifying stability  and  control  derivatives  from  flight  data,  ana  tnat,  in  fact,  it  can  be  applied  in  a 
"production  line"  fashitn  required  during  a flight  program  with  little  loss  in  accuracy. 


Kith  respect  to  the  results  discussed  in  this  paper,  specific  conclusions  that  are  pertinent  are: 

e The  locally  iterated  filter-snoo^her  algorithm  developed  for  nonlinear  systems  provides 

very  good  identification  results  for  the  quasilinear  (linear  aerodynaaics)  systems  discussed 
in  this  paper. 

a The  technique  appears  to  offer  the  advantage  of  insensitivity  to  the  initial  parameter 
estimates  for  X-22A  data,  thereby  eliminating  any  necessity  for  data  processing  prior  to 
identification. 

e The  required  input  information  to  the  algorithm  (i.e.,  the  covariance  matrices}  may  be 
held  essentially  constant  for  "production  line"  identification  during  a flight  program 
after  an  initial  iteration  period. 

a The  control  input  time  histories  are  very  critical  to  good  identification  results.  Pilot 
inputs  which  attempt  "switching"  near  characteristic  frequencies  provide  good  identifi- 
ability.  Inputs  which  approximate  the  suboptlmal  designs  developed  in  Reference  26  further 
enhance  identifiability. 

ACKNOWLEDGMENTS 


The  development  of  the  identification  technique  described  in  this  paper  was  supported  by  the  Naval  Air 
Systems  Coiaand  under  Contract  N00019-69-C-OS34.  X-22A  flight  pregrams  are  supported  by  the  X-22A  Steer- 

ing Group  chaired  by  the  Naval  Air  Systems  Command,  and  have  been  performed  under  contracts  N00019-72-C-0044, 
N00019-72-C-0417,  and  N00019-73-C-0504.  The  author  is  grateful  to  Dr.  R.T.N.  Chen,  whose  technical  insight 
has  been  particularly  helpful,  and  to  Mr.  C.L.  Hesiah  and  Mr.  J.i..  Lyons,  who  perform  all  the  computer  pro- 
gramming for  X-22A  programs. 

REFERENCES 


1.  Neal,  T.P.:  Frequency  and  Damping  from  Time  Histories  Maximum-Slope  Method.  Journal  of  Aircraft, 

Voliae  4,  No.  1,  January- February  1967. 

2.  Hall,  G.W. : A Method  for  Matching  Flight  Test  Records  with  the  Output  of  an  Analog  Computer. 

Paper  presented  at  the  National  Electronics  Conference,  December  1969. 

3.  DiFranco,  D.A. : In-Flight  Parameter  Identification  by  the  Equations  of  Motion  Technique  — 

Application  to  the  Variable  Stability  T-33  Airplane.  Cal  span  Report  No.  TC-1921-F-3,  Decoder  196S. 

4.  Larson,  D.B. : Identification  of  Parameters  by  the  Method  of  Quasilinearization.  Calspan  Report 

No.  164,  1968. 

5.  Hall,  G.W. , Larson,  D.8.,  and  Martino,  P.A.:  A Quasilinearization  Method  for  Determining  Lateral- 

Directional  Modal  Parameters  from  Digitally  Recorded  Flight  Test  Data.  Calspan  Report  No.  TM-2832- 

F-l,  April  HU). 

6.  Grove,  R.D.,  Bowles,  R.L. , and  Mayhew,  S.C.:  A Procedure  for  Estimating  Stability  and  Control 

Parameters  from  Flight  Test  Data  by  Using  Maximum  Likelihood  Methods  Employing  a Real-Time  Digital 
System.  NASA  TOD-673S,  May  1972. 

7.  Mehra,  R.K.,  Stepner,  D.E. , and  Tyler,  J.S.:  A Generalized  Method  for  the  Identification  of  Aircraft 

Stability  and  Control  Derivatives  from  Flight  Test  Data.  Paper  16-4  presented  at  1972  JACC, 

August  1972. 

8.  Molusis,  J.A. : Analytical  Study  to  Define  a Helicopter  Stability  Derivative  Extraction  Method, 

Vol.  1.  NASA  CR  132371,  May  1973. 

9.  Chen,  R.T.N. , Eulrich,  B.J.,  and  Lebacqz,  J.V.:  Development  of  Advanced  Techniques  for  the  Identifica- 

tion of  V/STOL  Aircraft  Stability  and  Control  Parameters.  Calspan  Report  No.  BM-2320-B-1, 

August  1971. 

10.  Smith,  R.E.,  Lebacqz,  J.V. , and  Schuler,  J.M.:  Flight  Investigation  of  Various  Longitudinal  Short- 

Term  Dynamics  for  STOL  Landing  Approach  Using  the  X-22A  Variable  Stability  Aircraft.  Calspan 
Report  No.  TB-3011-F-2,  January  1973. 

11.  Schuler,  J.M. , Smith,  R.E.,  and  Lebacqz,  J.V.:  An  Experimental  Investigation  of  STOL  Longitudinal 

Flying  Qualities  in  the  Landing  Approach  Using  the  Variable  Stability  X-22A  Aircraft.  Preprinc  No. 
642,  28th  Annual  Forum  of  American  Helicopter  Society,  Washington,  D.C.,  May  1972. 

12.  Smith,  R.E.,  Lebacqz,  J.V.  and  Radford,  R.C.:  Flight  Investigation  of  Lateral-Directional  Flying 

Qualities  and  Control  Power  Requirements  for  STOL  Landing  Approach  Using  the  X-22A  Aircraft. 

Calspan  Report  No.  AK-5130-F-1,  February  1974. 

13.  Lebacqz,  J.V.,  Radford,  R.C.,  and  Smith,  R.E.:  An  Experimental  Investigation  of  STOL  Lateral- 

Directional  Flying  Qualities  and  Roll  Control  Power  Requirements  Using  the  Variable  Stability  X-22A 
Aircraft.  Paper  presented  at  the  30th  Annual  Forum  of  the  American  Helicopter  Society,  Preprint 
No.  841,  May  1974. 

14.  Chen,  R.T.N,  I-ebacqz,  J.V.,  and  Aiken,  E.W. : A Preliminary  Look  at  Flight  Director  Design  Philosophies 

for  Application  to  a VTOL  Landing  Approach  Flight  Experiment.  Paper  presented  at  the  10th 
Annual  Conference  on  Manual  Control,  9-11  April  1974. 


274 


15.  Lmbmcqt,  J.V.,  sad  E.W.  Aiken:  Thm  X-22A  Task  III  Plight  Program:  Control . Guidance,  and  Display 

imqul ram  mats  for  Accelerating  Descending  VTOL  Instrument  Approaches.  Paper  presented  at  the 
Advanced  Aircrew  Display  Symposium,  Naval  Air  Test  Center,  Patuxent  River,  Md. , April  1£?4. 

16.  Wiagrovm,  R.C. : Estimation  of  Longitudinal  Aerodynaalc  Coefficients  sad  Coaparlson  with  Wind-Tunnel 

Values.  Paper  presented  at  NASA  Symposium  on  Parameter  Estiaation,  April  1973,  reproduced  in: 
Parameter  Estiaation  Techniques  tad  Applications  la  Aircraft  Flight  Testing,  NASA  TIC-7647,  April 
1974. 

17.  Ckea,  R.T.N.,  and  Eulrich,  W.J.:  Paraaeter  and  Model  Identification  of  Nonlinear  Dynamical  S;  ,-ems 

Using  a Suboptiaal  Fixed-Point  Smoothing  Algorithm,  paper  presented  at  1971  JACC,  August  1971. 

li.  Wlahner,  R.P.  et.  el.:  A Coaparlson  of  Three  Nonlinear  Filters.  Autoaat lea,  Vol.  S,  pp.  467-497, 
1969. 

19.  Jazvlnski,  A.H. : Stochastic  Processes  and  Filtering  Theory.  Acedeaic  Press,  1970. 


20.  Lebacqt,  J.V. : Application  of  A Caiman  Filter  Identification  Technique  to  Flight  Data  from 

the  X-22*  Variable  Stability  V/5T0L  Aircraft.  Paper  presented  at  NASA  Synposlua  on 
Paraaeter  Estiaation,  April  1973,  reproduced  in:  Paraaeter  Estiaation  Techniques  and 

Applications  in  Aircraft  Flight  Testing,  NASA  7N  D-7647,  April  1974. 

21.  lei lean,  J.L. : An  Integrated  Systaa  of  Airborne  and  Cround-Based  Instrumentation  for 

Flying  Qualities  Research  with  the  X-22A  Airplane.  Paper  presented  at  the  7th 
International  Aerospace  Instrumentation  Synposlua,  March  1972. 

22.  Lebacqz,  J.V. , Smith  R.E.,  and  Radford,  R.C.:  A Review  of  the  X-22A  Variable  Stability  Aircraft 

and  Research  Facility.  Cal span  Report  No.  AX-S130-F-2,  February  1974. 

23.  Goodwin,  G.C.:  Input  Synthesis  for  Minimum  Covariance  State  and  Parameter  Estiaation. 

Electronics  Letters,  Volume  S,  No.  21,  16  October  1969. 

24.  Reid,  D.B.:  Optimal  Inputs  for  Systea  Identification.  NASA  CR-126173,  May  1972. 

25.  Mehra,  R.K. : Optiaal  Inputs  for  Linear  Systea  Identification.  Proc.  JACC  1972,  pp.  811-820, 

August  1972. 

26.  Chen  R.T.N. : Input  Design  for  Paraaeter  Identification  — Part  I:  A New  Formulation  and  a 

Practical  Solution.  Paper  presented  at  the  1974  JACC,  June  18-21,  1974. 


NOTATION 


A j 

■P 

* 

r 

t 

u- 

V 

ur 

*o 

et 


moment  of  inertia  about  body  * -axis,  ft-lb  sec* 
moment  of  inertia  about  body  y - axis,  ft-lb  sec* 
moment  of  inertia  about  body  ^ - axis,  ft-lb  sec* 
product  of  inertia  in  body  axis,  ft-lh  sec* 

* (f  IT%)3II9C  ),  dimensional  roil  moment  derivative,  (rad/sec*)/(  ) 

•C l-Z'J/lrZj'  (rad/sec*:/(  ) 

* (/  liJSMDL),  dimensional  pitch  moment  derivative,  (rad/sec*)/{  ) 

* 0 ) , dimensional  yaw  moment  derivative,  (rad/see*)/(  ) 

* (/-X^/X./j)"  (rad/sec*)/ ( ) 

body  y -axis  acceleration  ,*S7. 3 ft/sec* 

body  axis  roll  rate,  deg/sec 
body  axis  pitch  rate,  deg/sec 
body  axis  yaw  rate,  deg/sec 
time,  seconds 

body  S -axis  velocity,  ft/sec 
true  velocity,  ft/  sec 
body  -axis  velocity,  *t/sec 

* ( f Im)  3)1/31) , dimensional  * -force  derivative,  (ft/sec*)/(  1 

* (/  IM) 5Y/3() , dimensional  y -force  derivative,  (ft/sec*)/(  ) 

* (f  lM) 9ZIS (),  dimensional  j -force  derivative,  (st/sec*)/(  ) 

angle  of  attack,  degrees 

angle  of  sideslip,  degrees 

longitudinal  stick  position,  positive  aft,  inches 
lateral  stick  position,  positive  right,  inches 
rudder  pedal  position,  positive  right,  inches 


jjj  daepiag  ratio  of  Dutch  roll  characteristic  response 
Q pitch  attitude,  degrees 

f variance  of  ( ) is  units  of  ( ) 

Tg  roll  node  tine  constant,  seconds 

0 roll  attitude,  degrees 

se^nitude  of  roll-to-sideslip  ratio  in  Dutch  roll  component 
m>4  ihitch  roll  undaaped  natural  frequency,  rad/sec 

l)  tine  rate  of  change  of  ( ),  ( )/sec 
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! 1.  Variable  Stability  X-22A  V/STOL  Aircraft 
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Figure  2.  Schematic  Diagram  of  Digital  Data  Acquisition  System 
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UCUBDtS  TUUUUENCB  AND  GKUO  EFFECTS 


Bodney  C.  Ningrove 
Am m Rmsmarch  Center,  NASA 
Moffett  field,  California,  W0J5 


This  paper  eon*14ara  tha  estimation  of  longitudinal  aerodynamic  coefficients  froa  data  racordad  dur- 
ing flight  tasti  of  a poaorad-llft  STOL  aircraft.  Pint,  a comparison  It  aada  between  tha  eoafficiant 
valuta  determined  by  tha  regression  and  quasilinearization  Identification  techniques  froa  racordt  taken 
during  elevator  pulse  aaaeuven.  Tha  results  show  that  for  these  tests  tha  regression  method  provides 
lass  scatter  la  coefficient  estivates  sad  provides  better  correlation  with  the  predicted  values.  Special 
techniques  are  then  developed  which  allow  Identification  of  the  coefficients  froa  records  taken  during 
landing  naaeuvers  la  which  the  aircraft  encounters  turbulence  while  flying  in  ground  effect.  Flight  test 
results  are  presented  to  illustrate  the  effects  of  air  turbulence  and  grand  proximity  on  the  estimated 
coefficient  values. 

N0NENC1A1URE 

thrust  term 

velocity  along  X-axis,  a/sec 
total  velocity,  a/sec 
velocity  along  2-axis,  a/sec 
vector  of  state  variables 
aagle-of-attack,  rad 
elevator  deflection,  rad 
pitch  angle,  rad 
atmospheric  density 
standard  deviation  (ns) 
free  air  value,  out-of-ground  effect 
estimated  value 

S aircraft  wing  area,  m2 


a,  pitching  acceleration,  rad/sec2  T 
i,  acceleration  measured  along  X-axis,  g units  u 
a,  acceleration  measured  along  Z-axls,  g units  V 
e mean  aerodynamic  chord,  a w 
C aerodynamic  coefficient  x 
g acceleration  of  gravity,  n/sec2  a 
h height-above-ground- level,  n j 
lyy  inertia  about  the  Y-axis  0 
X constant  parameter  p 
N aircraft  weight  o 
q pitching  rate,  rad/sec  » 
Q dynamic  pressure  * 


i.  nmwwucnoN 

NASA  is  conducting  a rather  broad  research  program  on  powered-lift  concepts  for  future  use  with  jet 
STOL  transport  aircraft.  As  part  of  this  program  a C-SA  Buffalo  aircraft  has  been  modified  with  an  aug- 
mented jet-flep  system  (ref.  1).  This  aircraft  has  been  undergoing  flight  tests  to  determine  the  in-flight 
aerodynamic  performance  and  handling  qualities.  In  support  of  this  program  a study  has  been  made  to 
evaluate  the  use  of  parameter  Identification  techniques  in  determining  the  aerodynamic  coefficient  values 
from  the  recorded  flight  date. 

Several  identification  methods  are  available  from  previous  studies  (refs.  2-10)  to  identify  the  air- 
craft parameters  from  the  records  taken  where  the  aircraft  is  excited  only  by  elevator  inputs  in  calm  air. 
These  previous  methods,  however,  are  generally  unable  to  treat  the  problems  associated  with  identification 
of  the  aircraft  paremeters  during  landing  maneuvers  where  there  are  significant  external  disturbances  due 
to  the  air  turbulence  and  ground  proximity. 

In  this  investigation  two  different  parameter  identification  techniques  have  been  applied  to  data 
recorded  during  pulse- type  maneuvers  where  the  aircraft  dynamics  ara  excited  by  elevator  inputs.  This 
paper  will  review  the  accuney  in  determining  the  coefficient  values  using  thjse  different  identification 
techniques.  Special  techniques  are  then  applied  to  date  recorded  during  landing  maneuvers  where  the  air- 
craft is  excited  by  the  combination  of  air  turbulence,  gramd  proximity,  and  the  pilot's  normal  control 
actions.  This  paper  reviews  the  development  of  these  special  techniques  and  presents  results  which  illus- 
trate the  effects  of  air  turbulence  and  ground  proximity  on  the  estimated  coefficient  values. 


The  Intent  of  the  paper  is  to  present  the  geneses  of  each  of  the  problems  end  the  identification 
algorithms  used  in  the  problem  solution  along  with  e discussion  of  some  of  the  more  important  findings. 


2.  AIRCRAFT  AND  INSTRUMENTATION  SYSTEM 


The  result*  in  tMt  p eper  were  obtained  from  flight  tait  data  recorded  during  teat  maneuver*  with  an 
eugmeated  jot-flap  STOL  roaoarch  aircraft  (rof.  1).  This  vehicle  (fig.  1)  la  a high-wing  STOL  aircraft 
powered  by  two  turbofan  anginas  aounted  in  nacelles  located  under  the  wing.  The  relatively  cold  flow  froa 
the  front  fans  is  ducted  to  augaentor  jet  flaps.  The  engine  exhaust  is  directed  through  nozzle*,  one  on 
each  side  of  the  nacelles,  to  provide  vectored  propulsive  lift. 

The  flight  test  lnstruaentation  included  a nose  boon  with  a pitot-static  systea  and  vanes,  body- 
aouated  acceleroaeters  and  rate  gyros,  vertical  gyros,  position  transducers  on  the  control  surfaces,  pres- 
sure and  teaperature  transducer*  to  aeasure  the  propulsive  characteristics,  and  a radar  altiaeter  to 
aeasure  height-above-ground- level.  The  vane-aeasured  angle-of-attack,  a,  has  been  corrected  to  account 
for  angular  rates  and  for  upwash  (as  a function  of  height-abovo-ground) . The  pitching  angular  accelera- 
tion, a-,  has  been  derived  froa  the  pitch  rate  signal.  The  linear  accelerations,  az  and  ax,  have  been 
obtained  fron  the  body  Mounted  acceleroaeter  signals  snd  corrected  (to  the  aircraft  center- of -gravity)  to 
account  for  angular  accelerations.  The  flight  data  were  obtained  with  an  airborne  digital  recorder  and 
then  processed  at  discrete  points,  10  points/sec,  on  a ground  based  digital  conputer. 

3.  COWARISON  OF  ESTIMATION  TECHNIQUES 

This  section  will  review  sone  estimation  results  for  standard  pulse-type  maneuvers  in  which  the  air- 
craft is  relatively  free  froa  turbulence  effects  and  is  above  ground  proximity  effects.  Emphasis  will  be 
to  coaqpare  results  froa  the  different  identification  techniques  snd  to  gain  soae  understanding  of  their 
relative  accuracy  in  estimating  the  values  for  the  aerodynamic  coefficients. 


Several  previous  studies  (refs.  2-10)  have  compared  different  identification  algorithms  for  estimat- 
ing aircraft  parameters  and  have  found  that  the  results  may  depend  on  the  technique  used.  These  identifi- 
cation techniques  generally  fall  into  two  categories:  equation  error  snd  output  error.  With  noise  in  the 

measured  aircraft  states,  the  equation  error  technique  can  produce  biased  estimates  of  the  coefficient 
values  (refs.  2-4).  The  output  error  technique  can  reduce  the  bias  error;  however,  it  is  affected  by 
modeling  errors  and  also  may  produce  the  larger  standard  deviations  in  the  estimated  coefficient  values 
(ref.  10).  This  paper  will  cohere  results  of  both  a regression  technique  (equation  error)  and  a quasi- 
linearization  technique  (output  error). 


Identification  ale 


The  non-linear  equations  used  to  mathematically  model  the  aircraft  longitudinal  forces  and  pitching 
it  were  taken  as: 

i*  - (QS/H)  [cx<j  ♦ C^o  ♦ CXj4  ♦ Cx^(qc/2V)]  ♦ Tx  (1) 
•x  « CQS/K)  [cl{)  ♦ C^a  ♦ C1{i  ♦ Ctq(qc/2V)  ♦ C^cJ  ♦ T,  (2) 
a.  - (QSS/Iyy)^  ♦ C^o  ♦ C^d  ♦ C^(qc/2V)]  ♦ T.  (3) 


Coefficient  tens  are  included  which  account  for  variations  in  the  aircraft  angle-of-attack,  a;  elevator 
deflection,  4;  and  pitch  rate,  q.  This  model  also  Includes  a Cz  term  due  to  the  powered-lift  function, 
Cj,  (Cj  » thrust  of  cold  air/QS).  Using  this  model  the  unknown  coefficient  values  have  been  determined  by 
the  regression  (also  called  equations  of  motion,  or  least  squares)  and  the  quasilinearization  (also  called 
modified  Newton- Raphs on)  parameter  identification  methods.  (Reference  10  outlines  the  details  of  these 
techniques  as  used  for  the  results  in  this  report.) 

Regression  is  a relatively  simple  technique  which  determines  the  coefficient  values  that  minimize  the 
least  squares  difference  between  the  time  histories  for  each  of  the  measured  accelerations,  ax,  a*,  and 
a,,  and  the  corresponding  model  outputs,  ix , az,  and  The  coefficient  values  are  determined  in  three 
independent  solutions,  eqs.  (l)-(3),  using  the  well-known  matrix  inversion  procedure  (ref.  7). 

Quasilinearization,  in  contrast  to  the  regression  method,  integrates  the  following  kinematic  equa- 
tions to  obtain  estimated  time  histories  of  the  aircraft  states. 


u • g(ax  - sin  B)  - qw  ♦ Kjj  , 

u(o)  • u„ 

(<) 

w • g(az  ♦ cos  1)  ♦ qu  ♦ i*  , 

w(0)  ■ *0 

(S) 

* m *m  ♦ Kq  . 
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* - q ♦ Re  , 

8(0)  « B0 
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This  technique  determines  the  coefficient  values  (and  bias  tens)  that  minimize  the  weighted  least  squares 
difference  between  the  time  histories  of  the  measured  variables,  ax,  az,  a,,  u,  w,  q,  and  0,  and  their 
corresponding  estimated  values.  With  this  technique,  initial  estimates  for  the  unknown  parameter  values 
are  made  (e.g.,  froo  the  regression  results)  and  then  the  estimates  are  successively  improved  in  an 
iterative  manner,  using  the  quasilinearization  algorithm  (refs.  2,  3 and  6). 
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Om  primary  difference  between  these  two  methods  1*  that  with  the  regression  method  the  variables,  q, 
a,  V,  and  Q,  la  aqs.  (l)-(3)  art  taken  aa  tha  measured  values,  whereat,  with  quasillnearltatlon  these 
variables  la  eqs.  (l)-(3)  are  represented  by  the  estimated  values;  q,  a • tan*'  (w/u),  V • ♦ ir*,  and 

$ • p9V2. 

3.2  Comparison  o f estimated  and  measured  tlae  histories 

Figures  2 and  3 present  a coaparlson  of  measured  time  histories  with  those  computed  using  the  two 
identification  methods.  Figure  2 presents  the  regression  results  and  fig.  3 presents  the  quasi lineariza- 
tion results.  Value;  for  the  ms  difference  between  the  measured  and  estimated  data  are  listed  la  table  1. 
Figures  2 and  3 Illustrate  that  the  estimated  time  histories  generally  fall  within  the  scatter  of  the 
measured  data.  As  shown  in  table  1,  the  rms  fit  to  the  pitching  acceleration,  a,,  is  about  the  same  for 
both  methods;  however,  the  regression  method  provides  as  much  as  a 30%  better  fit  to  the  measured  linear 
accelerations,  a,  and  ax. 

3.3  Comparison  of  coefficient  values 

The  coefficient  values  determined  by  the  two  techniques  are  presented  in  fig.  4.  Also  shown  (dotted 
lines)  are  the  corresponding  values  which  have  been  predicted  from  other  independent  sources,  such  as 
steady-state  flight  tests,  wind  tunnel  tests,  and  theory  (refs.  1,  11-13). 

In  general,  the  more  important  coefficients  such  as  Cx  , Cx  , C,  , and  ^ , are  in  agreement  both 

> i 1 q 

between  the  two  methods  snd  with  the  predicted  values.  The  standard  deviations  (e.g.,  run-to-run  scatter) 
of  these  estiuted  parameters  are  also  relatively  small. 

Other  coefficients,  such  as  Cx  , C.  , Cx  , and  C*  , show  somewhat  more  scatter.  The  inability  of 

6 q 6 q 

either  technique  to  estimate  these  terms  accurately  is  probably  because  the  influence  of  these  terms  on 
the  aircraft  forces  is  small.  And  also,  there  is  a strong  dependency  between  the  elevator  deflection,  4, 
and  the  pitch  rate,  q.  Previous  studies  (e.g.,  refs.  7,  14-16)  have  also  noted  the  large  standard  devia- 
tion associated  with  estimating  these  terms. 

For  almost  all  of  the  coefficients,  the  regression  values  have  less  run-to-run  scatter  and  agree 
better  with  the  predicted  values.  A majority  of  the  regression  values  (with  the  exceptions  noted  above) 
are  within  about  110%  of  the  predicted  values. 

3.4  Discussion  of  identification  techniques 


The  results  presented  show  that  the  regression  method  provides  better  results  than  the  quasilineariza- 
tion method.  For  instance,  the  regression  method  provides  a better  fit  to  the  measured  accelerations, 
less  scatter  in  the  estimated  coefficient  values,  and  better  agreement  with  the  predicted  values. 

Any  errors  to  be  expected  with  the  regression  method  depend,  to  a large  extent,  on  the  amount  of 
measurement  noise.  Any  noise  in  the  measurement  of  the  variables,  q,  a,  V,  or  Q,  could  cause  bias  errors 
with  the  regression  method.  Although  the  amount  of  noise  cannot  be  determined  with  certainty,  the 
recorded  data  (e.g.,  fig.  3b)  show  very  little  of  what  nay  be  termed  white  or  near  white  measurement  noise 
(e.g.,  there  is  a low  noise-to-signal  ratio).  Apparently,  for  the  flight  test  situations  considered  in 
this  study,  there  are  no  large  amounts  of  measurement  noise  that  could  cause  significant  errors  with  the 
regression  method. 

The  errors  to  ue  expectedwith  the  quasilinearization  method  are  related  to  inaccuracies  in  ihe  esti- 
mates of  the  variables,  q,  S,  V,  and  Q (fig.  3b).  In  particular,  any  modeling  errors  (e.g.,  neglect  of 
higher-order  aerodynamic  terms  and  cross-coupling  froa  the  lateral-diTectional  node)  will  cause  inaccu- 
racies in  these  estimated  states.  Also,  the  quasilinearization  technique  usually  has  larger  standard 
deviations  in  the  estimated  coefficient  values  because  all  of  the  coefficients  are  determined  within  one 
dependent  set  of  equations,  eqs.  (l)-(7);  whereas  using  the  regression  method,  the  coefficients  are 
determined  with  three  independent  equations,  eqs.  (l)-(3). 

For  this  particular  application,  regression  appears  to  be  the  better  method  to  use  in  obtaining  the 
coefficient  values.  This  should  not  imply  that  in  other  situations  (i.e.,  where  there  may  be  larger 
amounts  of  measurement  noise,  or  where  all  the  states  are  not  directly  measured)  regression  would  be  the 
better  method  to  use.  Experience  has  shown  that  it  is  good  practice  to  consider  both  methods  utilizing, 
wherever  possible,  the  advantages  of  each  method. 

4.  PARAMETER  IDENTIFICATION  IN  TURBULENCE 

One  of  the  problems  in  paramet-r  identify :ation  during  landing  maneuvers  is  to  account  for  the  air 
turbulence  which  is  usually  present  at  low  altitudes.  Most  of  the  previous  studies  have  considered  air- 
craft parameter  identification  ir.  the  absence  of  turbulence  (refs.  2-10),  or  have  made  simplifying 
assumptions  about  the  noise  spectrum  of  turbulence  and  its  interaction  with  the  airframe  (refs.  17-18). 

In  this  paper,  a state  estimation  technique  (ref.  19)  is  used  to  measure  the  time  history  of  the  turbu- 
lence gust  disturbances.  This  measured  turbulence  is  then  treated  as  a forcing  function  in  the  aero- 
dynamic equations.  This  technique  makes  no  assumptions  about  the  turbulence  noise  characteristics  and 
further  allows  an  examination  of  the  manner  in  which  the  turbulence  interacts  with  the  airframe. 

4.1  State  estimation 


The  inertial  velocities  and  position  of  the  aircraft  have  been  estimated  by  a solution  of  the  follow- 
ing kinematic  equations: 
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where  the  unknown  constant  (I)  tens  are  determined  by  quasi  linearization.  This  application  of  quasi* 
linearisation  requires  no  mathematical  model  of  the  aerodynamics;  rather,  the  direct  measurements  of  the 
accelerations,  az  and  a,,  and  the  pitching  rate,  q,  are  used  in  a manner  similar  to  that  in  a strapped- 
down  inertial  system  (see  ref.  19  for  further  details  and  the  formulation  including  lateral  motions). 

For  the  landing  approach  maneuvers  ic  this  study,  state  estimation  provides  smoothing  of  the  measured 
st aces,  pi,  6),  along  with  the  estimates  of  the  inertial  velocities,  (u,  w),  and  the  inertial  angle-of- 
attack,  <ij  a tan*1  (w/u).  Figure  S presents  some  of  the  estimated  states  along  with  the  measured  data  for 
a representative  landing  approach  maneuver.  The  upper  portion  of  the  figure  illustrates  good  correlation 
between  the  radio  altimeter  measurement  and  the  estimated  height-above-the-runway.  The  1 <*er  portion  of 
the  figure  compares  the  estimated  inertial  angle-of-attack,  dj,  and  the  airflow  (vane-measured)  angle-of- 
attack,  au.  For  these  representative  landing  approach  maneuvers  there  seems  to  be  a large  random  fluc- 
tuation or  the  airflow  vane.  The  difference  between  the  airflow  and  inertial  angle-of-attack  provides  a 
measure  of  turbulence  acting  on  the  airframe. 

Mote:  An  examination  has  been  made  to  determine  possible  errors  in  the  airflow  angle-of-attack 
measured  by  the  vane.  As  noted  previously,  the  airflow  measurement , oa,  includes  corrections  for  angular 
rate  and  upwash  (as  a function  of  height-above-ground) . It  has  been  found  that  for  flight  maneuvers  out 
of  turbulence  there  is  excellent  agreement  between  the  airflow  measurement,  <*a,  and  the  estimate,  aj. 

4.2  Interaction  of  turbulence  with  the  airframe 


A necessary  consideration  in  parameter  estimation  for  STOL  aircraft,  traveling  at  low  speeds,  has 
been  to  determine  the  manner  in  which  this  measured  turbulence  interacts  with  the  airframe.  Thu  turbu- 
lence as  measured  by  the  vane  located  forward  of  the  aircraft  will  not  immediately  interact  with  the  major 
aerodynamic  surfaces.  A first  approximation  for  this  delayed  interaction  is  to  use  a time  shift.  At,  to 
account  for  the  time  it  takes  for  the  measured  gusts  to  travel  from  the  vane  until  they  strike  the  major 
aerodynamic  surfaces. 

Noting  that  the  total  angle-of-attack  at  any  time  consists  of  both  the  gust  and  inertial  components, 

we  have 


Measured  turbulence  Inertial 

shifted  by  At  angle-oz-attack 

»(t)  • agustCt  * 4t)  * “i(t)  (1Z} 

where  the  turbulence  gust  component  is  obtained  as  the  difference  between  the  measured  airflow  angle-of- 
attack  and  the  inertial  angle-of-attack  at  the  time,  t - At. 

°gust(*  * *1)  * aa(*  * 3t)  * “iCt  - At)  (13) 

Figure  6 illustrates  the  effect  of  the  time  shift.  At,  on  the  rms  fit  errors,  a.  , ca  , and  oa  , for 

z x m 

a typical  segment  of  a landing  approach  maneuver.  As  shown,  there  appears  to  be  a different  value  of  time 
shift.  At,  which  will  provide  a minimum  rms  fit  error  to  each  of  the  measured  terms,  ax,  az,  and  a„. 

These  values  of  time  shift  appear  to  be  reasonable  from  aerodynamic  considerations.  The  fit  error  for  the 
linear  forces,  oa^  and  o,^,  are  minimized  if  the  measured  turbulence  is  delayed  by  the  amount  of  time 

required  for  the  gusts  to  travel  from  the  vane  to  near  the  aiicraft  aerodynamic  center  (At  * 0.4  sec  at 
V * 3d  m/sec).  The  fit  error  for  the  moment  term,  o^,  however,  is  minimized  using  the  time  required  for 

the  turbulence  to  reach  the  stabilizer  (At  » 0.7  sec  at  V » 36  m/sec). 

The  relative  amounts  of  rms  fit  error  reduction,  with  the  time  delay,  also  appear  reasonable.  The 
linear  z force  is  strongly  affected  by  angle-of-attack  gusts  and,  as  shown  by  using  the  appropriate  time 
shift,  the  rms  ez-ror,  oa  , is  redveed  by  about  30k.  The  moment  term  and  the  linear  x force  are  influ- 
enced less  with  a reduction  of  about  10k  in  and  5k  in  oa  , by  the  appropriate  choice  of  tine  shifts. 

A further  indication  of  the  importance  of  time  shift  becomes  apparent  in  fig.  7 where  the  effect  of 

At  on  the  estimate  values  for  the  coefficients,  C-  , Cz  , and  Cz  , is  shown.  Without  a time  shift  (at 

a q 6 

At  « 0)  the  estimated  values  are  much  different  than  predicted.  However,  using  an  appropriate  time  shift 
(At  « 0.4  sec)  these  terms  are  near  their  predicted  value. 

4.3  Discussion  of  turbulence  effects 


The  appropriate  value  of  time  shift  is  related  to  the  ratio,  length/speed.  For  the  linear  forces,  az 
and  ax,  the  time  shift  can  be  taken  approximately  as: 


m 


•ertil*  »g.w 


1 1'n.rtMlweliWli  iY.i 


. _ distance  from  van*  to  aircraft  A.C. 

At  * Zorvarii  lirt^ 

for  th*  pitching  moment  til*  tin*  shift  is  approximately: 

it  • v*"*  to  stabllltar 

forward  alrsp**d  ~ 

■1th  large  STOL  aircraft  flying  at  low  speeds  th*  approprlat*  tia*  daisy  will  b*  la  th«  ord*r  of  seconds, 
for  saall  aircraft  at  high  speeds,  however,  th*  tia*  daisy  aay  b*  quit*  saall. 

Previous  paraa*t*r  identification  studios,  which  hav*  Included  turbulanc*  aifacts,  apparently  did  not 
find  a requirement  to  tiaa-corralate  th*  vane-measured  turbulanc*.  That*  previous  studies  (r*fs.  17-18) 
hav*  cool i derad  smaller  aircraft  at  higher  speeds  wh*r*  th*  inclusion  of  th*  tin*  shift  aay  not  b*  so 
critical.  Howavar,  as  shown  by  the  results  in  this  paper,  tha  tin*-d*p*nd*nt  interaction  of  turbulanc*  on 
the  alrfran*  can  affect  significantly  th*  astiaatad  coefficient  values  and,  therefore,  should  b*  considered 
in  each  application. 

On*  additional  not*  is  that  turbulence  nay,  in  fact,  aid  in  tha  identification  of  son*  of  th*  param- 
atars.  This  is  bacaus*  turbulence  acts  as  another  forcing  function  in  addition  to  th*  usual  control  input 
forcing  fraction.  Th*  results  froa  this  study  indicate  that  some  of  tha  aerodynamic  coefficients  aay  be 
datarainad  aor*  accurately  froa  Maneuvers  in  turbulent  air  (e.g.,  th*  aircraft  is  excited  by  both  gusts 
and  elevator  Inputs)  as  compared  with  maneuvers  in  clear  air  (excited  by  only  elevator  inputs).  For 
instance,  as  noted  previously,  the  terns  tt  and  £x  are  highly  correlated  and  difficult  to  determine 

q i 

accurately  using  elevator  pulse  maneuvers  (fig.  4).  However,  th*  astiaatad  values  in  turbulence  are 
generally  found  to  be  near  their  predicted  values  (fig.  7). 

S.  PARAWTER  IDENTIFICATION  OF  GROUND  EFFECTS 

Ground  proximity  effects  are  of  cone,  n with  STOL  aircraft  because  wind  tunnel  tests  and  theory  hav* 
predicted  significant  changes  (both  static  and  dynaalc)  in  the  aerxdynaaic  flow  field  for  such  high-lift 
aircraft  near  th*  ground  (refs.  20-23).  These  effects  on  th*  aerodynamic  coefficient  values  have  not  yet 
been  determined  by  accurate  in-flight  measurements  fro*  landing  maneuvers.  This  section  reviews  a pre- 
liminary application  of  parameter  identification  to  determine  th*  changes  in  the  aerodynamic  coefficients 
due  to  ground  proximity.  Parameter  identification  has  been  used  in  two  ways.  First,  it  has  been  used  to 
determine  the  gross  changes  in  the  aerodynamic  coefficients  due  to  ground  effect.  Second,  it  has  been 
used  in  th*  development  of  a mathematical  model  which  indicates  th*  amount  of  change  in  the  aerodynamic 
coefficients  as  a function  of  height-above-ground,  angle-of-attack,  etc. 

Representative  maneuvers . which  have  been  used  to  analyze  the  graund  effects,  are  presented  in  fig.  8. 
In  each  of  these  runs  th*  pilot  controlled  the  aircraft  near  a constant  angle-of-attack.  Maneuvers  are 
shown  at  different  levels  of  angle-of-attack  for  different  nozzle  angle  settings  (1.*.,  different  levels 
of  aerodynamic  and  propulsive  lift). 

S.l  Cross  effects  of  ground  proximity 

Th*  gross  effects  of  ground  proximity  on  th*  aerodynamic  coefficients  can  be  isolated  as  follows: 


dC^  - Ct  - [CjJ 

(i«) 

dCoG  ■ C„  - [c„J 

(15) 

dc*,.  "Cm  - [ChJ 

(16) 

and  ACMq,  represent  the  gross  changes  due  to  ground  effect;  the  terns,  C(,, 
aerodynamic  coefficients, 

CL  - r-(az  - Tj)  cos  a ♦ (ax  - Tx)  sin  a)  (M/QS)  (17) 

CD  - (-(a*  - V »in  a - (a,  - Tx)  cos  a]  (M/QS)  (18) 

C*  • (a,  - T.)  (Iyy/QSj)  (19) 

and  are  the  predicted  coefficient  values  (total  sums)  derived  from 

of  ground  effect  (as  discussed  previously). 

(c,  ] * eL  ♦ CL  O ♦ CL  t * . . . (20) 

O a o 

[Cd  ] ■ Cg  ♦ Cp  a ♦ Cp  4 * . . . (21) 

" 0 a 4 

♦ Cj,  a ♦ C.  4 ♦ . . . (22) 

“ o a 4 

Figure  9 presents  representative  results  showing  the  grass  changes  in  aerodynamic  coefficients  as  a 
function  of  height-above-ground  level.  An  examination  of  the  data  presented  in  this  figure  provides 
insight  into  some  of  the  variables  which  influence  the  changes  in  the  aerodynamic  coefficients  and  also 
indicates  the  type  of  terms  which  must  be  included  in  the  mathematical  model  for  graund  effect. 


where  the  terms,  AC^,  ACp^, 
Cq,  and  C^,  are  th*  measured 


and  the  terms,  (C^],  [£0J, 
parameter  identification  out 
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First,  the  magnitude  o t the  (round  effect*  generally  very  in  ui  exponential  Banner  a*  the  aircraft 
Bears  the  (round.  This  type  of  variation  with  height  is  siailar  to  that  noted  in  aost  previous  studies  of 
(round  effect. 

Second,  the  (round  effects  vary  froa  run  to  run  d*pendln(  upon  the  aircraft  operating  conditions. 

For  run  1 (shown  by  circle  symbols)  there  is  a nor*  positive  change  in  lift  and  a acre  negative  change  in 
drag  as  compared  with  run  2.  These  differences  apparently  account  for  the  greater  increase  in  flight  path 
angle  and  speed  near  the  ground  in  run  1 as  coapared  with  run  2 (fig.  8).  For  ran  1 the  ground  effect 
appears  "buoyant”  enough  to  cause  the  aircraft  to  float  up  away  froa  the  ground;  whereas  with  run  2,  the 
ground  effect  appears  less  buoyant,  and  the  aircraft  continues  to  descend  to  the  ground. 

Third,  fig.  9 shows  that  the  aagnitude  of  the  ground  effects  is  soaewhat  different  for  descent  and 
ascent  (shown  by  the  arrows).  This  apparent  "dynaalc"  ground  effect  is  illustrattd  in  aore  detail  with 
fig.  10  where  the  tiae  history  of  is  presented  for  the  portiou  of  run  1 where  the  aircraft  descends 

and  ascends  above  ground  level.  As  shown,  there  is  a rather  abrupt  loss  in  lift  associated  with  the  change 
froa  the  descending  to  ascending  flight  path.  This  decrease  occurs  after  the  passage  of  the  ainiaua  alti- 
tude point.  Apparently,  the  effect  of  the  ground  plane  on  the  flow  field  is  tiae-dependent.  Near  the 
ground  the  flow  field  is  effectively  straightened,  causing  a lift  loss  (see  sketch  in  fig.  10).  Such  a 
lift  loss,  with  a tiae  lag,  has  been  predicted  froa  previous  saall  scale  dynaalc  tests  (ref.  20);  however, 
it  had  not  yet  been  verified  froa  actual  flight  test  data. 


S.2  Mathematical  nodel  for  ground  effect 


An  examination  of  the  data  presented  in  fig.  9 (and  siailar  data  from  other  runs)  gives  insight  into 
the  fora  of  equations  required  to  model  mathematically  the  changes  in  the  aerodynamic  coefficients  due  .u 
ground  proxiaity.  A preliminary  mathematical  model  which  is  being  evaluated  is  of  the  form 


AC, 


ACn 


aCM„ 


• e‘h/Kh  [K]x 


(23) 


where  the  term  e"**^*h  represents  the  exponential  variation  of  the  ground  effect  with  height;  (K)  repre- 
sents a aatrix  (3xn)  of  unknown  constant  coefficients;  and  x represents  a tiae  varying  vector  (nxl)  of 
state  variables  which  influence  the  amount  of  change  in  the  aerodynamic  coefficients  due  to  ground  effect 
(e.g.,  angle-of-attack,  rate  of  descent,  etc.). 


The  parameter  which  has  been  found  to  have  the  aost  significant  effect  on  the  rms  fit  error  is  scale 
(eight  parameter,  K^.  Figure  11  illustrates  the  relative  rms  values  for  Cl,  Cq,  and  Cq  as  a function  of 
Kh-  As  shown  in  fig.  11,  the  best  fit  is  obtained,  for  all  three  coefficients,  with  a scale  height  param- 
eter of  Kf,  • 4.5  meters  (IS  ft). 

Using  the  values  obtained  by  parameter  identification  we  can  see  how  each  of  the  variables  (e.g.,  h, 
a,  etc.)  affect  the  aerodynamic  coefficients.  As  an  example,  fig.  12  presents  the  estimated  aerodynamic 
coefficients  as  a function  of  angle-of-attack  both  in  and  out  of  ground  effect.  Ground  proximity  is  shown 
to  cause  (1)  a slight  increase  in  C,  at  low  angles-of-attack  along  with  a slight  decrease  in  the  lift 
curves  slope.  Cl  , (2)  a reduction  ot  about  30t  in  Cp,  and  (3)  a significant  shift  in  the  moment,  Cq, 
with  an  increaseain  the  static  stability,  -Cq  . 

The  trends,  due  to  ground  proximity,  found  in  this  flight  test  study  are  in  general  agreement  with 
results  found  in  a wind  tunnel  study  using  a similar  powered-lift  STOL  configuration.  That  is,  the  wind 
tunnel  tests  also  show  similar  changes  in  lift  and  lift  curve  slope,  a decrease  in  drag,  and  similar  shift 
in  moment  with  increased  static  stability.  However,  the  magnitude  of  the  changes  are  somewhat  different 
in  the  flight  tests  as  compared  with  the  wind  tunnel  tests.  Figure  13  compares  the  changes  due  to  ground 
effect,  ACi  , ACq  , and  ACq  , as  obtained  froa  flight  and  wind  tunnel  tests.  In  comparing  these  data  the 
“G  G G 

height  above  the  ground  level  has  been  normalized  with  respect  to  the  chord  length;  also  AC^.  and  ACp^ 

are  normalized  with  respect  to  their  free-air  values.  As  shown,  the  changes  in  lift  and  moment  are  in 
general  agreement  with  the  wind  tunnel,  however,  the  decrease  in  drag  determined  in  the  flight  test  is 
about  three  times  greater  than  the  decrease  in  drag  determined  in  the  wind  tunnel.  Some  differences  were 
to  be  expected  between  the  flight  and  wind  tunnel  results  because,  in  the  wind  tunnel,  the  angle-of-flow 
between  the  ground  plane  and  airframe  is  not  the  same  as  in  actual  flight;  and  also,  in  the  wind  tunnel 
there  is  a boundary  layer  on  the  ground  plane  (for  fixed  planes),  again  not  the  same  as  in  actual  flight. 
Because  of  the  difficulties  of  accurately  duplicating  the  ground  proximity  effects  (both  static  and 
dynamic)  from  wind  tunnel  tests  alone,  it  would  appear  that  parameter  identification,  as  used  in  this 
study,  can  be  an  important  tool  in  the  analysis  of  ground  effects  for  future  vehicles. 


6.  CONCLUDING  REMARKS 


This  paper  has  reviewed  some  recent  flight  experience  in  the  identification  of  longitudinal  aero- 
dynamic coefficients  for  a powered-lift  STOL  aircraft.  Comparisons  were  made  between  results  obtained  by 
the  regression  and  quasilinearization  identification  techniques.  Also,  special  techniques  were  presented 
for  the  identification  of  aerodynamic  coefficients  when  the  aircraft  encounters  air  turbulence  and 
ground  proxiaity. 

This  study  shows  that  for  the  data  analyzed  in  this  investigation  the  regression  method  provides 
better  results  than  the  quasilinearization  method.  The  regression  method  provides  a better  fit  to  the 


aeaxured  accelerations,  less  scatter  In  the  estimated  coefficient  values,  and  better  agree 
predicted  values. 


•nt  with  the 


The  technique  for  estiaating  paraaeters  in  turbulence  involves  the  use  of  state  estiaation,  coabined 
with  airflow  (i.e.,  vane)  seasureaents , to  determine  the  tiae  history  of  the  gust  disturbances.  The 
results  show  that  the  aeasured  turbulence  aust  be  tine-correlated  to  account  for  interaction  of  the  gusts 
along  the  airfraae.  Using  this  technique,  the  results  indicate  that  soae  of  the  aerodynaaic  coefficients 
aay  be  determined  aore  accurately  from  maneuvers  in  turbulent  air  (s.g.,  the  aircraft  is  excited  by  both 
gusts  and  elevator  inputs)  as  compared  with  maneuvers  in  clear  air  {excited  by  only  elevator  inputs). 

In  the  estiaation  of  ground  proximity  effects  paraaeter  identification  has  been  used  in  two  ways. 

First,  it  has  been  used  to  determine  the  gross  changes  in  the  aerodynaaic  coefficients  due  to  ground 
effect,  and  second,  it  has  been  used  in  the  developaent  of  a mathematical  nodel  for  ground  effect.  The 
results  show  that  ground  proxiaity  causes  a slight  increase  in  lift,  a noderate  decrease  in  drag,  and  a 
significant  change  in  pitching  aoaent. 

This  review  illustrates  that  there  are  soae  differences  between  the  results  obtained  by  the  various 
identification  aethods,  but  of  aore  lnportance,  is  a determination  of  the  fora  of  the  aerodynaaic  equa- 
tions (i.e.,  ntaber  and  type  of  nonlinear  and  time-dependent  terms)  required  to  model  aatheaatically  the 
aircraft  and  its  interaction  with  external  forces.  For  this  study  of  STOt  aircraft,  during  landing 
maneuvers  in  turbulence,  the  primary  consideration  has  been  to  define  the  fora  of  the  aatheaetical  models. 
Future  work  appears  warranted  to  investigate  the  pTObleas  of  developing  the  aost  accurate  nathenaticul 
models  for  advanced  STOL  and  V/STOL  aircraft.  The  development  of  these  mathematical  models  requires  an 
analysis  of  tha  recorded  flight  data  along  with  an  understanding  of  thosa  physical  processes  which  may 
affect  the  vehicle  dynamics. 
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TABLE  1.  RMS  DIFFERENCE  BETWEEN  ESTIMATED  AND  MEASURED  TIME  HISTORIES 


Regression 

Quas  i I inear  i zat  ion 

°‘x 

g units 

0.0127 

0.0176 

*•* 

g units 

0.00605 

0.00788 

°*m 

deg/sec2 

0.708 

0.726 

°u 

m/sec 

— 

0.552 

°w 

a/sec 

— 

0.230 

deg/sec 

— 

0.295 

°0 

deg 

— 

0.630 

Fig.  1 Augmented  jet-flap  STOL  rasaarch  aircraft. 
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Fig.  2 Estimated  model  outputs  compared  with  direct 
measurements;  regression  method. 
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Fig.  S Comparison  of  estimated  states  with  direct 
measurements. 
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(b)  Pitch  angle  and  velocities 

Fig.  3 Estimated  model  outputs  compared  with  direct 
measurements;  quasilinearization  method. 
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Fig.  6 Time  shifting  the  measured  turbulence  to 
minimize  the  model  fit  error. 
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Fig.  9 Gross  changes  in  the  aerodynamic  coeffi- 
cients as  a function  of  height-above-ground  level. 


Fig.  12  Measured  aerodynamic  coefficients,  both  in 
and  out  of  pound  effect;  flap  • 67*, 
nozzle  ■ 60*,  Cj  ■ O.S. 
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Fig.  13  Comparison  of  ground  effect  changes  mea- 
sured in  flight  and  wind  tunnel;  C.  ■ 2.5. 
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Fig.  10  The  tine  history  of  changes  in  lift  coeffi- 
cient due  to  ground  proximity. 
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SUMMARY 


JW 


Tha  Importance  of  Including  aaroalaatlcl ty  In  aircraft  parameter  estimation  la  dltcuesed  using  the 
•-S2C  and  C-5A  aircraft  as  examples.  A paramtar  estimation  method,  employing  the  modal  truicatlon 
dynmel cs  math  model  and  the  maximum  likelihood  estimation  algorithm,  Is  selected  to  Illustrate  the 
ccMputatfonel  difficulties  that  must  be  solved.  A combined  In-house  and  contractual  research  program 
1s  then  outlined  that  addresses  theso  anticipated  problem  areas.  The  aircraft  selected  for  the  Initial 
applications  of  the  wthods  Is  the  I-S2E  that  was  flown  In  tha  Control  Configured  Vehicle  (CCV)  research 
program  of  the  AF  Flight  Oynanlcs  Laboratory. 

LIST  OF  SYMBOLS 


Arabic  Symbol 


•x 

\ 


6r«k  Symbol 
ci 

ai 

& 
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Peflnl tlon 

Fore  and  eft  acceleration,  Inchas/sacond  squarad. 
Side  acceleration,  Inchas/sacond  squared. 

Vertical  acceleration,  Inches/second  squarad. 

Wing  reference  span,  Inchas. 

Coefficient  of  drag,  Orag/qS. 

Coefficient  of  lift,  Llft/qS. 

Coefficient  of  rolling  moment,  Rolling  Homent/qSb. 
Coefficient  of  pitching  moment.  Pitching  Moment/qSc. 
Coefficient  of  yawing  moment.  Yawing  Homent/qSb. 
Coefficient  of  side  force.  Side  Forca/qS. 

Wing  reference  chord,  Inches. 

Hon -dimension a I roll  rate,  (Roll  Rate)  x (b/2U  j ) . 

Dynamic  Pressure,  pounds/inches  squared. 

Mon-dlmens I onal  pitch  rate,  (Pitch  Rate)  x (e/2Uj). 

Non-dimensional  yaw  rate,  (Y««  Rate)  x (b/2Uj). 

Wing  reference  area.  Inches  squared. 

Time  to  one-half  amplitude,  seconds. 

Reference  forward  velocity,  Inches/second. 

Peflnl tlon 

Perturbation  angle-of-attack,  degree. 

Reference  (trim)  angle-of-attack,  degree. 

Non-dlmenslonal  rate  of  angle  of  attack,  ic/2Uj. 

Perturbation  sideslip  angle,  degree. 

Perturbation  aileron  angle,  degree. 
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Definition 

Perturbation  «l«vator  angta,  degree. 

Perturbation  stabilizer  angle,  dagraa. 

Reference  (trim)  stabilizer  angla,  dagraa. 

Perturbation  ruddar  angla,  dagraa. 

Pitch  attltuda,  dagraa. 

Pitch  rata,  dagraa/sacond. 

Pitch  acceleration,  dagraa/sacond  squared, 
lank  angla,  dagraa. 

Rata  of  bank  angla  changa,  dagraa/sacond. 

Accataratlon  of  bank  angla  changa,  dagraa/sacond  squared. 
Damped  frequency  of  oscillation,  Hertz 

Heading  angta,  degree. 

Rata  of  heading  angla  changa,  dagraa/sacond. 

Acceleration  of  heading  angle  change,  degree/second  squared. 


1.  INTRODUCTION 

Ourlng  the  past  decade  a substantial  research  effort  has  been  directed  toward  the  estimation  of  aero- 
dynamic stability  and  control  parameters  from  aircraft  flight  test  data.  A recent  symposium  (Reference  I) 
sponsored  by  the  Flight  Research  Center  of  the  National  Aeronautics  and  Space  Administration  highlighted 
many  of  the  research  efforts  that  have  been  Initiated  by  the  government  and  Industry.  Some  of  the 
aestivations  for  these  recent  efforts  are  the  verification  of  the  basic  aircraft  analytical  design  methods, 
the  minimization  of  the  expense  of  stability  and  control  flight  test  experiments,  and  the  Improvement  of 
mathemat! cal  models  of  aircraft  that  ara  Implemented  on  the  flight  simulators. 

Host  of  the  parameter  estimation  results  presented  to  date  have  emphasized  'he  correlation  of 
flight  test  data  to  data  measured  during  wind  tunnel  tests  of  rigid  aircraft.  The  reason  for  this 
emphasis  on  rigid  aircraft  Is  that  most  existing  parameter  estimation  methods  mathematically  model  the 
aircraft  as  a "rigid"  structure,  thus  eliminating  the  possibility  of  explicitly  estimating  static  and 
dynamic  aeroelastic  parameters  that  affect  the  measured  flight  data.  At  the  very  best,  the  existing 
methods  can  approximately  model  the  vehicle  as  Quasi  Static  by  assuming  the  structural  distortion  occurs 
Instantaneously.  Thus,  the  structural  motion  Is  assumed  to  have  the  phase  of  the  body-fixed  axis 
system  motions  such  as  «,  I,  p,  q,  r,  etc. 

If  the  flight  test  of  a vehicle  Indicates  a Quasi  Static  behavior,  modem  methods  will  estimate 
vehicle  parameters  that  are  a product  of  the  aerodynamic  stability  and  control  derivatives  of  the  rigid 
vehicle  modified  by  a static  aeroelastic  correction  factor,  e.g.,  ■ CL  Rigid  * acl 

a a a 

The  Inclusion  of  even  the  simplest  aeroelastic  correction  factor  complicates  the  desired  design  verifica- 
tions, since  the  data  determined  from  flight  test  must  then  be  correlated  with  wind  tunnel  measured 
data  that  have  been  modified  by  analytically  determined  Quasi  Static  correction  factors. 

The  objective  of  this  paper  Is  to  describe  the  flexible  aircraft  parameter  estimation  research  of 
the  Control  Criteria  Branch  of  the  Air  Force  Flight  Dynamics  Laboratory.  This  work  began  In  1972  with 
a study  by  Schwanz  and  Wells  (Reference  2)  that  Identified  the  possible  combinations  of  the  formulations 
of  elastic  aircraft  dynamic  with  the  available  parameter  estimation  methods.  The  results  of  that  study 
led  to  the  selection  of  the  Nodal  truncation  formulation  to  describe  the  aircraft  dynamics  and  the  mexl- 
mum  likelihood  parameter  estimation  algorithm.  The  intent  here  Is  to  estimate  both  the  aerodynamic 
parameters  of  the  body-fixed  axis  system  motions  (stability  and  control  derivatives)  and  the  aerodynamic 
parameters  of  structural  motion  relative  to  the  body-fixed  axis  system  (generalized  aerodynamic  forces 
proportional  to  position,  velocity,  and  acceleration).  As  such,  the  sensors  are  mathematical ly 
modeled  to  Include  the  structural  dynamics  motions  as  well  as  the  body-fixed  axis  system  motions. 

2.  FORMULATION  OF  THE  PROBLEM 

A review  of  the  literature  Indicates  that  a successful  attempt  to  estimate  the  aerodynamic 
parameters  of  flexible  aircraft  has  not  been  reported.  Consequently,  this  Initial  attempt  to  estimate 
these  parameters  Is  restricted.  The  linearized  equations  discussed  In  this  paper  describe  the  symmetric, 
small  dlstrubanee  motions  of  an  elastic  flight  vehicle.  Further,  the  problem  Is  restricted  to  the  Initial 
conditions  of  steady,  non-rotating  flight,  with  the  .rings  Ivvel,  and  with  the  relative  velocity  vector 
of  the  center  of  mass  parallel  to  the  flat  earth.  In  addition,  the  following  simplifications  and  assunptlons 


art  employed: 

tHa  thrust  Is  asttstad  to  be  constant  during  tha  perturbation  notion  and  Its  magnitude  determined 
solely  by  the  Initial  conditions  of  flight. 

All  notions,  body-fixed  axis  systee  and  elastic  deformation,  are  of  small  perturbation  magnitude 
and  are  of  the  same  order. 

Tha  sensor  locations  are  assumed  to  be  precisely  prescribed  for  some  aircraft  shape  and  the  signals 
of  the  sensors  are  assumed  to  be  free  of  bias. 

The  generalized  stiffness,  mass,  and  damping  as  Mall  as  the  total  mess  and  Inertia  of  the  aircraft 
are  assuaed  to  be  known  (within  soma  tolerance)  by  previous  measurements  or  calculations. 

The  elastic  flight  vehicle  is  adequately  represented  by  lumped  masses  related  structurally  and 
aerodynamical ly  by  finite  element  theory  as  sketched  In  Figure  1. 

Process  noise,  or  atmospheric  turbulence,  1s  assianed  negligible. 
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Figure  I.  Lumped  Hass  Representation  of  a Flexible  Aircraft 


3.  EQUATIONS  OF  NOTION 

The  linearized  equations  of  motion  for  flexible  aircraft  found  In  the  literature  are  of  varied  form 
■ aid  are  often  specialized  to  a particular  problem.  However,  the  many  formulations  can  be  divided  into 
six  major  groups.  Oteferenca  A): 

Exact  - The  motion  of  the  structure  l«  determined  by  eln»ovalue  (root)  and  eigenvector  (mode  shape) 
solutions  of  the  equations  of  motion  for  the  elastic  aircraft.  The  mode  shape  coordinates  contain 
complex  nimbers.  The  accuracy  of  the  solution  is  limited  by  the  existing  computerized  routines  that 
calculate  the  complex  manber  eigenvalues  and  eigenvectors. 

Hodal  Substitution  - The  motions  of  the  structure  are  assumed  to  be  related  to  the  orthogonal, 
Invacuum  eigenvectors  (mode  shapes).  The  eigenvectors  contain  only  real  nunpers. 

Residual  Stiffness  - The  mode  shapes  representing  the  elastic  motion  in  the  Modal  Substitution 
formulation  are  separated  Into  "retained"  and  "deleted"  modes.  The  deleted  modes  are  represented  in  the 
dynamic  stability  analysis  as  static  elastic  aeroelastic  corrections,  using  a correction  factor  related 
to  the  deleted  modes  and  the  stiffness  matrix  of  the  free-free  structure. 

Residual  Flexibility  - Similar  to  the  Residual  Stiffness  formulation,  except  the  static  elastic 
aeroelastic  correction  Is  related  to  the  retained  modes  and  the  flexibility  matrix  of  the  free-free 
structure. 

Hodal  Truncation  - The  deleted  modes  of  the  Residual  Stiffness  and  Residual  Flexibility  formulations 
are  not  represented  by  any  correction  factor.  This  is  the  most  conmon  dynamic  aeroelastic  formulation 
reported  In  the  literature. 

Quasi  Static  - The  motions  of  the  structure  are  assumed  to  be  in-phase  with  the  rigid  body  motions. 
The  method  is  used  primarily  for  the  conceptual  and  preliminary  deslcm  of  handling  quality  and  reduced 
static  stability  control  systems  for  elastic  aircraft  with  a wide  frequency  separation  between  the  axis 
system  motions  and  the  structural  deformations. 

An  Illustration  of  the  possible  magnitude  of  the  Quasi  Static  correction  factors  for  a large  bornbei 
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aircraft  such  M the  I-52E  I*  presented  In  tha  following  tafala.  These  factor*,  that  modify  th.  primary 
stability  and  control  derivatives  of  tha  I-52E  (Reference  5).  arc  thaoratlcal  ly  estimated  using  tha 
Laval  2 FLEXSTAI  Computer  frog  ram  System  (Reference  6).  A cursory  examination  of  the  static  a*  roe  last  I c 
Increments  and  ratios  listed  In  tha  table  Indicates  that  static  aaroalaat Icl ty  substantially  changes  the 
derivatives  of  tha  1-522  aircraft.  For  example,  C*a  1s  reduced  by  s factor  of  b and  Ct^  Is  reduced  by  a 

factor  of  2.  These  order  of  changes  can  have  a large  affect  on  the  dynamics  of  the  aircraft  as  Hach 
number,  dynamic  pressure,  or  mess  distribution  are  changed. 


Table  t.  Level  2 FLEXSTAS  Estimates  of  the  I-52E  Stability  and  Control  Derivatives 


Mach  Humber  0.5 69 

Attitude,  feet  A, 000 

Weight,  pounds  _ 350,000 

Center  of  Mass,  1 e 29.8 


Rlgld(R) 

Elastic(E) 

Increment 

(E-R) 

Ratlo(E/R) 

Trim  Stata 

Oj,  degrees 

-3.79 

-2.28 

1.51 

0.60 

<Hi>  degrees 

1.88 

2.27 

O.bl 

1.22 

Stability  Darlvatlves 
C^,  per  degree 

0.098 

0.072 

-0.026 

0.73 

C^,  per  degree 

-0.0197 

-0.0050 

0.01b7 

0.25 

s 

-19.35 

-15.58 

3-77 

0.81 

'■i 

-7-58 

-7.30 

C.26 

0.97 

Ct#,  per  degree 

-0.0016 

-0.0012 

0.000b 

0.75 

C„g,  per  degree 

0.0023 

0.0016 

-0.00P7 

0.70 

CtP 

-0.522 

-0.261 

0.261 

0.50 

C"? 

-0. 153 

-0.119 

0.03b 

0.78 

Control  Power  Derivatives 
cmjH  * p,r  de9re* 

-0.0328 

-0.0280 

0.0088 

0.85 

C^,  per  degree 

-0.0lb7 

-0.0068 

0.0079 

0.86 

Ctj  , per  degree 

-0.00079 

-0. 000b5 

0.00038 

0.57 

Cnm  • P*r  <fc9re« 
5r 

-0.0013 

-0.0006 

0.0007 

0.86 

For  those  cases  In  which  the  Quasi  Static  formulation  of  the  dynamics  Is  Inadequate  for  the  design 
task,  the  Modal  Truncation  or  Residual  Flexibility  formulations  are  most  commonly  employed.  The  relative 
numerical  significance  of  these  two  formulations  can  be  Illustrated  using  the  C-5A  Active  Lift  Distribu- 
tion Control  System  (ALDCS)  development  described  In  Reference  7.  The  effect  of  the  rigid  airplane, 

Quasi  Static,  Modal  Truncation,  and  Residual  Flexibility  formulations  on  selected  stability  and  control 
derivatives  of  the  C-5A  and  on  the  center  of  mass  motion  parameters  of  the  C-5A  are  presented  in  Figures  2 
and  3*  These  data  are  theoretically  estimated  by  the  Level  2 FlEXSTAB  System  for  the  cases  of  0,  3,  7,  and 
13  retained  Invacuum  modes  and  then  connected  wl th  straight  lines  to  facilitate  their  visualization. 
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Figure  1 llluttrata*  the  affect  of  ctatlc  aerosla*  t lei  ty  on  the  derivative*;  the  theoretical  estimate 
•f  the  “rlgl#‘  C-$A  derivative*  are  presented  for  contratt.  The  difference  between  the  rigid  and  Qua*) 
Static  value  of  the  derivative  at  taro  "retained  mode*"  I*  the  elattlc  Incremsnt  luch  a*  previously 
pretented  for  the  B-52E.  Note  In  particular  that  the  Nodal  Truncation  formulation  explicitly  employ*  the 
rigid  al  rplan*  derivative  value*  regard)***  of  the  number  of  In  vacuum  mods*  that  are  dynamically  retained. 
In  contrast,  the  Residual  Flexibility  formulation  "adjusts"  the  value  of  all  the  derivative*  for  static 
elasticity  depending  upon  the  number  of  retained  fnvacuum  modes.  A*  shown,  the  Residual  FlexIblM'y 
numbers  vary  strongly  with  the  nunber  of  retained  modes,  eventually  converging  approximately  t>  'he  Quail 
Static  value  when  all  the  dynamic  aeroelastlc  affects  of  the  invacuum  modes  are  deleted. 

Figure  3 Illustrates  a disadvantage  of  the  Nodal  Truncation  formulation  when  contrasted  to  other 
formulations.  As  shown,  the  phugoid  and  short  period  dynamics  of  the  C-5A  are  dependent  upon  formulation. 
The  moat  theoretically  correct  estimates  shown  In  Figure  3 ere  the  Quasi  Static  solution,  at  zero 
nuaber  of  retained  Invacuum  modes,  and  the  Residual  Flexibility  solution  at  the  other  cases.  The  nunber 
of  Invacuum  modes  that  must  be  retained  to  adequately  represent  the  dynamics  of  the  elastic  aircraft  In 
the  Nodal  Truncation  foraxilatlon  Is  highly  dependent  upon  the  problem  being  analyzed  and  nearly  always  Is 
larger  than  the  nunber  required  for  the  Residual  Flexibility  formulation. 

The  Nodal  Truncation  formulation  has  been  selected  by  the  Control  Criteria  Branch  for  the  Initial 
study  of  flexible  airplane  parameter  estimation.  As  shown  In  Figures  2 and  3,  Its  advantage  Is  that  the 
equations  of  motion  for  the  body-fixed  reference  axis  system  contain  explicit  rigid  airplane  stability 
and  control  derivatives.  In  addition,  It  can  be  shown  that  the  sensor  equations  of  this  formulation  for 
the  accelerometers  are  slrpler  than  those  of  the  other  elastic  airplane  dynamics  formulations  and  are 
also  Independent  of  the  parameters  being  estimated.  The  disadvantage  of  the  formulation  Is  that  It 
requires  a substantial  nunber  of  modes  to  represent  both  the  static  and  dynamic  aeroelastlc  effects  of 
the  Invacuum  modes.  As  examples  of  the  nunber  required,  the  C-5A  Active  Lift  Distribution  Control 
System  (Reference  7)  required  from  6 to  IS  modes,  while  the  B-52E  CCV  Rid*  Control  System  (Reference  8) 
required  as  few  as  5 to  as  many  as  27  invacuum  modes. 

The  linearized  equations  of  synratrlc  motion  for  the  elastic  airplane  may  be  written  (Reference  2): 

[FijJ(ij)  « [B|j](Zj)  ♦ (6|fcHSfc}  ♦ (Nj)  , I,  J ■ I,  A ♦ 2r;  and  k • 1 , 2c  (la) 

(Zj(t-o))  - (2j(o))  (lb) 

where  (Fjj),  (Bjj),  wd  tSik]  contain  the  aarodynamle  elements  to  be  estimated. 

(Zj)  Is  the  state  vector  containing  axis  system  motion  and  structural  deformation  rates. 

(Sk)  Is  the  control  vector  of  position  and  rate. 

(Nj)  Is  the  process  noise,  such  as  atmospheric  turbulence,  and  Is  assumed  to  be  negligible 
In  this  analysis. 

r is  the  nunber  of  retained  Invacuum  modal  coordinates  In  the  Nodal  trixicetlon  formulation. 

c Is  the  number  of  actively  moving  control  surfaces. 
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A.  SENSOR  MO  ICASURCHENT  EQUATIONS 

The  acceleration  sensor  raprasantatlon*  (At ) that  ara  required  may  ba  derived  (Reference  2)  In  taraa 
of  tha  states  (2j): 

{•4}  * [hijldi)  + (gt)  t ■ I,  L hi 

1 1 J - I , A ♦ 2r  w 

where  (at)  I*  tha  theoretical  value  of  tha  acceleration  measurement  at  L number  of  aalected 
locations  on  the  aircraft. 

{gt)  Is  the  gravity  vector  at  each  accelerometer  whose  axis  Is  parallel  to  tha  x body  axis. 

I Is  the  total  nuefcer  of  accelerometers. 

{Mt, j 3 Is  of  constant  value  and  proportional  to  either  the  distance  of  the  accelerometer  from 
the  center  of  mass  of  the  aircraft  or  to  tha  Initial  velocity  of  the  aircraft. 

In  order  to  duplicate  the  experimental  measurements,  the  accelerometer  representations  are  augmented: 

<Y*>  “ IHmnl  <*n>  m - I,  L ♦ b ( . 

n - I,  A * 2r  ♦ L 

where  (y„)  Is  a measurement  vector  whose  ordered  elements  ara  forward  velocity,  vertical 
velocity,  pitch  rate,  pitch  attitude,  and  then  l nunfcer  of  accelerations. 

(X*)  Is  a,state  vector  of  A ♦ 2r  states,  (Zj),  augmented  by  t accelerations,  (*t). 

[H,,,]  Is  a transformation  matrix  relating  the  state  vector  to  the  theoretical  measurement 

vector.  Its  elements  are  proportional  to  unity  and  the  slope  of  the  invacuum  mode  at  the 
location  of  the  rate  and  attitude  gyros. 

The  experimental  eeasurements,  ( Ym) , have  the  same  element  order  as  (yn)  and  are  written 
(deference  2): 

(Ym>  • iTonl  (*n)  ♦ (n„)  m,  n » 1,  t ♦ A (A) 

where  (sn)  Is  the  measurement  output  of  the  sensors  In  their  local  axis  systems. 

[Tj^]  Is  the  direction  cosine  transformation  matrix  that  relates  sensor  output  in  the  local 
measurement  axis  to  measurement  components  In  the  body  fixed  axis  system  of  equations 
(I)  and  (2). 

(n,,)  Is  Instrunent  noise  In  the  measurements  having  the  expectancy  properties. 

E (n2(t,)}  - 0 

E Un2(t,)}  (n2(tj))T]  - (d,jd,j]  I.  J - I,  A + L 

In  "rigid"  airplane  parameter  estimation  problems  the  transformation  [T^,]  Is  not  required,  i.e., 

CYm)  = (*„)•  •*  the  sensor  axis  system  can  be  installed  to  be  parallel  to  the  body-fixed  reference  axis 

system  of  equations  (I)  and  (2).  However,  for  elastic  aircraft,  such  as  the  B-52E,  sensors  on  the 
extremes  of  the  fuselage  or  wing  and  tails  can  have  significant  angular  reorientation  from  their 
Installed  orientation  to  the  orientation  during  the  reference  condition  of  flight.  Figure  A illustrates 
the  effect  of  wing  dihedral  on  sensor  reorientation  due  to  static  aeroe las 1 1 cl ty . Obviously,  perturba- 
tion deformations  that  are  measured  will  also  cause  some  additional  reorientation  of  the  neasurement  axes 
of  the  sensors.  This  additional  reorientation  is  assumed  small  In  the  analysis  presented  herein. 


5.  MAXIMUM  UKUIHOOO  ESTIMATION 
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The  methods  used  to  estimate  the  stability  and  control  parameters  of  rigid  aircraft  aay  ba  charec* 
terlxed  (Aafaranca  9)  at  'fquetlon  Error,"  "Output  Error,"  and  "Advancad  Non-llnaar."  The  maximum  likeli- 
hood method  falls  Into  the  lattar  characterisation  along  with  tha  extended  Kalman  filtar,  Tha  advantagas 
of  tha  advancad  methods  ara  that  thav  can  ba  appllad  to  problems  which  contain  both  precast  noise 
(turbulence-induced  aircraft  notions)  and  Instrument  noise. 

Tha  maximum  likelihood  aathod  has  barn  satactad  for  tha  analysis  presented  herein  due  to  Its  prior 
succass  on  "rigid"  aircraft.  In  addition,  tha  computar  demands  of  tha  aathod  serve  to  Identify  tha 
areas  of  aajor  flight  tasting  and  coaputatlonal  difficulties  prior  to  an  expansion  of  tha  work  effort 
to  other  astlaator  methods. 

The  first  Step  In  this  estimation  process  Is  to  determine  which  of  tha  aerodynamic  parameters  In 
[fit],  [8,,).  and  («lk|  ara  to  ba  estimated.  In  tha  casa  of  tha  flexible  aircraft,  these  parameters  are 
b In  ntaaber  (Reference  2),  where 

b • Jr1  ♦ Jrc  ♦ 9e  ♦ I5r  ♦ 20 


Clearly,  for  tha  casa  of  r and  c moderately  large,  b Is  very  large. 

The  parameters  expressed  at  components  of  a vector,  (p.  ) are  estimated  as  (Reference  2): 

<*>  - (Pb*>  ♦ [ * QhHAU,)]]  T in]"*  (H][A(t,)]  J **. 

* [mm*!)]]1  |R1“*  (v.it,))]  (5) 

where  N Is  tha  number  of  measurements. 

I * T 

[A]  ^(v„(t|))(vpl(t|))T  m - I,  L •»  K (*) 


(v.(t,)>  - (T,(t,)}  - (y„(t,)> 


I,  L ♦ k 


(7) 


(Pb>  Is  the  Initial  estimate  for  (pg, > from  theoretical  methods  such  as  Level  2 FLCXSTAB. 
[A]  Is  the  matrix  of  sensitivity  coefficients, 


» 

[A]  - [iZj/Spt,] 

^ [>at/5pb]  J 


Tha  sensitivity  coefficients  are  calculated  by  differentiating  equations  (I)  and  (2)  with  respect 
to  tha  parameters  (pj,)  found  In  [f|j],  (8|j),  and  (G|k).  This  means  that  tha  elements  of  [A]  may  be 

determined  by  solving  a matrix  differential  equation  for  [ 3Z < /9p>,}  and  an  algebraic  equation  for 
[3af/3pb],  (Reference  2) : ‘ 


[aij/a^I dt  (azj/aph)  - If]*1  ZjJ  ♦ [bu)  [aZj/apbJ 

* hi 

where  (dj)  - [f]*1  { 1 5 jn ] (Zn)  ♦ [SJkJ  («k)} 

[a#t/apb]  - [NtJj  (aZj/apbJ 


ifi 

3pb 


(t-o) 


5pb 


(t-o) 


- 0 


(8a) 


(8b) 


(8c) 


Tha  solution  of  equations  (8)  I:  substituted  Into  equation  (5)  to  calculate  (pj,)  where  (pg,  } in 
equations  (I)  and  (2),  and  (Xp)  and  (ym)  are  again  calculated  for  all  tg.  The  new  values  for 
(v(t|))  from  equation  (7)  are  then  used  to  repeat  the  process  to  arrive  at  a second  update  of  (pb). 
The  process  Is  repeated  until  {pb)  converges  to  Its  maximum  likelihood  value  as  measured  by  the 
convergence  of  J(pb),  the  performance  function: 

I " T 

j(Pb)  - det  jj-  ^^(tgjvjt,) 
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t.  MOSLEMS  Of  COMUTATIOH  AMO  AM L I CAT  I ON 


To  data,  seven  problems  of  computation  and  application  hava  baan  tdanttflad  by  tha  In-house  research: 

fropar  Input  daalgn  for  excitation  of  alt  ttata  components. 

Availability  of  tha  direction  cosine  transformation  matrix,  [T],  tn  aquation  (A). 

Determination  of  tha  opt  I «ua  nuiAar,  type,  and  location  of  sensors  on  tha  aircraft. 

Tha  absence  of  -eallstlc  » tart-up  data  for  {pj}  In  aquation  (5). 

The  inversion  of  targe  and  possibly  Ill-conditioned  metrlcas  In  aquation  (5). 

Tha  in'sgratlon  of  a large  nueber  of  sensitivity  aquations  In  aquations  (8). 

Rational  choice  for  tha  particular  parameter  to  be  Included  In  tha  analysis. 

Tha  axcltatlon  of  tha  body-fixed  axis  motions  and  Important  elastic  deformations  Is  essential  If 
tha  signet  to  noise  ratio  Is  to  be  large  enough  for  optimum  parameter  extraction  from  the  flight  test 
data.  Hopefully,  this  can  be  assured  by  careful  selection  of  precision  Instrumentation  end  by  Mail-planned 
flight  tests  and  by  previous  analytical  simulations  using  the  large  digital  computer. 

The  second  problem,  the  calculation  of  [T]  In  equation  (A),  can  be  solved  using  the  combined  output 
data  of  the  NASTRAM  and  the  Level  2 FLEXSTAB  Computer  Program  Systems.  Other  less  precise  calculations 
of  [T]  are  possible  from  FLEXSTAB  alone,  provided  only  dihedral  angle  changes  and  aerodynaml rally 
significant  rotations  are  of  Interest.  Since  [T]  Is  In  part  a function  of  {p|,},  an  Iterative  cycle 
betueen  a parameter  estimation  method  and  Level  2 FLEXSTAB  may  be  required  for  some  applications.  For 
expediency  In  our  restricted  In-house  effort,  [T]  has  been  assumed  to  be  a diagonal  unity  matrix. 

The  determination  of  the  optimum  nunber,  type,  and  location  of  sensors,  has  plagued  the  methods 
developed  for  "rigid"  aircraft.  The  Inclusion  of  aeroelastlclty  effects  could  conceivably  either 
complicate  or  alleviate  the  problem.  The  complication  Introduced  is  the  requirement  for  a larger  number 
of  sensors.  The  alleviation  Introduced  Is  a more  precise  representation  of  the  sensor  signals  In 
equations  (A).  Figure  5 presents  a fraction  of  the  total  number  of  sensors  on  the  B-52E.  The  type  and 
location  of  these  sensors  Is  thought  to  be  adequate  for  the  first  flight  test  applications  of  our  in-house 
method.  With  these  thoughts  In  mind,  the  in-house  study  has  assuned  that  proper  air  data  sensors,  rate 
gyros,  and  accelerometer  measurements  are  nov  available.  These  available  sensor  signals  have  been 
approximated  with  similar-type  sensor  signals  which  have  been  analytically  created  by  the  Level  2 
FLEXSTAB  programs.  Prior  to  applying  the  estimation  program  to  actual  flight  data,  the  mialytlcal  test 
cases  will  be  corrupted  with  Instrumentation  noise  and  bias  to  provide  insight  into  the  flight  test 
problems. 
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Figure  S.  Sensors  Available  on  NB-52E  CCV  Aircraft 

The  absence  of  realistic  start-up  data  for  (p£)  in  equation  (5)  poses  a difficult  conputatlonal 
problem.  Many  of  the  parameters  defined  In  equation  (5)  may  be  of  small  magnitude,  difficult  to 
estimate  analytically  and  impossible  to  measure  experimentally  during  wind  tunnel  tests  of  ",igid"  and 
elastic  models  of  the  flight  vehicle.  Fortunately  most  of  the  parameters  of  importance  are  calculated 
analytically  by  existing  aeroelastic  stability  and  control  methods.  Also,  the  Modal  Truncation  formula- 
tion of  the  dynamics  allows  direct  Inclusions  of  the  available  wind  tunnel  measurements  of  "rigid" 
airplane  stability  and  control  derivatives.  In  addition,  simpler  estimation  methods,  such  as  least 
squares,  may  also  prove  of  value  to  estimate  {p£}. 
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Figure  >.  C-JA  Center  ef  Mate  Byeaics,  UbemgMnted  Aircraft,  AtBCJ  Cruise  Oesl^Felnt  AU3*I 

Figure  ] Illustrates  the  affact  of  atatlc  aereelastlcl ty  on  tha  darlvatlvai;  the  theoretical  estimate 
af  tha  “r  1*1/'  C-5A  darlvatlvai  ara  presented  for  contract.  Tha  difference  batMaan  tha  rigid  and  Quail 
Static  valua  of  tha  darlvatlva  at  taro  "retained  modal"  li  tha  alaitlc  Increment  luch  ai  previously 
p re tan ted  for  tha  B-52E.  Note  In  particular  chat  tha  Modal  Truncation  formulation  explicitly  employ*  tha 
rigid  alrplaaa  derivative  valua*  regardless  of  tha  number  of  I n vacuum  modvi  that  ara  dynamically  retained. 
In  can trait , tha  Aasldual  Flexibility  formulation  "adjuiti"  tha  value  of  all  tha  derivative*  for  itatic 
elaitlclty  depending  upon  tha  nueber  of  retained  tnvacuun  modal.  Ai  than,  the  Residual  Flexibil'-y 
nuiban  vary  itrongly  with  tha  nuirber  of  retained  modal,  eventually  converging  approximately  (,  *he  Quail 
Static  value  whan  all  tha  dynamic  aeroalaitlc  affacti  of  tha  invacuum  model  are  delated. 

Figure  3 Illustrate*  a Jl 1 advent age  of  tha  Modal  Truncation  formulation  whan  contraited  to  other 
formulation*.  As  shown,  the  phugoid  and  short  period  dynamics  of  the  C-5A  are  dependent  upon  formulation. 
The  moat  theoretically  correct  estimates  shown  In  Figure  3 era  tha  Quasi  Static  solution,  at  zero 
nuxber  of  retained  Invacuum  modal,  and  the  Aasldual  Flexibility  solution  at  the  other  cases.  Tha  nunber 
of  Invacuum  modes  that  must  be  retained  to  adequately  represent  the  dynamics  of  the  elastic  aircraft  In 
the  Modal  Trim  cat  Ion  formulation  1s  highly  dependent  upon  tha  problem  being  analyzed  and  nearly  always  is 
largar  than  the  nuxber  required  for  tha  Residual  Flexibility  formulation. 

The  Modal  Truncation  formulation  has  bean  selected  by  tha  Control  Criteria  Branch  for  tha  Initial 
study  of  flexible  airplane  parameter  estimation.  As  shown  In  Figures  2 and  3,  Its  advantage  Is  that  the 
equations  of  mot  ion  for  tha  body-fixed  reference  axis  system  contain  axpllclt  rigid  airplane  stability 
and  conttol  derivatives.  In  addition,  it  can  be  shown  that  tha  sensor  equations  of  this  formulation  for 
the  acca I aronw tars  ara  simpler  than  those  of  tha  other  elastic  airplane  dynamics  formulations  and  are 
also  independent  of  the  parameters  being  estimated.  The  disadvantage  of  tha  formulation  Is  that  It 
requires  a substantial  number  of  modes  to  represent  both  the  static  and  dynamic  aeroelastic  effects  of 
the  Invacuum  modes.  As  examples  of  the  number  required,  the  C-5A  Active  Lift  Distribution  Control 
System  (Reference  7)  required  from  6 to  15  modes,  while  the  B-52E  CCV  Rida  Control  System  (Reference  8) 
required  as  few  as  5 to  as  many  as  27  Invacuum  modes. 

The  linearized  equations  of  symmetric  motion  for  the  elastic  airplane  may  be  written  (Reference  2): 

[F,jHZj)  - [*|j]{Zj>  + [6,k](Sk)  ♦ (M  j } , I,  J • I.  A ♦ 2r;  and  k - 1,  2c  (la) 

(Zj (t«o) } ■ (Z j (o) ) (lb) 

where  [Fgj],  snd  [6|k]  contain  the  aerodynamic  elements  to  be  estimated. 

(Zj)  Is  the  state  vector  containing  axis  system  motion  and  structural  deformation  rates. 

(Jk)  Is  the  control  vector  of  position  and  rate. 

(N|)  is  the  process  noise,  such  as  atmospheric  turbulence,  and  is  assumed  to  be  negligible 
in  this  analysis. 

r is  the  nunber  of  retained  Invacuum  modal  coordinates  in  the  Modal  truncation  formulation. 

c Is  the  number  of  actively  moving  control  surfaces. 
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